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FOREWORD 


Through  the  posi-Apollo. reduction  of  the  space  effort  in  the  USA  and  most  other  western  countries  the  subject 
hypersonic  aerodynamics  has  been  neglected  in  favour  of  more  pressing  needs  in  areas  (ike  transonic  aerodynamics.  New 
developments  on  both  sides  of  the  Atlantic  place  both  the  facilities  and  the  qualified  personnel  in  very  strong  demand  again. 
This  is  mainly  because  of  renewed  strong  interest  in  space  applications  such  as  space  stations,  atmospheric  braking,  re-entry 
vehicles,  transatmospheric  aircraft  etc. 

The  symposium  provided  a  forum  for  a  stocktaking  of  the  still-available  and  new  facilities,  a  discussion  t)f  traditional 
and  newly-developed  experimental  and  numerical  techniques  for  hypersonic  applications,  as  well  as  for  presentations  of 
design  techniques  and  new  proiects.  The  meeting  was  timely,  not  because  of  a  large  body  of  accumulated  good  work,  but 
because  —  at  the  outset  ot  the  presently  starting  new  era  of  hypersonic  aerodynamics  —  it  highlights  the  directions  in  whicn 
particular  effort  must  be  invested  in  the  coming  years. 


En  raison  de  la  diminution  des  efforts  deployes  dans  le  domainc  spatial  apres  Ic  programme  Apollo,  lant  aux  Etats  Unis 
que  dans  la  plupart  des  autres  pays  (Kcidentaux,  la  question  dc  Taerodynamique  hypersonique  a  cie  negligee  au  profit  de 
besoins  plu.s  pressanls  dans  des  domaines  lels  que  Taerodynamique  transsonique.  Dc  nouveaux  developpemcnis  realises  des 
deux  cotes  de  TAtlantique  font  qu'il  exisic  a  nouveau  une  ires  forte  demandc  en  malierc  d  installation^  el  de  personnel 
qualiftc.  Ccci  cst  du  principalement  a  un  grand  .‘•cnouveau  d'inlcrei  pour  les  applications  spartales  tclles  que  les  stations 
spatiales,  le  freinage  dans  I'atmosphere,  les  vehicules  dc  rentrec.  les  avions  transatmospheriques.  etc. 

Ce  symposium  a  ete  Toccasion  d  un  forum  permctiani  de  faire  I'inveniaire  des  installations  toujours  disponibles  et  des 
installations  nouvelles,  dc  passer  en  revue  fes  technique.s  cxperimcntalcs  ei  numcriques  tradirionnelles  et  nouvellement  mises 
au  point,  et  de  presenter  des  techniques  d'etude  ainsi  que  dc  nouveaux  projets.  Cette  reunion  etaii  opportune,  non  seulemeni 
en  raison  de  la  grande  quantite  de  bons  travaux  rassembles,  mats  parcc  qu  elle  met  en  lumierc  —  au  debut  de  la  nouvellc  ere 
de  Taerodynamique  hypersonique  qui  est  en  train  de  s'ouvrir  —  les  directions  dans  Icsquclles  un  effort  particulier  doit  etre 
consenti  dans  les  annees  a  venir. 
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A  SI  RVEY  OF  EXISTING  HYPERSONIC  GROl  ND  TEST  FA(  ILI TIES  -  NORTH  AMF.RK  A 

by 

t  t  Witiliff 
('aiNpan  CorjK>ration 
P.O.  Box  4(K) 

Buffalo.  NY  14225.  USA 


ABSTRACT 

In  the  past  several  years  there  has  been  a  significant  increase  in  the 
number  of  programs  involving  hypersonic  vehicles,  resulting  in  a  resurgance  of 
interest  in  experimental  testing  in  hypersonic  wind  tunnels.  Unfortunately, 
there  are  far  fewer  such  facilities  operating  now  than  there  were  10  or  15  years 
ago.  The  primary  purpose  of  this  paper  is  to  survey  the  current  status  of 
hypersonic  wind  tunnels  in  North  America  and  to  describe  their  performance 
characteristics.  As  a  part  of  this  survey  a  comparison  is  drawn  to  the  number 
and  type  of  hypersonic  wind  tunnels  that  were  active  in  the  1960's  and  1970's 
relative  to  the  current  situation.  Emphasis  is  placed  on  hypersonic  aerodynamic 
and  aerothermal  testing  and  related  areas.  In  surveying  the  hypersonic  wind 
tunnels  that  are  active  in  North  America,  all  but  one  are  located  in  the  USA. 
There  is  a  gun  tunnel  in  Canada  that  will  be  reactivated  this  year. 

INTRODUCTION 

The  1950'3  ano  lybO's  were  a  j>eriod  concerted  effort  In  hypersonic 
research  and  of  explosive  growth  in  booh  the  number  and  variety  of  hypersonic 
experimental  facilities.  The  motivation  came  first  from  the  development  of  the 
ballistic  missile  and  then  from  the  early  manned  space  flight  programs 
culci.nating  in  the  Apollo  program  to  land  men  on  the  Moon.  During  the  1970's 
the  Space  Shuttle  program  and  unmanned  prones  to  other  piautts  provided  support 
for  hypersonic  research.  Once  the  design  of  the  Space  Shuttle  was  finalized  and 
the  design  of  ballistic  missile  reentry  vehicles  and  planetary  probes  was  well 
established,  interest  in  hypersonics  was  greatly  diminished.  Many  hypersonic 
experimental  facilities  were  "mothballed",  placed  on  indefinite  standby  status, 
or  scrapped.  The  number  of  currently  operational  facilities  is  only  a  fraction 
of  the  number  that  were  active  in  1971.  Now  a  broad  spectrum  of  new  programs 


are  under  development  or  being  considered;  including  ground-based  hypersonic 
interceptors,  advanced  ballistic  RV's,  space-based  aeroasslsted  orbital  transfer 
vehicles,  and  such  advanced  manned  apace  vehicles  as  the  National  Aero-Space 
Plane  (NASP).  Most  of  these  new  programs  will  involve  experimental  hypersonic 
research  and  will  strain  the  present  capabilities. 

The  current  number  of  hypersonic  wind  tunnels  in  North  America 
relative  to  the  past  is  illustrated  by  comparing  the  results  of  surveys 
published  in  1963  (Ref.  1),  1971  fPef.  ?),  and  1985  (Ref.  3).  The  latte”  survey 
represents  the  recent  status  in  as  much  as  no  new  facilities  have  been  built 
since  then.  However,  not  listed  in  Reference  3  is  a  gun  tunnel  that  has  been 
inactive  at  the  National  Aeronautical  Establishment  (NAE),  Ottawa.  This 
facility  will  be  moved  to  the  University  of  Toronto  Institute  of  Aerospace 
Sciences  (UTIAS)  and  reactivated  this  year.  The  following  table  lists  the 
number  of  tunnels  in  each  of  the  categories:  continuous;  intsraittent 
(blowdown)  using  air  or  nitrogen;  intermittent  helium  tunnels;  "hotshot"  (arc 
discharge);  shock  tunnels  and  other  types.  Only  the  facilities  tijat  were  listed 
as  active  in  Reference  3  are  listed  for  1985.  Several  of  the  other  facilities 
have  been,  or  are  being  being  reactivated.  Thus,  the  last  column  for  1987 
represents  the  current  status. 

Table  I 

SUMMARY  OF  HYPERSONIC  WIND  TUNNELS 


1963 

1971 

1985 

1987 

Continuous 

14 

7 

3 

2 

Intermittent  (Alr/Nj) 

31 

32 

10 

15 

Intermittent  (He) 

6 

4 

3 

3 

Hotshot 

14 

6 

0 

0 

Shock  Tunnel 

16 

14 

2 

2 

Other 

1 

12 

1 

2 

TOTAL 

82 

75 

19 

24 

In  1963,  82  hypersonic 

facilities  were 

listed  In  Reference  1  whereas 

the  most  recent  compilation  (Ref. 

3)  lists 

only 

29  hypersonic 

wind  tunnels 

in 

North  America  (all  of  them  located  In  the 

USA). 

Furthermore , 

six  of  these 

29 

tunnels  are  described  as  being  inactive  or  on  a  standby  basis  and  four  are 
primarily  used  for  propulsion-related  research.  Since  Reference  3  was 
published,  several  of  the  inactive  tunnels  have  been  or  are  in  the  process  of 
being  reactivated  and  will  be  included  in  the  present  summary.  Nevertheless, 
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the  number  of  wind  tunnels  available  for  hypersonic  aerodynamic  or  aerothermal 
testing  is  very  limited  compared  to  the  period  from  the  late  1950's  through  most 
of  the  1970's.  In  fact,  only  one  major  facility  has  been  built  since  1975  — 
the  Naval  Surface  Weapon  Center  (NSWC)  Hypervelocity  Tunnel  9  (Ref. 

There  have  been  some  notable  changes  in  the  type  of  hypersonic  tunnels 
in  operation  as  well  as  in  the  number  of  facilities  over  the  period  shown  in 
Table  I.  First  it  is  noted  that  the  number  of  continuous  wind  tunnels  has 
decreased  from  1U  to  2.  Although  at  the  time  that  Reference  3  was  published 
there  were  three  continuous  tunnels  listed,  the  NASA  Langley  Research  Center 
(LaRC)  Continuous  Flow  Hypersonic  Tunnel  is  now  operated  only  in  an  intermittent 
blowdown  mode  and  has  been  renamed  the  31-Inch  Mach  10  Hypersonic  Tunnel.  The 
second  notable  feature  of  Table  I  is  the  total  disappearance  of  any  Hotshot 
tunnels  and  the  current  existence  of  only  two  Hypersonic  Shock  Tunnels. 
Intermittent  (or  blowdown)  tunnels,  which  have  always  been  the  most  numerous 
type,  now  dominate. 

In  this  paper  the  variety  and  performance  of  the  facilities  reported 
in  1963  and  1971  will  be  reviewed  briefly  before  discussing  the  capabilities  of 
the  currently  active  hypersorlc  tunnels.  To  meet  the  constraints  of  time  and 
space,  the  discussion  will  concentrate  on  wind  tunnels  for  hypersonic 
aerodynamic  and  aerothermal  testing. 

HISTORICAL  REVIEW 

The  ballistic  missile  programs  provided  the  motivation  for  significant 
advances  in  hypersonic  experimental  facilities  beginning  in  the  roid-1950's.  The 
reentry  of  vehicles  at  near-orbital  velocities  brought  to  focus  a  wide  range  of 
flow  phenomena  —  the  most  publicized  being  aerothermal  heating.  Although 
aero-heating  was  a  problem  of  major  Importance,  the  reentry  vehicle  also 
experienced  high-altitude  low-density  hypersonic  flows,  chemically  reacting 
nonequilibrium  and  equilibrium  flows,  and  laminar  and  turbulent  boundary  layers 
with  mass  addition  from  an  ablating  surface.  Extensive  analytical  and 
experimental  research  was  undertaken  to  study  these  flow  phenomena.  Many  new 
ground  test  facilities  were  developed  in  government,  industry  and  university 
laboratories . 

Hypersonic  aerodynamic  nrobleas  were  studied  in  either  continuous  or 
intermittent  (blowdown)  wind  tunnels  that  used  a  variety  of  techniques  to  heat 
the  test  gas:  conventional  heat  exchangers,  pebble -bed  heaters  or  electrical 
resistance  heaters.  Intermittent  wind  tunnels  using  helium  as  the  test  gas  were 
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built  also.  These  tunnels  could  produce  hypersonic  flows  without  the  need  to 
heat  the  test  gas  to  avoid  condensation  at  the  low  static  temperatures  in  the 
hypersonic  free-stream.  Such  facilities  were  not  suited  to  investigating 
real-gas  effects  or  the  high  reentry  heating  rates.  Those  problems  were  best 
studied  in  short-duration,  high-enthalpy  wind  tunnels.  Shock  tubes  evolved  into 
hypersonic  shock  tunnels  and  the  arc-discharge  (or  "Hotshot")  tunnel  was 
developed.  Both  could  provide  the  flow  Mach  numbers,  total  enthalpies  and,  in 
some  cases,  the  stagnation  pressures  of  reentry  flight.  However,  their  short 
flow  duration  precluded  the  study  of  surface  material  and  structural  response  to 
reentry  heating.  Long -duration,  high  enthalpy  arc-heated  facilities  were 
developed  for  studying  materials  for  thermal  protection  systems.  Later,  the 
electric-arc  heater  was  applied  to  intermittent  wind  tunnels. 

Aerodynamic  or  ballistic  ranges  also  underwent  significant 
improvements  in  performance  during  this  period  and  complemented  the  capabilities 
of  the  hypersonic  tunnels.  At  NASA  Ames  Research  Center  (ABC)  several  unique 
counter-flow  facilities  were  developed  that  combined  a  ballistic  range  with  a 
shock  tunnel  (Ref.  2).  Small  models  were  launched  upstream  into  the  flow  of  a 
shook  tunnel. 

The  overall  performance  capabilities  of  the  various  hypersonic  tunnels 
in  existence  or  under  construction  by  1963  are  summarized  in  Figure  1  (taken 
from  Ref.  1).  This  figure  shows  Reynolds  number  per  foot  as  a  function  of  test 
Mach  number.  Note  that  the  the  Reynolds  number  ranges  from  10  to  nearly  kOO 
million/foot  and  that  the  Mach  numbers  ranged  from  5  to  35.  In  Reference  1,  the 
facilities  reported  stagnation  temperatures  as  high  as  80,000  degrees  R  and 
stagnation  pressures  up  to  100,000  psia.  It  will  be  seen  in  the  next  section 
that  current  capabilities  are  far  more  limited. 

The  development  of  hypersonic  wind  tunnels  up  to  1963  was,  of 
necessity,  accompanied  by  equally  extensive  instrumentation  development 
programs.  This  was  particularly  true  of  instrumentation  for  the  shook  tunnels 
and  hotshot  tunnels  with  their  short  flow  durations.  During  the  decade 
following  1955,  fast-response  pressure  transducers,  heat  transfer  gauges,  and 
force  balances  were  developed.  Yet  data  recording  usually  was  on  oscilloscopes 
or  oscillographs  and  data  reduction  was  a  time-consuming  process  for  the 
short-duration  tunnels. 

The  number  of  hypersonic  wind  tunnels  surveyed  in  1971  (Ref.  2)  is 
slightly  smaller  than  the  number  existing  in  1963  (Ref.  1);  however,  in  this 
later  survey  only  hypersonic  tunnels  having  a  test  section  greater  than  1  ft.  x 
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1  ft.  were  listed  unless  the  tunnels  were  either  of  special  interest  or  they 
represented  the  major  wind  tunnel  cap^ibilities  of  the  reporting  organization. 

By  1971  several  new  and  unique  facilities  had  appeared  in  addition  to  the 
counter-flow  ranges  at  NASA  Ames.  Notable  was  the  expansion  tube/tunnel  at  NASA 
LaRC,  described  in  Reference  2,  in  wulch  an  unsteady  expansion  wave  rather  than 
a  shock  wave  was  used  to  accelerate  the  test  gas  to  hypersonic  speeds. 
Unfortunately,  this  facility  is  no  longer  in  operation  although  there  has  been 
some  discussion  of  reactivating  it  in  conjunction  with  the  NASP  program. 

The  overall  performance  of  the  hypersonic  tunnels  reported  in  1971  is 
shown  in  Figure  2,  again  as  Reynolds  number  per  foot  as  a  function  of  Mach 
number.  Comparing  the  1971  performance  with  that  of  1963  (Fig.  1),  it  is  seen 
that  the  maximum  Reynolds  number  capability  had  decreased  only  slightly  and  that 
the  Mach  numbers  ranged  from  5  to  40.  In  Figure  2,  the  low  Reynolds  number 
scale  has  been  truncated  at  1000  because  at  that  time  only  the  General  Electric 
Co.  54”  Shock  Tunnel  (Ref.  2)  could  produce  lower  Reynolds  numbers.  This 
facility  could  cover  Re/ft  =  100  Mach  numbers  from  9  to  18  and  could  achieve 
Re/ft  s  10  at  M  =  11.  Also  the  performance  of  the  NASA  ARC  Hyper-Velocity 
Free-Flight  Facility  (the  counter-flow  ranges)  is  not  shown  in  Figure  2  because 
they  are  essentially  ballistic  range  facilities  rather  than  wind  tunnels.  In 
Reference  2,  stagnation  temperatures  up  to  80,000  degrees  R  and  stagnation 
pressures  up  to  45,000  psia  were  reported  by  facilities  that  are  no  longer  in 
operation. 


CURRENT  CAPABILITIES 

In  January  1985,  NASA  published  the  latest  compilation  of  wind  tunnels 
(Ref.  3)  based  on  a  survey  that  was  initiated  in  late  1983.  As  mentioned 
previously  (Table  I)  only  29  hypersonic  wind  tunnels  were  reported  in  the  United 
States  and  six  of  them  were  listed  as  being  inactive  or  on  a  standby  status.  Of 
the  remaining  23,  four  are  devoted  primarily  to  propulsion  research.  Thus,  in 
1985  there  were  only  19  active  facilities  in  the  U.S.  engaged  in  hypersonic 
aerodynamic  or  aerothermal  investigations.  Since  then  several  of  the  six 
inactive  wind  tunnels  have  returned  to  operational  status  and  there  are  plans  to 
reactivate  the  others.  However,  there  is  a  permanent  deletion  to  the  list  of 
hypersonic  tunnels  contained  in  Reference  3i  the  2-Ft  Hypersonic  Wind  Tunnel  of 
the  McDonnell  Aircraft  Co.  has  been  scrapped.  Therefore,  Reference  3  reasonably 
represents  the  current  capability  in  the  USA  which  amounts  to  the  23  aerodynamic 
and  aerothermal  hypersonic  tunnels  listed  in  Table  II  according  to  the  various 
categories  shown  in  Table  1.  The  gun  tunnel  at  the  NAE,  which  has  been  inactive 
for  many  years,  will  be  reactivated  at  the  UTIAS  this  year  and  is  included  in 
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Table  II.  After  some  general  comments  about  the  current  status,  these 
categories  will  be  discussed  In  greater  detail. 

Table  II 

SUMMARY  OF  CURRENT  HYPERSONIC  TUNNELS 

Designation  Test  Section  Mach  Reynolds  No. /ft  Stagnation* 

Size  Number  (Millions)  Press  Temp. 

(Psla )  ( Deg .  R ) 


CONTINUOUS  FLOW 


AEDC  Tunnel  B 

50"  Dia. 

6.8 

0,3-4. 7 

850 

1350 

AEDC  Tunnel  C 

50"  Dla. 

10 

0.3-4. 7 

2000 

2250 

INTERMITTENT  (Air  OR  N2) 

NASA  LaRC  8*  High  Temp.  # 

96"  Dla. 

5.8-7. 2 

0.3-2. 2 

2400 

3600 

NSWC  Tunnel  No.  9  (N2) 

60"  Dla. 

10,  14 

0,06-20 

20000 

3660 

NASA  ARC  3.5'  Hyper.  W.T. 

42"  Dia. 

5,7,10 

0.3-7. 4 

1955 

3460 

Grumman  36"  Hyper.  W.T. 

36"  Dia. 

8,10,14 

0. 2-4.5 

2000 

3000 

NASA  3I"  Mach  10  W.T. 

31"  Square 

10 

0.4-2, 4 

1800 

1810 

Lockheed  CA.  30"  Hyp.  W.T. 

30"  Dia. 

8 

0,42. 1 

550 

1400 

NSWC  Tunnel  No.  8a  (N2) 

24"  Dia. 

18 

0.2-0. 6 

8800 

3700 

NSWC  Tunnel  No.  8 

17"-11"  Dia. 

5, 6, 7, 8 

0.7-60 

2205 

1460 

NASA  LaRC  20"  Mach  6  W.T. 

20"x20.5" 

6 

0,5-10.5 

550 

1018 

AFWAL  20"  Hyper.  W.T. 

20"  Dia. 

12, 14 

0. 4-1.0 

1600 

2000 

NASA  LaRC  M=8  Var.  Density 

18"  Dia. 

8 

0.1-12 

3000 

1510 

Sandla  Labs.  18"  Hyp.  W.T. 

18"  Dia. 

5,6,14 

0. 2-9.7 

3000 

2500 

NASA  LaRC  Hyper.  N2  W.T. 

16"  Dia. 

18 

0.17-0.40 

6000 

3500 

NASA  LaRC  Mach  6  High  Re. 

12"  Dia. 

6 

1.8-50 

3200 

1060 

AFWAL  Mach  6  High  Re.  No. 

12"  Dia. 

6 

10-30 

2100 

1100 

INTERMITTENT  (Helium) 

NASA  LaRC  M=20  High  Re. 

60"  Dia. 

16.5-18 

1.9-15 

2000 

540 

NASA  LaRC  Aerodyn.  Leg 

22.5"  Dia. 

17.6-22,2 

1.1-11.3 

3000 

860 

NASA  LaRC  FI.  Mech.  Leg 

22"/36"  Dia. 

20/40 

1.3-6 

2000 

860 

INTERMITTENT  (CFy) 

NASA  LaRC  riyper.  CFij  W.T. 

20"  Dia. 

6 

0,3-0. 5 

2500 

1260 

SHOCK  TUNNELS 

Calspan  96"  Hyper.  S.T. 

24"/48" 

6,5-24 

0,001-75 

20000 

11500 

Calspan  *18"  Hyper.  S.T, 

24"/48" 

6.5-20 

0.006-40 

5400 

5800 

GUN  TUNNELS 

UTIAS 

12"  Dia. 

8.3-12.5 

12  max. 

5200 

3800 

*  Maximum  stagnation  pressure  and  temperature 

#  Test  gas  Is  combustion  product  of  methane  and  air 


The  status  of  the  Morthrup  Corp.  30-inch  and  the  FluiDyne  20-inch 
hypersonic  tunnels,  listed  as  inactive  in  Reference  3,  is  unchanged  and  they  are 
not  included  in  Table  II.  The  FluiDyne  pebble-bed  heater  is  used  now  as  a 
static  test  facility. 

There  are  no  hotshot  tunnels  listed  in  the  latest  survey  and  the  only 
shock  tunnels  listed  are  those  at  Calspan  Corp,  However,  the  Lockheed 
California  Co.,  which  once  had  a  shock  tunnel  with  a  100"  diameter  test  section 
(Ref.  2)  that  was  scrapped,  is  currently  working  on  plans  for  a  new  smaller 
shock  tunnel.  The  NASA  Langley  expansion  tube/tunnel  is  no  longer  in  operation 
although  there  have  been  proposals  recently  to  reactivate  it. 

The  Reynolds  number-Mach  number  performance  map  for  current 
facilities,  shown  in  Figure  3,  covers  a  noticeably  more  restricted  range  than 
the  performance  capabilities  that  existed  in  1963  (Fig,  1)  and  1971  (Fig,  2), 
Because  there  are  far  fewer  facilities  than  there  were  in  the  earlier  surveys, 
the  performance  of  the  individual  tunnels  are  shown  rather  than  an  overall 
envelope.  There  are  such  a  large  number  of  tunnels  in  the  M  =  6  to  8  range  that 
no  attempt  has  been  made  to  identify  them  Individually  in  Figure  3.  An 
exception  is  the  NASA  LaRC  8*  High  Temperature  Tunnel  because  of  its  large 
8-foot  exit  diameter  nozzle.  Although  the  test  gas  in  this  facility  is  the 
combustion  products  of  methane  and  air,  the  tunnel  has  been  used  to  study 
detailed  flow  and  heating  phenomena  on  large  structures.  Several  other  tunnels 
are  noted  in  Figure  3  because  of  their  significance.  They  are  the  N3WC  Tunnels 
No.  8a  and  9,  the  NASA  LaRC  Hypersonic  Nitrogen  Tunnel,  the  three  NASA  LaRC 
Helium  Tunnels  and  the  two  Calspan  Hypersonic  Shock  Tunnels.  The  performance  of 
these  shock  tunnels  is  represented  by  an  overall  envelope  because  they  use  three 
different  nozzles  each  with  a  number  of  nozzle  throats  of  varying  diameter  to 
obtain  the  range  of  Mach  number  depicted. 

In  comparing  Figure  3  with  the  previous  Figures  1  and  2,  two  areas  of 
restricted  performance  are  most  striking.  First,  is  that  fact  that  the  M  =  1)0 
nozzle  of  the  Fluid  Mechanics  Leg  of  the  NASA  LaRC  Hypersonic  Helium  Tunnel 
represents  the  only  capability  for  operating  at  above  M  =  2)),  and  that  facility 
does  not  utilize  that  nozzle  on  a  routine  basis.  Second,  low  Reynolds  number 
operation  is  available  only  in  the  two  Calspan  shook  tunnels  (Ref.  5).  This  is 
primarily  a  result  of  the  emphasis  in  recent  years  on  high  Reynolds  number, 
turbulent  boundary  layer  research.  The  NSWC  Hypervelocity  Tunnel  9  was  designed 
specifically  as  a  high  Reynolds  number  facility  (Ref.  il).  Recent  improvements 
in  that  facility  were  directed  at  extending  the  M  s  10  performance  to  higher 
Reynolds  numbers  (Ref.  6)  and  the  M  =  14  performance  to  lower  Reynolds  numbers 
(Ref.  7). 
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The  Investigation  of  real-gas  effects  In  air  requires  high  stagnation 
enthalpies  (or  stagnation  tenperatures ).  The  Calspan  shock  tunnels  are  the  only 
wind  tunnel  facilities  currently  capable  of  stagnation  temperatures  of  3600 
degrees  R  and  above  and  flow  velocities  greater  than  7000  ft/sec.  An 
alternative  approach  to  studying  real-gas  effects  Is  embodied  in  the  NASA  LaRC 
Hypersonic  CFj|  Tunnel  (Ref.  8),  CFij  or  Tetrafluoromethane  (Dupont  Freon  111)  has 
an  effective  specific  heat  ratio  of  1.12,  and  hence  the  flow  fields  over  models 
experience  large  density  changes  across  shock  waves  typical  of  high  temperature, 
chemically  reacting  air  flows.  Thus,  the  CF4  Hypersonic  Tunnel  (N  =  6)  can  be 
used  to  simulate  high  temperature  airflows  (Ref.  9). 

In  general  all  of  the  current  facilities  listed  in  Table  II  have  the 
capabllltlty  of  measuring  aerodynamic  forces,  pressure  distributions,  and  heat 
transfer  and  have  some  type  of  flow  visualization  system.  Dynamic  stability 
measurement  capability  is  reported  for  the  AEDC  Tunnels  B  and  C  and  the  Sandla 
Labs.  18"  Hypersonic  Tunnel. 

CONTINUOUS  HYPERSONIC  TUNNELS 


It  can  be  noted  in  Table  II  that  the  Tunnels  B  and  C  at  AEDC  are  the 
only  current  continuous  tunnels.  Both  have  50-lnch  diameter  test  sections. 
Interchangeable  contoured  axlsymmetrlc  nozzles,  model  Injection  systems  and  are 
variable  density  tunnels.  Although  It  is  not  listed  in  Table  II,  Tunnel  C  also 
has  a  24-inoh  diameter  Maoh  4  nozzle  which  provides  true  temperature 
capabllltlty  at  that  Mach  number.  Current  Improvements  Include  adding  a  24-lnch 
diameter  Mach  8  nozzle  for  Tunnel  C  which  will  give  it  Mach  8  capability  at  a 
higher  total  temperature  than  Tunnel  B. 

INTERMITTENT  TUNNELS 


The  Intermittent  tunnels  listed  in  Table  II  have  test  times  ranging 
from  about  1  sec.  (NSWC  Tunnel  9)  to  many  minutes  (NSHC  Tunnel  8  and  NASA  LaRC 
Hypersonic  Nitrogen  Tunnel).  It  has  been  noted  that,  although  the  NASA  LaRC 
8-foot  High  Temperature  Tunnel  has  been  listed  In  Table  II  among  the  air  and 
nitrogen  tunnels.  In  fact  the  test  medium  is  the  combustion  products  of  burning 
methane  in  air.  There  are  plans  to  add  oxygen  enrichment  so  that  the  tunnel  can 
be  used  for  combustion  testing.  The  addition  of  Maoh  4  and  5  nozzles  to  this 
facility  Is  planned  also.  The  NSWC  Tunnel  9  Is  the  newest  of  all  hypersonic 
tunnels  and  Is  In  wide  demand  because  of  Its  large  60-lnch  diameter  test 
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section,  Its  Mach  10  and  111  capabilltlty ,  and  its  high  Reynolds  numbers.  At  the 
time  Reference  3  was  published,  the  NASA  ARC  3.5-foot  Hypersonic  Tunnel  was  on 
a  standby  basis,  it  has  since  been  reactivated  and  has  a  heavy  test  schedule. 

The  largest  number  of  hypersonic  tunnels  at  any  single  location  is  at 
the  NASA  Langley  Research  Center.  In  addion  to  the  8-ft  High  Temperature 
Tunnel,  there  are  nine  other  intermittent  tunnels  listed  in  Table  II.  These 
include  four  air  tunnels,  three  helium  tunnels,  one  nitrogen  tunnel,  and  the  CFjj 
(Freon)  tunnel.  This  complex  of  tunnels  is  very  active  and  there  are  plans  for 
upgrading  their  performance,  flow  quality,  and  measurement  capability.  It  is 
noted  in  Figure  3  that  the  NASA  LaRC  Helium  Tunnels  provide  higher  Reynolds 
numbers  than  any  of  the  air  or  nitrogen  tunnels  at  Mach  numbers  above  15. 

SHOCK  TUNNELS 


The  two  Calspan  Hypersonic  Shock  Tunnels  differ  primarily  in  the  size 
of  their  test  chambers  (48"  and  96")  and  their  maximum  stagnation  pressure 
capability  as  noted  In  Table  II.  Both  use  the  same  set  of  nozzles;  24-inch  Mach 
8  contoured,  48-inoh  Mach  16  contoured,  and  48-inch  conical.  Nozzle  throats  of 
various  diameters  are  used  to  cover  the  Mach  number  range  indicated  (Table  II 
and  Figure  3).  As  mentioned  previously  these  are  the  only  current  facilities 
having  stagnation  temperatures  greater  than  3800  deg.  R.  In  a  shock  tunnel  the 
test  time  is  measured  in  milliseconds  rather  seconds;  however  a  steady  flow  of  1 
msec  can  correspond  to  several  body  lengths  of  flow.  Thus,  only  fast  response 
transducers  are  necessary  to  obtain  valid  data.  Such  instrumentation  was 
developed  in  the  period  from  1955  to  1965. 

Like  many  of  the  other  currently  active  hypersonic  wind  tunnels,  the 
Calspan  faclltles  are  being  heavily  used  and  have  a  backlog  of  programs 
extending  into  1988. 


CURRENT  CHALLENGES 

In  the  Introduction  it  was  mentioned  that  there  are  a  number  of  new 
programs  involving  hypersonic  vehicles:  ground-based  Interceptors,  advanced 
ballistic  RV's,  space-based  aeroasslsted  orbital  vehicles  (AOTV),  and  advanced 
manner  space  vehicles  such  as  the  Aero-Space  Plane  to  mention  only  a  few.  An 
important  question  is:  How  adequate  are  the  present  hypersonic  wind  tunnels  in 
relation  to  the  testing  needs  of  these  programs?  The  flight  regimes  of  these 
vehicles  are  shown  in  the  Altitude-Velocity  map  of  Figure  4.  Also  shown  for 
reference  is  the  altitude-velocity  duplication  capability  of  the  Calspan  96" 
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Shock  Tunnel  which  is  the  only  currently  active  tunnel  in  which  flow  velocities 
of  10000  ft/sec  or  greater  can  be  obtained.  This  tunnel  can  fully  duplicate 
velocity  and  altitude  in  the  region  indicated  in  Figure  4.  At  velocities  above 
7000  ft/sec  it  can  duplicate  the  ambient  density  to  even  lower  altitudes  than  it 
can  provide  full  duplication.  This  latter  capability  is  significant  for  flow 
phenomena  governed  by  the  Mach  number  independence  principle.  On  this  basis 
such  a  tunnel  can  cover  most  of  the  flight  regime  of  the  Interceptor  vehicle  and 
the  lower  altitude  region  of  Shuttle-like  vehicle.  Velocities  appropriate  to  a 
long-range  ballistic  RV  or  an  AOTV  cannot  be  achieved  in  any  of  the  facilities 
described  in  this  paper.  Although  they  are  not  treated  in  this  review, 
ballistic  ranges  and  arc-heater  faclltles  can  provide  the  velocity  or  the 
corresponding  total  enthalpy  for  20000  ft/sec.  However,  such  facilities  have 
other  shortcomings  with  regard  to  aerodynamic  testing.  Thus,  we  are  faced  with 
the  question  of  what  really  must  be  duplicated.  What  is  an  acceptable 
simulation?  Rather  thorough  discussions  of  similitudes  are  given  in  References 
10  and  11. 


Simulation  of  Inviscid  flow  phenomena  requires  duplication  of  the  Mach 
number,  the  vehicle  geometry,  and  (strictly  speaking)  the  specific  heat  ratio 
(Ref.  10),  while  Reynolds  number  duplication  is  required  for  boundary  layer 
effects.  The  Reynolds  number/ft.  and  Mach  number  for  the  vehicles  shown  in 
Figure  **  are  compared  with  the  existing  hypersonic  tunnels  in  Figure  5.  For  the 
interceptor  vehicle  and  the  Ballistic  RV,  full  or  nearly  full-scale  models  can 
be  tested  in  the  larger  facilities,  while  models  of  a  Shuttle  or  an  AOTV  are 
more  likely  to  be  If  or  2t  scale.  In  Figure  5,  the  current  wind  tunnels  can 
match  the  Mach  and  Reynolds  numbers  for  almost  all  of  the  interceptor  flight 
regime  and  for  portions  of  the  Ballistic  RV  and  Shuttle  trajectories.  The  Mach 
number  requirements  for  the  AOTV  really  exceed  current  capabilities  except  for 
the  seldom  used  Mach  40  nozzle  of  the  one  NASA  LaRC  helium  tunnel. 

In  Figure  5  it  would  appear  that  simulation  for  AOTV  vehicles  is 
beyond  the  scope  of  the  hypersonic  tunnels  described  herein.  However,  the  AOTV 
flight  regime  is  in  reality  beyond  the  region  of  thin  boundary  layers  where  only 
Reynolds  number  matching  is  important.  The  flow  fields  over  such  vehicles  will 
be  dominated  by  low  density  phenomena  and  viscous  interactions.  In  this  region, 
the  viscous  interaction  parameter  V  (proportional  to  mVr^  may  provide  the 
necessary  simulation  for  other  than  real-gas  phenomena.  It  has  been  found  that 
this  parameter,  when  modified  to  include  the  Chapman-Rubesin  viscosity  factor  C, 
(i.e.  ^  =  Ml^/Re)  provides  the  best  correlation  of  the  aerodynamic  coefficients 
for  the  Shuttle  during  hypersonic  high  altitude  flight  (Ref.  12).  In  fact  the 
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high  altitude  performance  aerodynamics  of  several  classes  of  AOTV's  have  been 
predicted  in  terms  of  this  interaction  parameter  (Ref.  13). 

Assuming  a  characteristic  dimension  for  an  AOTV  of  ^0  feet,  the 
corresponding  Reynolds  number  would  range  from  approximately  20000  to  450000  for 
the  perigee  altitudes  between  300  Kft  and  240  Kft  shown  in  Figure  4  and  the 
viscous  interaction  parameter  would  vary  from  about  0.22  to  0.05..  For  a 
2.5f-scale  model  (1-foot),  this  range  of  values  for  “  could  be  matched  at  Mach 
numbers  between  10  and  20  with  Reynolds  numbers/foot  ranging  from  2000  to  about 
20,0000  as  shown  in  Figure  5.  All  of  these  values  are  within  the  range  of  the 
shock  tunnels  and  partially  overlap  the  capabilities  of  three  other  hypersonic 
tunnels.  These  simulations  would  not  address  the  real-gas  phenomena  however. 

Although  these  new  vehicles  will  undoubtedly  make  use  of  the  existing 
hypersonic  wind  tunnels,  there  is  certainly  need  for  more  advanced  facilities. 

A  recent  review  of  the  requirements  of  wind  tunnels  for  future  aeronautical 
systems  (Ref.  14)  defined  the  need  for  a  large  high  performance  shock  tunnel  and 
a  shock  tube/expansion  tube  as  well  as  for  a  facility  that  could  provide  the 
data  needed  for  airframe  propulsion  Integration. 

HYPERSONIC  TESTING  AND  COMPUTATIONAL  FLUID  DYNAMICS 

The  role  of  experiment  in  the  development  of  Computational  Fluid 
Dynamics  (CFD)  has  been  receiving  considerable  attention  in  recent  years  (e.g. 
Ref.  15).  There  is  no  doubt  that  now  and  in  the  future  most  of  the  testing  in 
hypersonic  facilities  will  be  for  the  purpose  of  verifying  CFD  codes.  This  type 
of  testing  will  require  facility  Improvements  in  the  areas  of  flow  quality  and 
instrumentation,  particularly  important  is  the  development  of  nonintrusive 
measurement  techniques  to  obtain  flow  field  data  such  as  density,  temperature  or 
species  distributions. 


SUMMARY 

It  has  been  the  objective  of  this  paper  to  provide  a  survey  of 
existing  hypersonic  wind  tunnels  in  North  America.  By  comparing  the  currently 
active  hypersonic  tunnels  with  those  reported  i.i  1963  and  1971,  the  decline  in 
number  has  been  vividly  illustrated.  While  there  is  a  significant  capability 
still  in  existence  and  these  tunnels  are  very  active  in  testing  some  of  the  new 
vehicles,  there  is  a  definite  need  for  improved  capability  in  two  specific 
areas:  high  enthalpy  facilities  to  study  real-gas  effects  and  high  Mach  number 
low-density  facilities  to  better  address  the  flow  fields  over  AOTV-type 
vehicles. 
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Figure  3  PERFORMANCE  MAP  OF  HYPERSONIC  FACILITIES  IN  1985 
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Figure  5  REYNOLDS  NUMBER  -  MACH  NUMBER  COMPARISON  OF  FLIGHT  VEHICLES 
WITH  CURRENT  HYPERSONIC  TUNNELS 
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1.  introduction 

Although  the  hypersonic  flow  regime  will  probably  be  the  first  to  be  dominated  by  computational  tech¬ 
niques  [1]  due  to  serious  experimental  simulation  problems,  the  next  generation  of  lifting  reentry  vehicles 
will  still  rely  on  wind  tunnels  not  only  for  design  validation  but  also  to  verify  computer  codes  through 
benchmark  test  cases.  Evidence  for  this  statement  is  the  proposal  to  utilize  European  hypersonic  tunnels  for 
upwards  of  2000  occupancy  days  from  1986  to  1993  on  the  HERMES  project.  Basic  research  in  hypersonics  re¬ 
quired  for  the  post-HERMES  era  {e.g.  HOTOL,  NASP,  SSnger,  etc.)  will  also  rely  heavily  on  wind  tunnels  and 
their  associated  instrumentation  [2].  Thus,  it  is  appropriate  tn  review  the  present  status  or  hypersonic 
tunnels.  Since  a  companion  paper  will  deal  with  the  status  of  facilities  in  the  U.S.  [3],  this  contribution 
will  be  restricted  to  the  European  scene. 

The  text  briefly  discusses  the  requirements  for  flow  simulation  in  the  hypersonic  regime  and  then  sum¬ 
marizes  the  present  situation.  Gaps  are  identified  and  suggestions  for  improvements  are  put  forward. 

2.  flow  regimes  in  hypersonic  reentry 

The  flow  regimes  for  various  hypersonic  vehicles  are  .uOSt  conveniently  illustrated  by  means  of  trajec¬ 
tories  on  the  altitude-velocity  plot  shown  in  Fig.  1,  NASA’s  STS,  ESA’s  HERMES  and  Britain's  HOTOL  provide 
three  examples  of  reentry  from  earth  orbit.  Aero-assisted  orbital  transfer  vehicles  would  appear  in  the  up¬ 
per  right  hand  corner  of  this  figure. 

Since  quantitites  such  as  stagnation  temperature,  unit  Reynolds  number,  stagnation  point  heat  transfer* 
and  air  dissociation  can  be  expressed  as  functions  of  density  (and  therefore  of  altitude)  and  velocity,  lines 
of  constant  values  of  these  parameters  may  be  superimposed  on  such  a  plot.  (Lines  of  constant  Mach  number 
could  also  have  been  plotted;  to  a  first  approximation  they  would  be  vertical  at  V*=M«(0.3)  km/s.)  The  wide 
range  of  flow  conditions  through  which  a  given  orbital  reentry  vehicle  must  pass  is  obvious  :  from  the  rare¬ 
fied  regimes  characterized  by  M,/Re«^L’’l  hypersonic  turbulent  boundary  layer  regimes  for  which  Re/m= 

0(10'’).  Stagnation  temperatures  may  exceed  5000-6000  K  and  the  air  in  stagnation  regions  will  be  largely 
dissociated. 

3.  requirements  for  hypersonic  flow  SIMULATION  AND  RESEARCH 

While  the  gas  dynamic/chemical  kinetic  equations  describing  reentry  flows  can  be  made  non-dimensional 
to  form  similarity  parameters  which  can  be  used  in  turn  to  relate  the  results  of  tunnel  tests  to  flight  pre¬ 
dictions,  it  is  well  known  that  not  all  of  the  resulting  non-dimensional  groups  can  be  respected  simulta¬ 
neously.  J. Leith  Potter,  a  noted  reentry  aerodynamicist  formerly  with  AEDC,  is  quoted  as  saying  "aerodynamic 
modeling  is  the  art  of  partial  simulation".  In  other  words,  the  vehicle  designer  must  use  engineering  judge¬ 
ment  to  determine  which  parameters  will  dominate  each  part  of  the  hypersonic  regime. 

A  study  of  the  equations  of  fluid  dynamics,  combined  with  considerable  fundamental  research,  has  demon¬ 
strated  that  hypersonic  aerodynamics  can  be  subdivided  into  the  following  regimes  : 

•  the  Mach  number  regime  from  Mach  6  to  Mach  12  or  15  wherein  the  most  important  similarity  parameters  are 
the  Mach  number  and  the  Reynolds  number; 

-  the  hypervelocity  regime  wherein  real  gas  effects  including  chemical  reactions  such  as  dissociation  are 
important  and  for  which  only  duplication  of  the  dimensional  variables  density  times  length  and  velocity  is 
acceptable; 

-  the  rarefied  regime,  characterized  by  values  of  M/i/Se>0.01. 

The  ratio  of  wall  temperature  to  freestream  temperature  T^  must  also  be  duplicated  in  wind  tunnels 
to  properly  simulate  both  the  boundary  layer  thickness  and  the  state  of  the  boundary  layer;  i.e.,  laminar, 
transitional  or  turbulent.  Here  we  are  somewhat  fortunate;  T„/T„  in  hypersonic  flight  may  vary  from  3  to  10. 
Since  most  hypersonic  wind  tunnels  expand  the  working  gas  to  very  low  values  of  and  the  model  temperature 
remains  of  the  order  of  room  temperature  during  the  test,  the  requirement  on  Tv^/T„  duplication  can  be  met 
to  first  order  in  many  short  duration  facilities. 

The  heat  loads  on  structures  must  also  be  duplicated  in  ground  test  facilities.  Because  of  the  diffi¬ 
culty  of  achieving  Mach,  Reynolds  and  heat  load  (or  true  total  temperature)  simulation  simultaneously,  it  is 
generally  accepted  that  temperatur-e  (enthalpy)  and  pitot  pressure  are  the  essential  parameters  and  thus  heat 

loads  are  studied  in  high  pressure,  low  Mach  number  arc  or  plasma  jet  facilities. 

The  requirements  on  hypersonic  test  facilities  wre  summarized  by  Jaarsma  and  de  Wolf  14]  more  than  a 
decade  ago.  Their  principal  conclusions  concerning  reentry  vehicles  are  just  as  valid  today  as  they  were  then; 

-  for  development  testing,  model  lengths  should  be  at  least  30  cm  to  provide  ample  instrumentation.  Final 
configuration  studies  may  require  at  least  some  tests  with  models  (or  partial  models)  of  50  cm  in  length 
or  more.  If  high  incidence  is  necessa'^y.  and  this  is  likely  for  the  nozzle  diameter  may  need  to  be  as 
much  as  twice  the  model  length  to  avoid  wall  or  free  shear  layer  interference.  Thus,  facilities  with  nozzle 
diameters  of  order  0.5  to  1  meter  will  be  essential  and  of  course  must  operate  at  the  correct  Mach  and 
Reynolds  numbers.  Smaller  facilities  will  still  play  a  vital  role  in  providing,  at  modest  cost,  basic  research 
results,  '’first  looks"  at  new  designs,  and  test  conditions  for  instrumentation  developments; 

-  due  to  finite  flow  establishment  times,  the  running  time  of  any  facility  should  be  such  that  its  product 

with  model  length  is  of  order  of  5  mil liseconds-meter;  thus,  using  the  above  factor  of  two  for  the  ratio  of 

nozzle  diameter  to  model  length,  it  follows  that  1  meter  facilities  should  have  a  running  time  of  at  least 
10  milliseconds; 

-  as  force  measurements  will  constitute  an  important  aspect  of  design  work,  the  linitations  on  internal  bal¬ 
ances  in  terms  of  response  times  should  be  considered.  While  Jaarsma  and  de  Wolf  state  that  test  times  of 
order  50  milliseconds  or  more  will  be  necessary  to  accurately  measure  forces  on  models  of  lengths  in  excess 
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of  50  cm,  it  is  felt  by  many  investigators  today  that  improvements  In  balance  design  and  compensation  tech- 
nioijes  may  allow  this  limitation  to  be  reduced  to  a  few  milliseconds. 

♦  accurate  and  detailed  dynamic  stability  measurements  with  large,  complex  (moveable  flaps,  etc.)  mooels 
will  require  even  longer  testing  times  than  those  mentioned  above,  probably  some  seconds  at  a  mi.^imum; 

-  the  accurate  determination  of  transition  location  will  require  "quiet"  tunnels. 

The  above  discc  ion  has  concentrated  on  wind  tunnel  requirements;  however,  it  is  obvious  that  the  best 
wind  tunnel  will  be  useless  if  proper  instrumentation  is  not  available.  All  the  classical  techniques  utilized 
in  commercial  transport  and  combat  aircraft  design  will  be  required  for  the  hypersonic  vehicles  ;  internal 
strain  gauge  balances  for  forces  and  moments,  dynamic  stability  rigs,  multi-port  pressure  techniques  with 
rapid  scan  capabilities,  surface  and  flow  visualization  techniques,  etc.  The  hot  flows  and/or  short  running 
times  which  characterize  most  hypersonic  facilities  pose  problems  in  some  of  these  areas  as  mentioned  above. 
Heat  transfer  distributions  will  be  determined  with  thin  film  or  thin-skin  techniques  which  are  now  well 
known.  The  ability  to  identify  regions  on  complex  shapes  which  might  be  susceptible  to  high  local  heat  trans¬ 
fer  (embedded  vortices,  shock-shock  or  shock-boundary  layer  interaction,  etc.)  will  be  very  important;  ther¬ 
mal  sensitive  paints,  liquid  crystals,  and  so  forth  are  proving  to  be  very  useful  in  this  regard.  Non-intru- 
sive  techniques  to  measure  flow  temperatures  and  species  concentrations  will  be  essential  as  a  means  to  va¬ 
lidate  or  correct  codes  incorporating  dissociation/recombination  reactions. 

A  fir.jl  requirement,  which  is  often  overlooked,  is  the  availability  of  trained  perso'^nel  -  both  engi¬ 
neers  and  technicians.  Productive  wind  tunnels  are  those  in  which  a  team  of  people  have  been  working  together 
for  at  least  a  few  years  and  which  is  supported  by  an  instrumentation  branch.  Experience  in  running  facilities 
in  selecting  appropriate  measurement  techniques  compatible  with  data  needs,  tunnel  characteristics  ana  data 
handling  systems?  and  in  the  development  of  new  measurement  techniques  cannot  be  purchased;  it  must  be  de¬ 
veloped  in-house  and  systematically  utilized. 

4.  CHARACTERISTICS  OF  EUROPEAN  HYPERSONIC  WIND  TUNNELS 

The  essential  characteristics  of  European  hypersonic  wind  tunnels  are  noted  in  the  appendix;  arbitrarily, 
only  facilities  with  a  nozzle  exit  diameter  greater  than  20  cm  and  a  Mach  number  of  five  or  more  have  been 
included.  Of  course,  smaller  facilities  will  continue  to  play  an  important  role  in  fundamental  research  and 
training. 

As  Mach  and  Reynolds  number  are  acknowledged  to  be  important  simulation  parameters,  a  selection  of  the 
facilities  from  the  appendix  has  been  transposed  to  Fig.  2  on  which  are  shown  the  flight  regimes  of  the  NASA- 
STS,  HERMES,  HOTOL  and  MAIA.  The  characteristic  length  scale  in  the  Reynolds  number  for  the  facilities  has 
been  taken  as  one-half  the  nozzle  exit  diameter  for  ♦he  reasons  described  above.  Note  that  the  S4MA  M=12 
nozzle  will  only  be  available  in  1988,  that  some  portions  of  the  area  identified  as  "Aachen"  for  the  T.H. 
Aachen  shock  tunnel  represent  predictions,  that  the  RAE  shock  tunnel  and  the  OFVLR-G  Ludwieg  tube  C  are 
currently  not  in  use;  etc. 

Furthermore,  with  the  renewed  interest  in  hypersonics,  some  of  the  facilities  are  undergoing  major  reno¬ 
vations  and  up-dating  so  that  their  characteristics  are  in  a  state  of  flux;  an  example  is  the  VKI  Longshot 
which  is  being  fitted  with  a  contoured  Mach  15  nozzle.  Finally,  a  major  new  facility,  the  R6  of  ONERA  is  in 
the  detailed  planning  stage;  its  predicted  performance  in  the  Mach  12-20  r?nge  will  allow  tests  at  Reynolds 
numbers  which  are  within  a  factor  of  two  from  the  HERMES  flight  case. 

A  plot  of  o-,L  versus  velocity  in  Fig.  3  shows  that  only  two  facilities  even  come  close  to  simulating  the 
expected  reacting  flows  and  one  of  them,  R6.  as  mentioned  above,  is  only  in  the  planning  stage.  As  can  easily 
be  deduced  as  well  from  Fig.  3,  a  o,  versus  V*  plot  will  show  that  at  best  the  T.H.  Aachen  and  R6  facilities 
will  provide  adequate  coverage  to  about  5  km/s. 

5 .  COMMENTARY  ON  PRESENT  STATUS 

While  the  capabilities  of  Europe's  hypersonic  wind  tunnels  appear  adequate  on  a  Mach-Reynolds  olot 
(Fig.  2),  many  important  tunnel  characteristics  are  not  made  apparent  in  such  a  presentation.  For  example, 
all  the  facilities  operating  at  M>12  are  characterized  by  running  times  measured  in  milliseconds  which 
results  in  much  poorer  measurement  accuracies  than  in  low  Mach  tunnels.  Correspondingly,  productivity  is  low 
and  cost  per  data  point  is  high.  Many  of  these  tunnels  have  conical  nozzles  and  thus  strong  axial  gradients. 
All  intermittent  tunnels  are,  to  some  degree,  "dirty"  aiid  the  erosive  effects  on  instrumentation  may  be  sevc.e 
Finally,  flow  expansions  to  high  Mach  number  generally  lead  to  "freezing"  of  vibration  and  dissociation, 
except  for  the  facilities  with  very  high  reservoir  pressures,  and  the  result  is  a  non-equilibrium  freestream 
whose  detailed  characteristics  often  are  not  well  known. 

A  major  deficiency  is  apparent  in  velocity  duplication,  essential  for  an  accurate  simulation  of  chemical 
effects.  T.H.  Aachen's  shock  tunnel  seems  to  come  closest  to  meeting  present  needs  and  the  predicted  perform¬ 
ance  or  R6  Chalais  makes  it  look  particularly  interesting  because  of  its  much  longer  running  time,  measured 
in  seconds. 

While  it  is  clear  that  existing  (renovated)  facilities  will  play  the  major  role  in  the  HERMES  program, 
it  is  also  clear  that  time  is  available  to  design  and  construct  new  facilities  for  programs  with  a  longer 
time-scale.  It  is  the  author's  opinion  that  emphasis  should  be  placed  on  : 

-  a  large  ($^2  m)  blowdown  facility  with  Mach  numbers  to  8-10,  reservoir  pressures  to  200  bar  and  running 
times  of  the  order  of  10  seconds  for  detailed  configuration  testing; 

-  a  high  velocity  facility,  perhaps  based  on  the  "Stalker  tube"  concept  as  proposed  recently  by  Hornung  of 
the  DFVLR-Gbttingen; 

-  a  "real  gas"  farility  similar  to  the  CF4  tunnel  at  NASA  Lanqley  to  simulate  certain  blunt  body  and  high 
incidence  effects. 

Because  of  the  important  need  to  validate  CFD  codes  for  future  hypersonic  designs,  high  quality  tunnel 
flows  and  accurate,  non-intrusive  instrumentation  capabilities  will  become  increasingly  important  elements 
in  a  sound  overall  program  for  hypersonic  research  and  development. 

Therefore,  efforts  should  continue  in  the  search  for  "quieter"  hypersonic  tunnels  so  as  to  better  dupli¬ 
cate  boundary  layer  transition.  The  ability  to  measure  local  species  concentrations  and  temperatures  at  hiah 
flow  speed  in  short  duration  facilities  is  a  goal  worthy  of  efforts  at  a  much  higher  level  than  currently 
pursued.  Finally,  trained  personnel  -  researchers  and  tunnel  engineers  -  may  very  well  be  the  most  important 
problem  in  the  whole  present-day  picture  and.  if  so,  its  resolution  deserves  immediate  attention. 


6.  CONCLUSIONS 

Europe  possesses  a  large  range  of  hypersonic  facilities  which,  when  renovation  and  modifications  currently 
underway  are  completed,  will  constitute  a  sound  basis  for  Mach-Reynolds  simulation.  New  facilities  are  needed 
over  the  long  term  to  allow  refined  design  studies  and  to  simulate  at  least  some  aspects  of  real  gas  effects. 
Non-intrusive  instrumentation  to  aid  in  code  validation  and  the  enhancement  of  training  programs  are  equally 
essential  elements  in  a  balanced  program  of  hypersonic  research  and  development. 
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FIG. 


1-ALTITUDE-VELOCITY  TRAJECTORIES 
AND  FLOW  REGIMES 


FIG.  2-REYNOLDS-MACH  TRAJECTORIES 
AND  EUROPEAN  WIND  TUNNELS 


VELOCITY.  Km /sec 

FIG.3-DEN5ITYxLEN6TH-VEL0CirY  TRAJECTORIES 
AND  SELECTED  EUROPEAN  WIND  TUNNELS 
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ARA  ^4  &  M7  BLOWDOWN -TUNNEL 


Organization  :  Aircraft  Research 
Association  (ARA) 
Location  :  Manton  Lane 

Bedford  MK41  7PF;  U.K. 


Contact  :  Hr  A.B.  Haines 
Tel.  :  (0234)  50681 
Telex:  625056 

FAX  Groups  243  0234  328584 


CHARACTERISTICS 

Blowdown  Tunnel  M4 

Blowdown  Tunnel  M7 

MACH  NUMBER 

4  to  5  (2D) 

7  (contoured) 

NOZZLE  EXIT  DIAMETER,  cm 

30x40 

31 

RUNNING  TIME 

30  s  (max) 

48  s  (max) 

SUPPLY  PRESSURE,  bars 

10  to  20 

100  to  150 

SUPPLY  TEMPERATURE,  K 

380 

700 

No  TESTS/DAY 

6  (max) 

6  (max),  typically  3 

PRESENT  STATUS 

low  level 

low  level 

PERSONNEL  REQUIRED 

2 

2 

MEASUREMENT  TECHNIQUES 

force  balcinces,  pressures, 
dynamic  meesuranents  (pitch) 
schlieren 

force  balances,  pressures, 
dynamic  measurements  (pitch) 
schlieren 

CHANNELS  OF  DATA 

COMMENTS 

10  (currently) 

16  (near  future) 

10  (currently) 

16  (near  future) 

can  be  adapted  with  new  nozzle  ; 
to  function  at  ^^6  or 

CURRENT  ACTIVITIES  :  jet  slot  blowing  ahead  of  and  normal  to  a  surface  to  develop  stand-off 
shocks  ahead  of  sensitive  surfaces?  aerodynamic  coefficients  and  in  some  instances  pressure 
distributions  on  project  shapes 


BAe  G.W.  TUNNEL 


Organization  i  British  Aerospace 
Location  :  British  Aerospace 

The  GW  Wind  Tunnel,  W258 
Preston,  Lancs  PR4  lAX;  U.K. 


Contact  :  J.A.  Smith 

Tel.  :  (0772)  63  33  33,  Ext.  2831 

Telex:  67627 


MACH  NUMBER 

NOZZLE  EXIT  DIAMETER,  cm 
RUNNING  TIME 
SUPPLY  PRESSURE,  bars 
SUPPLY  TEMPERATURE,  K 
No  TESTS/DAY 
PRESENT  STATUS 
PERSONNEL  REQUIRED 
MEASUREMENT  TECHNIQUES 

CHANNELS  OF  DATA 


CHARACTERISTICS 

1 . 7-6.0  (contoured) 

46x46 

10  to  200  s 
35  (max,  at  M=6) 

475  (max) 

4-5 

in  regular  use 
6 

force  balances,  pressures,  heat  transfer. 

Continuous  pitch  and  roll  traverses  during  data  acquisition 
60  off-line,  lin)ced  to  VAX  11/780 


CURRENT  ACTIVITIES  :  aerodynamics  of  fin-stabilized  shells  and  slender  delta  planforms; 

behaviour  of  lateral  thrusters;  lifting  reentry  shapes 


0  5  10  15  20  ^5  „  30 
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CEAT  H  210  BLOWDOWN  TUNNEL 


Organization  :  Centre  d*Etudes  A^rodynauniques 
et  Thermiquea 

Location  :  CEAT 

route  de  I* Aerodrome,  43 
F-86000  Poitiers,  France 


Contact  :  Prof.  T.  Alziary  de 
Roquefort 

Tel.  :  (49)  58  37  50 


MACK  NUMBER 

REYNOLDS  NUMBER 
BASED  ON  EXIT  D 

NOZZLE  EXIT  DIAMETER,  cm 
RUNNING  TIME 
SUPPLY  PRESSURE,  bars 
SUPPLY  TEMPERATURE,  K 
No  TESTS/DAY 
PRESENT  STATUS 
PERSONNEL  REQUIRED 
MEASUREMENT  TECHNIQUES 

CHANNELS  OF  DATA 


7  and  8 

1.3-9.2»10‘  (M=7) 

1.5-4.2xl0‘  (M=8) 

21 

'v  2-3  min 
22-100 
600-800 
6 

in  use 
2 

force  balances,  heat  transfer 
pressure,  schlieren 

20  on-line 
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DFVLR-AVA  TUBE  TUNNELS  A,  B,  C 


Organization  :  Deutsche  Forschungs-  und  Contact  :  Dr  G.  Koppenwallner 

Versuchsanstalt  fiir  Luft-  Tel.  :  (0551)  709  -  2123 
und  Raumfahrt,  Gottingen 
Location  ;  DFVLR-AVA 

Bunsenstrasse/  10 

D-3400  Gottingen,  PR  Germany 


CHARACTERISTICS 


MACH  NUMBER 

NOZZLE  EXIT  DIAMETER,  cm 
RUNNING  TIME 
SUPPLY  PRESSURE,  bars 
SUPPLY  TEMPL.^ATURE,  K 
No  TESTS/DAY 
PRESENT  STATUS 
PERSONNEL  REQUIRED 
MEASUREMENT  TECHNIQUES 

CH7"'NELS  OF  DATA 
COMMENTS 


Ludwieq  Tube  A 
2.6,  4.5  (oonti:xtreu) 
50x50  (rect) 

350  ms 
10  (max) 

400  (max) 

20 

regular  use 
2 


Ludwieg  Tube  B 
5,  6,  7  (contoured) 
50 

300  ms 
36  <max) 

65C  (max) 

20 

regular  use 
2 


Ludwieq  Tube  C 
9,10,11  (ccwitcured) 
50 

300  ms 
120  (max) 

1100  (max) 

20 

inactive 

2 


force  balances,  heat  transfer  using  thin  slcin  and  liquid  crystals 
schlleren,  oil  flow 

10  off-line  10  off-line  10  off-line 

design  principle  means  that  tunnel  noise 
level  is  low.  Flow  establishment  times 
from  10-30  ms 
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DFVLR-AVA  VACUUM  TUNNELS  I,  IL  III 


Organization  :  Deutsche  Forschungs-  und 

:  Versuchsanstalt  fQr  Luft- 

Raunfahrt,  GSttlngen 
Location  :  DPVLR-AVA 

Bunsenstraase,  10 

D-3400  Gottingen,  FR  Germany 


Contact  :  Dr  G.  Koppenwallner 
Tel.  :  (0551)  709  -  2123 


MACH  NUMBER 

NOZZLE  EXIT  DIAMETER,  cm 


RUNNING  TIME 
SUPPLY  PRESSURE,  bars 
SUPPLY  TEMPERATURE,  K 
No  TESTS/DAY 
PRESENT  STATUS 
PERSONNEL  REQUIRED 
MEASUREMENT  TECHNIQUES 


CHANNELS  OF  DATA 


Vacuum  Tunnel  I 

7-25  (conical) 

25  (useful  core: 
10-20) 

one  hour 
0. 1-500 


not  used  as  wind  t. 

2 

force  balances,  heat 
transfer,  pressure 
measuronents 

16  on-line 


CHARACTtRISTICS 
Vacuum  Tunnel  II 

10-25  (conical) 

40  (useful  core: 
20-30) 


not  used  as  wind  t. 


heat  tremsfer 


16  on-line 


Vacuum  Tunnel  III 

6-25  (free  jet) 
free  jet  of  ♦  <  25 

coi'.t  inuous 


in  regular  use 


force  balances,  heat 
transfer 


16  on-line 

Rei5<1000,  mean  free 
paths  to  20  mm 


DFVLR  HA-KW  ARC  HEATED  TUNNELS  PK2  &  PK3 


Organization  r  Deutsche  Forschungs-  und 

Versuchsanstalt  fxir  Luft- 
und  Raumfahrt#  Kdln-Porz 
Location  :  D.F.V.L^R. 

Hauptabtellung  Windh&nale 
Abteilung  Kdln^Porz 
Postfach  90  60  58 
D-5000  Kdln  90»  FR  Germany 


Contact  :  Mr  H.  Each 
Tel.  s  102201)  60  11 


MACH  NUMBER 

NOZZLE  EXIT  DIAMETER^  cm 
RUNNING  TIME 
SUPPLY  PRESSURE,  bars 
SUPPLY  temperature,  K 
GAS 

PRESENT  STATUS 

PERSONNEL  REQUIRED 
MEASUREMENT  TECHNIQUES 


COMMENTS 


CHARACTERISTICS 

PK2 

3-16  (conical) 

60  (useful  core  :  ''>42) 

continuous 

10  (max) 

6000 

air,  N  ,  A,  He 

2 

used  regularly  but  for 
different  applications 

5 

force  balances,  presanres, 
flow  visualization  with  r.f. 
ar^  election  bean,  heat  trans¬ 
fer,  electxtvi  beam 
c^sen  jet  test  section  of 
2.6  m  diameter 


PK3 

3  -14  (conical) 

60  (useful  core  :  ‘'-42) 

continuous 

30  (max) 

7000 

air 

operational,  but  not  used 

5 

pressures,  heat  transf^, 
flow  field  probes 

open  jet  test  aection  of  4 
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DFVLR  HA-KW  HYPERSONIC  TUNNEL  H2K 


Organization  :  Deutsche  Forschungs-  and  Contact  :  Mr  H.  Esch 

Versuchsanstalt  fflr  Luft-  Tel.  :  (02203)  60  11 

and  Rauotfahrt# 

Location  :  D.P.V.L.R. 

Hauptabteilung  WindkMnale 

^  Abtellung  Kdln-Porz 

Postfach  90  60  58 

D-5000  Kdln  90,  FR  Germany 


MACH  NUMBER 

NOZZLE  EXIT  DIAMETER,  cm 
RUNNING  TIME 
SUPPLY  PRESSURE,  bars 
SUPPLY  TEMPERATURE,  K 
GAS 

PRESENT  STATUS 
PERSONNEL  REQUIRED 
MEASUREMENT  TECHNIQUES 

COM-'^ENTS 


CHARACTERISTICS 
4.8,  6,  8.7,  11.2  (contoured) 

60  (<  40  useful) 

20  s 
3-45 
1400  (max) 
air 
in  use 
4 

force  balances,  pressures,  schlieren,  infrared  camera, 
thermal  paints 

open  jet  test  section  of  2  m  diameter 


L 


2-U 


FFA  HYP  500  BLOWDOWN  TUNNEL 


Organization  :  The  Aeronautical  Research  Contact  :  Mr  S.  Lundgren 

Institute  of  Sweden  (FFA) 

Location  •  FFA  Tel.  :  +46  8  759  10  00 

Box  11021  Telex:  S-10725 

S-16111  Broinma*  Sweden 


CHARACTERISTICS 

MACH  NUMBER  4  and  7  (contoured) 

NOZZLE  EXIT  DIAMETER,  cm  50 

RUNNING  TIME  at  Re  max  :  80  s  (M=4) ;  200  s  (M=7) 

SUPPLY  PRESSURE,  bars  10-22  {M=4) ;  110  (M=7) 

SUPPLY  TEMPERATURE,  K  800  design,  600  norm 

No  TESTS/DAY  8 

PRESENT  STATUS  operational 

PERSONNEL  REQUIRED  4-5 

MEASUREMENT  TECHNIQUES  force  balances  (a  to  35®),  4®/s  sweep  rate,  pressure 

distribution,  heat  transfer,  schlieren,  model  Injection 
system 

CHANNELS  OF  DATA  64  on-line  (48  low-level;  16  high  level) 

COMMENT  open  jet 

CURRENT  ACTIVITIES  :  the  tunnel  has  been  restarted  and  reentry  studies  are  planned, 
'"oncurrent  numerical  analysis  is  also  intended. 
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I.C.  GUN  TUNNEL  AND  N2  TUNNEL 


urbanization  :  Imperial  College 
Location  :  Dept.  Aeron.~Imperial  College 
Prince  Consort  Road 
London,  SW7  2BY;  U.K. 


Contact  :  Dr  J.K.  Harvey 
Tel.  :  (01)  5895111,  Ext.  4011 
Telex:  261503 


CHARACTERISTICS 


MACH  HUMBER 

NOZZLE  EXIT  DIAMETER,  cm 
RUNNING  TIME 
SUPPLY  PRESSURE,  bars 
SUPPLY  TEMPERATURE,  K 
No  TESTS/DAY 
PRESENT  STATUS 
PERSONNEL  REQUIRED 
MEASUREMENT  TECHNIQUES 

CHANNELS  OF  DATA 
COMMENTS 


No  2  Gun  Tunnel 

9  (contoured) 

45  (useful  core  :  25) 
5  ms 

550  (max) 

1070 

4 

in  use 
2 

pressures, heat  transfer, 
schlieren,  electrcxi  beam 

24  on-line 

1  m^  open  jet  test  section. 
Incidence  to  25® 


Heated  N?  Tunnel 

20  -  25  (conical) 

20  (useful  core  :  7.5) 
continuous 
25  -  500 
2000  (max) 

in  regular  use 
2 

pressures,  electron  beam  (o».TjQt)  / 
heat  transfer 

16  on-line 

a  model  injection  system  is  available. 
Model  Incidence  to  45* 


CURRENT  ACTIVITIES:  Research  into  rarefied  flow  centres  around  the  Monte-Carlo  simulation 
method,  A  3D  code  has  been  developed  and  used  to  calculate  the  flow  around  a  blunt-ended 
cylinder  and  a  spherically  blunted  cone  both  at  angle  of  attac)c  at  a  Knudsen  number  >  0.06. 

Experimental  verification  has  shown  that  the  predictions  for  the  former  shape  at  zero  in¬ 
cidence  are  precise.  Experiments  are  in  progress  to  measure  the  lift  and  drag  acting  on, 
and  the  density  distribution  about,  a  cone  at  incidence  at  M=25. 

Hypersonic  aerodynamics  conducted  at  M=9  in  the  Gun  Tunnel  is  concentrated  on  a  study 
of  the  flow  in  an  annular  rectangular  cavity  on  a  conical  body. 

Euler  codes  are  being  developed  with  Improved  shoc)«  capturing  routines  and  these  are 
being  used  to  calculate  unsteady  blast  problems  and  conical  hypersonic  flows. 
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ISL  -  HYPERSONIC  SHOCK  TUNNEL 


Organization  :  Instltut  de  Saint-Louis  Contact  :  G.  Smeets 

Location  :  Institut  de  Saint-Louis  Tel.  :  89.69.50.00 

12,  rue  de  1* Industrie  Telex:  881385 

Bolte  Postale  No  301 
F-68301  Saint-Louis  C6dex,  France 


MACH  NUMBER 

NOZZLE  EXIT  DIAMETER,  cm 
RUNNING  TIME 
SUPPLY  PRESSURE,  bars 
SUPPLY  TEMPERATURE,  K 
GAS 

No  TESTS/DAY 
MEASUREMENT  TECHNIQUES 
COMMENTS 


CHARACTERISTICS 

4-11  (conical) 

20x20 
<  1  raa 
400  (max) 

7000  (max) 

air 

4 

interferometry,  heat  transfer 

the  tunnel  will  be  transformed  for  aeroballistic  studies, 
but  the  above  characteristics  will  be  attainable  if  desired 


0  5  10  15  20  25  M  30 
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NLR  CONTINUOUS  SUPERSONIC  TUNNEL  -  CSST 


Organization  :  Nationaal  Lucht-  an  Contact  :  Mr  S. 

Rulmtevaartlaboratoriuin  Tal.  :  (20)  51' 

Location  :  N.L.R. 

Anthony  Folcker%#eg,  2 
NL-1039  CM  Amatardaai/  Netherlands 


MACH  NUMBER 

NOZZLE  EXIT  DIAMETER,  cm 
RUNNING  TIME 
SUPPLY  PRESSURE,  bars 
SUPPLY  TEMPERATURE,  K 
No  TESTS/DAY 
PRESENT  STATUS 
PERSONNEL  REQUIRED 
MEASUREMENT  TECHNIQUES 

CHANNELS  OF  DATA 


CHARACTERISTICS 
1.2  -  6.0  (contoured) 
20x27 

continuous  ('X'  30  min) 

39 

SOO 


N.A. 


operational 

5 

force  balances,  pressure  distribution 
flutter,  mass  flow,  heat  transfer 

24  off-line,  but  results  in  minutes 


J.  Boer sen 
5113 


store  separation, 


25  „  30 
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LRBA  C2  REFLECTED  SHOCK  TUNNEL 

Organization  :  Laboratoire  de  Recherches  Contact  :  M.  Desgardin, 

Salistiquea  et  A^rodynamiques  Service  A^rodynamique 

Location  :  L.R.B.A.  Tel.  :  32.21.07.40 

Boite  Postale  914  Telex:  lrba  VERNO  770817 

F-27207  Vernon  C§dex,  France 

CHA*?ACTEPISTICS 

MACH  NUMBER  8-16  (conical) 

16  (contoured) 

REYNOLDS  NUMBER  0.26>fl0^  /m  to  2.9'<10^  /m 

NOZZLE  EXIT  DIAMETER,  cm  120  (useful  core  :  30-60) 

RUNNING  TIME  10  to  20  ms 

SUPPLY  PRESSURE,  bars  30  to  350 

SUPPLY  TEMPERATURE,  K  1,800  to  2,400 

No  TESTS/DAY  3  to  4 

PRESENT  STATUS  in  regular  use 

PERSONNEL  REQUIRED  3 

MEASUREMENT  TECHNIQUES  force  balances,  pressure  distributions,  schlieren 

CHANNELS  OF  DATA  20  analog  channels  at  50  KHz 

acquisition  with  HP  1000  (disc,  plotter,  ...) 

COMMENTS  the  Cj  reflected  shock  tunnel  is  normally  operated  with 

the  Mach  16  contoured  nozzle 

CURRENT  ACTIVITIES  :  used  intensively  for  the  measurement  of  the  aerodynamic  coefficients 
of  reentry  shapes 


2-16 


ONERA  R2Ch  &  R3Ch  BLOWDOWN  TUNNELS 

Organization  :  Office  National  d'Etudes  et  Contact  :  M.C.  Capelier 
de  Recherches  A^rospatiales  Tel.  :  (1)  46.57.11.60 
Location  :  ONERA-ChStillon  Telex:  ONERA  260907F 

Bolte  Postale  72 
F-92322  ChAtillon  C6dex,  France 


CHARACTERISTICS 


MACH  NUMBER 

NOZZLE  EXIT  DIAMETER,  cm 

RUNNING  TIME 
SUPPLY  PRESSURE,  bars 
SUPPLY  TEMPERATURE,  K 
No  TESTS/DAY 
PRESENT  STATUS 
PERSONNEL  REQUIRED 


R2Ch 

3,  4,  5,  6,  7  (contoured) 

19  (M*3,  4) 

32.7  (M=5,  6,  7) 

(useful  core  :  18  to  29.7) 

35  s 

0.4  <  P^  <  80 
300  <  <  650 

4 

regular  use 

5 


R3Ch 

5,  7,  10  (contoured) 

32.7  (M=5,  7) 

34.7  (M=10) 

(useful  core  :  22.7  at  M=10) 
35  s  (10  s  at  M=10) 

1.5  <  <  170 

400  <  T^  <  1100 

4 

regular  use 

5 


MEASUREMENT  TECHNIQUES 


CHANNELS  OF  DATA 


force  bal<ux»s;ja:essure  distri- 

buticMis;  heat  transfer;  local 

skin  frictlcm 

VisualizatiOTi  : 

schlieren;  vail  streandines; 

thentiDsensitive  paints 

25 


force  balances; pressure  distribu¬ 
tions;  heat  tTcuisfer;  local  skin 
friction 
Visualization  ; 

schlieren;  vail  straralines;  thermo- 
sensitive  paints 
25 


COMMENTS 


Starting  time  :  3  ms 
sv/eep  rate  :  50®/10  s 


CURRENT  ACTIVITIES  :  boundary  layer  transition  v;ith  roughness  effects,  shock  boundary  layer 
interactions  on  a  range  of  two  and  three  dimensional  shapes,  aerothermodynamic  testing  on 
reentry  configuration 
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ONERA  Sm  BLOWDOWN  TUNNEL 


Organization  ;  Office  National  d* Etudes  et  Contact  :  M.  Laverre 

de  Recherches  ASrospatlales  Tel.  :  (1)  79  20  30  55 
Location  :  ONERA-Centre  de  Modane-Avrieux  Telex: 

Bolte  Postale  No  25 
F-73500  Hodane,  France 


CHARACTERISTICS 

Current  S4MA  S4MA  Predictions  for  M  12  nozzle 

MACH  NUMBER  6  (contoured)  12  (contoured) 

NOZZLE  EXIT  DIAMETER,  cm  68  (useful  core  :  48)  IOC  (useful  core  :  60) 

RUNNING  TIME  50  s  "  90  S  30  s 

SUPPLY  PRESSURE,  bars  42  (max)  150  (max) 

SUPPLY  TEMPERATURE,  K  T.  <  1850  T.  <  1850 

1  1 

GAS  air  air 

No  TESTS/DAY  2-5  2-5 

PRESENT  STATUS  operational  for  hypersonic  operational  end  1988 

tests  but  possibility  of 
use  for  airbreathing  engines 
or  air  lnta)ce  tests 

PERSONNEL  REQUIRED  6  6 

MEASUREMENT  TECHNIQUES  force  balances,  pressures,  heat  transfer,  shadowgraph 

CHANNELS  OF  DATA  48 

COMMENTS  the  maximum  temperature  of  the  heater  is  1850  K.  In  the  case 

of  a  filter  upstream  of  the  nozzle,  the  temperature  is  1100 
for  the  Mach  6  nozzle  and  will  be  about  1500  K  for  the  Mach 
12  nozzle.  Currently,  S4MA  has  an  open  jet  test  chamber  of 
2.1  m  »  2.8  m  cross  section  and  a  length  of  2.8  m 
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OXFORD  GUN  TUNNEL 


Organization  :  University  of  Oxford  Contact  :  Prof.  D.L.  Schultz 

Location  ;  Engineering  Laboratory  Tel.  :  (865)  246  561  or  722  274 

Parks  Road 

Oxford,  0X1  3PJ;  U.K. 


CHARACTERISTICS 

MACH  NUMBER  6,  8,  9  (contoured) 

REYNOLDS  NUMBER  J2‘‘l0^  (M=6)  ;  6.4x10^  (M=8)  ;  2.5x10^  (M=9) 

based  on  exit  D 

NOZZLE  EXIT  DIAMETER,  cm  16  (M=6) ;  28  {M=8) ;  30  (M=9) 

RUNNING  TIME  50  to  80  ms 

SUPPLY  PRESSURE,  bars  130  (max) 

SUPPLY  TEMPERATURE,  K  720 

No  TESTS/DAY  8  (max) 

PRESENT  STATUS  Operational 

PERSONNEL  REQUIRED  2 

MEASUREMENT  TECHNIQUES  normal  force  (with  free  flight),  heat  transfer,  schlieren 

CHANNELS  OF  DATA  64  on-line 

COMMENTS  the  tunnel  has  recently  undergone  a  conversion  to  the  LICH 

mode  (Ludwieg  tube  with  Isentropic  Compression  Heating) 
yielding  M*8.25  and  very  uniform  pressures  for  30-40  ms. 
Conversion  to  the  gun  tunnel  mode  can  be  made  in  1  week. 
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R  A  E  3' “4'  TUNNEL 


Organization  :  Royal  Aircraft  E&tab. 
Location  :  R.A.E.  -  Tunnel 

Bedford,  Beds;  U.K. 


Contact  :  Dr  L.F.  East 

Tel.  :  (0252)  24461;  Ext.  2719 

Telex:  858134 


MACH  NUMBER 

REYNOLDS  NUMBER 
based  on  exit  D 

NOZZLE  EXIT  DIAMETER,  cm 
RUNNING  TIME 
SUPPLY  PRESSURE,  bars 
SUPPLY  TEMPERATURE,  K 
No  TESTS/DAY 
PRESENT  STATUS 
PERSONNEL  REQUIRED 
MEASUREMENTS  TECHNIQUES 
CHANNELS  OF  DATA 


CHARACTERISTICS 

2.5  -  5.0  (contoured) 

35*10^  (max.  at  M=4.5) 

91*122 

continuous 

0.4  -  12 

N.A. 

N.A. 

operational 

N.A. 

N.A. 

N.A. 
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R  A  £  SHOCK  TUNNEL 


Organization  :  Royal  Aircraft  Estab. 
Location  :  R.A.E.  Farnborough 
Hants,  GU14  6TO 


Contact  ;  Dr  L»F,  East 

Tel.  :  (0252)  24461;  Ext.  2719 

Telex:  658134 


CHARACTERISTICS 


Shock  Tube  Mode 

MACH  NUMBER  7,9,10,13  (conical) 

9,13  (oontoured) 

REYNOLDS  NUMBER  PER  METER  8.7*10^  -  2.7*10^  (>^7) 
1.3*10^  -  l.lKlO^  (J^13) 

NOZZLE  EXIT  DIAMETER,  cm  36  (useful  core  :  20) 

RUNNING  TIME  3  to  10  mS  (tailored 

reflected  shock) 

No  TESTS/DAY  4 

MEASUREMENT  TECHNIQUES  heat  transfer,  schlieren 

CHANNELS  OF  DATA  17  on-line 

PERSONNEL  REQUIRED  2 

PRESENT  STATUS  not  used  since  1983 


LICH  Tube 
7,9  (conical) 


3.7x10^  -  2.5*10®  (M=7) 
8.9x10®  -  1.9x10®  (l^) 

36  (useful  core  : 

20  at  >^7 
15  at  rt=9) 

100  ms 


4 

heac  transfer, pressure, 
forces , schl ieren 

17  on-line 
2 

c^ierational 


Ludwieg  Tube  Mode 
5  (contoured) 

4.3*10®  -  1.7x10® 

23  (useful  core  :  20) 

100  ms 
4 

heat  transfer, pressure, 
schl  ieren 

1 7  on-line 
2 

not  yet  ocmnissioned 


COMMENTS  the  shock  tunnel  is  currently  c^jerating  in  the  LICH  rrode  at  ?^7  with  a  0.38  m 

by  0.38  m  working  section.  External  tube  heating  to  cibout  250®C  maximum  is 
available  for  LICH  and  Ludwieg  tube  c^aeration.  A  larger  open- jet  working 
section  and  mcxtel  incidence  setting  equipnent  will  be  available  by  mid-1987. 
Operating  conditions  for  the  Ludwieg  tube  are  those  projected. 


SESSIA/CNRS  SR3  TUNNEL 


Organization  :  SESSIA/CNRS  Contact  :  Dr  J.  All6gre 

Location  :  Laboratoire  d‘ A^rothermique  Tel.  ;  45  34  75  50 

du  CNRS 

4ter  Route  des  Gardes 
F-92190  Meudon,  France 


CHARACTERISTICS 


MACH  NUMBER 

NOZZLE  EXIT  DIAMETER,  cm 
RUNNING  TIME 


2  to  30 

15  at  M=7;  36  at  15  <  M  <  30  (useful  core  :  10-15) 
continuous 


SUPPLY  PRESSURE,  bars 
SUPPLY  TEMPERATURE,  K 
PRESENT  STATUS 

PERSONNEL  REQUIRED 
MEASUREMENT  TECHNIQUES 

CHANNELS  OF  DATA 


up  to  120 
up  to  1,500 

in  regular  use  in  the  supersonic  and  hypersonic  range, 
mainly  at  Mach  numbers  15  and  20 

3 

force  balances,  heat  transfer  (thermocouples,  infrared 
system),  pressure  transducers,  electron  gun  (for  local 
density  measurement  and  visualization) 

6  to  20 


CURRENT  ACTIVITIES  :  As  flows  from  continuum  to  transitional  regimes  may  be  produced,  high 
altitude  aerodynamics  has  been  emphasized  such  as  stage  separation  of 
launchers  and  satellite  direction  control.  Hypersonic  reentry  aero¬ 
dynamics  is  now  under  study. 
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SOUTHAMPTON  ISENTROPIC  LIGHT  PISTON  TUNNEL 


Organization  :  The  University  of  Contact  :  Prof.  R.A.  East 

Southampton  Tel.  :  (0703)  559122;  Kxt.  2324 

Location  t  Department  of  Aeronautics  & 

Astronautics 
The  University 
SO'  iM  SNri , 


MACH  NUMBER 

NOZZLE  EXIT  DIAMETER,  cm 
RUNNING  TIME 
SUPPLY  PRESSURE,  bars 
SUPPLY  TEMPERATURE,  K 
No  TESTS/DAY 
PRESENT  STATUS 

PERSONNEL  REQUIRED 
MEASUREMENT  TECHNIQUES 

CHANNELS  OF  DATA 


CHARACTERISTICS 
6.85  (contoured) 

21  (useful  core  :  17) 

1  s 
90 
600 
5 

regular  use 
3 

dynamic  stability,  schlieren 
liquid  crystal  thermography 

12  on-line 


9.4 

21  (useful  core  :  17) 
0.26  s  (usable) 

60 

995 

5 

to  date,  one  calibration 
condition  only 
3 

dynamic  stability,  schlieren, 
liquid  crystal  thermography 

12  on-line 


CURRENT  ACTIVITIES  :  Dynamic  stability  of  simple  axlsymmetric  shapes  and  hyperballistic 
vehicles  -  experiments  and  semi-empirical  predictions;  f ree-oscillation  experimental  tech¬ 
niques  for  studying  large  amplitude  non-linear  effects  on  hypersonic  dynamic  stability; 
dynamic  effects  of  hypersonic  separated  flow,  e.g.  a  rapidly  deployed  control  surface; 
development  of  a  continuous  recording  technique  for  free  flight  studies  in  short  duration 
hypersonic  facilities  using  optical  position  sensors;  aerodynamic  characteristics  of  a 
range  of  basic  vehicle  configurations  with  lower  surface  flow  containment;  development  of 
liquid  crystal  thermography  for  heat  transfer  investigations;  a  study  of  interference 
effects  on  kinetic  heating  of  slender  finned  bodies. 


TH  AACHEN  SHOCK  TUNNEL 


Organization  :  Rheinisch-WestfSlische 
Technische  Hochschule 
Location  ;  Institut  fur  Luft~  und 
Raumfahrt 
Stosswellenlabor 
Templergraben#  55 
D-51C0  Aachen,  T’*  CcL.'nany 


Contact  ;  Prof.  H.  Gronig 
Tel.  :  (0241)  80  46  06 
Telex;  0832704 


MACH  NUMBER 

N022LE  EXIT  DIAMETER,  cm 


RUNNING  TIME 
SUPPLY  PRESSURE,  bars 


SUPPLY  TEMPERATURE, 


characteristics 

6-24  (conical/  10.5“) 

three  conical  nozzles  of  D=50,  100,  200  cm,  each  with 
various  throat  inserts  (useful  core  for  M=24  :  1/3  D) 

10  ms 

1,500  (max) 

7000-8000  (max) 


No  TESTS/DAY 
PRESENT  STATUS 


PERSONNEL  REQUIRED 
MEASUREMENT  TECHNIQUES 


CHANNELS  OF  DATA 


1  or  2  (max) 

in  preparation  for  hypersonic  reentry  experiments  with 
conical  nozzle  D=50  cm 


heat  transfer,  pressures,  schlieren  and  shadow  optics, 
interferometry 


detailed  calculations  and  further  tunnel  calibration  tests 
are  underway 

predictions  shown  below  are  for  an  initial  barrel  pressure 
of  1  bar. 


0  S  V  70  »  „ 


ril-  -i-  I 


7  It  i  U.Knft 
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VKI  L0N6SH0T 


Organization  :  von  Karman  Institute  for  Contact 

Fluid  Dynamics 

Location  :  VKIFD 

Chausa^e  de  Waterloo*  72 
B'1640  Rhode  Saint  Genftse*  Belgium 


Prof.  J.F.  Wendt 

Tel .  :  (02)  358  19  01 
Telefax  :  (02)  358  77  21 


MACH  NUMBER 

NOZZLE  EXIT  DIAMETER,  cm 
RUNNING  TIME 
SUPPLY  PRESSURE,  bars 
SUPPLY  TEMPERATURE,  K 
GAS 

No  TESTS/DAY 
PRESENT  STATUS 
PERSONNEL  REQUIRED 
MEASUREMENT  TECHNIQUES 
CHANNELS  OF  DATA 
COMMENTS 


CHARACTERISTICS 
15-20  (conical,  6“) 

36  (useful  23-30) 

5-10  ras 
4000  (max) 

2400  (max) 

N2 

1-2 

in  regular  use 

3 

heat  transfer,  pressures,  schlieren 
46  transient  recorders,  50  KHz  each 

a  Mach  15  contoured  nozzle  of  45  cm  diameter  is  under  con¬ 
struction  and  a  conical  nozzle  of  60  cm  diameter  for  Mach 
20+  may  be  installed.  Open  jet  test  section  of  10 
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PftlPAUTIOll  D'ISS&IS  PKOMTOIMS  D'Ulf  GSUmTEUK  DE  PUSKA 
POUl  L'iLIKDITATIOII  &'UIII  SOUPPLXKIE  HYPEXSOMIOUX 

H.  Conaigay,  C.  Pacou,  0.  Papiroyk,  Pb.  Sagnier,  J.P.  Cbevallier 
Office  National  d'Etudet  et  de  Recbercbes  A^rospatiales 
Boite  PostaU  N*  72  -  92322  Chatillon  CEDEX 
R.  Leroux  (Aerospatiale) 


Msrai 


L*etude  du  proJet  d'avion  spatial  Hermes  fait  apparaftre  la 
oecessitd  d*UD  nouveau  noyen  d‘essais  au  susceptibi*.  d’offrir,  non  seuleaent  des  nombres  de  Mach 

eievds  mais  dgaleaent  les  enthalpies  correspondent  aux  vitesses  de  rentree  dans  le  domaine  d'altitude  de 
70  4  50  km.  L'avant  projet  d'une  soufflerie  4  rafales  de  quel^nes  seef'»''^»s  a  propose  en  ervisageant 

I'utilisation  d’dldaents  existaots  (spbdre  4  vide,  groupe  de  pompage,  tuy4res...)  avec  une  alimentation 
en'gaz  cbauds  par  un  gdndrateur  de  plasma  de  l*A4rospatiale  Aquitaine.  Cc  type  d ' alimentat ion ,  souleve 
des  questions  sur  les  qualitds  requises  de  l'4'*ouloment  ; 

-  peraaoeoce,  homogdoditd,  coapositioo,  tempdrature. 

Avant  de  s'engaqer  dans  cette  rdalisation  le  CNES  a  demand^  une  validation  prealable  du  g^n^rateur. 
L'objet  de  la  pr4sente  comsuoicatioo  est  d'exposer  le  processus  retenu  qui  comporte  les  phases  suivan- 
: 

-  4tude  et  realisation  d'ub«  .uydre  se  raccordant  4  des  414menrs  existar.ts  et  offrant  par  elle-meme  les 
conditions  requises  pour  le  sondage, 

-  4tude  et  rdalisatioo  des  dispositifs  de  sondage  de  cet  4coulement  (pression  dynamique,  d4bit  masse 
local,  enthalpie) . 


;MTyow<;Ti9iT 

Le  projet  d'avion  spatial  Reriii4s,  confid  par  le  CNES  4  la  5oci4t4  AMD-EA  a  suscit4  un  examen  critique  des 
mdthodes  et  moyens  ndcessaires  4  une  bonne  provision  des  caract4ristiques  adrodynamiques  de  ce  v4hicule, 
en  particulier  dans  sa  phase  de  vol  bypersooique. 

A  la  lecture  des  legons  [1}  offertes  par  le  "Space  Shuttle",  il  apparait  que  la  principale  divergence 
entre  provisions  et  rOsultats  eo  vol  qui  concerne  I'Oquilibrage  longitudinal,  serait  due  4  une  prise  en 
conpte  insuffisante  des  .effets  de  gaz  rOels  affectant  I'ensenble  de  1 'Ocouleoient  [2]  ou  plus  particu- 
liOrement  les  rOgions  d’extrados  [3J  et  d'interaction  onde  de  choc-eouche  limite.  C'est  le  perfection- 
nement  des  nOthodes  de  calcul  qui  devrait  rOduire  ces  marges  d'incertitude  car  1 'absence  de  similitude 
pour  les  Ocouleaeots  de  gaz  rOels  ne  perret  pas  I'utilisation  directs  de  rOsultats  obtenus  sur  modules 
rOduits. 

La  validation  des  codes  doit  cependant  etre  assurOe  par  des  essais  probants,  c‘est-4-dire  executes  dans 
des  installations  prOsentant  des  caractOristiques  suffisantes  pour  mettre  en  jeu  les  phOnomOnes  physiques 
incriainOs.  L'analyse  de  ce  besoin,  tant  pour  les  Otudes  de  base  que  pour  des  essais  4  caractOre  indus- 
triel,  a  conduit  4  dOfinir  un  aoyen  d'essai  4  rafales  de  durOe  aoyenne  (quelques  secondes) ,  propice  4 
toutes  sortes  de  aesures  4  des  niveaux  relativement  bas  de  pression  et  masse  volunique.  Ce  moyen  sera 
brlOveaent  dOcrit.  II  doit  utiliser,  pour  obtenir  les  enthalpies  requises,  un  gOnOrateur  de  plasma 
industriel  dont  il  convenait  de  tester  la  qualitO  d'Ocoulemeot  (permanence,  homogOnOitO,  composition, 
teapOrature) . 

La  prOsente  coonunication  a  esseotiellement  pour  objet  les  dispositions  adoptOes  pour  ces  essais  proba- 
toires. 

2.  PEOJIT  PI  aoqmaiK  e6  ch 

ProposO  au  dObut  de  I'annOe  1985,  ce  projet  rOsulte  de  coaproaii  entre  impOratifs  d'ordres  divers  : 
co&ts,  dOlais,  perforaances.  Pour  rdduire  les  premiers,  il  fait,  pour  son  implantation  (fig.  1}  et  sa 
constitution  (fig.  2),  appel  4  des  bitiaents  et  ^l^aents  existants  :  pour  son  alimentation  4  haute 
enthalpie,  il  est  prdvu  un  gdndrateur  de  plasma  5  KV  de  l’A4rospatiale.  Sa  courbe  liaite  de  fonction- 
neaent  dans  le  plan  enthalpie-pression  (fig.  3)  aontre  que  des  conditions  noainales  de  50  b,  Ri/RTi  =  100 
sont  noraaleaent  accessibles. 

L'dtude  d'avant  projet  de  cette  installation  [4]  vise  4  I'obtention,  avec  des  414Bents  existants  ou 
4prouv4s,  de  rafales  de  quelques  secondes  dans  des  tuyeres  de  diaensioos  suffisantes  pour  recevoir  des 
noddies  d**  0,5  a  de  longueur  environ.  Avec  une  prise  en  coapte  approximative  (celle-ci  sera  prdcisde  par 
I'dtude  de  cheque  tuydre)  des  effets  de  gaz  rdels  hors  dquilibre  en  cours  de  ddtente  on  trouve,  pour  des 
noabres  de  Mach  de  12,  16  et  20  les  conditions  physiques  qui  figurent  dans  le  tableau  suivant. 
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M 

16 

20 

TIK) 

240 

138 

88 

lo/fa 

0,16  10-3 

0,17  10-« 

0.37  10  ’ 

fo/fa 

0,18  10-3 

0,34  lO--* 

0.11  10* 

a{m/s) 

311 

236 

188 

Vo(m/s) 

3737 

3777 

3770 

Re 

t.b  103 

8,6  103 

4.5  103 

M/VT!i' 

0,  12 

0,17 

0,3 

Z(km) 

63 

75 

82 

Pi(Pa) 

3083 

595 

200 

On  peut  remar^uer  que  ces  conditions  correspondent  pour  >1  =  12 
pression,  density  et  teopcira^ure  de  I'atmosph^re  standard  4  63 
tudes  de  75  et  82  km  est  reproduite  avec  des  temperatures 
detente  {dissociation  et  vibration)  est  de  I'ordre  de  10  Le 
plan  Mach,  Reynolds  est  donn6  fig.  4. 


4  une  duplication  complete  des  valeurs  des 
km  r  seule  la  masse  volumique  des  alti- 
inf^rieures  ;  I'cnergie  fig4e  en  cours  de 
domaine  de  simulation  ainsi  obteni;  dans  le 


Les  hypotheses  retenues  pour  calculer  les  liaites  en  Reynolds  de  ce  domaine  doivent  erre  precis^es  :  les 
valeurs  maximales  sont  obtenues  avec  un  fonctionnement  cryogenique  limits  par  la  temperature  de  conden¬ 
sation  hors  ^quilibre  [5]  soit  pour  la  pression  nominale  de  50  b,  soit  pour  une  pression  accrue  ;usqu’4 
150  b  (projet  de  g4n6rateur  segmentd} . 


Les  valeurs  inferieures  ae  Re  pourraient  evidemment  etre  atteintes  en  diminuant  les  pressions  generatri¬ 
ces  mais  e'est  au  contraire  4  des  pressions  maintenues  aux  maximum,  de  SO  et  150  b  nais  aussi  a  I’enthal- 
pie  nominale  de  100  que  correspondent  les  va''e'ics  minir-ali-?  portfees  sur  1.  La  pi  •  1C  b 
ne  constitue  pas  toute  la  fronti^re  car  aux  nombres  de  Mach  les  plus  eleves  la  pression  d'arret  4  haute 
enthalpie  peut  devenir  insuffisante  pour  un  amorgage  correct  de  1 ‘^coulement . 

Cette  figure  aontre  en  outre  que  des  valeurs  du  parametre  de  rarefaction  M/  comparables  au  vol  sont 
..  <1  ieproduit«‘s  avec,  simultanement ,  des  valeurs  de  I'enthalpie  qui,  sans  ^galer  le  vol,  sont  cependant 
suffisantes  p''"r  faire  apoacaitre  ‘•es  effets  de  gaz  r^els  notables. 

Ces  effets  sont  illustr^s  en  g^netal  par  le  domaine  (vitesse,  altitude)  simul^  (fig.  5}  mais  peut  etre 
plus  pr^cis^aent  par  la  fig.  6  ou  I’on  voit  quo,  4  condition  d'ajuster  la  pression  g4n4ratrice  a  I'en* 
thalpie  selon  la  courbe  pi(To),  11  est  possible  de  cvnservcr  '^variants  les  paramdtres  de  similitude 
classiques  (M,  R« ,  et  K/  q tout  en  faisant  varier  largeaenc  le  taux  de  dissociation  i  'equiiibre  (au 
point  d'arret) . 


On  peut  reaarquer  que  ce  taux  de  dissociation,  nettement  sup4rieur  4  celui  qui  ige  au  cours  dc  la 
detente  dans  la  tuyere,  sera  plus  facileaent  atteint  dans  la  couche  de  choc  du  fait  d'une  certaine 
pr^dlssociation  amont. 


Un  autre  parametre  important  pour  les  Etudes  de  couche  limite  est  le  rapport  entre  temperature  de  par  :i 
Tp  et  temperature  statique  To  ;  la  fig.  7  nontre  que,  toujours  en  maintenant  constants  les  param^tres 
et  Re  (M  *  12  ;  R«  ^^10^  pour  une  longueur  de  maquette  de  50  cm),  grace  4  I’ajustage  de  pression  g^neia- 
trice  figure  pi (To),  il  est  possible  avec  une  maquette  4  temperature  ambiante  de  faire  varier  Tp/To  dans 
un  large  rapport  {de  2  4  8)  ou  au  contraire  de  maintenir  Tp/To  4  la  valeur  du  vol  moyennant  un  refroidis- 
sement  ou  un  r4chauffage  du  module  techniqueaent  concevable.  Ce  type  d’op^rations  est  6videmment  plus 
facile  4  envisager  sur  les  formes  simples  propices  aux  Etudes  de  base  d6finies  dans  les  programmes  de  R 
et  D. 


La  fig.  8  oontre  que,  en  maintenant  une  temperature  juste  suffisante  pout  eviter  la  liquefaction  'mettant 
4  profit  le  retard  4  X’equilibre)  une  variation  independante  et  significative  des  parametres  M  et  Re  est 
encore  obtenue. 


Des  generateurs  de  plasisa  a  arc  prolonge  ont 
jusqu'ici  et6  plutdt  utilises  pour  des  essai?  de  materiaux  f8,  9].  Dans  ce  dernier  cas,  les  exigences 
concernant  I'homogeneite,  la  pe.manence  et  la  purete  de  I'ecoulcttent  sont  moins  sevdres  qu'elles  ne 
doivent  I’etre  pour  des  essais  aerodynamiques.  II  a  done  ete  decide,  par  les  promoteurs  du  projet  R6  Ch 
brievement  dderit  ci-dessus  (OMERA,  CKES,  AMD/BA)  de  soumettre  le  gendrateur  prevu  (JP50  de  1 ’Aerospatia¬ 
le)  4  des  essais  probatolres  permettant  de  qualifier  I'ecoulement. 

Ces  essais  ne  peuvent  se  concevoir  que  sur  le  site  "Aerospatiale"  qui  comporte  1 'ensemble  couteux  des 
servitudes  ndeessaires  4  1 ' alimentation  du  generateur  (la  transposition  de  ces  elements  pour  le  projet  R6 
Ch,  fig.  9  en  fiontre  1 ' importance) . 
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Le  sondage  de  1 ' dcoulenent  implique  1 'utilisaCioa  d’une  tuyere  de  detente  repr^seotant  uae  portion  aaont 
des  tuydres  definitives  d'uo  dianetre  de  sortie  suffisant  pour  un  bon  controle  d ' honogeneite  et  assuraot, 
pour  des  nesures  de  concentration,  un  figeage  de  ces  deroidres. 

II  serait  de  plus  intdressant  que  cette  portion  puisse  se  raccorder  &  la  partie  aval  d'une  tuydre  M  -  16 
qui  fait  partie  des  dldaents  existants  rdutilisables . 

II  est  enfio  ndcessaire,  compte  tenu  de  1 ‘absence  de  noyens  de  ponpage  et  de  capacitds  d  vide  sur  le  site 
Adrospatiale  que  la  tuydre  puisse  s'aaorcer  avec  une  pression  de  rdcupdiation  pernettant  -le  re^et  d 
I’atfflosphdre.  Pour  satisfaire  4  ces  exigences  diverses  la  tuydre,  conique  ec  d'ouverture  soddrde, 
ddbouche  avec  un  diaadtre  de  8S  aa  dans  un  petit  caisson  de  mesure  (fig.  10)  propre  4  contenir  les 

aoyens  de  sondage  et  4  pernettre  la  visualisation  de  I'dcouleaent. 

3.1.  Calcul  de  1‘dcouleaeDt  [111 

La  forne  de  tuydre  dtant  ddterainde  par  des  considdrations  purement  gdoadtriques  de  raccord  4  des 
dldments  existants  et  de  continuitd  dans  I'dvolution  des  courbures,  le  calcul  de  I’dcouleaent  est 
effectud  par  approximations  successives  sur  le  couplage  noyau  non  visqueux-couche  limite,  en  conservant 
en  preoidre  approxiaation  1‘hypothdse  d‘un  dcouleaent  par  tranches.  La  preaidre  rdgion.  y  coapris  le  col 
et  son  voisinage  iaaddiat  est  calculde  pour  I'air  4  I'dquilibre  (diagramae  de  Hollier  nuadrisd  d'aprds 
les  tables  d'Hilsenrath  [10],  A  l*aval,  le  calcul  par  tranche  est  poursuivi,  hors  dquilibre  theraodynaai- 
que  et  chiaique  ;  le  aoddle  adoptd  coaprend  les  9  espdces  et  15  rd^ctions  dont  les  viLesses  figureat  dans 
le  tableau  N®  1. 

Ce  programme  [11]  rdsulte  d  ‘  adaptations  .successives  d‘un  code  dtabli  a  I'origine  par  le  CALSPAN  [12].  Les 
principales  hypothdses  concernant  le  gaz  sent  les  suivantes  : 

-  fluide  parfait,  c’est-4-dire  sans  effets  de  diffusion  des  espdces,  de  viscositd  ou  de  conduction 
thermique, 

'  dquilibre  thermodynamique  des  dnergies  de  translation  et  rotation  ;  relaxation  des  dnergies  de  vibra¬ 
tion  dfs  moldcules  d'azote  et  d'oxygdne  (oscillateurs  harmoniques)  avec  des  constantes  de  temps  donndes 
par  les  expressions  suivantes  : 

pour  02  16.18  x  lO-'*  e  J 

N2  11,15  X  10-‘  T>  *  e  3 

-  dissociations  ddcrites  par  le  tableau  N®  1  et 
prdfdrentlel. 

Le  systdae  d’dquations  dif fdrentielles  ordinaires  obtenu  est  intdgrd  par  une  adthode  de  Ruoge  Kutta  avec 
quelques  prdcautions  concernant  les  cboix  de  pas.  Les  rdsultats  les  typiques  sent  prdsentds  er 

fonction  de  la  dis.ance  le  long  de  la  tuydre  4  partir  d'une  origins  sltude  dans  2e  convergent  4  33  aa  4 

1‘aaont  du  col  ;  les  rdsultats  correspondants  au  calcul  4  I’dquilibre  sont  donnds  4  litre  de  comparai- 
son  ;  ils  ;ustifient  a  posteriori  le  traiteaent  4  I'dquilibre  de  la  rdgion  sonique. 

On  montre  successiveaent  l'dvolu*’io*>  le  long  de  la  tuydre  de  la  pression  (fig.  11),  de  la  masse  voluaique 
(fig.  12)  des  tempdratures  (fio.  13)  de  la  vitesse  ifig.  14)  et  du  noabre  de  Hach  (fig.  15).  Ces 
rdsultats  suscitent  quelques  commentaires  classiques  * 

-  la  zone  de  non  dquilibre  est  relativecent  courte  pour  la  plupart  des  rdactions  et  en  paiticulier  le 
figeage  des  tempdratures  de  vibration  est  pratiquement  atteint  vers  100  ou  150  na  respectiveaent  p^ur 
N2  et  O2  ;  la  fraction  d'dnergie  fiqde  est  faible  si  on  la  rompare  4  I'enthalpie  totale  et  en  consd- 
quence  les  vitesses  calculdes  en  ou  hors  dquilibre  diffdrent  peu  (fig.  1  ). 

La  conservation  du  ddbit  P  VS  entraine  corrdlativement  une  trds  faible  diffdrence  sur  les  masses  volumi- 
ques  en  et  hors  dquilibre  4  abscisse  done  4  S  donnd.  L'effet  de  I’dnergie  figde  est  plus  dvident  sur  les 
tempdratures  de  translation-rotation  en  fin  de  ddtente  qui  diffdrent  de  820  K  environ.  Hors  dquilibre,  W 
vitesse  du  son  se  trouve  done  netteaent  diainude  et  cet  effet  I'eaporte  sur  la  perte  de  vitesse  pour 
donner  des  nombres  de  Mach  hors  dquilibre  surpassant  de  20  A  les  noabres  de  Mach  4  I'dquilibre  4  I'extrd- 
mitd  de  la  tuydre. 

I’n  premier  calcul  de  couche  lioite  (laainaire  et  turbulente)  a  dtd  effectud  pour  dvaluer  les  flux  de 
chaleur  afin  que  1 ' Adrospatiale  puisse  prdvoir  le  ref roidissement  de  la  tuydre  tel  que  dderit  ci-aprds. 
La  prise  eu  compte  de  I'dpaisseur  de  ddplaceaent  dans  une  seconde  itdration  sur  le  calcul  du  noyau  non 
visqueux  (code  Euler  gaz  parfait  V-  1,2)  entre  100  et  200  mm  montre  que  I’hypotbdse  de  rdcouleaent  par 
tranche  est  tout  4  fait  justifide  pour  la  couche  limite  laminaire  et  encore  acceptable  pour  une  couche 
limite  turbulente  (fig.  16). 

On  peut  conclure  des  rdsultats  preeddents  que  la  tuydre  rdpond  aux  conditions  prescrites  pour  les 
conditions  de  sondage  :  concentrations  ct  tempdratures  de  vibration  figdes  ;  noyau  sain  de  diaension 
suffisante.  Outre  les  rdsultats  prdsentds,  les  cal''uls  de  couche  liaite  ont  fourni  les  donndes  de  flux 
thermique  ndeessaires  4  I'dtude  tevimologique  de  la  tuydre  :  en  particulier  4  son  refroidiaseaent . 

3.2.  Tuy^e_  -  Rdalisatioo 

L'Adrospatiale  congoit  et  rdalise  la  tuydre.  Le  diaensionnement  de  celle-ci  est  effectud  pour  les 
conditions  gdndratrices  suivantes  : 


dynes  s/ca* 
dynes  s/ca^ 

couplage  vibration-dissociation  par  le  aoddle  non 
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-  pressioD  p^n^ratrice  :  pi  »  SO  bars, 

-  enthalpie  g^o^ratrica  r^duite  :  Hi/RTo  '  100, 

correspoodaQt  d  uo  ddbit  gaz  de  0,266  kg/s  at  uaa  puissance  gaz  de  2,09.10^  V  pour  la  col  da  section 
I  ca* . 

La  calcul  de  I'dcouleaant  conduit  d  das  astiaations  da  flux  de  chaleur  de  S.IO^  tf/a^  au  col,  ddcroissant 
jusqu'd  5  10^  V/a^  environ  an  sortie.  Cas  conditions  de  flux  at  pressions  sont  couraBaent  rencontrdes 

dans  las  gdndrataurs  de  plasaa.  La  conception  ratanue  est  da  type  classique  : 

-  una  enveloppe  interne  de  faiMe  dpaisscur  an  alliaga  de  cuivre  est  rdalisde  au  profil  ^'alculd  ; 

-  un  fill  d'eau  d  grande  vitesse  (de  I'ordra  da  20  a/s)  assure  le  ref roidissement  d'aaont  en  aval  (il 
paraat  d’obtenir  das  coefficients  da  convection  dlevds)  : 

-  des  sdparateurs  assurant  la  aise  en  focne  de  ce  filn  d‘eau  ; 

-  I'enseable  est  disposd  d  I'lntdrieur  d'une  structure  ; 

-  enfin,  d  I'aval  une  couronne  aaintient  I’enveloppe  interne  et  coaporte  4  prises  de  pression  paridtales. 

Cette  tuyere  est  prdsentde  plancbe  17.  Le  lefroidisseaent  fetudid  peraet  un  rdgime  pernianent  d* dcouleoent , 
en  I'absence  d'usure  des  pieces.  La  pressurisation  du  circuit  d'eau  de  ref roidissement  est  asservie  d  la 
pre.;^slon  gdn^ratrice  dans  la  liaite  d‘un  ^cart  de  20  bars,  Le  niveau  de  pression  d’eau  peut  atteindre  100 
bars . 

3.3.  Caisson  de  aesure  et  dispositif  de  sondaoe 

Le  caisson  de  aesure  se  prdsente  cooune  une  mini  soufflerie  a  jet  Iibre  avec  une  icprise  coulissante  (fig. 
10).  Son  volume  rdsulte  d'un  compromis  :  il  doit  etre  assez  r^'u't  pour  que  sa  vidange  par  effet  d'lnduc- 
tion  jusqu'd  une  pression  voisine  de  0.04  atm  soit  rapide  pour  assurer  un  bon  amorqage  du  jet  et  un 
fonctlonnement  correct  de  la  reprise  ;  il  doit  contenir  1 'ensemble  du  dispositif  de  sondage,  escamote 
hors  du  jet  avant  et  aprds  une  travers^e  assez  rayide  (/v  0,1  s)  pour  que  les  sondes  ne  subisser.t  qu'un 
dchauffeaent  mod^rd. 

Des  hublots  doivent  assurer  un  champ  <3 ‘observat ion  convenabie  pour  des  visualisations  ombroscopiques . 
Pour  dviter  durant  la  phase  transitoire  d'aaorcage  des  retours  de  gaz  chaud  sur  ces  hublots,  deux 
precautions  sonc  prises,  d'une  part  la  reprise  coulissante  est  amende  au  contact  de  la  bride  de  sortie  de 
tuydre  avec  une  certaine  dtanchdite  pour  une  dventuelle  vidange  prdalable  du  caisson,  d'autre  part  une 
entrde  controlde  d'air  frais  est  mdnagde  dans  le  caisson. 

Le  bras  porte-sondes  oscillant  autour  d’un  axe  naralldle  4  la  veine,  actionnd  par  vdrin  hydraulique  ave^* 
amoctisseurs  de  fin  de  course,  de  mdme  que  la  reprise  coulissante  sont  comsandes  par  un  automate  program¬ 
mable  dont  la  sdquence  s’insdre  dans  la  programmation  gdndrale  de  fonctionnement  du  gdnerateur, 

3.4.  Sondes 

L'en.<$efflble  des  sondes  utilisdes  est  disposd  en  arc  de  cercle  4  I'extrdmitd  du  bras  porte-sonde  (fig.  18) 
pour  balayer  approximativement  un  diam^tre  vertical  ou  horizontal  de  la  tuydre  dans  un  plan  tres  voisin 
de  son  extrdmitd. 

*■  Deux  sondes  pitot  sesurent  une  pression  d'arret  d  I’aval  d'un  choc  normal,  I'une  pour  les  valeurs 
noyennes  est  dquipde  d'un  capteur  Statbans  type  731  et  donne,  compte  tenu  de  sa  canalisation  (1  mdtre) 
un  temps  de  montde  de  7  ms  avec  ddpasseaent  de  8  %.  L'autre  destinde  aux  mesures  de  fluctuations 
contient  un  capteur  Kistler  6001.  Son  dtalonnage  dynamique  montre  (fig.  19}  la  rdponse  4  un  dchelon  de 
150  mb  et  le  spectre  de  cette  rdponse  qui  prdsente  une  faible  rdsonnance  vers  3  kHz  avec  attenuation 
rdgulidre  au  del4. 

'  La  sonde  de  ddbit  masse,  dans  I'axe  du  mat  est  tout  4  fait  classique  [13,  14]  pour  un  mode  de  fonction¬ 
nement  transitoire.  Le  ddbit  captd  par  I’entrde  d’air  de  section  connue  est  mesurd  grace  au  col  sonique 
aval  d'apres  la  pression  et  la  tespdrature  4  I’amont  de  ce  dernier.  (Jn  dchangeur  thermique  4  inertie 
reduit  cette  tempdrature  au  voisinage  de  I’ambiance.  Les  diamdtres  de  thermocouples  et  capteur  de 
pression  sont  cboisis  pour  que  les  temps  de  rdponse  de  ces  mesures  soient  du  meme  ordre  que  le  temps  de 
stabiIisati.on  de  I'dcoulement  interne  dans  la  sonde  (<  1  ms),  4  condition  d'utiliser  le  thermocouple  en 
rdgime  transitoire  [15J. 

-  Sondes  d’enthalpie  : 

dies  sont  toutes  deux  basdes  sur  le  meme  principe  :  la  mesure  de  flux  sur  obstacles  sphdriques.  Le 
flux  au  point  d'arret  est  directement  lid  4  I'entbalpie  d’aprds  la  formule  de  Fay  et  Riddel,  mais 
I’utilisation  de  deux  sondes  de  diametre  diffdrent  permet  de  vdrifier  I'absence  de  pollution  solides. 
Les  flux  de  chaleur  lids  4  1' impact  de  particules  sont  inddpendants  du  rayon  de  courbure  alors  que  les 
flux  adrodynamiques  dvoluent  comme  I’inverse  de  sa  racine. 

La  sonde  0*  10  mm  se  prete  4  1 ‘exploitation  de  la  teapdrature  superf icielle  locale  au  point  d'arret  pour 
obtenir  le  flux  soit  dans  I’hypothdse  simplif icative  d’un  milieu  semi-infini  avec  correction  dis 
courbure,  soit  avec  une  ndthode  de  diffdrences  finies  en  admettant  une  distribution  de  flux  sur  la 
spbdre  (thdorie  de  Lees). 

La  sonde  5  mm  est  trop  petite  pour  que  la  localisation  de  la  mesure  au  point  d'arret  soit  assurde  ; 
elle  est  done  considdrde  comme  un  capteur  4  inertie  thermique,  pratiquement  Isotherme  et  soumis  4  un 


flux  moyen  resultant  de  1 '  integration  de  la  distribution  de  Lees.  Le  dir.ensionnesnent  des  sondes  et  Ic 
choix  des  aateriaux  sont  dictes  par  1 ‘utilisation  en  regiae  transitoire  (traversee  du  ]et  en  0,1  s.'  et 
conduisent  i  des  echauf fements  de  I'ordre  de  400^  C.  donnant  une  grande  sensibility  de  xesure.  On  s'est 
assure  du  bon  fonctionnement  de  ces  sondes  e  plus  faible  niveau  avec  une  duree  d'exposition  accrit: 
(souf f lerie  R?  Ch) . 

4.  IXPLOITATIOW  DBS  KISORtS 

Outre  les  sondes  ci-dessus  il  est  prevu  d'exploit"-  uct.  visualisations  strioscopiques  ou  oxbroscopiques 
qui  pernettront  de  s'assurer  que  le  choc  sur  la  sonde  de  debit  nasse  est  bien  attache  aux  levres  de 
I'entree  d'air. 

Ces  visualisations,  i  relativeaent  forte  density  coapte  Cenu  de  la  detente  liaitee  4  M  =  6  devraient 
peraettxe  une  mesure  assez  precise  de  la  distance  de  detacheaent  sur  les  sondes  sphenques.  On  ne  peut  en 
ddduire  directement  la  composition  du  gaz  dans  la  couche  de  choc.  11  semble  cependant  que  cette  distance 
soit  assez  sensible  aux  effets  de  gaz  reels  (16^  sans  I'etre  trop  a  la  conicite  de  I'ecoulement  [17]  pour 
qu'il  soit  ainsi  possible  de  valider  les  calculs  de  concentration  en  cours  de  detente  hors  equilibre,  ce 
type  de  calcul  pouvant  etre  poursuivi  sur  les  obstacles  [18]  et  en  locluant  de  preference  effer^-  visqueux 
diffusion,  temperature  et  catalycite  de  paroi. 

L'exploitatlon  des  aesures  de  pression  d'arret  ne  souie^re  pas  de  probieaes  particuliers  pcur  cvaluer 
aeae  en  presence  d'effets  de  gaz  reels.  La  sonde  de  debit  fournissant  on  peut  en  deduire  f  et  V  et  de 
14  V3/2  et  I'enthalpie  4  comparer  aux  aesures  sur  les  sondes  tberaiques. 

Le  but  principal  des  essals  probatoires  etant  de  s'assurer  de  1 ' hoaogeneite  de  I'ecoulement,  la  technique 
de  balayage  permet  avec  les  aesures  enuaerees  ci-dessus  d'escoapter  une  qualification  rapide  de  I'ecoule¬ 
ment  . 

5.  COWCLUSIOir 

Les  essais  probatoires  prevus  doivent  peraettre  de  verifier  qu'un  generateur  de  plasma  peut  constituer 
une  aliaentation  de  soufflerie  hypersonique  fonctionnant  en  rafales  de  plusieurs  secondes.  Pour  definir 
le  montage  et  le  systeae  de  aesure,  il  est  necessaire  de  prendre  en  coapte  de  noabreux  phenoaenes 
physiques  et  chiaiques  qui  soot  aussi  analogues  que  possible  4  ceux  rencontres  en  cours  de  rentree 
spatiale.  Une  fois  de  plus,  il  apparait  que  la  aise  au  point  d’une  soufflerie  est,  en  elle-meae  et  avant 
tout  essai  sur  des  aaquettes  de  vehicules,  un  exercice  tres  fondaaental  de  validation  des  aetbodes  de 
calcul  qui  serviront  4  la  definition  de  ces  vehicules. 

RimiHcia 

[1]  -  J.P.  Arrington,  J.J.  Jones 

Shuttle  performance  :  Lessons  Learned.  Proc.  Conf.  Nasa  Langley  R.C.  March.  8-10,  1981. 

[2]  -  J.R.  Naus,  B.J.  Griffith,  R.Y.  Szeaa 

Hypersonic  Mach  Number  and  real  gas  effects  on  space  shuttle  orbiter  aerodynamics.  Journ.  Space¬ 
craft  and  Rockets.  Vol  21,  2,  1984. 

[3]  -  J.L.  Potter 

Coaaentary  on  the  1985  NASA/Vanderbilt  syaposlua  on  future  hypervelocity  flight  requirements.  NASA 
CR  176  747,  Natch  1986. 

[4l  -  C.  Pacou 

Analyse  des  aoyens  d'essais  necessaires  4  I'etude  des  probldaes  de  rentree.  Avant  projet  d’un 
Boyen  d'essais  hypersonique  4  haute  enthalpie  (soufflerie  R6  Cb)  pour  le  prograaae  Hermes.  RTS 
10/6075  AY.  fevrier  1986. 

[  5]  -  F.L.  Daum 

Condensation  de  I'air  dans  une  soufflerie  hypersonique.  AlAA  Journ.  Vol  1  N^  5,  aai  1963  et  mars 
1968. 

[6]  -  J.  Lukasiewicz 

Experiaental  methods  of  bypersonics.  Ed.  H.  Dekker  New  York,  1973. 

[  7]  -  J.P.  Chevallier 

Retrospective  sur  les  moyens  d'essais  et  de  mesure  en  hypersonique.  22eme  Colloque  d'Aerodynamique 
Appllquee,  Lille  1985. 

[  8]  -  AGARPograpb 

Arc  heaters  and  HHDaccelerators  for  aerodynamic  purposes.  Agardographe  84.  Parties  1.  2  et 
supplement  1964. 

[  9]  -  J.H.  Painter,  R.J.  Ehmsen 

Development  of  a  high  performance  arc  heater  for  ground  testing  advanced  strategic  re-entry 
vehicle  components.  AIAA  Pap.  71-259. 

[10]  -  J.  Bilsenrath,  M.  Klein 

Tables  of  tbermodynuic  properties  of  air  in  chemical  equilibrium  including  second  virial  correc¬ 
tions  from  1500  K  to  15000  K;  AEDC  TR  65-58. 


[11]  -  Ph.  Sagnier 

Ecouieffieot  hors  6<iuilibre  dans  la  tuyere  probatoire  R6  pour  les  conditions  nominales  de  fonction- 
nenent .  RT  9S/1865  AH,  septembre  1986. 

[12]  -  P.V,  Marrone,  J.G.  Hall 

Inviscld,  non  equilibriu®  flow  behind  bow  and  normal  shockwaves.  CAL  Rep.  QM  1626  A  12  (I  et  ID, 
1963, 


[131  -  R.J.  Stalker 

A  mass  flow  probe  for  use  in  short  duration  hypersonic  flows.  NPL  AR  1004,  March  1962. 

[14]  -  J.P.  Chevallier 

Remarques  sur  les  sondes  de  ddbit  aasse  dans  les  souffleries  a  arc.  STA  22^me  Reunion  Rhodes  St 
Gen^se.  TP  ONERA  169,  septembre  1964. 

[15]  -  J.P.  Chevallier 

R6ponse  transitoire  de  sondes  theraiques  (1st  Int.  Congress  on  instru.itcritat  :oii  in  Aerospace 
Simulation  Facilities.  Paris,  1964). 

[16]  -  R.K.  Lobb 

Experimental  measurement  of  shock  detachment  distance  on  spheres  fired  in  air  at  hypervelocit  i«.s . 
AGARD  Proc.  The  high  temperature  aspects  of  hypersonic  flow  3-6  avril  1962,  pp.  519-627. 

[17]  -  Yu.  P.  Golovachov 

Similarity  properties  in  the  problem  of  flow  from  a  supersonic  source  past  a  sp-tricai  blunt  nc-ss . 
Int.  J.  Heat  Mass  Transfer  Vol  28  N®  6,  pp.  1165-1171,  1985. 


[18]  -  J.G.  Hall,  k.Q.  Eschenroedsr,  P.V.  Marrone 

Inviscid  hypersonic  air  flows  with  coupled  non  equilibrium  process.  IAS  Pap.  62.6'’,  1962. 

Tableau  1  ESPECES  CT  REACTION  CHIMIQUES  UTILISEES 
DANS  LE  PROGRAMME  ''HORS  EQUILIBRE" 


IS  S^fcCiooa 


I  Oj  +  0 


2  0, 


4  K, 


5  N, 


7  NO  +  M  <- 


9  0  <•  Nj 

10  M  +  Oj 

11  »  +  0 

12  0  +  0 

13  N  +  N 


e-.  0,, 

.  N,, 

20  > 

0 

20  + 

O2 

20  -f 

H 

2N  + 

N 

2N  4- 

'*2 

2N  + 

N 

M  +  0  +  M 

:  NO 

NO  + 

N 

NO  ♦ 

0 

HO*  + 

e 

V" 

e” 

N^*  *■ 

NO*  ♦ 

NO 

02  + 

NO* 

2.110'®  T""'®  e  (Ca-  oou''s'') 

3.610^'  T"'-^  e  (-^^1^)  (Co’  mole''s‘') 
,.21o2'  T-'-®  e  (-^)  (C-’  001*-'^') 


2.410^'  T"'’^ 


2.8I0'®  T'°'^ 


1.110'® 


3.21o’®  T"' 


(Co®  mole  ') 
(Co®  oole  ^s”') 
(Co®  oole  ^8  ' ) 


9.110^®  T'^'® 


e  ( 


(  ” 

-65051 


RT 


n  ,-37728, 
5  10'^  '  ^-T-> 


)  (Co*  oole  '3  ') 
(  "  ’’  ) 


lo'^  t"-® 


5.410^'  T"'  ® 


10'®  T-®-® 


,3122 


)  (  " 
(  " 

(  " 
(  " 

(  " 

C" 


) 


K  reprdsentant  les  espdees  catalytiques  autres  que  celles  concern^es  A  savoir  pour  les  reactions  : 


3 

N. 

e,  N2 

.  NO,  0*2,  N*2, 

6  : 

0, 

e,  O3 

.  NO,  0*2,  NO* 

7  ; 

0, 

N,  e, 

O2 ,  N2 ,  NO,  0+2 

SiocX«ge  Btf 


s.Performances  limites  du  gdn^rateur  de  p 


RSYNOOS 


Fig.A.Domaine  de  simulation  Mach,  Reynolds 


Fig.9_ circuits  de  servitudes  du  g^ndrateur  JP  50 


Caisson  de  mesure 


Fig. 


-  Prsssion  en  et  hors 
equilibre  dans  la  ruy&re. 


Fig. 


12 


-  Masse  volumique 
equilibre  dans  la 


en  et  hors 
tuyere . 


Fig.  13  -  Temperature  en  et  hors 
equilibre  dans  la  tuyere 


Fig.  14  -  Vitesse  en  et  hors 

equilibre  dans  la  tuyere. 


Envelopp*  _ 

interne 


Separateur 


Ensemble  porte-sonde 


:  kitJiea 


Ai»,hl,  ■  kisTlik  Socf  .  Sts  iisr/ut*,  Cy  t  << 

/<#*//•<»/#  Jt  } 


Fig.  19  Etalonnage  dynamique  d'une  sonde 


4-1 


SBOCE  rUHMSLS  FOR  BEAL  OAS  HYPERSCMICS 

by 

R.J.  Stalker 

Department  of  Mechanical  Engineering 
University  of  Queensland 
Brisbane  Qld  4067 
Australia 


SOMOBT 

The  application  of  free  piston  shock  tunnels  to  the  simulation  of  real  gas  effects  in  hypersonic 
flight  is  discussed.  It  is  pointed  out  that  the  primary  simulation  variables  for  this  purpose  are  the 
stagnation  enthalpy  and  the  binary  scaling  parameter.  The  free  piston  reflected  shock  tunnel  is 
considered  first,  and  it  is  shown  how  test  time  limitations  play  a  major  role  in  determining  the 
limiting  stagnation  enthalpy  for  a  given  model  size.  Nevertheless,  flight  values  of  the  two  simulation 
variables,  for  vehicles  similar  to  the  Space  Shuttle  Orbiter,  can  be  matched  by  an  existing  free 
piston  shock  tunnel  up  to  speeds  of  7  km.s  .  Experiments  performed  in  this  shock  tunnel  are 
used  to  demonstrate  real  gas  effects  in  model  flows. 

Radiative  energy  loss  limits  the  maximum  stagnation  enthalpy  available  with  reflected  shock  tunnels. 
Fortunately,  operation  in  the  non-ref lected  mode  circumvents  this  limitation  and,  in  addition,  allows 
higher  values  of  the  binary  scaling  parameter;  although  it  also  leads  to  greatly  reduced  test  times. 
The  use  of  the  prior  steady  flow  technique  to  enable  high  enthalpy  non-ref lected  shock  tunnel  operation 
Is  described,  and  examples  of  experiments  performed  in  the  facility  are  used  to  demonstrate  that  short 
test  times  do  not  preclude  worthwhile  experimentation.  A  variant  of  the  free  piston  shock  tunnel,  which 
is  Intended  for  propulsion  research  at  high  velocities,  also  is  briefly  described. 


1.  IMTAODOCTIOV  -  BEAL  GAS  81M01ATIOM  BS00IBENEBT8 

Real  gas  effects  are  a  feature  of  hypersonic  flow  at  high  flight  speeds.  They  influence  phenomena 
such  as  boundary  layer  heat  transfer,  shock  layer  vortex  shedding,  shock  detachment,  centre  of  pressure 
location,  control  surface  effectiveness  and  combustion  heat  release  in  propulsion  systems. 

for  most  problem*  associated  lifting  vehicles,  the  dominant  real  gas  effects  are  associated 

with  the  dissociation  of  oxygen  and  nitrogen.  this  begins  when  the  gas  experiences  the  sudden 

temperature  rise  which  occurs  when  it  crosses  the  bow  shock  from  the  vehicle  and,  because  the 
dissociation  reactions  take  a  finite  tine  to  come  co  completion,  it  continues  for  some  distance 

downstream.  *he  gas  in  a  non-equilibrium  state.  An  indication  of  the  magnitude  of  this  distance 

is  given  in  fig.l,  where  normal  shock  calculations  have  been  slightly  modified  to  show  the  streamwise 
variation  of  density  In  a  stream  tube  which  crosses  a  normal  shock,  and  subsequently  remains  at  constant 
pressure  as  it  passes  downstream.  The  distance  downstream  is  expressed  in  terms  of  the  binary  reaction 
variable,  %  *  px/u,  where  p  is  the  pressure,  u  is  the  velocity  and  x  is  the  distance  from  the  shock. 
It  can  be  seen  that  in  terms  of  this  variable,  two  curves  at  different  altitudes  (l.e.  different 
densities)  and  the  same  flight  speed  are  the  same  for  a  considerable  distance  downstream. 

The  reason  for  this  Is  that  this  part  of  the  non-equilibrium  process  Is  dominated  by  the  forward 
chemical  reactions  which  increase  the  dissociation  levels.  Al.*  these  are  reactions  which  involve  only 
(2 ) 

two  components  ,  and  therefore  the  cate  at  which  they  proceed  is  proportional  to  the  density  or,  at 
the  same  temperature  and  dissociation  level,  to  the  pressure.  Now,  as  also  may  be  seen  from  fig.l.  when 
the  gas  begins  to  approach  an  equilibrium  state  the  curves,  which  were  Identical,  increasingly  di'.'*‘rge. 
This  is  because  the  backward,  recombination,  reactions  play  an  Increasingly  important  role,  and  since 
these  involve  three  con^jonents,  the  direct  proportionality  between  reaction  rate  and  density  no  l.nger 
applies.  The  binary  scaling  variable  %  then  ceases  to  be  effective  in  correlating  flows  ac.  oifferent 
densities. 

An  indication  of  the  limits  to  the  binary  scaling  regime  for  flight  vehicles  may  be  obtained  by 
plotting  two  boundaries  on  a  velocity-altitude  diagram,  as  in  fig. 2.  Here  the  flow  downstream  of  a 

shock  Inclined  at  an  angle  of  40<^  to  the  oncoming  flow  is  considered,  since  this  is  likely  to  be  more 

representative  of  the  flow  field  about  a  re-entry  glider  than  a  normal  shock.  Using  curves  similar  to 
fig.l,  a  lower  "equilibrium"  boundary  can  be  drawn.  For  altitudes  below  this  boundary,  the  reactions 
require  a  distance  of  less  than  1  metre  after  the  shock  to  reach  equilibrium  and,  since  this  may  be 
expected  to  be  an  order  of  magnitude  less  than  the  typical  dimer.sions  of  a  flight  vehicle,  most  of  the 

flow  about  the  vehicle  can  be  expected  to  be  In  equilibrium.  An  upper,  "frozen",  boundary  also  may  be 

drawn,  aJoove  which  no  significant  reactions  occur  for  distances  less  than  1  metre  from  the  shock.  Thus, 
reaction  effects  will  be  weak  close  to  this  boundary,  and  will  become  weaker  still  at  altitudes  above 
the  boundary.  It  may  be  noted  that  both  boundaries  tend  to  curve  steeply  to  lower  altitudes  as  speeds 
fall  towards  4  km.s.  .  This  is  a  manifestation  of  the  fact  that  real  gas  effects  behind  a  40^  shock 
are  becoming  very  weak  in  approaching  this  speed,  and  indicates  that  wind  tunnel  facilities  must  be  able 
to  comfortably  exceed  this  speed  if  they  are  to  produce  significant  real  gas  effects  in  the  general  flow 
field  about  a  re-entry  glider. 

Trajectories  for  the  Space  Shuttle  Orbiter  and  possible  Aero  assisted  Orbital  Transfer  Vehicles  also 
are  shown  on  fig. 2.  It  can  be  seen  that  they  fall  well  into  the  region  between  the  two  boundaries, 
without  approaching  closely  to  the  equilibrium  boundary.  This  is  fortunate,  because  it  implies  that 


recombination  effects  are  unimportant  In  the  flow  field  about  these  vehicles  and,  in  order  to  simulate 
real  gas  effects  in  a  shock  tunnel,  it  generally  is  necessary  only  to  ensure  that  the  effects  of  forward 
reactions  are  represented,  and  the^e  are  accommodated  by  matching  the  values  of  the  binary  scaling 
variable.  Similar  remarks  also  apply  to  an  acceleration  vehicle  because,  although  its  trajectory  on 
fig. 2  passes  close  to  the  equilibrium  boundary,  the  fact  that  it  may  be  expected  to  generate  shock 
angles  substantially  less  than  40®  over  most  of  Its  flow  field  implies  that  it  also  falls  into  the 
binary  scaling  regime. 

Thus  the  primary  requirements  for  real  gas  simulation  in  a  shock  tunnel  are: 

(i)  Matching  tunnel  to  flight  stagnation  enthalpies.  This  ensures  that  stream  energies  are 

sufficient  to  generate  real  gas  effects  of  appropriate  strength. 

(il)  Matching  values  of  the  binary  scaling  variable  at  corresponding  points  in  the  flight  and  wind 
tunnel  model  flo'«  fields.  This  can  be  done  by  matching  tunnel  to  flight  values  of  the  binary 
scaling  parameter  p^D.  where  p^  is  the  freestream  density,  and  D  is  a  typical  configuration 
dimension.  It  is  interesting  to  note  that  this  criterion  is  the  same 
as  that  for  matching  Reynolds'  numbers. 

This  paper  discusses  existing*  shock  tunnels  which  meet  these  requirements.  They  are  based  on  the 
use  of  a  free  piston  driver,  with  helium  driver  gas.  the  discussion  is  centred  first  on  the  reflected 

shock  tunnel,  and  then  on  the  non-ref lected  shock  tunnel,  showing  how  the  latter  extends  the 

capabilities  of  the  former,  though  with  a  much  reduced  test  time.  A  further  development  of  the  free 
piston  reflected  shock  tunnel^,  designed  to  allow  propulsion  experimentation,  is  then  briefly  outlined. 

2.  TBi  nua  pistoir  ruxccted  shock  tomkel 

The  free  piston  driver  employs  a  single  principle .  It  involves  filling  a  compression  tube 
with  driver  gas  at  a  relatively  low  pressure.  This  tube  is  coupled  to  the  shock  tube  at  one  end,  and  to 
a  reservoir  of  moderately  high  pressure  alt  at  the  other.  The  air  is  separated  from  the  driver  gas  by  a 
piston,  which  is  prevented  from  moving  until  the  facility  is  ready  to  fire.  When  the  piston  is  released 
it  is  driven  along  the  compression  tube,  accelerating  and  acquiring  energy  from  the  expanding  reservoir 
gas.  As  the  piston  approaches  the  downstream  end  of  the  compression  Cube,  its  energy  is  transferred  to 
the  driver  gas,  raising  its  pressure  and  temperature  to  the  point  at  which  the  shock  tube  diaphragm 
ruptures,  and  the  shock  tube  flow  is  initiated.  The  piston  Is  sufficiently  massive  that  the  time  scale 

of  the  driver  compression  process  is  roughly  two  orders  of  magnitude  longer  than  that  of  the  shock  tube 

flow  processes,  so  that  the  transient  peak  driver  conditions  produced  In  the  compression  process  can  be 
taken  as  quasi  steady  for  the  purpose  of  calculating  the  shock  tube  flow.  Thus,  high  temperatures  and 
pressures  can  be  generated  In  the  driver  gas,  without  introduction  of  contaminants,  and  this  permits  the 
high  shock  speeds  which  are  a  feature  of  the  method.  For  example,  a  regularly  used  test  condition 
involves  a  driver  gas  compression  ratio  which  raises  the  temperature  of  helium  oriver  gas  Co  <S0oK,  ana 
produces  tailored  interface  operation  with  air  test  gas  at  a  primary  shock  Mach  number  of  22.  The  basic 
layout  of  a  free  piston  reflected  shock  tunnel  is  shown  at  the  top  of  fig. 9,  and  more  details  of  the 
layout  of  such  a  facility  are  presented  in  refs. 3  and  4. 


(a)  Test  Time  and  Simulation 

The  question  of  stagnation  enthalpy  simulation  is  interwoven  with  test  time  considerations,  and  it 
Is  convenient  to  consider  the  latter  first.  it  is  limited  by  driver  gas  contamination  arising  from  the 
shock  boundary  layer  Interaction  which  occurs  as  the  shock  wave  reflects  from  the  downstream  end  of  the 
shock  tube.  As  shown  in  fig.3(a>  the  bifurcation  of  the  strong  reflected  shock  as  it  interacts  with  the 
shock  tube  wall  boundary  layer  causes  "jetting"  of  the  driver  gas  along  the  walls  when  the  shock  reaches 
the  contact  surface.  The  driver  gas  therefore  arrives  prematurely  at  the  nozzle  entrance,  and 
contaminates  the  test  gas. 

Davies  and  Wllson^^^  have  developed  an  approximate  theory  which  allows  test  times  to  be  estimated 
according  to  this  mechanism.  this  theory  has  been  extended  to  allow  for  the  effects  of  high  enthalpy 
operation  with  a  free  piston  drlver*^^  and  yields  estimates  of  test  times  as  shown  in  fig. 3(b).  The 
estimates  are  made  for  a  75  mm.  diameter  constant  area  shock  tube  but,  for  shock  tube  diameters  which 
are  within  a  factor  of  two  of  this  value,  the  test  time  can  be  taken  to  be  roughly  proportional  to  the 
diameter.  Also,  the  driver  gas  pressure  and  sound  speed  can  be  adjusted  to  take  account  of  the  area 
change  at  the  diaphragm  station  which  is  a  part  of  the  free  piston  driver  configuration.  For  the 
figure,  the  horizontal  axis  expresses  the  stagnation  enthalpy  in  terms  of  an  equivalent  flight  velocity, 
and  the  vertical  axis  expresses  the  test  time,  t,  in  terms  of  the  approximate  length  of  the  slug  of  test 
gas  which  passes  through  the  test  section  before  contamination  begins.  It  can  be  seen  that  with  given 
driver  gas  conditions,  the  test  slug  length  reduces  strongly  as  the  nozzle  stagnation  enthalpy  Is 
increased  but,  if  the  driver  sound  speed  is  allowed  to  Increase,  then  the  test  slug  can  be  maintained 
roughly  constant. 

It  is  worth  noting  that,  In  general,  this  theory  errs  somewhat  on  the  conservative  side,  as  demonstrated 
In  fig. 3(c).  This  displays  measurements  of  the  time  of  arrival  of  driver  gas  contamination  at  the  test 
section,  normalized  with  respect  to  the  theoretical  estimate.  Because  it  generally  is  difficult  to 
detect  the  driver  gas  by  aerodynamic  methods,  mass  spectrometry  has  been  employed  at  the  higher 
enthalpies^  and  mass  capture  probes  at  the  lower  ones^^^.  A  substantial  scatter  exists  in  the 


*  In  operation  at  the  Australian  National  University,  Canberra,  Australia, 
t  Under  construction  at  the  University  of  Queensland,  Brisbane,  Australia. 
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d4ta  at  the  upper  end  of  the  ei.thalpy  range  for  the  hydrogen  driver  results,  as  the  tests  approach  the 
tailored  interface  condition.  This  is  thought  to  arise  from  an  intermittency  in  the  passage  of  the  gas 
from  the  wall  jet  across  the  end  wall  of  the  shock  tube  and,  if  it  is  ignored,  then  the  general  trend  is 
for  the  measured  test  times  to  exceed  predictions. 

It  can  be  seen  that,  with  a  test  gas  slug  length  only  of  the  order  of  metres,  the  effect  of  the 
nozzle  flow  starting  process  on  the  test  time  becomes  important.  This  is  illustrated  in  fig. 4.  The 
figure  shows  the  double  snock  system  which  arises  from  the  expansion  of  the  test  gas  into  the  shock 
tunne!  nozzle  after  reflection  of  the  primary  shock  wave  at  the  end  of  the  shock  tube.  If  the  initial 
gas  density  in  the  nozzle  is  sufficiently  low,  this  shock  system  passes  through  the  nozzle  rapidly 
enough  to  ensure  that  it  is  always  followed  by  an  unsteady  expansion.  The  upstream  head  of  this 
expansion  (the  ”(u-a)  wave**)  marks  the  onset  of  steady  flow.  Taking  the  point  C  on  the  figure  as 
indicating  the  arrival  of  driver  gas  contaminant  at  the  entrance  to  the  nozzle,  it  will  transmit  to  the 
test  section  along  the  steady  flow  particle  trajectory  from  C.  It  then  follows  that  the  difference 
between  the  time  taken  for  the  (u-a)  wave  to  traverse  the  nozzle,  and  that  for  a  flow  particle,  will  be 
the  net  loss  of  the  test  time  associated  with  the  nozzle  starting  process. 

Some  estimates  of  this  test  time  loss  lead  to  the  rough  rule  of  thumb  that,  for  a  contoured  nozzle 
which  begins  with  an  included  angle  of  30®  at  the  throat,  it  can  be  given  as 

At  =  (2.5  /  M-I  +  14r)/^2h  , 

s  «•  s 

where  4  is  the  overalt  nozzle  length.  Is  the  test  section  Mach  number,  r  is  the  nozzle  throat  radius, 
and  hg  is  the  nozzle  stagnation  enthalpy.  This  is  plotted  in  fig  3(b)  for  an  M^  =  6  nozzle  1  metre  long, 
with  a  throat  radius  of  10  mm.  It  can  be  seen  that  it  reduces  the  useful  length  of  the  fest  gas  slug  by 
approximately  0.5  m,  and  that  this  is  enough  to  be  significant  at  high  enthalpies. 

The  remaining  test  slug  length  provides  an  Indication  of  the  size  of  models  which  can  be  tested  in 
the  shock  tunnel.  For  example,  for  boundary  layer  studies  without  separation^  the  steady  flow  test  slug 
length  must  approach  three  times  the  model  length.  thus,  the  4.4  km.s.  speed  of  sound  curve  in 
fig. 3(b)  allows  boundary  layer  studies  (including  heat  transfer  measurements)  to  be  made  on  models  which 
are  0.3  m.  long  at  values  of  up  to  ^  km.s.  .  Smaller  models  can  be  tested  at  higher  stagnation 
entnalpies.  this  example  shows  how  the  useful  stagnation  enthalpy  limits  of  a  shock  tunnel  are 
conditioned  by  the  model  size. 

The  value  of  the  binary  scaling  parameter,  P^O,  obtained  in  a  shock  tunnel  depends  or  the  test 
section  density,  as  well  as  the  model  $*«.«.  Mith  a  given  nozzle  reservoir  pressure  (l.e.  pressure  at 
the  end  of  the  shock  tube  after  the  shock  reflection  process  is  completed)  the  density  can  be  increased 
by  reducing  the  test  section  Mach  nuti^r.  for  a  given  test  section  size,  this  is  limited  by  the 
allowable  nozzle  throat  size,  consistent  with  avoiding  excessive  drainage  of  gas  from^^the  shock 
reflection  region.  in  fact,  this  reguiremenc  is  not  too  demanding  and,  for  the  4.4  km.s.  speed  of 
sound  curve  in  fig.  3(b),  it  is  possible  to  operate  a  nozzle  with  throat  and  test  section  diameter  of  25 
mm.  and  250  mm.  respectively  to  produce  test  flow  Mach  numbers  ranging  from  6.5  to  5.5,  depending  on  the 
stagnation  enthalpy.  With  this  nozzle,  a  model  0.3  m.  long,  and  a  flight  to  model  scale  ratio  of  100:1, 
it  Is  possible  to  establish  a  simulation  boundary  on  a  velocity-altitude  diagram.  This  is  shown  in 
fig.  5,  as  the  M  *  6  boundary.  Since  the  flight  value  of  p^D  can  be  simulated  for  any  point  above  this 
boundary,  by  reducing  the  nozzle  reservoir  pressure  or  the  throat  size,  it  follows  from  the  figure  that 
much  of  the  high  enthalpy  portion  of  the  Space  Shuttle  Orbiter  trajectory  can  be  simulated. 


3.  RUL  QMS  TV3tl  EXPCRJKEIITS  III  TBE  RtlXCTKD  SHOCK  TURNBL 

A  number  of  basic  research  studies  Involving  non-equilibrium  real  gas  effects  have  been  performed 
in  the  free  piston  reflected  shock  tunnel,  T3,  in  Canberra,  and  some  examples  are  briefly  outlined  here. 


(a)(i)  Non-equilibrium  Effects  in  Shock  Detachment 

Shock  detachment  is  a  feature  of  blunt  body  flows.  It  drastically  changes  the  flow  field  about  a 
body,  and  can  Influence  the  stability  characteristics  of  blunt  body  flight  configurations.  An 
investigation  of  non-equilibrium  real  gas  effects  on  shock  detachment has  been  conducted  for 
two-dimensional  wedge  configurations,  and  results  are  shown  in  fig. 6.  First,  tests  were  conducted  with 
argon  at  low  enthalpies  in  order  to  confirm  the  relation  between  shock  detachment  and  wedge  angle  in  the 
perfect  gas  case.  This  relation  then  was  used  to  predict  the  perfect  gas  shoc)t  detachment  for  nitrogen, 
and  is  compared  in  the  figure  with  measurements  taken  at  h^  »  22  MJ.kg.  .  It  can  be  seen  that  real  gas 
effects  inhibit  the  development  of  shock  detachment,  yielding  much  less  detachment  for  a  given  wedge 
angle  than  the  perfect  gas  case. 


(a)  (ii)  Constant  Temperature  Curved  Shock  * 

Analysis  of  the  non-equilibrium  flow  downstream  of  a  curved  shock  in  nltrogen^^^^  shows  that  the 
dissociation  reaction  is  quenched  close  to  the  shock,  at  a  temperature  which  is  independent  of  the  shock 
slope.  Thus,  the  constant  density  ratio  shock  wave  of  perfect  gas  hypersonic  flow  is  replaced  by  a 
constant  temperature  ratio  shock  wave.  This  will,  of  course,  be  evident  In  the  shock  density  ratio  and 
to  confirm  this  effect,  Mach  Zehnder  interferograms  were  used  to  measure  the  density  downstream  of  the 
curved  shock  formed  by  a  two-dimensional  cylinder  model.  The  results  are  shown  in  fig. 7.,  and  indicate 
density  ratios  consistent  with  a  constant  temperature  shock. 
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It  Is  interesting  to  note  thst  one  of  the  consequences  of  this  effect  is  a  change  in  the  vorticity 
doenstrean  of  the  shock. 


(a)  <lii)  Fiat  Plate  Heat  Transfer 

Thin  film  gauges  were  used  to  study  the  heat  transfer  on  a  flat  plate  0.5  m.  long.  The  results, 
shown  in  fig  &<aK  reveal  the  importance  of  surface  catalysis  effects.  For  the  test  conditions  of  the 
experiments,  the  oxidized  steel  surfaces  of  the  shock  tunnel  models  are  non-catalytic  and  the  increasing 
of  frozen  atomic  species  in  the  freestream  as  the  stagnation  enthalpy  is  increased  causes  a 
corresponding  increasing  reduction  in  heat  transfer  level.  This  is  evident  in  the  figure.  Also, 
increasing  the  tunnel  nozzle  reservoir  pressure  at  V^h^  =  5.7  km.s.  increases  the  forward  reaction 
rates  in  the  boundary  layer,  and  produces  the  further  reduction  in  heat  transfer  which  is  evident  in  the 
figure. 

Using  these  heat  transfer  values,  combined  with  available  catalytic  coefficients  for  Space  Shuttle 
Orbiter  tile  materials,  it  was  possible  to  predict  the  reduction  in  heat  transfer  which  is  shown  to  be 
consistent  with  flight  measurements  in  fig. 8(b). 


(b)  Tunnel  Limitations 


These,  and  other,  experiments  have  established  the  efficacy  of  the  free  piston  reflected  shock 
tunnel  for  real  gas  flow  experiments  up  to,  and  perhaps  somewhat  exceeding,  stagnation  enthalp^^^ 
corresponding  to  Earth  orbital  velocity.  However,  to  proceed  to  higher  stagnation  enthalpies,  it  is 
necessary  to  produce  substantial  levels  of  ionization  In  the  test  gas  at  the  end  of  the  shock  tube 


(12>,  (13) 


it  was  found  that 


after  shock  reflection  and,  in  experimental  studies  of  this  region 
radiative  energy  losses  wer^  rc  allow  effective  reflected  shock  operation.  Thus,  a  "radiation 

barrier"  prevented  the  attainment  of  significantly  higher  stagnation  enthalpies. 


Also,  some  desired  experiments  called  for  higher  nozzle  reservoir  pressures  than  were  achieved, 
either  to  increase  the  value  of  the  binary  scaling  parameter,  or  to  increase  the  Mach  numJoer  without 
reducing  the  binary  scaling  parameter. 


In  order  to  meet  both  these  requirements,  the  facility  was  developed  to  operate  in  the  non-ref lected 
shock  tunnel  mode. 


4.  THE  ntEK  PISTON  NON-SSTLECTCO  SHOCK  TUNNSL 

Non-reflected  shock  tunnel  operation  has  been  employed  by  previous  experimenters  (e.g.  ref.M).  ic 
requires  that  nozzle  flow  starting  times  be  minimized,  and  this  has  been  effected  by  using  a 
pre-evacuated  nozzle,  with  a  light  diaphragm  near  the  nozzle  entrance.  However,  this  is  not  possible 
with  the  short  test  times  which  are  available  in  shock  tubes  at  high  stagnation  enthalpies,  as  the 
diaphragm  fragments  cannot  be  removed  from  the  flow  sufficiently  rapidlv.  This  problem  was  circumvented 
by  developing  the  "Prior  Steady  Flow"  technique  for  starting  the  notzle^*^^. 


(a)  The  Prior  Steady  Flow  Technique 

The  manner  in  which  the  technique  operates  can  be  seen  by  noting  that,  as  shown  in  fig. 4,  the 
starting  process  in  an  expanding  nozzle  normally  involves  the  formation  of  a  secondary  shock  wave, 
which  tends  to  propagate  upstream  into  the  test  gas.  Although  this  shock  wave  is  swept  downstream  by 
the  motion  of  the  test  gas,  it  can  be  strong  enough  to  cause  a  substantial  delay  in  starting  the  nozzle 
flow  and,  if  the  shock  tube  test  time  Is  short,  it  may  eliminate  the  steady  flow  period  in  the  nozzle 
altogether . 

The  prior  steady  flow  technique  weakness  the  starting  shock  by  establishing  a  steady  flow  of  test 
gas  through  the  nozzle  prior  to  arrival  of  the  primary  shock  wave  at  the  nozzle  entrance.  For  high  shock 
speeds,  the  velocity  of  the  prior  steady  flow  is  insignificant.  However,  the  associated  density 
distribution  in  the  nozzle  Is  such  that  the  starting  shock  system  Is  swept  through  the  nozzle  without 
significant  decay  in  velocity,  and  delays  in  nozzle  starting  associated  with  the  starting  shock  system 
are  eliminated.  Steady  flow  in  the  test  section  there^-'*'*  <s  established  upon  passage  of  the  (u-a)  wave 
In  fig. 4. 

Modification  of  a  free  piston  reflected  shock  tunnel  for  non-reflected  operation  is  shown  in  fig. 9. 
It  is  effected  by  removing  the  nozzle  and  test  section,  and  replacing  them  with  a  new  t“st  section,  and 
an  extension  to  the  shock  tube.  The  extension  is  surrounded  by  a  nozzle  feed  tank,  and  the  test  section 
is  vented  to  the  damp  tank  via  the  valve  assembly.  The  valve  Is  spring  loaded  to  open.  The  valve 
actuating  sleeve  is  rigidly  connected  to  the  shock  tube  and,  prior  to  a  test,  the  dump  tank  and  test 
section  assembly  is  moved  towards  the  shock  tube,  allowing  the  valve  actuating  sleeve  to  force  the  valve 
to  open.  The  flow  of  test  gas  is  initiated,  passing  from  the  shock  tube  and  feed  tank  to  the 
pre-evacuated  dump  tank.  The  feed  tank  is  large  enough  to  act  as  a  steady  state  reservoir  for  this 
prior  steady  flow,  ensuring  that  the  shock  tube  pressure  does  not  change  significantly  as  the  piston 
traverses  the  length  of  the  compression  tube.  When  the  piston  reaches  the  end  of  the  compression  tube, 
the  shock  tube  main  diaphragm  is  ruptured  and  the  shock  tube  flow  is  initiated. 
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With  the  non-ref lected  modification  installed,  the  overall  length  of  the  75  mm.  diameter  shock  Lube, 
in  the  T3  facility,  is  8.4  m.  The  entrance  to  the  nozzle  is  30  mm.  diameter,  and  the  nozzle  is 
contoured  to  produce  parallel  flow  at  the  test  section.  It  is  a  supersonic  to  hypersonic  nozzle, 
designed  for  an  area  ratio  of  16. 


(b)  Test  Time  and  Simulation 

Tne  non-reflected  shock  tunnel  avoids  the  "radiation  barrier",  because  at  least  half  of  the 
stagnation  enthalpy  takes  the  form  of  the  flow  kinetic  energy,  and  therefore  Is  not  subject  to  radiation 
loss.  However,  it  achieves  this  objective  at  the  price  of  greatly  reduced  test  times.  These  are 
displayed  in  fig. 10  in  the  form  of  test  slug  lengths,  as  in  fig. 3.  They  are  determined  by  recording  the 
termination  of  radiation  from  the  stagnation  point  of  a  blunt  body  in  the  test  section,  with  the  time 
taken  for  the  nozzle  starting  process  obtained  from  time  resolved  Mach  Zehnder  interferograms.  It  can 
be  seen  that  effective  test  slug  lengths  are  an  order  of  magnitude  less  than  those  obtained  with  the 
reflected  shock  tunnel. 

The  simulation  capability  of  the  non-reflected  shock  tunnel  is  shown  in  fig. 11.  As  for  fig. 5,  it  is 
possible  to  match  stagnation  enthalpy  and  the  binary  scaling  parameter  for  altitudes  above  the  shaded 
boundary.  Because  of  the  higher  effective  nozzle  reservoir  pressures  associated  with  non-reflected 
operation,  the  simulation  boundary  lies  at  a  lower  altitude  than  that  for  the  reflected  shock  tunnel  at 
comparable  stagnation  enthalpies. 

It  is  worth  noting  that  the  high  enthalpy  capability  of  the  non-reflected  shock  tunnel  affords  the 
interesting  possibility  of  simulating  flows  associated  with  entry  to  the  outer  planets.  The  atmospheres 
of  these  planets  are  hydrogen-helium  mixtures  but,  except  at  very  high  flow  energies,  the  helium  acts 
only  as  an  inert  diluent.  In  this  role,  it  can  be  replaced  by  neon  and,  with  hydrogen-neon  test  gas 
mixtures,  it  is  possible  to  produce  effects  associated  with  ionization  of  hydrogen  in  the  flow.  Por 
exan^Ie,  at  a  stagnation  enthalpy  of  140  HJ.kg.  ,  using  a  60%  Hj  -  40%  Ne  mixture,  it  is  possible  to 
simulate  flow  over  a  blunt  cone  under  conditions  corresponding  to  peak  heating  in  entry  to  the 
atmosphere  of  Saturn. 

5.  EXPERimns  III  TBI  KOM-nerUCTBD  8B0CX  rumiSL 

In  order  to  demonstrate  the  utility  of  the  non-reflected  shock  tunnel,  two  experiments  are  reported 
briefly.  The  first  demonstrates  the  high  enthalpy  capability  of  the  facility,  and  the  second  the  high 
nozzle  reservoir  pressure  capability. 


(a)  (i)  Ionizing  Wedge  Plows  of  Hydrogen-Neon  Mixtures 

Wedge  flows  of  60%  hydrogen  40%  neon  gas  mixtures  were  studied  using  Mach  Zehnder 
Interferometry^  .  Fig. 12  shows  a  forward  fringe  shift  (towards  the  leading  edge),  due  to  neutral 
particle  density  increase  across  the  shock  wave,  at  a  wedge  incidence  of  30^.  At  35^,  the  forward 
fringe  shift  is  followed  by  a  reverse  shift,  due  to  electron  production.  Close  to  the  surface,  a 
further  forward  fringe  shift  marks  the  presence  of  the  boundary  layer.  These  experiments  demonstrated 
that  steady  flow  over  simple  models  could  be  established  in  the  short  test  times  available.  The  results 
were  used  to  resolve  uncertainties  in  hydrogen  lonlzaton  rates  which  existed  in  the  literature  at  the 
time  of  the  experiments. 

(a)  Ui)  Non-equilibrium  Afterbody  Flows 

Mach  Zehnder  interferograms  were  taken  of  the  two-dimensional  flow  of  nitrogen  over  a  flat  plate  with 
a  cylindrically  blunt  nose'^^^ .  A  typical  result  Is  shown  in  fig. 11.  and  is  compared  with  results  of 
numerical  computations.  The  high  effective  nozzle  stagnation  pressures  allowed  a  hypersonic  flow  to  be 
produced  at  a  pitot  pressure  level  of  13  atm.,  thus  raising  the  test  section  density  high  enough  to 
allow  strong  real  gas  effects  to  occur  at  the  relatively  small  blunt  nose.  The  Mach  Zehnder 
interferograms  allowed  the  downstream  effects  of  the  flow  at  the  nose  to  be  observed.  An  experimental 
Interferogram  is  compared  with  results  of  numerical  confutations  in  fig. 13,  and  the  two  are  seen  to  be 
consistent  with  each  other,  except  near  the  surface,  where  the  experiments  indicate  much  lower  densities 
than  the  computations.  The  reason  for  this  discrepancy  had  not  been  resolved  at  the  time  of  writing. 


c.  h  wparuLBicm  sbocx  tuvibl 

The  search  for  a  means  of  dellverying  payloads  to  Earth  orbit  which  is  cheaper  than  those  used  at 
present  has  directed  attention  to  techniques  of  airbreathing  propulsion  at  speeds  approaching  orbital 
vjslocity.  In  order  to  produce  the  combustion  heat  release  which  is  essential  to  airbreathing  propulsion, 
it  is  necessary  to  limit  precombustion  air  temperatures  to  values  around  1500K,  even  with  hydrogen  fuel. 
At  the  high  stagnation  enthalpies  associated  with  high  velocity  flight,  this  implies  that  combustion  will 
take  place  under  hypersonic  conditions.  For  vigorous  hydrogen  combustion  to  take  place  within  a  length 
scale  of,  say,  100  mm.,  experiments  similar  to  those  reported  In  ref. 17  have  shown  that  pressures  of  the 
order  of  0.5  atm.  are  required  and,  at  a  Mach  number  of  ?,  this  requires  nozzle  reservoir  pressures 
approaching  2000  atm.  Since  test  times  In  the  non-rs,riected  shock  tunnel  are  considered  to  be  too  short 
for  most  propulsion  experiments,  it  was  necessary  to  develop  the  reflected  shock  tunnel  for  this 
purpose. 
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Now,  one  of  the  disappointing  features  of  the  free  piston  shock  tunnel  T3  has  been  the  pressure 
losses  experienced  in  passing  from  the  compressed  driver  gas  at  diaphragm  rupture  to  the  nozzle 
reservoir  region  at  the  downstream  end  of  the  shock  tube^^^^,  after  shock  reflection.  Whilst  the  reason 
for  this  is  not  understood  at  present,  model  studies  have  established  that  the  effect  can  be  overcome  by 
ensuring  that  the  face  the  piston  is  well  removed  from  the  entrance  to  the  shock  tube  at  diaphragm 

rupture.  To  accommodate  this,  whi’-t  producing  the  high  compressed  driver  gas  temperatures  necessary 
for  high  enthalpy  operation,  it  ,.s  neces^  *'y  to  use  a  long  compression  tube. 

The  construction  of  a  shock  tunnel  embodying  these  principles  is  nearing  completion  at  the  University 
of  Queensland.  It  employs  a  compression  tube  25  m.  long  and  228  mm.  in  diameter,  driving  a  shock  tube 
10  m.  long  and  75  mm.  in  diameter.  It  is  designed  to  produce  nozzle  reservoir  pressures  of  2000  atm. 
and,  although  it  obviously  has  potential  for  other  applications,  it  is  Intended  to  use  it,  in  the  first 
instance,  for  studies  of  hypersonic  combustion. 


7.  COMCLOSIOM 

A  discussion  of  the  requirements  for  simulation  of  real  gas  effects  in  hypersonics  leads  to  the 
conclusion  that,  for  flows  typical  of  re-entry  gliders  and  acceleration  vehicles,  only  the  behaviour  of 
the  forward  non-equilibrium  reactions  in  air  needs  to  be  simulated.  this  implies  that  stagnation 
enthalpy  and  the  binary  scaling  parameter,  p  D,  represent  the  two  primary  requirements  for  simulation. 


The  coupling  of  a  free  piston  driver  to  a  reflected  shock  tunnel  has  produced  a  facility  which  will 
satisfy  both  these  requirements,  for  flight  vehicles  similar  to  the  Space  Shuttle  Orbiter,  at  flight 
speeds  up  to  approximately  7  km.s.  .  The  simulation  capability  is  limited  by  the  test  time,  which  is 
fundamentally  determined  by  the  shock  boundary  layer  interaction  occurring  at  shock  reflection  in  the 
shock  tube.  Within  this  limitation,  test  times  are  sufficient  to  allow  realistic  experimentation  on 
hypersonic  real  gas  effects,  and  this  is  confirmed  by  the  results  of  some  typical  experiments. 

It  is  worth  noting  that,  although  stagnation  enthalpy  and  p^D  can  be  matched  in  the  tunnel,  the 
overall  simulation  will  be  imperfect,  in  that  freestream  composition  and  Mach  number  are  not  matched. 
However,  experience  has  shown  that  these  imperfections  are  not  a  major  impediment  in  many  reacting  flow 
situations,  largely  because  conditions  downstream  of  a  strong  shock  tend  to  be  independent  of  those 
upstream.  If  situations  occur  where  they  are  particularly  significant,  their  effects  could  be 
accommodated  in  numerical  real  gas  simulation  models,  implying  that  shock  tunnels  then  could  be  used  to 
provide  the  experimental  data  base  for  validation  of  these  models. 

Because  a  "radiation  barrier"  effect  limits  the  maximum  stagnation  enthalpy  available  in  a  reflected 
shock  tunnel,  and  high  nozzle  stagnation  pressures  are  sometimes  desired  for  real  gas  studies,  the 
non-ref lected  shock  tunnel  is  attractive,  notwithstanding  its  short  test  times.  The  prior  steady  flow 
technique  for  nozzle  starting  makes  high  enthalpy  non-refiected  shock  tunnel  testing  a  practical 
proposition.  It  produces  a  facility  which  will  allow  testing  with  stagnation  enthalpies  well  In  excess 
of  reflected  shock  tunnel  limits,  including  values  which  allow  simulation  of  the  effects  of  hydrogen 
ionization  on  the  gas  dynamics  of  entry  into  the  atmospheres  of  some  of  the  outer  plants.  At  lower 
stagnation  enthalpies,  values  of  p  D  appropriate  to  an  acceleration  vehicle  are  possible. 

When  the  established  capabilities  of  the  free  piston  reflected  shock  tunnel,  and  the  free  piston 
non-ref lected  shock  tunnel.  are  combined  with  the  designed  capabilities  of  a  new  high  enthalpy 
propulsion  shock  tunnel  which  currently  is  under  construction,  it  becomes  clear  that  shock  tunnel 
facilities  have  deve.oped  to  a  point  which  will  allow  experimental  study  of  real  gas  effects  ir 
hypersonic  flow  over  the  range  of  flight  speeds  which  are  likely  to  be  of  foreseeable  interest  to  beyond 
the  turn  of  the  century. 
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SUMMARY 

An  assessment  has  been  made  of  the  potential  for  hot  wire  and  laser  anemometer  measurements 
of  turbulent  fluctuations  in  hypersonic  flow  fields.  The  results  of  experiments  conducted  in  the 
AFWAL  M=6  High  Reynolds  Number  Wind  Tunnel  are  reported  and  comparisons  made  with  previous 
hot  wire  turbulence  measurements. 

LIST  OF  SYMBOLS 


The  following  symbols  are  not 

defined  in 

the  text. 

m 

mass  flux 

Subscripts 

Superscripts 

M 

Mach  number 

P 

pressure 

e 

edge 

■f  wall  variable 

T 

temperature 

f 

fluid 

'  fluctuation 

Ur 

friction  velocity 

m 

mass  flux 

—  lime  average 

U,  V 

mean  flow  velocity 

P 

particle 

'  rms  quantities 

mass  flux  sensitivity 

1 

total 

Ae, 

total  temperature  sensitivity 

w 

wire 

Au 

velocity  change 

y 

specific  heat 

P 

viscosity 

P 

density 

1.  INTRODUCTION 


In  the  post-Apollo  era.  a  time  of  reduced  space  effort  in  the  United  States  and  Europe,  the  subject 
of  hypersonic  aerodynamics  has  been  neglected  and  many  hypersonic  simulation  facilities  have  either 
been  scrapped  or  decommissioned.  However,  with  the  resurgence  of  planned  hypersonic  research 
associated  with  the  National  Aerospace  Plane,  for  example,  facilities  and  experimental  methods  for 
hypersonics  are  once  again  in  strong  demand. 

During  this  period  of  hypersonic  neglect,  great  strides  have  been  made  in  our  capabilities  to 
compute  complex  fluid  flows.  But.  reliable  flight  vehicle  designs  and  modifications  still  cannot  be 
made  without  recourse  to  extensive  wind  tunnel  testing.  At  present,  progress  in  computational  fluid 
dynamics  of  hypersonic  flows  is  restricted  by  the  need  for  reliable  experimental  data  and  an 
improved  understanding  of  both  the  physics  and  structure  of  turbulence  in  high  speed  flows  which 
can  be  used  for  the  development  of  empirical  turbulence  models  and  to  validate  Navier-Stokes  codes. 
Although  some  hot  wire  data  have  been  obtained  in  previous  years,  they  are  of  questionable 
reliability  due  to  the  assumptions  which  must  be  made  to  determine  velocity  fluctuation  levels  from 
the  measured  hot  wire  variables.  Currently,  there  are  few  compressible  flow  measurements  which 
could  be  used  for  modelling  purposes,  and.  since  additional  shear  stress  terms  may  be  significant  at 
high  Mach  numbers,  models  based  on  incompressible  measurements  may  not  be  realistic. 

Experiments  designed  to  aid  turbulence  modeling  of  hypersonic  'flows  and  verify  computer  codes  will 
require  extensive  flow  field  turbulence  measurements. 

Experimental  methods  in  lower  speed  regimes  have  also  made  significant  advances  due  primarily 
to  the  availability  of  high  power  lasers.  Their  introduction  has  enabled  the  field  of  laser  velocimetry 
to  expand  from  low  speed,  small  scale,  closely  controlled  laboratory  applications  to  the  measurement 
of  compressible  flows  in  large  scale  wind  tunnels.  (Ref.  1).  The  advent  of  the  laser  velocimeter  allows 
us  to  measure  velocity  fluctuations  directly  in  a  linear,  non-intrusive  manner.  Of  particular  value  is 
the  capability  it  offers  to  measure  some  of  the  compressible  turbulent  shear  stresses,  since  this  is  an 
impractical  task  with  hot  wires. 
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The  challenge  now  is  to  apply  these  new  computational  and  experimental  capabilities  to  the 
solution  of  current  and  future  hypersonic  flow  problems  in  a  cost  effective  and  timely  manner.  But, 
before  complex  and  expensive  test  plans  are  made,  an  assessment  of  the  potential  for  laser 
velocimetry  in  hypersonic  flows  must  be  made.  To  achieve  this,  fundamental  questions  of  seeding  and 
optical  sensitivity  must  be  answered  by  experimentation.  The  purpose  of  this  work  was  to  make  such 
a  determination  for  flowfield  measurements  in  the  AFWAL  M=6  High  Reynolds  Number  Wind  Tunnel. 

2.  BACKGROUND 

Current  turbulence  measu.emeni  requirements  for  hypersonic  flow  fall  into  three  primary  areas, 
namely:  measurements  to  define  wind  tunnel  flow  quality  in  facilities  to  be  used  in  future  transition 
experiments,  measurements  of  basic  bench-mark  flows  to  support  turbulence  modeling  efforts  and 
measurements  to  determine  the  mechanisms  and  effects  of  large  scale  turbulent  interactions  in  flows 
of  immediate  practical  interest. 

At  present,  the  principal  research  tools  for  turbulence  measurement  in  low  speed  flows  are  hot 
wire  and  laser  anemometers.  In  hypersonic  flows,  hot  wires  can  be  used  reliably  to  measure 
treestream  mass  flux  and  total  temperature  fluctuations  but  cannot  be  used  in  flows  which  involve 
high  levels  of  turbulence,  separation  or  time-dependent  flow  reversal  which  are  often  associated  with 
shock/boundary  layer  interactions  (Ref,  2).  On  the  other  hand,  due  to  resolution  limitations,  the  laser 
anemometer  is  not  suitable  for  low  turbulence,  freestream  measurements.  But.  with  its  linear  and 
directional  sensitivity  it  probably  represents  the  instrument  of  last  resort  for  the  non-intrusive 
measurement  of  large  scale,  unsteady  turbulent  flows.  Thus,  it  is  important  that  the  practical 
problems  associated  with  both  hot  wire  and  laser  anemometry  are  addressed  and  that  redundant  hot 
wire  and  laser  velocimeter  experiments  and  comparisons  be  carried  out  to  determine  their  reliable 
ranges  of  application.  Measurements  to  support  turbulence  modeling  could  then  be  chosen  so  that  the 
attributes  of  both  techniques  could  be  applied  with  care. 

A  hot-wire  anemometer  senses  any  changes  in  the  variables  which  affect  the  rate  of  heat- 
transfer  between  the  wire  and  the  fluid.  Variations  in  heat  transfer  coefficient  can  change  both  wire 
temperature  and  resistance.  If  the  wire  is  made  part  of  a  suitable  electrical  circuit,  these  change:  can 
be  used  to  generate  a  signal  which  is  related  to  the  instantaneous  heat  transfer.  Thus,  as  Morkov.n 
(Ref.  3)  points  out.  for  the  correct  interpretation  of  the  electrical  signal  we  need  to  know:  1)  the 
identity  of  possible  fluid  flow  variations  (eg.  turbulence  or  sound).  2)  the  laws  of  heat  transfer 
between  the  wire  and  fluid,  3)  the  variation  of  wire  resistance  with  temperature  and  the  effects  of 
conduction  to  the  supports,  and  4)  the  response  of  the  associated  electrical  system  which  produces  the 
measured  current  or  voltage  variations. 

Unfortunately,  our  knowledge  in  each  of  these  categories  is  far  from  complete  and  could  well  be 
responsible  for  the  current  lack  of  reliable  data.  A  recent  review  (Ref.  4)  of  supersonic  and  hypersonic 
hot-wire  data  taken  in  zero  pressure  gradient,  adiabatic  or  isothermal  wall  boundary  layers  illustrates 
the  problem.  Fig.  1,  taken  from  Ref.  4,  shows  data  from  several  sources  for  the  fluctuating  axial 
velocity  component  The  scatter  is  so  large  that  it  is  impossible  to  construe  that  any  form  of  similarity 

with  Reynolds  or  Mach  number  exists.  The  picture  is  even  more  confusing  when  the  distributions  of 
the  other  two  normal  stresses  are  reviewed  (Ref.  4).  The  measured  shear  stress  distributions  (Fig.  2) 
once  again  show  that  no  pattern  of  similarity  can  be  observed.  Indeed,  only  Klebanoffs 
incompressible  measurements  (shown  for  comparison)  approach  the  anticipated  limiting  value  of 
unity  in  the  wall  region.  These  results  give  some  indication  of  the  deficiencies  in  the  measurement 
techniques  and  data  reduction  assumptions. 

The  problem  is  further  compounded  by  the  fact  that  a  significant  portion  of  the  available  studies 
were  conducted  in  wind  tunnel  nozzle  wall  boundary  layers  in  which  unknown  upstream  influences 
could  have  affected  the  turbulent  structure.  Also,  many  measurements  have  been  made  with  thin 
film  gages  which  have  doubtful  validity  for  quantitative  turbulence  measurements,  since  substrate 
thermal  feedback  causes  probe  sensitivities  to  vary  with  frequency.  It  is  particularly  serious  and 
complex  for  multiple  films  mounted  on  the  same  substrate  which  are  the  type  of  probes  used  for 
shear  stress  measurement.  Even  with  crossed-wire  probes,  data  interpretation  is  involved  and  can  be 
unreliable.  For  instance,  the  time-averaged  expression  for  one  component  of  the  compressible 
turbulent  shear  stress  is  (pv)'u'  whereas  the  hot-wire,  after  questionable  assumptions  (Ref.  .5), 
measures  (pu)'v'  which  differs  by  a  first-order  term.  Thus,  it  is  clear  that  systematic  investigations  of 
fluctuating  velocities  are  still  needed,  even  in  zero-pressure  gradient  compressible  boundary  layers  to 
establish  a  reliable  data  base  for  turbulence  modeling.  Clearly,  hot  wire  turbulence  measurements  in 
compressible  shear  flows  still  present  a  formidable  scientific  challenge.  Most  flows  of  practical 
interest  can  be  extremely  sensitive  to  probe  interference.  Local  turbulence  levels  also  normally 
exceed  those  for  which  reliable  hot  wire  measurements  can  be  expected.  Directional  intermittency  can 
give  rise  to  substantial  hot  wire  errors  (Ref,  6), 

There  are  other  factors  which  affect  the  reliability  of  hot  wire  measurements  in  flows  where 
more  than  one  mode  fluctuation  is  significant.  In  these  flows,  a  fundamental  hot-wire  anemometer 
requirement  for  meaningful  quantitative  measurements  is  one  of  high-frequency  response  over  a 


wide  range  of  wire  overheat  ratios.  This  requirement  is  needed  to  separate  mass  flux  and  total 
temperature  fluctuations  in  compressible,  non-isoihermai  flows.  But  it  brings  out  a  basic  flaw  in  the 
most  widely  used  tool  for  current  turbulence  research,  namely,  the  constant  temperature  anemometer 
(CTA).  This  weakness  is  illustrated  by  the  following  equation  for  the  CTA  frequency  response 

Mcta  =  Mw/('  +2rRwG)  1 


where  and  Mv^  are  the  lime  constants  of  the  anemometer  system  and  the  wire  alone, 

respectively,  r  is  the  wire  overheat,  R  is  the  wire  resistance  and  G  is  the  anemometer 

transconductance.  It  can  be  seen  that  the  CTA  frequency  response  is  directly  proponional  to  the  wire 
overheat  ratio  and  at  low  overheat  ratios  (r->0)  the  anemometer  system  time  constant  approaches  the 

wire  time  constant.  Since  can  range  from  I  to  5  ms  (frequency  response  from  32  to  160  Hz).  low- 

overheat.  constant  temperature  anemometer  measurements  are  clearly  open  to  question. 

Unfortunately,  low  overheat  measurements  are  required  to  determine  the  total  temperature 
fluctuations  and  the  mass  flux  total  »emperaiure  cross  correlation:.  But.  with  the  use  of  compensating 
amplifiers,  adequate  constant  current  anemometer  response  can  be  maintained  even  at  the  lowest 
overheat  ratios.  Comparisons  of  the  two  basic  hoi  wire  systems  have  been  made  in  Ref.  7.  The.se 
measurements  clearly  show  that  there  will  be  a  need  for  alternate  constant  current  anemometer 
measurements  in  many  hypersonic  flow  situations. 

Other  sources  of  hot  wire  turbulence  measurement  uncertainly  are  the  assumptions  involved  in 
reducing  the  hot  wire  measurements  of  mass  flux  and  total  temperature  fluctuations  to  terms  which 
appear  directly  in  the  momentum  and  energy  equations.  For  example,  to  obtain  the  axial  velocity 
fluctuation  levels,  we  assume  that  the  flow  field  is  isentropic  This  permits  us  to  write  the  energy 
equation  in  its  differential  form  as 


a  It 


(y  -  1)M^ 


9u  3p  dp 

u  *  P  ■  p 


2 


where  ct  «  1/(1 

Then  we  consider  the  equation  for  the  mass  flow  per  unit  area  and  lime  in  its  differential  form 


dm  3u 
m  “  u  *  P 


Substituting  for  3p/p  in  equation  2  gives 


,  .  j  9u  <>p  3m  3u 

(y-  *  -f  -  -nf-u- 


or.  collecting  terms,  we  obtain 

au  _ _ 1 _ ^  _ 1 _  _  3mi 

“  a  [  1  »  (y  -  DM^l  (1  *  (y  .  DM^l  ^  P  ^ 


4 


5 


which,  defining  P  =  a(Y  -  1)M2,  can  be  written  as 

^  _ \3jl  /  a  \r3p  3m-i 

U°\a.g/Tt  ° 

In  past  shear  layer  studies,  the  effect  of  pressure  fluctuations  has  been  negelected  so  that,  with 
pVp  «  1,0,  equation  6  may  be  written  as 

u  _  /  J _ \  ^  /  g  1  (pu)'  ^ 

Squaring  both  sides  of  this  equation  leads  to  an  expression  for  the  streamwise  turbulence 
intensity  in  the  form 

U’^  .  (  *  ,  2«  (pu)'Tt'  ^  /  a  (pu)'^ 

Jj2  Va*B-^  T?  (a-.B)*(^Tt)  ^oc  +  B'^ 


Clearly  the  measurement  accuracy  is  governed  by  a  pressure  fluctuation  assumption  which  is 
probably  not  valid  in  hypersonic  flows,  and  questionable,  low-overheat  determinations  of  the  first  two 
terms  in  equation  8.  The  procedures  used  to  evaluate  other  terms  which  appear  in  the  momentum 
and  energy  equations  are  reviewed  in  Ref,  5.  These  analyses  show  that  previous  hypersonic  hot  wire 
measurements  could  be  subject  to  substantial  errors. 

However,  recent  developments  in  laser  velocimetry  facilitate  the  non-intrusive.  linear 
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measurement  of  complex  high  speed  turbulent  flows  and  the  direct  measurement  of  some  shear  stress 
terms.  But,  before  laser  velocimetry  can  be  extended  to  hypersonic  flow,  some  basic  questions  must 
be  addressed.  The  primary  question  is  that  of  particle  size  requirement  for  reliable  response 
combined  with  adequate  Mie  scattering. 

The  motion  of  a  spherical  particle  in  a  fluid  flow  has  been  reviewed  and  summarized  by  Hinze 
(Ref.  8).  The  results  show  that,  given  the  particle  diameter,  specific  gravity  and  the  local  flow 
conditions,  the  particle  response  to  sinusoidal  velocity  fluctuations  of  the  surrounding  fluid  can  be 
estimated  from 


(d2pp/I8pf)(dVp/di)  =  (Vf-Vp)  =  0  9 

The  analysis,  which  assumes  Sioke's  drag  with  the  Cunningham  correction,  gives  the  panicle 
response  to  turbulent  fluctuations  in  the  moving  frame  of  reference  of  the  particle.  Equation  9  may  be 
transformed  to 


Vp(S)/Vj(S)  =  l/(TpS  +  1)  10 

where  S  is  the  Laplace  operator  and  Tp  is  the  lime  constant  defined  as 

Tp=d2pp/18^f  11 

By  substituting  iw  for  S  in  equation  10,  the  particle  response  in  the  frequency  domain  may  be 
written  as 


Vp/Vf  =  l/(Tp2(>)2  +  1)0  5  12 

where  to  is  the  frequency  of  the  fluid  flow  fluctuations  in  radians/sec.  However,  in  the  low  density 
and  static  temperature  environments  associated  with  hypersonics,  corrections  are  required  to  the 
Stoke's  drag  coefficient  which  extend  its  range  of  application  to  flows  where  the  Knudsen  number  is 
significant.  The  form  used  in  Ref.  9  results  in  a  modified  time  constant  which  may  be  writ'en  as 

Tp  =  (Pp  dp2/l8..,t(l  v  k  L/dp)  13 

where  k  is  the  Cunningham  constant  and  L  is  the  mean  free  path.  Clearly,  the  effect  of  increasing 
Knudsen  number  is  to  degrade  particle  response.  However,  when  the  Knudsen  number  is  large, 
equation  13  shows  that  relative  seed  particle  response  is  proportional  to  the  product  of  the  diameter 
and  specific  gravity  rather  than  the  square  of  the  diameter.  In  hypersonic  flow,  low  static  density  and 
gas  viscosity  associated  with  low  static  temperature  result  in  relatively  large  Knudsen  numbers. 
Therefore,  the  use  of  large  diameter,  low  specific  gravity  panicles  becomes  a  possibility. 

As  an  example,  figure  3  shows  some  calculated  particle  respon.se  curves  for  the  two  operational 
extremes  of  the  AFWAL  20  inch  Hypersonic  Wind  Tunnel.  The  curves  are  for  M=12  assuming  particle 
densities  of  I  gm/cc.  Also  shown  is  the  response  of  a  0.1  gm/cc.  5  micron  panicle  of  the  type  used 
previously  in  combustion  studies  (Ref.  10).  It  can  be  seen  that,  when  the  mean  free  path  is  large, 
Knudsen  number  effects  dominate  the  seed  particle  response  to  such  an  extent  that  the  lighter  5 
micron  particle  response  can  exceed  that  of  a  1  micron  water  droplet.  Indeed,  when  the  Knudsen 
number  is  large,  the  lighter  seed  material  can  have  essentially  the  same  response  as  that  of  a  0.5 
micron  droplet.  Since  the  intensity  of  the  scattered  light,  and  hence  signal  to  noise  ratio,  is 
proportional  to  the  square  of  the  particle  diameter  and,  since  the  number  of  photons  emitted  is 
proportional  to  the  time  of  tlighl  through  the  focal  volume,  the  advantages  of  using  large,  low  density 
particles  in  some  hypersonic  flows  is  clearly  evident. 

These  initial  calculations  indicate  that  final  seed  particle  choice  will  be  governed  by  the  ratio  of 
panicle  size  to  mean  free  path  and  may  well  be  different  in  other  test  facilities.  Figure  4  shows  the 
significance  of  this  effect.  Clearly,  the  flow  conditions  in  the  20  inch  facility  and  other  hypersonic  test 
facilities  will  be  in  the  Knudsen  number  range  where  careful  choice  of  seed  material  must  be 
exercised.  Mie  scattering  calculations  (Fig.  5)  which  show  the  effects  of  panicle  size  and  scattering 
angle  on  light  collection  indicate  that  the  use  of  larger  particles  may  be  mandatory  in  most  back- 
scatter  applications  where  the  scattered  light  intensity  can  be  reduced  by  several  orders  of  magnitude. 

Although,  at  first  glance,  panicle  response  appears  to  be  generally  poor  in  hypersonic  flows,  we 
must  remember  that  the  seed  material  is  convected  in  the  Lagrangian  frame  so  that  frequency 
response  requirements  are  relaxed  by  a  factor  porponional  to  the  difference  between  the  turbulence 
convection  and  the  local  mean  velocities.  To  compare  with  hot  wire  turbulence  spectra  observations, 
we  must  convert  the  frequencies  to  their  equivalent  counterparts  in  a  fixed  (Eulerian)  frame  of 
reference.  To  do  this,  we  assume  that  the  turbulent  fluctuations  relative  to  the  moving  particle 
approximate  those  observed  in  a  frame  of  reference  moving  with  the  local  mean  velocity.  Thus  the 


turbulent  frequencies  in  the  two  cases  are  related  by  a  velocity  ratio  Uc/U*Uc  where  Uf  is  the 
turbulence  convection  velocity.  Previous  hot  wire  work  in  the  Ames  3.5  ft.  Hypersonic  Wind  Tunnel 
(refs.  7  and  11;  has  shown  that  the  broad*band  disturbance  convection  velocity  is  close  to  0.8  of  the 
freestream  value  over  most  of  the  boundary  layer.  Thus,  the  particle  response  estimates  could  well  be 
increased  by  a  factor  of  five.  However,  close  to  the  wall,  where  the  turbulence  levels  are  highest, 
filtered  space-time  cross-correlation  measurements  (Ref.  7)  show  that  the  high  trequency,  small  scale 
turbulence  is  convected  at  velocities  within  5  per  cent  of  the  local  mean.  This  indicates  that  the 
particle  response  calculations  could  underestimate  the  actual  response  by  a  factor  of  twenty.  Thus, 
practical  particle  response  may  well  be  adequate  for  some,  if  not  all.  hypersonic  flows. 

Particle  trajectory  calculations  also  suggest  that  adequate  particle  response  and  recovery  across 
shock  waves  may  be  possible  in  some  flow  situations.  Fig.  6  shows  the  effect  of  a  normal  shock  on 
particle  response  in  the  AFWAL  20  inch  and  M=6  facilities.  In  these  calculations,  the  particles  are 
assumed  to  be  moving  with  the  gas  flow  ahead  of  the  shock  in  a  nominal.  0.1  ft.  thick  boundary  layer. 

It  can  be  seen  that  3db  (AUp/Auf  =  .707)  response  could  be  achieved  in  distances  comparable  to  or 
smaller  than  those  of  the  model  boundary  layer  thickness  in  many  flow  situations.  This  arises  since 
the  density  and  temperature  increases  which  occur  across  shock  waves  dramatically  improve  particle 
trackability  (see  Fig.  7).  Clearly,  extensive  particle  research  will  be  required  to  optimize  the  secrl 
materials  for  hypersonic  flows. 

3.  EXPERIMENTAL  DETAILS 

The  hot  wire  anemometer  and  laser  velocimeter  measurements  were  made  in  the  AFWAL  M=6 
High  Reynolds  Number  Wind  Tunnel,  which  is  an  open  jet.  blow  down  facility.  It  was  designed  to 
produce  a  maximum  free  stream  unit  Reynolds  number  of  3x10^  per  foot  and  operates  over  a 
stagnation  pressure  range  from  7(X)  to  2100  psia  at  a  fixed  stagnation  temperature  of  1 100  R.  The 
r,iipply  air  is  heated  in  a  pebble  bed  storage  heater  which  allows  run  times  of  up  to  1(X)  seconds  at  the 
maximum  mass  flow  rate  of  90  pounds  per  second.  The  measurements  were  obtained  in  the  tunnel 
empty  free  stream  and  on  two  model  configurations  namely,  on  a  zero  pressure  gradient  smooth  flat 
plate  and  in  a  pressure  gradient  flow  imposed  by  the  introduction  of  a  30  deg.  ramp. 

The  freestr'‘am  hot  wire  measurements  were  made  with  two  separate  anemometer  systems.  The 
mass  flux  fluctuations  were  determined  from  high  overheat  measurements  using  a  constant 
temperature  anemometer  and  the  total  temperature  fluctuations  were  measured  at  low  overheat 
ratios  using  a  constant  current  system.  Tbe  hot  wire  probes  which  had  length  to  diameter  ratios  of  « 
200  were  fabricated  from  0.0005  inch  dia.  Platinum-Rhodium  wires.  Probe  fabrication  and  calibration 
details  are  given  in  Ref.  5. 

Two  different  laser  velocimeter  configurations  were  used  during  the  test  program.  For  the  initial 
measurements,  a  single  component  forward  scatter  fringe  mode  system  was  fabricated  and  used  to 
measure  the  zero  pressure  gradient  velocity  profiles.  To  avoid  unknown  contamination  from 
upstream  flow  history,  these  mea.surements  were  made  irt  a  fully  developed,  zero  pressure  gradient, 
smooth  wall  boundary  layer.  The  second  system,  which  was  used  for  the  ramp  flow  measurements, 
utilized  the  4880  and  5145  Angstrom  lines  of  an  argon-ion  laser  and  is  shown  schematically  in  Fig.  8. 
One  spectral  line  was  used  to  measure  the  streamwisc  velocity  component,  the  other  to  measure  the 
vertical  velocity  component.  Bragg-cell  frequency  shifting,  a  necessity  for  probing  highly  turbulent 
and  separated  flow  regions,  was  incorporated  in  both  spectral  lines.  The  frequency  offsets  also 
facilitated  (he  direct  measurement  of  (he  vertical  velocity  component  (i.e,  ±45deg.  beam  orientaiiorvs 
to  resolve  the  vertical  velocity  were  unnecessary).  The  laser  and  most  of  the  optical  components  wete 
fixed  on  a  table  where  color  separation.  Bragg-cell  frequency  shifting  and  the  establishment  ot  the 
four-beam  matrix  were  accomplished.  Only  the  transmitting  optics,  collecting  lens  and  photo  detectors 
moved.  The  traverse  system  on  the  opposite  side  of  the  test  section  from  the  laser  held  the  collecting 
lens  and  photo  detectors  for  forward  scatter  light  collection.  The  traversing  system  on  the  laser  side 
of  the  test  section  supported  the  transmitting  mirrors  and  lens. 

Seed  particle  selection  was  made  from  theoretical  particle  response  estimates  shown  in  Fig.  9. 
Bearing  in  mind  the  tunnel  total  temperature  requirement,  a  high  flash  point  fluid  (Dow  Coming  704) 
was  chosen  as  the  seed  material.  The  fluid  was  injected  through  a  small  atomizer  ahead  of  the  throat. 
The  subsequent  nozzle  flow  accelerations  and  shear  were  then  sufficient  to  break  up  the  seed  material 
into  a  fine  mist  of  nominally  0.5  pm  particles.  With  seed  mass  flow  and  injector  pressures  optimized, 
data  rates  of  up  to  600/sec  on  both  channels  were  obtained.  Signal  processing  in  both  cases  was 
accomplished  with  single  particle  burst  counters.  However,  since  no  coincidence  requirement  was  pul 
on  the  two  component  arrival  limes,  shear  stress  calculations  could  not  he  made.  But,  since  these 
measurements  were  made,  we  have  significantly  improved  our  data  acquisition  and  reduction 
capabilities.  These  are  described  in  the  Appendix. 


5-6 


4.  TEST  RESULTS  AND  DISCUSSION 

4.1  Hot  Wire  Freesiream  Measurements 

One  of  the  largest  sources  of  uncertainty  in  proposed  testing  of  hypersonic  flight  vehicles  will  be 
consistent  documentation  of  the  extent  of  transitional  flow  on  wind  tunnel  test  models.  However,  past 
research  has  stressed  the  dominant  role  that  freesiream  fluctuations  have  on  model  boundary  layer 
stability  at  supersonic  speeds.  Not  only  do  the  external  fluctuation  amplitudes  influence  transition, 
their  spectra  are  also  significant.  Unfortunately,  frecstream  turbulence  intensity  and  scale  vary  with 
facility  so  that  a  reliable  model  transition  data  base  may  be  difficult  to  establish.  This  problem  could 
be  alleviated  if  assessments  were  made  of  flow  quality  in  facilities  which  are  likely  to  be  used  in 
future  hypersonic  flight  vehicle  development.  These  documentations  would  allow  judgements  to  be 
made  as  to  the  meaningful  operational  range  of  adequate  How  quality  in  each  facility  relative  to  the 
proposed  test  program. 

With  these  thoughts  in  mind,  freesiream  hot  wire  measurements  were  made  in  the  M-6  facility 
and  have  been  compared  with  data  obtained  previously  in  the  NASA  Ames  3.5ft.  Hypersonic  Wind 
Tunnel  and  the  Langley  VDT.  The  present  hot  wire  data,  plotted  in  mode  diagram  form,  are  shown  in 
Fig.  10.  Since  these  mode  diagrams  are  linear,  the  two  hot  wire  sensing  variables  namely  the  mass 
flux  and  total  temperature  fluctuation  levels  can  be  determined  from  the  slope  and  intercept 
respectively  (Ref.  12).  The  total  temperature  measurements  obtained  from  the  intercept 
determinations  have  been  confirmed  by  independent  constant  current  anemometer  measurements. 
Disturbance  levels  obtained  over  the  entire  operating  range  are  shown  in  Fig.  11.  It  can  be  seen  that 
the  mass  flow  fluctuations  increase  with  tunnel  total  pressure  and  range  from  0.6  to  1.6  per  cent.  On 
the  other  hand,  the  total  temperature  fluctuations  range  between  0.5  and  1.0  per  cent.  I  wo  sets  of 
data  obtained  in  the  Ames  3.5  ft.  facility  are  shown  for  comparison.  The  first  set  was  taken  in  the 
original  test  configuration,  the  latter  after  the  tunnel  was  convened  to  a  free  jet  test  section.  The 
lower  levels  in  the  AFWAL  M=6  facility  could  be  due  in  pan  to  the  favorable  inlTuence  of  flow 
treatment  screens  installed  in  the  stagnation  chamber. 

But,  if  we  assume  the;  the  disturbances  sensed  by  the  hot  wire  are  p'’e'^ominantly  sound  waves 
radiated  from  the  turbulent  nozzle  wall  boundary  layers,  the  pressure  fluctuation  levels  can  he 
estimated  from  hot  wire  data.  Hot  wire  theory  shows  this  assumption  to  be  consistent  with  linear 
mode  diagrams  which  are  shown  in  Fig.  10.  The  results  of  these  calculations  are  shown  in  Fig.  12  and 
comparison  made  with  the  Ames  HWT  and  Langley  VDT  facilities.  These  results  clearly  show  the 
improved  flow  quality  in  the  M=6  facility.  But,  sound  is  not  the  only  disturbance  mode,  temperature 
spottiness  probably  due  to  non-uniform  heating  of  the  supply  gas  is  not  negligible  (Fig.  11),  Thus,  the 
pressure  level  estimates  from  the  hot  wire  data  should  be  viewed  as  upper  bounds,  the  actual  levels 
should  be  somewhat  lower.  Direct  pressure  measurements  should  confirm  this. 

Turbulent  integral  length  scales  have  also  been  determined  from  the  hot  wire  time  histories.  The 
characteristics  of  two  hot  wire  signals  are  shown  in  Fig.  13,  One  for  a  pressure  of  930  psia,  the  other 
for  a  pressure  of  1860  psia.  These  traces  clearly  show  the  increased  high  frequency  (smaller  length 
scale)  contribution  at  the  high  tunnel  total  pressure.  Low  frequency  (large-scale)  contributions  are 
also  apparent  in  both  hot  wire  traces.  In  genera),  most  of  the  energy  is  concentrated  at  low 
frequencies.  Auto  correlation  measurements  show  the  turbulent  integral  length  scales  to  be  of  the 
order  of  the  jet  exit  diameter. 

4.2  Laser  Velocimeter  Measurements 

Important  methods  used  to  predict  compressible  turbulent  boundary  layer  flow  fields  are 
compressible-incompressible  transformation  techniques.  Their  appeal  is  the  desire  to  employ  their 
simplicity  and  accuracy  for  simple  flat  plate  flows.  In  Ref.  11.  three  such  transformation  techniques 
were  used  and  it  was  concluded  that  the  Van  Driest  method  was  superior  when  the  data  were  plotted 
in  law-of-lhe-wall  and  velocity  defect  coordinates.  Accordingly,  such  transformations  should  provide 
a  check  on  the  accuracy  of  the  mean  velocity  profiles  measured  with  the  laser  velocimeter. 

Mean  and  fluctuating  axial  velocity  profiles  were  measured  at  several  stations  in  the  zero 
pressure  gradient  flow.  Measurements  obtained  for  a  momentum  thickness  Reynolds  number  of  80(X3 
are  shown  in  Fig,  14,  which  shows  the  results  of  the  law-of-ttle-wall  transformation  when  the  data  are 
compared  with  the  incompressible  correlation  of  Coles  (Ref.  13).  This  transformation,  made  using  a 
wall  friction  velocity  based  on  the  calculated  local  skin  friction,  confirms  the  validity  of  the  mean 
velocity  measurements.  In  the  law-of-the-wall,  the  data  have  the  correct  incompressible  slope  and 
show  a  wake-like  region  near  the  outer  edge  of  the  boundary  layer  similar  to  the  incompressible 
observations.  The  same  data  have  also  been  transformed  to  velocity-defect  variables  in  Fig,  15.  The 
agreement  in  the  outer  portion  of  the  boundary-layer  is  consistent  with  the  wake-like  behavior 
displayed  in  law-of-the-wall  variables.  Once  again,  there  is  good  agreement  with  the  incompressible 
correlation. 

A  more  stringent  test  of  particle  response  was  also  made  by  perturbing  the  flow  with  the 
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introduction  of  a  30  deg.  ramp.  A  direct  comparison  of  ramp  induced  effects  on  the  mean  and 
turbulent  flow  fields  can  be  seen  in  Fig.  16  where  measurements  obtained  at  the  same  streamwise 
station  are  presented.  These  measurements  obtained  at  a  station  0.3  boundary  layer  thicknesses 
ahead  of  the  ramp  clearly  show  retardation  of  the  flow  due  to  the  imposed  adverse  pressure  gradient 
aud  a  signiHcant  increase  in  turbulence  level  over  a  wide  region.  The  vertical  velocity  profile 
measured  at  the  same  location  ahead  of  the  interaction  is  shown  in  Fig.  17.  Local  flow  angularity 
profiles  across  the  boundary  layer  have  been  calculated  from  the  two  component  laser  measurements. 
These  results  (Fig.  18),  show  that  particle  response  is  sufficient  to  produce  local  flow  angles  close  to 
the  wedge  deflection  angle  in  the  shear  layer  just  upstream  of  the  interaction. 

The  results  of  the  most  stringent  test  of  the  laser  vclocimeter  measurements  are  shown  in  Fig.  19 
where  the  zero  pressure  gradient  turbulence  measurements  are  compared  with  Klebanoffs 
incompressible  results.  There  is  good  agreement  between  the  hypersonic  laser  vclocimeter  and 
incompressible  hot  wire  data  when  normalized  by  the  wall  friction  velocity.  This  is  in  contrast  to 
previous  hot  wire  compressible  flow  results,  reviewed  in  Ref.  7,  which  show  a  monotonic  decrease 
with  increasing  Mach  number.  However,  all  these  past  results  have  been  evaluated  assuming  zero 
pressure  fluctuations  which  we  would  expect  to  become  more  important  with  increasing  Mach 
number.  It  can  be  seen  from  equation  8  that  this  assumption  could  have  a  significant  influence  on  the 
calculated  hot  wire  velocity  fluctuations  at  high  Mach  numbers. 

A  comparison  of  the  zero  pressure  gradient  and  ramp  induced  turbulence  level  profiles  shows 
that  the  streamwise  turbulent  kinetic  energy  for  the  ramp  flow  is  more  than  three  times  that  for  the 
flat-plate  boundary  layer.  Turbulent  mixing  length  scales,  calculated  using  local  rms  levels  and  mean 
flow  gradients,  are  an  order  of  magnitude  larger,  an  indication  of  the  large  scale,  unsteady  character  of 
the  flow  field  ahead  of  the  interaction.  Turbulence  levels  based  on  local  mean  flow  values  exceed  30 
per  cent  in  the  wall  region  so  that  significant  hot-wire  measurement  errors  and  flow  interference 
would  arise.  At  this  high  intensity,  large-scale  turbulence  results  in  directional  intermittency  of  up  to 
15  per  cent  ahead  of  the  time-averaged  recirculation  zone.  Clearly,  hot-wire  measurement  errors 
associated  with  directional  intermittency  would  be  considerable  (see  Ref.  6). 

5.  CONCLUDING  REMARKS 

Diagnostic  tools  are  available  to  attempt  the  measurement  of  turbulent  hypersonic  flows,  an  area 
where  comprehensive  studies  are  lacking.  However,  measurement  techniques  must  be  used  with 
understanding  and  care  in  appropriate  test  situations.  Comparisons  of  the  present  laser  velocimeter 
turbulence  measurements  with  previous  hot  wire  results  indicates  that  past  data  reduction 
assumptions  can  result  in  significant  measurement  errors  in  hypersonic  flows.  Extensive  work  is 
needed  to  establish  a  reliable  data  base  for  turbulence  modeling  and  to  define  the  reliable  ranges  of 
hot  wire  and  laser  anemometer  application. 

The  laser  velocimeter  mean  flow  and  turbulence  measurements  were  in  good  agreement  with 
incompressible  results  and  the  ramp  induced  flow  angularity  measurements  were  consistent  with  the 
model  configuration.  Although  these  results  indicate  that  adequate  particle  tracking  is  possible  in  the 
M=6  facility,  considerable  work  is  still  required  to  optimize  seed  particle  requirements  and  to  define 
the  flow  regions  in  which  reliable  particle  tracking  can  be  expected  in  other  hypersonic  test  facilities. 
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APPENDIX 

Experience  has  shown  that  reliable  traverse  capability  and  real  time  data  acquisition  and 
reduction  are  a  requirement  for  efficient  operation  in  short  duration  hypersonic  blow  down  facilities. 
To  this  end.  a  computer  controlled  encoder  position  indicator  system  and  a  data  acquisition  system 
and  software  capable  of  on-line  data  reduction  and  display  have  been  built  and  tested.  Traversing  in 
three  dimensions  can  now  be  accomplished  by  microprocessor  controlled,  stepper  motor  driven  lead 
screws  (Fie.  20).  OptCa'  encoders  fee  l  '..uil.  ir.foiiiiation  to  a  des!.  top  computer  so  liiai 

immediate  corrections  for  backlash  or  slippage  on  any  axis  can  be  made.  In  addition  to  computer 
software,  the  data  reuuction  system  consists  primarily  of  two  elements;  an  event  synchronizer  and  a 
desk  top  computer  as  shown  in  Fig.  21.  Each  individual  realization  and  essentially  simultaneous 
arrival  time  is  recorded.  The  coincidence  requirement  ensures  that  the  '■elocities  are  obtained  from 
the  same  particle.  This  is  a  necessary  condition  for  shear  stress  measurement.  Each  data  point  taken 
by  the  processor  contains  the  information  required  to  calculate  the  instantaneous  velocities  u,  v,  w. 
From  these  determinations,  the  average  velocities  u,  v,  w,  turbulence  levels  u',  v',  w’  and  the  cross 
correlations  uV,  v'w',  u‘w'  are  all  calculated.  Plots  of  these  parameters  are  displayed  on-line  as 
profiles  are  measured  and  hard  copy  is  available  as  required.  All  the  raw  and  reduced  data  are  stored 
on  flexible  disks  for  permanent  storage  and  retrieval.  Real  time  histograms  and  probability  densities 
of  all  three  velocity  components  are  displayed  during  data  acquisition. 
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Fig.  I  Reynolds  normal  stress  distribution  in  compressible 
turbulent  boundary  layers  (Ref.  4). 


puvVp^u 


10 


KlebanoJf 


0  6 


0,2 


T  t  *  ; 

?  >•  «• 
f  *  f  ^  ♦ 

.  "  *‘is**, 

. . 


10 


10  10^ 
yUr/Uw 


10’ 


Fig.  2  Reynolds  shear  stress  disiribulion  in  compressible 
turbulent  boundary  layers  (Ref.  4). 


Fig.  3  Particle  Trackability  in  the 
AFWAL  20  inch  Hypersonic  Wind  Tunnel. 
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Fig.  7  Particle  Trackability  Variation. 


Fig.  9  Particle  Response  Bstimates  in  the 
M=6  High  Reynolds  Number  Wind  Tunnel. 


Fig.  iO  Mode  Diagrams.  AFWAL,  M  =  6.0. 
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Fig.  II  Mass  Flow  and  Total  Temperature  Fluctuations. 
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Fig.  12  Freestream  Pressure  Fluctuations. 


Fig.  13  Hot  Wire  Traces.  AFWAL.  M  =  6.0. 
Tinite  Scale  1  ms/ctn. 


Fig,  14  Law-of-the-wall  Correlation  in 
Incompressible  Coordinates. 


Fig.  15  Velocity-defect  Profile  in 
Incompressible  Coordinates. 
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Fig.  16  Mean  and  Turbulent  Velocity  Profiles. 


Fig.  21  Data  Acquisition  System. 
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SUMMARY 


Within  the  framework  of  some  theses  hypersonic  flows  have  been  investigated  theoret¬ 
ically  as  well  as  by  experiments  In  the  hypersonic  facility  "Gun  Tunnel"  of  the  institute. 
Some  of  these  activities  during  the  last  years  are  summarized. 

The  first  problem  to  be  treated  here  is  that  of  a  blunt  body  of  revolution  with  sub¬ 
sonic  blowing  in  the  stagnation  point  region  against  the  hypersonic  main  flow.  Surface 
pressure  and  heat  transfer  measurements  have  been  carried  out  for  two  bodies  at  different 
free-stream  Machnumbers  and  for  various  blowing  rates.  Remarkable  agreement  has  been  ob- 
tuined  in  comparison  with  a  combination  of  Newtonian  and  potential  theory. 

The  second  problem  discussed  in  detail  is  that  of  the  hypersonic  flow  in  corners 
formed  by  intersecting  swept  wedges.  The  corner  angle  and  the  leading-edge  sweep  angle 
have  been  varied  systematically.  The  flow  field  has  been  analysed  by  means  of  pitot 
pressure  measurements  in  a  characteristic  cross-section  and  the  flow  structure  near  the 
wall  has  been  determined  from  oilflow  pictures  as  well  as  from  wall  pressure  and  heat 
transfer  measurements.  Strong  vortical  flows  have  been  detected  underneath  the  corner 
shock  system.  Starting  from  a  90®  corner  of  unswept  wedges,  the  heat  flux  in  the  corner 
center  can  be  reduced  considerably  by  Increasing  the  corner  angle  and  by  sweeping  the 
leading-edges  back. 
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A  Cross-section  area 
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Subscripts 

D  Based  on  body  diameter 

T  State  at  the  dividing  stream  surface 

W  State  at  a  swept  wedge 

W,u  State  at  an  unswept  wedge 

j  State  in  the  ejection  tube 

1  Based  on  model  length 

max  Maximum  value 
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1.  INTRODUCTION 

The  hypersonic  test  facility  "Gun  Tunnel"  of  the  Deutsche  Forschungsanstalt  fur  Luft-  und  Raumfahrt 
(DFL)  In  Braunschweig  came  into  operation  In  the  mid-sixties,  see  K.  Gersten,  G.  Kausche  [1].  Starting 
from  three-  and  six-component  measurements  the  capability  of  this  tunnel  has  been  developed  systematically 
to  Include  pitot  and  surface  pressure  measurements,  K.  Kipke  [2],  heat  transfer  measurements,  G. 
Strbmsdorfer  C3],  as  well  as  flow  visualizations  by  means  of  an  oil-dot  technique,  W.  Mdllenstadt  [4]. 
Computer  aided  control  of  the  facility  led  to  a  frequency  of  about  30  runs  (shots)  per  day,  which  is  a 
rather  high  value  for  this  kind  of  test  facility. 

During  the  quiet  years  of  hypersonic  research  the  "Gun  Tunnel"  in  Braunschweig  remained  in  operation. 
The  ownership  changed  from  Deutsche  Forschungs-  und  Versuchsanstalt  fur  Luft-  und  Raumfahrt  (DFVLR)  to 
Technische  Universitat  Braunschweig,  and  the  tunnel  is  now  operated  at  Hs  original  site  by  the  Institut 
fur  Strbmungsmechanik  of  TU  Braunsc^elg.  When  the  investigations  of  K.  Kipke  [5],  [6],  [7]  on  caret  wings 
-  which  were  mainly  based  on  balance  measurements  -  came  to  a  close,  new  projects  have  been  treated,  in 
which  special  emphasis  was  given  to  the  application  of  pressure  distribution  and  heat  transfer  measure¬ 
ments.  G.  Strdmsddrfer  C8J  investigated  the  problem  of  subsonic  blowing  in  the  stagnation  point  region  of 
a  blunt  body  against  the  hypersonic  main  flow.  K.  Kipke,  D.  Hummel  [9]  initiated  a  long-term  program  on 
hypersonic  flow  in  corner  configurations  starting  with  corners  between  unswept  wedges.  This  program  has 
been  continued  in  the  last  years  by  W.  Mdllenstadt  [103,  C113,  [12],  [13],  who  investigated  corners  be¬ 
tween  swept  wedges  and  this  program  will  be  continued  by  an  extension  to  unsynmetric  configurations. 

Following  here  some  results  of  the  theses  of  G.  Strdmsdbrfer  [8]  and  W.  Kollenstadt  Til]  will  be  dis¬ 
cussed  in  some  detail  in  order  to  summarize  the  activities  of  the  Institut  fur  Strbmungsmechanik  of  TU 
Btaunschweig  within  the  last  years. 


2,  TEST  FACILITY 

The  experimental  investigations  have  been  carried  out  in  the  gun  tunnel  of  the  institute,  which  has 
been  described  originally  by  K.  Gersten,  6.  Kausche  [1].  The  actual  data  of  this  tunnel  are  compiled  in 
Tab.  1.  The  tunnel  is  mainly  operated  at  a  driver  pressure  of  150  bar.  Test  gas  is  the  air  within  the 
barrel  (length  6  m,  inner  diameter  50  mm),  which  usually  starts  at  atmospheric  pressure  and  temperature 
and  which  is  compressed  by  the  piston  to  a  stagnation  pressure  of  about  150  bar  and  a  stagnation  tem¬ 
perature  of  about  1300  K,  see  K.  Kipke  [2].  The  flow  expands  through  a  conical  nozzle  the  throat  part  of 
which  can  be  changed  in  order  to  alter  the  Machnumber.  At  the  beginning  of  each  run  the  vacuum  chamber  at 
the  downstream  end  of  the  facility  starts  at  a  minimum  pressure  of  0.4  mbar.  The  total  running  time  at 
these  conditions  is  about  100  msec. 

Within  this  time  margin  the  measurements  of  the  aerodynamic  quantities  are  taken.  For  surface  press¬ 
ure  and  heat  transfer  measurements  4  channels  for  the  electric  signals  from  the  pressure  transducers  and 
from  the  thermo-couples  are  available.  Within  the  running  time  of  the  tunnel  on  all  4  channels  400  values 
of  the  signals  are  taken  and  stored  in  the  computer.  From  the  time  history  of  these  400  values  the  time 
interval  can  be  determined  in  which  constant  aerodynamic  parameters  and  thus  steady  flow  conditions  are 
present  at  the  model.  The  corresponding  measuring  t^me  is  about  20  msec  and  the  final  measuring  value  for 
each  channel  is  taken  as  the  arithmetic  mean  value  over  the  measuring  time. 

For  atmospheric  conditions  within  the  barrel  the  obtainable  Reynoldsnumbers  depend  on  the  stagnation 
pressure  and  the  free-stream  Machnumber.  For  a  stagnation  pressure  of  150  bar  and  a  characteristic  model 
length  of  100  mm  the  Reynoldsnumber  is  Re^  *  1.4'10^  at  a  ^Machnumber  of  M  *8  and  Re  *  2.0*10^  at 
=  16.  The  corresponding  Knudsennumbers  are  Kn^  «  8,5’10*^  and  Kn^  *  12*10*^  which  fndlcates  that 
continuum  flows  are  present. 


Type 

Maximum  driver  pressure 
Working  section  (size;  type) 

Machnumber  range 
Stagnation  pressure  range 
Stagnation  temperature  range 
Typical  model  length 

Reynoldsnumber  per  f?in  (at  maximum  conditions) 

Running  time 

Usable  measuring  time 

Test  frequency 

Balance  system 

Main  use  of  tunnel 


Gun  Tunnel 
500  bar 

0  =  0. 16  m;  open 
8  to  16 
100  to  500  bar 
900  to  1500  K 
100  imi 

i.s-io^  to  a-io** 

40  to  300  milliseconds 

20  milliseconds 

30  runs  (shots)  per  day 

Strain-gauge  balances  (all  six  components) 

Basic  research,  force-,  pressure-  and 
heat-transfer  measurements,  flow 
visualization  by  oil-dot  technique 


Tab.  1  :  Test  parameters  of  the  hypersonic  gun  tunnel  of  the  Institut  fUr  Stromungsmechanik 
of  Technische  Universitat  Braunschweig 
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3.  SUBSONIC  BLOWING  IN  THE  STAGNATION  REGION  OF  BLUNT  BODIES  OF  REVOLUTION 
3.1  Characteristics  of  the  flow  field 

One  of  the  Important  problems  of  hypersonic  flight  Is  to  protect  the  nose  region  of  a  blunt  body  from 
heating.  One  of  the  methods  to  achieve  this  Is  blowing  of  gas  In  the  stagnation  region  out  of  the  body 
against  the  free-stream  flow.  Basic  research  on  this  topic  has  been  carried  out  by  H.M.  McMahon  [14]  and 
C.N.E.  Warren  [15].  In  these  Investigations  sonic  blowing  of  small  mass  flow  rates  from  small  orifices  In 
the  body  surface  has  been  applied.  For  this  type  of  blowing  the  overall  heat  transfer  rate  from  the  flow 
to  the  body  could  be  reduced,  but  In  some  parts  of  the  contour  an  Increase  of  the  local  heat  transfer  rate 
was  found  as  compared  to  the  stagnation  point  heat  transfer  rate.  For  this  reason  heat  protection  by  means 
of  sonic  blowing  has  not  been  applied  In  hypersonic  flight  vehicles.  Later  L.M.  Tucker  [16]  Investigated 
subsonic  blowing  with  larger  mass  flow  rates  from  contoured  nose  orifices  In  supersonic  free-stream  flow. 
The  measured  pressure  distributions  Indicated  that  for  this  type  of  blowing  a  uniform  reduction  of  heat 
transfer  along  the  contour  might  be  achieved.  Therefore  this  concept  has  been  Investigated  experimentally 
as  well  as  theoretically  In  the  hypersonic  flow  regime. 


Fig. 1:  Subsonic  blowing  from  a  contoured 
orifice  In  the  nose  region  of  a 
blunt  body  (schematic) 

Stp  Free  stagnation  point 
E  End  of  the  straight  tube 
contour 


Subsonic  blowing  from  a  contoured  orifice  In  the  nose  region  of  a  blunt  body  Is  sketched  In  Fig.  1. 
Between  the  shock  wave  and  the  body  a  dividing  stream  surface  Is  formed  which  separates  the  hot  outer  f 1 ow 
from  the  cool  Inner  flow  of  the  ejected  gas.  In  Inviscid  flow  of  the  same  gas  on  both  sides  of  the  divid¬ 
ing  stream  surface  the  stagnation  pressure  Is  constant,  p^,  •  p,,,  but  the  stagnation  temperature  may  be 
different,  T^,  «  T,,.  At  the  dividing  stream  surface  In  eacn  point  the  static  pressure  Is  the  same  on  both 
sides,  Pj.].  This  means  that 


hz  Ptj 


(1) 


and 

"2T  “ 

”jT  • 

(2) 

which  can  be  written  as 

-  =1 

AT 

(3) 

"JT 

^tj 

At  the  dividing  stream  surface  a  velocity  jump  Is  present  in  the  case  of  different  stagnation  temperatures 
on  both  sides. 


The  dimensionless  coefficient  for  the  mass  flow  rate  Is 


''j 

P.  U  A. 


(4) 


If  the  quantities  corresponding  to  the  ejection  jet  are  expressed  by  the  pressure  ratio 

free-stream  quantities  are  written  in  terms  of  the  free-stream  Machnumber  M  ,  for  subsonic^blowing  with 

Ptj  -  Pt2  yields 


with 


^  i1/t 
PtE 


f  Pi  1  T  r  2 

1  -  -L  - 

S.,  1  J  t  .  1 


f(M.)  = 


r  Y  +  1  -iT/Y-l  r 


*’tz 


t/y-1 


t  +  1 


2y  -  Y 


Y  1 


1/2’ 


l/Y-l 


1/2 


^t2  .  ^ 


(5) 


(6) 
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For  high  free-stream  Machnunbers  M 
suits  " 


7  the  function  f(M^)  becones  independent  of 


and  in  the  limit  re- 


lln  f(M  ) 

M 


4-y 

1/1-Y  1  -iY/y-I 

r  Y  -  1  -11/2 

1)(t  +  1) 

I-  Y  -  1  J 

I-  2 

(7) 


This  means  that  for  Kachnwbers  In  the  range  10  ^  M  ^16  the  flow  with  subsonic  blowing  does  not  depend 
on  the  free-stream  Hachnumber.  The  principle  of  ftachnumber  Independence  in  hypersonic  flow  therefore 
applies  also  for  the  case  of  subsonic  blowing.  Equ.  (5)  holds  for  p^/p*^  i  P*/P*-j.  Inserting  critical  con¬ 
ditions  Into  equ.  (5)  leads  to  ^ 


(8) 


This  is  the  upper  limit  of  the  mass  flow  rate  for  which  a  subsonic  flow  in  the  ejection  tube  is  present. 
In  addition  equ.  (5)  and  (8)  indicate  that  for  a  given  configuration  with  the  cross-sections  of  tube  A. 
and  body  at  constant  Machnumber  in  the  ejection  tube  M.,  which  means  constant  value  of  Pi/Pfp  in  the 
case  of  suosonic  blowing*  the  parameter  _  ^  J  “ 


i/!ti 


is  the  relevant  one.  It  can  easily  be  determined  in  the  experiments  and  it  is  therefore  used  subsequently 
for  the  presentation  of  the  results. 


The  preceding  considerations  were  based  on  the  assumption  of  inviscid  flow.  In  viscous  flow*  however, 
the  velocity  jump  across  the  dividing  stream  surface  leads  to  the  formation  of  a  free  shear  layer,  which 
is  very  important  for  the  heat  transfer  from  the  hot  outer  flow  towards  the  body.  Shear  layers  of  this 
kind  have  been  investigated  by  W.  Wuest  C17].  Underneath  the  ejected  flow  a  boundary  layer  develops  along 
the  contour  of  the  orifice  in  the  nose  region  of  the  body.  For  rounded  contours  as  indicated  in  Fig.  1 
this  boundary  layer  is  unseparated  and  merges  further  downstream  with  the  free  shear  layer.  Due  to  the 
large  mass  flow  rates  at  subsonic  blowing  it  is  possible  to  shift  the  free  stagnation  point  relatively  far 
upstream  of  the  body.  In  this  case  a  wedge-shaped  core  of  inviscid  flow  is  placed  between  the  free  shear 
layer  and  the  boundary  layer  in  the  nose  region  of  the  body.  This  inviscid  flow  region  blocks  the  heat 
transfer  from  the  hot  outer  flow  towards  the  body  in  the  nose  region,  and  this  leads  to  a  smooth  pressure 
distribution  according  to  L.M.  Tucker  C16]  and  to  a  considerably  reduced  distribution  of  heat  transfer 
rates  without  peaks.  The  benefits  of  the  flow  field  according  to  Fig.  1  can  only  be  achieved  if  the 
ejected  flow  remains  attached  at  the  nose  contour.  Therefore  the  orifice  has  to  be  contoured  in  order  to 
avoid  flow  separations. 


3.2  Experimental  set-up  and  test  conditions 

The  experimental  investigations  have  been  carried  out  in  the  gun  tunnel  of  the  Institut  fiir  Strb- 
mungsmechanik  of  TU  Braunschweig,  see  chapter  2.  All  runs  of  the  tunnel  have  been  performed  for  a  stag¬ 
nation  pressure  of  150  bar.  The  free-stream  Machnumber  M  has  been  varied  between  M  «  10.8  and  M  »  16.0 
and  the  corresponding  Reynoldsnumbers  based  on  the  model  diameter  were  Re,,  *  2.^10^  at  M  =  fO.S  and 
Rep.  “  0.6-10^  at  «  16. 

Fig.  2a  shows  a  sketch  of  the  ejection  system  which  has  been  used  during  the  tests.  The  ejection 
vessel  nad  a  volume  of  »  10^  cm^  and  its  pressure  P|.  rould  be  altered  continuously.  The  stagnation 
temperature  in  the  vessel  was  T^.  *  300  k  for  all  tests.  ^In  the  ejection  duct  between  the  vessel  and  the 
model  a  quickly  working  magneticT  valve  as  well  as  an  orifice  plate  were  installed.  As  long  as  sonic  con¬ 
ditions  were  present  at  the  throat  a  linear  dependence  between  the  mass  flow  rate  and  the  pressure  p,.  in 
the  vessel  resulted  as  shown  in  Fig.  2b.  For  non-critical  conditions  at  the  throat  the  calibration  curve 
is  dashed,  and  for  *  p  «  the  flow  in  the  ejection  system  comes  to  rest.  Before  entering  the  ejection 
tube  of  the  model  the  ejection  flow  passed  a  settling  chamber  in  which  the  total  pressure  p^-  has  been 
measured  by  means  of  a  pitot  probe.  The  operation  of  the  ejection  system  in  relation  to  the  shoiVt  running 
time  of  the  gun  tunnel  has  been  controlled  by  the  computer  which  is  used  to  run  the  tunnel.  Details  may  be 
taken  from  G.  Strbmsdbrfer  [8],  The  measuring  time  in  which  a  stationary  flow  in  the  ejection  system  has 
been  present  was  up  to  35  msec. 

The  contours  of  the  nose  region  of  the  blunt  body  of  revolution  used  in  the  tests  are  shown  in 
Fig.  3.  These  shapes  have  been  designed  by  the  method  of  E.  Eminton  [18]  to  produce  a  constant  pressure 
distribution  in  two-dimensional  flow.  These  contours  have  been  chosen  for  the  present  tests  with  bodies  of 
revolution  in  order  to  get  a  qualitative  extension  of  the  measurements  of  L.M.  Tucker  [16]  to  hypersonic 
flow. 

For  the  experimental  investigations  two  sets  of  models  were  available.  One  of  them  was  equipped  with 
pressure  holes  in  the  contour  in  order  to  measure  the  surface  pressure  distribution.  In  the  second  set  of 
models  the  contour  was  manufactured  as  a  thin  shell  which  was  equipped  by  a  large  number  of  thermo-couples 
in  order  to  measure  the  heat  transfer  rate  by  means  of  the  transient  thin  skin  method.  Details  may  be 
taken  from  6.  Strbmsdbrfer  [3],  [83. 

3.3  Calculation  of  the  surface  pressure  distribution  for  subsonic  blowing  with  small  mass  flow  rates 

Theoretical  investigations  of  the  flow  field  for  the  case  of  subsonic  blowing  are  due  to  J.R.  Baron, 
E.  Alzner  [19].  The  dividing  stream  surface  is  prescribed  and  the  corresponding  body  shapes  are  calculated 
for  different  mass  flow  rates.  An  extension  of  this  method  to  include  a  larger  variety  of  dividing  stream 


Fiq.2:  Ejection  system  (a)  and  calibration 
curve  (b)  for  the  determination  of 
the  mass  flow  rate  ilij 


Fig. J:  Shapes  of  the  nose  region  of  the 
blunt  body  of  revolution 
Model  l:d.  =  9.Z4iiiii,  D  =  30niii 
Model  2:  dj  =  6.63  im,  D  =  30  rnn 


surfaces  with  and  without  angle  of  attack  has  been  described  by  Ch.  Y.  Wang  [20],  [21],  The  papers  men¬ 
tioned  so  far  describe  design  procedures.  A  first  attempt  to  calculate  a  two-dimensional  flow  with  blowing 
for  a  given  geometry  at  supersonic  free-stream  is  due  to  W.  Wuest  [221.  The  flow  field  is  divided  into  two 
different  parts:  The  flow  within  the  dividing  stream  surface  is  considered  to  be  incompressible  and  out¬ 
side  the  dividing  stream  surface  as  compressible.  Both  solutions  are  adapted  to  each  other  by  variations 
of  the  shape  of  the  dividing  stream  surface.  This  idea  seemed  to  be  promising  to  treat  the  problem  of  sub¬ 
sonic  blowing  against  a  hypersonic  free-ttream  in  the  nose  region  of  a  blunt  body  of  revolution.  The  cor¬ 
responding  calculations  are  due  to  G.  StromsdBrfer  [81. 

For  hypersonic  free-stream  Machnumbers  the  local  Machnumbers  behind  the  shock  wave  (see  Fig.  1)  are 
small,  and  therefore  as  an  additional  approximation  the  flow  between  the  shock  wave  and  the  dividing 
stream  surface  may  be  regarded  as  incompressible.  If  subsonic  blowing  with  very  low  Machnumbers  is  con¬ 
sidered  the  flow  within  the  dividing  stream  surface  can  also  be  assumed  to  be  incompressible.  Thus  the 
flow  in  the  vicinity  of  the  free  stagnation  point  can  be  determined  from  incompressible  flow  calculations. 
The  following  procedure  has  been  applied: 


i)  Calculation  of  the  incompressible  flow  around  the  given  body  of  revolution  with  ejection.  The  free- 
stream  Hachnumber  for  this  flow  should  be  the  Machnumber  H,  behind  the  shock  wave,  but  the  calculat¬ 
ions  have  been  carried  out  approximately  for  M.  »  0.  Results  are  the  shape  of  the  dividing  stream 
surface  as  well  as  the  velocity  distributions  on‘the  body  contour  and  on  the  dividing  stream  surface. 

ii)  The  dividing  stream  surface  is  regarded  to  be  a  fixed  wall  for  which  the  pressure  distribution  can  be 
calculated  easily  e.g.  by  means  of  Newtonian  theory. 

iii)  Calculation  of  the  final  pressure  distribution  on  the  body  contour  starting  from  the  pressure  distri¬ 
bution  according  to  li)  under  the  assumption  that  the  shape  of  the  dividing  stream  surface  remains 
unchanged. 

The  calculations  of  the  incompressible  flow  according  to  Fig.  4  have  been  carried  out  by  means  of  an 
extension  of  the  method  of  K.  Jacob  [23],  in  which  a  distribution  of  vortex  rings  on  the  body  contour  is 
used.  A  long  tube-like  body  with  the  prescribed  contoured  orifices  at  both  ends  has  been  considered.  Due 
to  the  different  stagnation  temperatures  on  both  sides  of  the  dividing  stream  surface  the  density  of  the 
Incompressible  flow  is  p,  »  p,.  It  has  been  shown  by  W.  Wuest  [22]  that  in  this  case  the  quantity  w.v'J'  is 
steady  at  the  dividing  ^tremi  surface.  The  original  method  of  K.  Jacob  [23]  has  been  modified  by  G. 
Stromsdorfer  [8]  in  such  a  way  that  wvp"  is  calculated  in  the  flow  field  rather  than  w.  Instead  of  v,/v, 
the  momentum  coefficient  ^ 


*2  ^ 


I 


(9) 
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symmetry  plane 


Fig. 4:  Calculation  of  the  incompressible 
flow  by  the  method  of  vortex  rings 


Fig. 5:  Momentum  coefficient  c*  as  function 
of  the  mass  flow  rate  ^coefficient 
c*  at  high  free-stream  Machnumbers 

-  Theory  due  to  G.  StrdmsdbrferlS] 

O  Experimental  data  according  to 
C.H.E. Warren  (isjat  M  =  5.8 


subsonic  blowings 


-sonic  blowing 


1s  the  governing  parameter,  which  determines  the  strengths  of  the  vortex  rings.  Between  the  momentum  co¬ 
efficient  c,  used  in  the  theory  and  the  mass  flow  rate  coefiicient  c.  utilized  to  order  the  experimental 


'■  T 

data  exists  a  relation  of  the  form 


'I 


(10) 


which  has  been  deduced  by  G,  Stromsddrfer  [83  for  the  limit  M  The  result  is  shown  in  Fig.  5  and  com¬ 
pared  to  experimental  data  of  C.H.E.  Warren  [151. 

The  shape  of  the  dividing  stream  surface  which  turns  out  from  the  incompressible  flow  calculations  is 
assumed  to  be  the  final  one,  which  occurs  behind  the  shock  wave.  This  dividing  stream  surface  nas  been 
regarded  as  a  fixed  wall  and  the  pressure  and  Machnumber  distribution  on  It  has  been  calculated  by  Newton¬ 
ian  theory. 


For  the  calculation  of  the  final  pressure  distribution  at  the  body  contour  in  compressible  flow  the 
fact  has  been  used  that  the  system  of  the  lines  of  constant  stream  density  and  constant  potential  in  the 
flow  field  is  independent  of  Machnumber  if  the  Machnumbers  are  low.  According  to  0.  David  [24]  the 
velocity  distribution  along  a  potential-line  is  given  by  the  differential  equation 


dw  dn 

w  R(n) 


(11) 


with  n  as  coordinate  along  t.ie  potential  line  and  ftv'n)  as  the  curvature  radius  of  the  streamlines.  Under 
the  assumption  that  the  curvature 


1 

K{n)  =  -  (12) 

R(n) 


is  a  linear  function  of  n,  the  integration  equ.  (11)  can  be  carried  out  exactly.  For  two  points  (a)  and 
(b)  on  a  potential  line,  having  the  distance  N  (arc  length)  along  the  potential  line  the  result  is  for 
incompressible  flow 


“a 


Inc 


(13) 
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and  for  compressible  flow  yields 


Under  the  assumption  that  the  net  of  streamlines  and  potential  lines  Is  Independent  of  Hachnumber,  the 
exponential  expression  In  equ.  (14)  may  be  taken  from  the  solution  for  incompressible  flow,  equ.  (13), 
which  leads  to 


(15) 


To  apply  equ.  (15)  one  has  to  locate  points  of  equal  potential  on  the  dividing  stream  surface  and  on  the 
body  contour  In  Incompressible  flow.  For  known  values  of  w  .  and  Wj^  .  from  calculation  (i)  and  for 
the  given  value  M  In  the  point  at  the  dividing  stream  sSffiBe  accorafng^to  calculation  (11)  the  Mach- 
number  and  correspondingly  the  pressure  ratio  P/p^.o  can  be  calculated  for  the  point  at  the  contour. 
Further  details  may  be  taken  from  Strdmsdbrfer  C81. 


3.4  Experimental  results  and  comparison  with  theory 

For  model  (1),  see  Fig.  3a,  the  pressure  distribution  Is  shown  in  Fig.  6  for  various  free-stream 
Machnumbers  M  and  different  mass  flow  rate  coefficients  c*.  Simple  NewtonTan  theory  is  the  limit  of  the 
method  accoroing  to  G,  Strdmsddrfer  C8]  for  c«  0.  In  xhls  case  within  the  orifice,  s/D  <  0.1,  the 
agreement  between  theory  and  experiments  was  exacted  to  be  poor  because  of  the  overall  concave  shape  of 
the  body  in  this  region,  but  for  s/D  >  0.1  in  the  outer  region  of  the  contour  the  agreement  between  theory 
and  experiment  1s  acceptable  for  this  limiting  case.  For  small  values  of  the  blowing  rate,  c*  ''TTTTTTT » 
0.059  and  0.079,  the  agreement  between  theory  and  experiment  Is  good.  For  c*  /T  ./!.«  »  0.113  ^ 
the  differences  between  theory  and  experiment  increase  considerably.  "^In  this  case  the 

ejection  Machnumber  1s  about  M.  «  Q.S  and  this  means  that  the  assumption  of  low  ejection  Machnumbers  Is  no 
longer  fulfilled.  The  colncidiwce  of  the  results  for  different  free-stream  Machnumbers  In  the  plots  of 
Fig,  6  indicates  that  c«  /T. ./T.«  Is  the  governing  parameter  which  Influences  the  pressure  distribution. 
Similar  results  are  '*  shown  In  Fig.  7  for  model  (2).  For  low  values  of  the  pa»‘ameter 

c^  /T^j/T^  the  agreement  between  theory  and  experiments  is  remarkably  good. 

The  results  for  the  heat  transfer  measurements  on  model  (1)  are  shown  In  Fig.  8.  All  heat  transfer 
rates  9  based  on  the  largest  local  value  n  without  blowing.  With  Increasing  blowing  rau 
c*  /T^/T^2  the  heat  transfer  is  considerably  reducea^rong  the  whole  contour  of  the  blunt  body.  No  local 
heat  trdinsfer  maxima  occur.  At  M  »  10.8  a  certain  Increase  of  the  heat  transfer  race  is 


Fig. 6.  Pressure  distribution  on  model  (1).  r;g.7:  Pressure  distribution  on  model  (2). 

Comparison  between  theory  and  expe-  Comparison  between  theory  and  expe¬ 
riment  riment 
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nq.8:  Distribution  of  heat  transfer  rate 
on  model  (1) 


Fig. 9:  Distribution  of  heat  transfer  rate 
on  model  (2) 


observed  when  the  blowing  rate  goes  up  from  c-  /T^^/T  ,  •  D.057  to  0.124.  This  effect  might  be  due  to  the 
fact  that  the  boundary  layer  becomes  turbulent  at  these  relatively  high  blowing  rates. 
Similar  results  have  been  found  for  model  (2)  as  shown  In  Fig.  9.  The  reduction  of  the  heat  transfer  rate 
Is  quite  remarkable.  Some  minor  differences  exist  between  •  10.8  and  >  16.0  since  the  Reynolds- 
numbers  were  also  different. 


3.5  Conclusions 

The  experimental  results  reported  here  as  well  as  the  related  theoretical  investigations  on  subsonic 
blowing  from  a  blunt  bouy  of  revolution  against  a  hypersonic  free-stream  1»d  to  the  following  conclusions; 

1)  The  local  and  the  total  heat  transfer  on  a  blunt  body  can  be  reduced  considerably  by  subsonic  blowing 
of  relatively  large  mass  flow  rates.  This  Is  due  to  the  fact  that  with  Increasing  blowing  rate  a 
wedge-shaped  core  of  Invisctd  flow  Is  placed  between  the  free  shear  layer  at  the  dividing  stream  sur¬ 
face  and  the  boundary  layer  at  the  body  nose  which  blocks  the  heat  transfer. 

ii)  For  high  free-stream  Machnumbers.  M  »  the  pressure  distribution  depends  on  the  blowing  parameter 
'^m  '^t/^t2  • 

ill)  For  the  calculation  of  the  pressure  distribution  a  reliable  method  has  been  developed  by  G. 
StrdmsdSrfer  [8]  In  which  a  combination  of  Newtonian  theory  and  Incompressible  flow  calculations  Is 
used. 
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4.  LONGITUDINAL  FLOW  IN  CORNERS  OF  INTERSECTING  WEDGES 
4.1  General  features  of  the  flow  field 

Hypersonic  flight  vehicles  are  subject  to  considerable  theroal  stress  due  to  kinetic  heating.  High 
heat  transfer  rates  are  not  restricted  to  the  nose  region  and  the  wing  leading-edges  as  discussed  In 
chapter  3,  but  they' occur  similarly  also  In  the  junctions  between  wing  and  body  as  well  as  In  rectangular 
air  Intakes.  The  spectacular  damages  at  the  k-lB  research  aircraft  are  well  known. 

Measurements  of  pressure  distribution  and  heat  transfer  In  various  corner  configurations  caused  by  a 
hypersonic  longitudinal  flow  .have  been  carried  out  among  others  by  P.C.  Stainback  [25],  P.C.  Stainback, 
L.M.  Weinstein  [26]  and  R.A.  Jones  [27].  The  first  Investigations  on  the  corresponding  structure  of  the 
flow  field  are  due  to  A.F.  Charwat,  L.G.  Redekopp  [28]  for  the  supersonic  flow  In  a  90“-corner  between  two 
wedges.  The  general  features  of  this  type  of  flow  are  shown  schematically  In  Flo.  10  for  the  case  of  a 
swept  corner  configuration.  At  supersonic  free-stream  velocity  the  flow  field  can  be  divided  In  two  parts: 
In  the  outer  region  Inviscid  flow  Is  predominant.  A  shock  system  Is  formed  which  consists  of  the  two  wedge 
shocks,  the  connecting  corner  shock,  two  embedded  shocks  and  two  slip  surfaces.  Embedded  shocks  and  slip 
surfaces  are  necessary  In  order  to  fulfil  the  shock  relations  In  the  vicinity  of  the  two  Intersecting 
lines  between  the  wedge  shocks  and  the  comer  shock.  The  pressure  distribution  generated  by  this  shock 
system  has  a  strong  Influence  on  the  formation  of  the  viscous  layer  In  the  corner  region.  Due  to  the 
embedded  shocks  flow  separations  occur  In  the  Inward  directed  viscous  flow,  which  leads  to  highly 
non-uniform  distributions  of  static  pressure  and  local  heat  transfer  rate  along  the  walls.  In  hypersonic 
flow  the  shock  system  Is  located  close  to  the  configuration  and  a  strong  Interference  between  the  boundary 
layer  flow  and  the  outer  shock  system  takes  place. 

Further  experimental  Investigations  of  the  flow  field  In  90®-corners  have  been  carried  out  at  M,  ■  19 
xnd  ?n  Ly  keye:,  R.O.  Watson  [291,  R.D.  Watson,  L.M.  Weinstein  [30]  and  R.D.  Watson  [31],  whereas 
J.E.  West,  R.H.  Korkegl  [32]  analysed  mainly  the  Inviscid  outer  flow  regime  at  supersonic  speeds. 
Measurements  at  60®-  and  90® -corners  at  M  »  11  are  due  to  R.J.  Cresci,  S.G.  Rubin,  C.T.  Nardo  [33].  An 
unsyimietrlc  configuration  with  the  combination  of  a  flat  plate  and  a  wedge  has  been  Investigated  at 
M  =  12.5  by  J.R.  Cooper,  W.L.  Hankey  [34].  In  this  case  a  shock  system  without  comer  shock  has  been 
oBserved.  Similar  results  have  been  obtained  by  H.-J.  Schepers  [35]  for  a  plate/wedge  combination  at 
M  ^  8.8.  Summaries  of  the  existing  knowledge  on  the  three-dimensional  flow  separations  In  axial  corners 
at*e  due  to  R.H.  Korkegl  [36]  and  D.J.  Peake,  M,  Tobak,  R.H,  Korkegl  [37]. 

At  the  Institut  fur  Strdmungsmechanik  of  TU  Braunschweig  In  1972  a  long-term  program  on  hypersonic 
flow  In  axial  corners  has  been  started.  The  first  Investigations  were  concerned  with  symmetric  corners 
between  unswept  wedges.  Wedge  angle,  comer  angle  and  free-stream  Machnumber  were  varied  systematically. 
The  results  have  been  published  by  K.  Kipke,  D.  Hummel  [9].  Later  this  program  has  been  extended  to 
include  also  a  systematic  variation  of  the  sweep  angle  for  symmetric  comers  of  intersecting  wedges  with 
different  corner  angles.  These  Investigations  are  due  to  W.  MBllenst’dt  [10-13].  Some  of  these  results  are 
summarized  subsequently. 


4.2  Experimental  program 

The  measurements  have  been  carried  out  In  the  gun  tunnel  of  the  Institut  fur  Stromungsmechanik  of  TU 
Braunschweig,  see  chapter  2.  All  runs  of  the  tunnel  have  been  performed  for  stagnation  pressures  of  150 
bar.  The  free-stream  Machnumber  has  been  varied  between  M  *  12.3  and  M  «  16.0  and  the  corresponding 
Reynoldnumbers,  based  on  the  model  length  1,  were  Re,  •  b.tDa  and  Re,  «  r.7  .  lOS. 

All  corner  configurations  Investigated  so  far  were  syimietrlcal  WTlh  respect  to  the  plane  through  the 
apex  and  the  (0/2)-11ne,  see  Fig.  10.  The  comer  angles  were  e  *  60°,  90°  and  120®,  the  wedge  angles  nor¬ 
mal  to  the  leading-edges  s  =  6.3°,  8.0°  and  10.0®,  and  the  sweep  angles  of  the  leading-edges  ♦  -  j0°, 
0®,  15°,  30°,  45°  and  60°.  In  part  I  of  the  program  corners  between  unswept  wedges  have  been  considered 
and  the  varied  parameters  were  the  Machnumber  as  well  as  the  wedge  angle  and  the  corner  angle.  In  part  II 
corners  between  swept  wedges  were  Investigated  and  the  varied  parameter  was  the  sweep  angle  at  constant 
wedge  angle  and  constant  Machnumber.  The  dimensions  of  all  models  were  1  -  100  ran  In  free-stream  direction 
and  b  =  50  mm  perpendicular  to  It. 


The  test  program  for  both  parts  of  the  Investigations  may  be  taken  from  Tab. 2.  Pitot  pressure 
measurements  have  been  carried  out  In  a  plane  normal  to  the  free-stream  close  to  the  model  end  at  x  = 
0.9- 1.  In  order  to  check  the  conicalness  of  the  flow  field  some  measurements  have  also  been  performed  at 
X  =  0.4.1  and  x  =  C,6'l.  Four  pitot  probes  with  an  outer  diameter  of  1  mm  have  been  traverseo 


Tab. 2:  Test  program  for  the  measurements  in  corner  configurations 
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a) 


b) 


c) 


Fig. 11:  Experimental  results  for  the  -30'’swept 
90°-corner  [12] 

a)  Pitot  pressure  isobars  Pt,/P^,  in 

the  flow  field  “  ^ 

b)  Wall  pressure  distribution 

cj  Wall  heat  transfer  distribution 
d)  Flow  direction  at  the  wall  (reduced 
7-scale) 


Fiq.12:  Experimental  results  for  the  unswept 
90°-corner  [9,12] 

a)  Pitot  pressure  isobars  P»o/p.,  in 

the  flow  field  “ 

b)  Wall  pressure  distribution 

c)  Wall  heat  transfer  distribution 

d)  Flow  direction  at  the  wall  (reduced 
7-scale) 


simultaneously  in  an  area  of  size  30  mm  x  30  nn.  About  BOO  runs  of  Ihe  tunnel  were  necessary  to  analyse 
all  details  of  one  flow  field.  The  wall  pressure  and  heat  transfer  measurements  have  been  carried  out  in  a 
section  at  X  »  0.9'1.  The  heat  transfer  rates  were  determined  by  means  of  the  transient  thin  skin 
technique  as  described  by  0.  L.  Schultz,  T.  V.  Jones  [381  and  G.  StrdmsdBrfer  [3].  The  measuring  device 
which  contained  11  thermo-couples  could  be  adjusted  in  different  positions  in  the  surface  of  the  corner 
models  in  order  to  achieve  a  dense  distribution  of  measuring  points  within  the  section  under 
consideration. 

For  the  visualization  of  the  flow  at  tiie  wall  an  oil-dot  technique  has  been  applied.  For  this  purpose 
a  fluid  had  to  be  found  with  relatively  low  values  of  viscosity,  whicn  does  not  vapnriTe  under  vacuum 
condition  of  O.S  mm  Hg  pressure  and  which  leads  to  a  distinct  displacement  of  the  droplets  within  the  very 
short  running  time  of  100  msec.  Initially  vacuum  oil  was  used  for  this  purpose,  see  K.  Kipke,  D.  Huamiel 
[9].  Later  W.  Mdllenstiidt  [4]  detected  a  well  suited  combination  of  an  especially  prepared  model  surface 
by  means  of  an  adhesive  film  and  droplets  of  dibutylester  {CgH,„0^)  supniied  with  a  md-colnured  powder 
formaldnhyd-resin.  During  the  tests  the  shear  stress  artf  5t  the  droplets  znd  leads  to  considerable 
deformations.  Local  fiow  directions  and  qualitative  values  for  the  shear  stress  can  easily  be  evaluated 
from  deformed  droplets  after  the  run  of  the  tunnel. 
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Fig, 13:  Experimental  results  for  the  30'’swept 
90°-corner  [12] 

a)  Pitot  pressure  Isobars  P.o/P.o  In 

the  flow  field  “ 

b)  Mall  pressure  distribution 

cj  Mall  heat  transfer  distribution 
d)  Flow  direction  at  the  wall  (reduced 
?-scale) 


Fig. 14:  Experimental  results  for  the  60°swept 
90°-comer  [12] 

a)  Pitot  pressure  isobars  P^j/p*,  In 

the  flow  field  “ 

b)  Moll  pressure  distribution 

c)  Mall  heat  transfer  distribution 

d)  Flow  direction  at  the  wall  (reduced 
?-scale) 


4.3  Results 

4.3.1  Basic  properties  of  the  flow  In  a  90°-comer 

General  features  of  the  flow  field  In  a  90” -corner  may  be  taken  from  Fig.  11.  which  shows  the  results 
for  a  -30”  (forward)  swept  configuration.  The  pitot  pressure  Isobars  In  the  measuring  plane  are  drawn  In 
Fig.  11a.  Since  the  flow  field  Is  symnetric  with  respect  to  the  (9/2)-11ne  the  upper  part  of  the  diagram 
shows  the  measurements  and  In  the  lower  part  the  Interpretation  Is  riven.  In  the  corner  region  the  system 
of  wedge  shock,  corner  shock,  secondary  or  embedded  shock  and  slip  surface  can  be  detected.  The  shocks  are 
characterized  by  a  steep  Increase  of  the  pitot  pressure,  which  Is  strongest  for  the  comer  shock.  Behind 
the  shocks  pitot  pressure  plateaus  at  different  levels  are  present.  For  the  measured  shock  positions  the 
strengths  of  all  shocks  can  be  calculated  from  the  shock  relations  and  the  corresponding  pitot  pressure 
plateau  values  are  In  good  agreement  with  the  measured  ones.  The  shocks  Interfere  along  the  line  between 
the  wedge  shock  anr  the  comer  shock  which  Is  marked  In  the  measuring  plane  by  the  triple  point  Tr.  Due  to 
the  different  pitot  pressure  levels  on  both  sides  the  slip  surface  Is  also  characterized  by  a  pitot 
pressure  Jump.  The  slip  surface  divides  the  flow  through  the  comer  shock  from  that  through  the  wedge 
shock  which  crosses  also  the  embedded  shock.  On  both  sides  of  the  slip  surface  llje  sass  static  pies<^Mrp  is 


pwent.  but  different  velocities  tangential  to  the  slip  surface  as  well  as  different  pitot  pressures  and 
therefore  different  values  of  the  entropy  exist.  According  to  Crocco's  theorem  the  slip  surface  is  a 
vortex  sheet.  The  slip  surfaces  from  both  sides  tend  to  meet  at  the  plane  of  symnetry.  Therefore  the  flow 
through  the  corner  shock  does  not  reach  the  Inner  part  of  the  corner  flow  field.  The  flow  behind  the 
embedded  shock  and  in  front  of  the  slip  suface  is  not  yet  parallel  to  the  wall.  The  corresponding  changes 
in  the  flow  direction  towards  the  corner  center  is  achieyed  by  passing  some  expansion  and  compression 
regions  as  indicated  In  Fig.  11a.  Finally  In  the  corner  center  very  high  pitot  pressures  have  been  found 
but  the  peak  values  In  the  hatched  regions  of  the  flow  field  could  not  be  determined  due  to  limitations  of 
the  available  pressure  transducers. 


Underneath  the  wedge  shock  a  decrease  of  the  pitot  pressure  towards  the  wall  Is  observed.  The  onset 
of  the  pitot  pressure  reduction  marks  the  outer  edge  of  the  boundary  layer.  In  conical  coord1nat“'  the 
flow  within  the  boundary  layer  Is  directed  Inwards.  At  2  •  0.1  oval  Isobars  show  a  relative  pitot  pressure 
minimum,  which  has  been  Interpreted  by  K.  Kipke,  D.  Huimnel  [9]  as  a  total  pressure  loss  due  to  a  vortex  in 
the  viscous  layer.  The  corresponding  flow  separation  Is  caused  by  the  pressure  rise  due  to  the  embedded 
shock  and  it  occurs  already  far  upstream  at  and  the  corresponding  reattachment  line  lies  at  Rp 

The  measured  pressure  distribution  at  the  wall  Is  shown  In  Fig.  11b.  Its  slope  Is  similar  to  that  in 
two-dimensional  flow  underneath  a  shock  Impinging  on  a  boundary  layer  as  described  e.g.  by  L.  Lees, 
B.  L.  Reeves  [39].  According  to  [39]  the  separation  takes  place  at  S,  far  upstream  of  the  point  of 
Impingement  (1.  plateau)  and  Increases  downstream  to  the  value  at  reattachment  R.  (2.  plateau).  In  the 
present  situation  this  scheme  Is  modified  by  the  strong  vortex  In  three-dimensional  flow,  which  produces 
additional  negative  static  pressures  at  the  wall.  Underneath  the  primary  vortex  a  positive  pressure 
gradient  In  “-direction  is  present  which  leads  to  a  secondary  separation  at  S,  and  corresponding 
reattachment  at  R^.  ‘ 

The  positions  of  separation  and  reattachment  lines  have  been  taken  from  oil  flow  pictures.  A 
quantitative  evaluation  is  shown  In  Fig.  lid.  The  angle  v  between  the  wall  streamlines  and  the  conical 
direction  Is  plotted  against  the  coordinate  ?.  Rositiv  values  of  r  Indicate  a  flow  towards  the  corner 
center  whereas  negative  values  belong  to  a  flow  directed  outwards.  The  effect  of  the  second  wedge  on  the 
flow  at  the  wedge  under  consideration  starts  at  the  conical  line  A  at  ?  ■  0.7  which  may  be  regarded  as  an 
Influence  border,  which  is  located  far  more  outwards  than  e.  g.  the  second  wedge  shock.  Fig.  lid  indicates 
that  the  flow  In  the  corner  region  converges  at  the  separation  lines  S,  and  S.  and  diverges  at  the 
reattachment  lines  R,  and  R..  At  these  lines  the  flow  follows  the  conical  Tines  avr  ■  0.  Between  S,  and 
R,  a  primary  vortex  S's  formed  and  between  S,  and  R,  a  smaller  secondary  vortex  Is  present  als  sketched 
schematically  In  Fig.  lla.  This  kind  of  vortex  formation  Is  well  known  from  delta  wings  with  subsonic 
leading-edges,  see  e.  g.  D.  Hummel  [40].  Due  to  the  strong  primary  vortex  a  large  portion  of  the  viscous 
layer  finally  moves  outwards  and  does  not  reach  t)ie  comer  center.  Correspondingly  the  viscous  layer 
becomes  very  thin  close  to  the  comer  center.  This  means  that  In  the  region  of  R,  high  energy  inviscid 
flow  comes  very  close  to  the  corner  center  and  causes  very  high  wall  pressures  and  heat  transfer  rates 
there. 

The  measured  heat  transfer  rates  are  plotted  In  Fig.  11c.  It  turns  out  that  In  the  region  of  the 
reattachment  line  R,  the  heat  transfer  rate  Is  7  times  as  large  as  on  an  unswept  wedge.  A  second,  relative 
heat  transfer  maximom  is  found  In  the  vicinity  of  the  reattachment  line  R,  of  the  secondary  vortex.  This 
correlation  between  the  reattachement  lines  and  the  heat  transfer  maxima  has  also  been  observed  by  R.  D. 
Watson  [31],  J.  R.  Cooper,  W.  L.  Hankey  [34],  J.  W.  Keyes,  R.  D,  Watson  [29]  and  R.  D.  Watson, 
L.  M.  Weinstein  [30]. 


4.3.2  Effect  of  leading-edge  sweep 

The  Figs.  11  to  14  show  a  series  of  experimental  results  In  which  the  leading-edge  sweep  angle  ^  has 
been  varied  between  p  -  -30'  and  a  ■  +60°.  With  Increasing  sweep  angle  ^  the  pitot  pressure  level  in  the 
corner  region  reduces,  all  shocks  are  weakened  and  the  whole  shock  system  moves  slightly  Inboard  as 
indicated  by  the  partial  diagrams  a)  In  Figs.  11  to  14.  For  unswept  wedges.  Fig.  12a,  the  wedge  shock  is 
parallel  to  the  Y-axis.  However,  for  swept  wedges.  Figs,  lla,  13a,  14a,  the  wedge  shock  Is  inclined 
against  the  7-ax1s  since  the  distance  of  the  wedge  shock  from  the  wedge  changes  In  ?-d1rect1on  due  to  the 
Increased  or  reduced  distance  between  the  leading-edge  and  the  measuring  plane  depending  on  the  sweep 
angle.  With  increasing  sweep  angle  the  slip  surfaces  meet  closer  to  the  corner  center  and  the  embedded 
shock  Impinges  more  and  more  normally  on  the  viscous  layer. 

According  to  the  partial  diagrams  b)  In  Figs.  11  to  14  for  small  sweep  angles  |a|  s  30°  the  maximum 
wall  pressure  in  the  corner  reaches  about  4  times  the  swept  wedge  value.  The  luximum  wall  pressure 
decreases  considerably  with  increasing  sweep  angle  p  and  the  width  of  the  corresponding  plateau  Is  also 
reduced. 

The  partial  diagrams  c)  In  Figs.  11  to  14  show  that  the  maximum  heat  flux  In  the  vicinity  of  the 
reattachment  line  R,  Is  highest  for  unswept  corners,  for  which  the  maximum  heat  transfer  rate  is  10  times 
as  large  as  for  the‘unswept  wedge.  With  Increasing  sweep  angle  a  the  maximum  inral  heat  transfer  rate  Is 
considerably  reduced. 

According  to  the  partial  diagrams  d)  In  Figs.  11  to  14  the  Influence  border  A  Is  located  at  its 
outermost  position  at  Y  >  0.7  for  unswept  wedges.  The  comer  shock  system  Is  located  at  Y  <  0.2.  This 
means  that  the  Interference  effects  between  the  two  wedges  extend  through  the  subsonic  boundary  layer 
further  outwards  than  the  direct  effect  of  the  supersonic  shock  system.  With  Increasing  sweep  angle  a  the 
comer  effect  reduces  considerably  and  the  Influence  border  moves  inwards.  Correspondingly  the  strengths 
of  the  primary  vortices  and  of  the  secondary  vortices  within  the  viscous  layer  are  reduced  and  for  large 
sweep  angles.  Fig.  14d,  the  secondary  separation  disappears.  The  whole  vortex  system  moves  Inwards  with 
increasing  sweep  angle  a- 


6-13 


Flq.15:  Experimental  results  for  the  45°s»ept 
60°-corner  [12] 

a)  Pitot  pressure  Isobars  Pfo/p,o  in 
the  flow  field 

b)  Wall  pressure  distribution 

cj  Wall  beat  transfer  distribution 
d)  Plow  direction  at  the  wall  (reduced 
T-scale) 


FiO-16:  Experimental  results  for  the  dB'swept 
90°-corner  [12] 

a)  Pitot  pressure  Isobars  p.,/p^,  in 

the  flow  field  “ 

b)  Wall  pressure  distribution 

c)  wall  heat  transfer  distribution 

d)  Flow  direction  at  the  wall  (reduced 
f-scale) 


4.3.3  Effect  of  corner  angle 

In  part  I  of  the  test  program  according  to  Tab.  2  the  comer  angle  e  has  been  varied  systematically 
between  e  *  60°  and  e  ■  120°  for  comers  between  unswept  wedges.  The  results  have  been  published  by  K. 
Kipke,  0.  Hummel  [9].  In  the  course  of  the  investigations  of  W.  MSllenstSdt  [12]  the  corner  angle  e  has 
also  been  varied  for  corners  between  swept  wedges.  Examples  of  this  kind  are  shown  in  Figs.  15  to  17  and 
discussed  subsequently. 

The  partial  diagrams  a)  indicate  that  the  pitot  pressure  level  in  the  corner  region  is  considerably 
reduced  for  increasing  corner  angle  e.  The  shock  system  moves  Inboard  and  all  shocks  weaken.  The 
impingement  angle  between  the  embedded  shock  and  the  outer  edge  of  the  viscous  layer  is  very  flat  for 
e  '  60°,  but  its  value  Increases  rapidly  with  increasing  comer  angle. 

According  to  the  partial  diagrams  b)  in  Figs.  15  to  17.  at  small  comer  angles  a  plateau  of  high  wall 
pressures  in  the  inner  part  of  the  corner  exists.  With  increasing  comer  angle  e  this  pressure  plateau 
disappears  and  the  maximum  wall  pressure  values  are  considerably  reduced.  This  means  that  the  pressure 
gradients  are  smaller  and  therefore  the  flow  separations  are  weakened.  The  partial  diagrams  d)  in  Figs.  15 
to  17  indicate  weaker  flow  separations  with  Increasing  comer  angle,  and  for  e  -120°  the  secondary 
separation  disappears  at  all.  Corresponding  to  the  inboard  movement  of  the  shock  system  with  Increasing 
corner  angle  the  corner  effects  In  the  viscous  layer  decrease  considerably  in  width.  The  influence  border 
A  as  well  as  the  separation  lines  S,,  $.  and  the  reattachment  lines  R,,  R,  move  Inwards  with  Increasing 
comer  angle. 
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Fig. 17:  Experimental  results  for  the  45®swept 
120^-corner  C12] 

a)  Pitot  pressure  Isobars  In 

the  flow  field 

b)  Wall  pressure  distribution 

c)  Wall  heat  transfer  distribution 

d)  Flow  direction  at  the  wall  (reduced 
f-scale) 


moKimum  won  pressure  tr  the 
.nnef  port  Of  ‘he  corner 


MOif  pressure  on 
o  Sleeps  trec^e  p 


p^  won  pressure  on  on  unswept  M-ea^e 


sweep  angle  4 


Fig. 19:  Maximum  heat  transfer  rate  q 
'  — ^  -  max 

as  function  of  corner  angle  8 
and  sweep  angle  » 


The  partial  diagrams  c)  In  Figs.  15  to  17  show  the  effect  of  the  corner  angle  on  the  heat  transfer 
rates.  Since  the  position  of  maximum  heat  flux  is  correlated  with  the  reattachment  line  R,,  the  region  of 
maximum  heat  transfer  moves  inboard  and  the  maximum  values  are  reduced  considerably  with  increasing  corner 
angle. 


4.3.4  Reduction  of  maximum  values  for  wall  pressures  and  heat  transfer 

In  the  course  of  the  experimental  investigations  of  K.  Kipke,  0.  Huinnel  [91  and  W.  Mollenstadt  [171 
reductions  of  the  maximum  values  for  static  wall  pressure  and  heat  transfer  rate  due  to  variations  of 
corner  angle  B  and  of  leading-edge  sweep  4  have  been  found.  The  possible  reductions  of  these  maximum 
values  by  variations  of  the  two  governing  parameters  are  sufimarized  subsequently. 

Fig.  18  shows  a  schematic  diagram  of  the  pressure  distribution  along  the  wall  in  a  comer 
configuration.  The  maximum  value  in  the  comer  center  is  P^^and  far  away  from  the  corner  the  undisturbed 
value  for  the  swept  wedge  Py  is  reached.  In  the  lower  parrot  Fig.  IS  the  wall  pressures  are  based  on  the 
wall  pressure  of  an  unswept  wedge  Py  .  In  order  to  be  able  to  show  the  results  in  this  manner,  some 
additional  pressure  measurements  on  sWept  and  unswept  wedges  far  away  from  the  corner  have  been  carried 
out.  The  measured  pressure  ratio  Py/Py  Is  plotted  as  a  function  of  the  sweep  angle  4.  The  well  known 
reduction  of  py  with  increasing  4  turny“out.  The  ratio  Py/  Pu  „  has  also  been  calculated  from  the  shock 
relations  using  the  measured  shock  positions.  The  agreemAt  ifrtn  the  directly  measured  data  is  good.  The 
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lower  diaf'rain  In  Fig.  18  shows  the  Maximum  wall  pressure  Pu^  functions  of  the  sweep  argle  ^  for 
different  corner  angles  0.  Both  paraaieters  have  a  big  influlnce.**Tne  highest  values  are  found  for  unswept 
wedges,  4  «  0**,  and  with  increasing  sweep  angle  a  considerable  reduction  is  achieved.  On  the  other  hand 
the  maxifflum  wall  pressure  increases  very  ouch  with  decics^iing  corner  angle  6.  In  an  unswept  90°>corner 
p  is  4  times  as  high  as  in  a  60®swept  90®“comcr.  If  the  corner  angle  is  reduced  from  90®  to  60®  the 
weoges  have  to  be  45®swept  to  obtain  the  same  maximum  wall  pressure  as  in  the  unswept  90®-comer.  Small 
values  of  the  maximum  wall  pressure  are  achieved  for  combinations  of  high  sweep  angles  and  large  corner 
angles. 

Finally  Fig.  19  shows  the  maximum  heat  transfer  rate  as  functions  of  the  sweep  angle  4  for  different 
corner  anglesVT  fn  the  diagram  the  maximum  heat  transfer  rate  is  based  on  the  value  for  an  unswept  wedge. 
Measurements  for  swept  wedges  in  the  absence  of  a  corner  are  not  available.  The  maximum  heat  transfer  rate 
decreases  with  Increasing  sweep  angle  and  it  Increases  with  decreasing  comer  angle.  In  an  unsw^-pt 
60®-corner  the  maximum  heat  transfer  rate  is  14  times  as  high  as  for  an  unswept  wedge.  For  90®-corners  the 
maximum  heat  transfer  rate  can  be  reduced  to  about  401  by  applying  a  sweep  angle  of  ♦  *  60®.  If  the  corner 
angle  Is  reduced  from  90®  to  60®  the  wedges  have  to  be  45®'>swept  to  obtain  the  same  maximum  heat  transfer 
rate  as  In  the  unswept  90®-corner.  Small  values  of  the  maximum  heat  transfer  rate  are  achieved  for 
combinations  of  high  sweep  angles  and  large  comer  angles. 


4.4  Conclusions 

The  results  of  a  long-term  program  on  the  axial  flow  in  corner  configurations  according  to  K.  Kipke, 
0.  Huiimel  C91  and  W.  MdllenstSdt  112}  have  been  suvmarized.  The  Investigations  have  been  carried  out  In 
the  gun  tunnel  of  the  Institut  fUr  Strdmungsmechanlk  at  TU  Braunschweig.  The  corner  models  were  composed 
of  two  Intersecting  wedges  with  wedge  angles  a  »  6.3®,  8.0®  and  10.0®.  The  corner  angles  e  *  60®,  90®  and 
120®  have  been  investigated  in  combination  with  leading^edge  sweep  angles  4  •  -30®,  0®,  15®,  30®,  45®  and 
60®.  The  free-stream  Hachnumbers  were  M  *  12.3  and  16.0  corresponding  to  Reynoldsnum^rs  Re«  >  5  •  10^ 
and  1,7  •  10  5 

The  conical  interference  flow  has  been  Investigated  in  one  cross-section  normal  to  the  free-stream 
direction  on  each  model.  Pitot  pressure  measurements  in  the  flow  field  show  the  position  of  the  shock 
system,  consisting  of  corner,  wedge  and  en^dded  shocks  and  slip  surfaces.  With  increasing  leading-edge 
sweep  and  increasing  comer  angle,  a  displacement  of  the  shock  system  towards  the  center  of  the  comer, 
accompanied  by  a  strong  reduction  of  the  pitot  pressure  level,  was  found.  The  flow  structure  near  the  wall 
was  determined  from  oil  flow  pictures,  wall  pressures  and  the  pitot  pressure  measurements.  Within  the  vis¬ 
cous  layer  ^^rcng  vortex  flows  have  been  observed,  which  are  close  to  the  center  of  the  corner  and  consist 
of  primary  and  secondary  vortices,  whose  intensities  decrease  with  increasing  corner  angle  and  with  in¬ 
creasing  leading-edge  sweep.  The  highest  static  wall  pressure  occurs  in  the  vicinity  of  the  reattachment 
line  of  the  primary  vortex.  Its  value  decreases  with  increasing  corner  angle  e  and  with  inct'easing  sweep 
angle  4.  Th^  maximum  value  of  the  heat  flux  at  the  wall  was  also  found  at  this  reattachment  line.  For  an 
unswept  90®-corner  its  value  is  about  10  times  as  high  as  the  heat  flux  on  an  unswept  wedge.  This  high 
heat  flux  can  be  considerably  reduced  by  Increasing  the  corner  angle  e  and  by  sweeping  the  leading  edges 
back  to  4  •  60®. 
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DRIVING  HECHANISM  OF  UNSTEADY  SEPARATION  SHOCK  HOTION  IN  HYPERSONIC  INTERACTIVE  FLOW 

D.  S.  Dolling  and  J.  C.  Narlo  II 
Department  of  Aerospace  Engineering  and  Engineering  Mechanics 
The  University  of  Texas  at  Austin,  Austin,  Texas  78712 


SUMMARY 

Wall  pressure  fluctuations  have  been  measured  under  the  unsteady  separation  shock  wave  in  Mach  3  tur¬ 
bulent  interactions  Induced  by  unswept  circular  cylinders  on  a  flat  plate.  The  wall  temperature  was  adla- 
betic.  A  conditional  sampling  algorithm  has  been  developed  to  examine  the  8tstis''lcs  of  the  shock  wave 
motion.  The  same  algorithm  has  been  used  to  examine  data  taken  in  earlier  stu 'ies  in  the  Princeton 
University  Mach  3  blowdown  tunne^.  In  tnese  earlier  studies,  hemicyllndrlcally  blunted  fins  of  different 
leading-edge  diameters  were  tested  in  1-oundary  layers  %fhich  developed  on  the  tunnel  floor  and  on  a  flat 
plate.  A  description  of  the  algorithm,  the  reascns  why  it  was  developed  and  the  sensitivity  of  the  re¬ 
sults  to  the  threshold  settings,  are  discussed.  The  results  from  the  algorithm,  together  with  cross  cor¬ 
relations  and  power  spectral  density  estimates  suggests  chat  the  shock  motion  is  driven  by  the  low- 
frequency  unsteadiness  of  the  downstream  separated,  vortical  flow. 


1.  INTRODUCTION 

Since  the  early  1950*8,  it  has  been  known  that  shock- Induced  turbulent  boundary-layer  separation  Is  a 
highly  unsteady  process.  In  early  work  on  step-induced  interactions  |l],  and  in  later  studies  employing 
many  different  model  geometrlr  -  [2),  the  unsteadiness  was  evident  from  randomly  shot  sequences  of  micro¬ 
second  spark  shadow  and  schll ^ren  photographs,  or  from  high-speed  cinema  records.  Although  such  optical 
methoda  readily  reveal  unsteadiness,  the  results  are  difficult  to  interpret  even  for  two-dimensional 
flows.  This  is  because  the  photograph  represents  the  integration  of  the  light  beair  across  a  spanwlse 
rippling  ahock  structure.  Consequently,  other  than  providing  estimates  of  the  shock  motion  length  scale, 
little  quantitative  information  has  been  obtained  from  them. 

Klatler.  in  1964,  was  probably  the  first  to  make  quantitative  measurements  and  to  document  the  char¬ 
acter  of  the  wall  pressure  signal,  Pw(t)  .  neat  separation  13).  Kistler's  tests  were  made  using  piezo¬ 
electric  transducers  in  forward-facing  step  flows  a;.  Mach  numbers  of  3  and  4.5  .  A  typical  pressure 
signal,  which  has  all  of  the  features  observed  by  Kl-stler  but  from  the  present  study  (a  separated  flow 
Induced  by  a  circular  cylinder),  is  shown  In  Figure  1.  The  moving  separation  shock  generates  an  Inter¬ 
mittent  wall  pressure  signal  whose  level  fluctuates  between  that  characteristic  of  the  undisturbed  incom¬ 
ing  boundary  layer  and  that  downstream  of  the  shock  wave.  Since  Kistler’s  work,  pressure  signals  such  as 
these  have  been  measured  In  a  wide  variety  of  interactive  flows  at  speeds  from  transonic  to  hypersonic 
(l.e..  Refs.  4-14).  They  all  show  qualitatively  similar  results.  Much  of  the  early  work  14-7]  was  moti¬ 
vated  by  the  need  for  engineering  estimates  of  the  fluctuating  pressure  fl  Id  around  high-speed  vehicles. 
More  recently,  the  resurgence  of  interest  in  the  unsteadiness  has  been  motivated  largely  by  the  realiza¬ 
tion  that  physically  accurate  interpretations  of  mean  flow  data  and  an  understanding  of  the  flow  field 
mechanisms  requires  a  knowledge  of  the  flow  dynamics.  In  most  of  these  more  recent  studies,  the  emphasis 
has  been  on  the  separation  process  [8-14]. 

One  of  the  most  fundamental  questions  about  this  unsteadiness  is  that  of  the  driving  mechanism  behind 
It.  Andreopoulos  and  Muck  have  recently  addressed  this  question  [14],  In  their  experimental  study,  Pw(t) 
was  measured  at  several  stations  In  the  Intermittent  region  in  three,  nominally  2-D,  compression  ramp 
flows  in  a  high  Reynolds  number  Mach  3  airflow.  Of  the  three  flows,  two  were  separated,  and  the  other  was 
in  a  condition  of  incipient  separation.  The  pressure  signals  were  analyzed  using  a  conditional  sampling 
algorithm.  In  this  algorithm,  the  measured  pressure  signal  is  converted  into  a  square  wave  of  amplitude 
unity  and  varying  frequency  (Fig.  2).  The  tlise  between  consecutive  passages  of  the  shock  wave  over 

the  transducer  can  then  be  determined,  and  the  probability  distribution  for  can  be  constructed.  The 

distribution  la  highly  skewed  with  the  mean  period,  T  ,  significantly  larger  than  the  most  probable  per¬ 
iod,  T  [14].  “ 

P 

Andreopoulos  and  Muck  found  that  T^  was  approximately  where  6^  and  are  the  undis¬ 

turbed  boundary  layer  thickness  and  freestream  velocity,  respectively.  Further,  T^  was  Independent  of 

both  position  In  the  intermittent  region  and  ramp  angle  (i.e..  Independent  of  shock  strength  and,  hence, 
apparently  Independent  of  downstream  flow  conditions).  The  mean  ahock  frequency,  f^  ,  (=1/T^)  wns  equal 

to  0.13U^/6  ,  which  Andreopoulos  and  Muck  point  out  Is  the  same  order  as  the  estimated  bursting  frequency 

of  the  Incoming  turbulent  boundary  layer.  This  apparent  correlation  with  th**  bursting  frequency  end  the 
Independence  of  on  the  downstream  flow  field  led  these  investigators  to  conclude  that  the  "incoming 

boundary  layar  Is  the  most  likely  cause  triggering  the  shock  wave  oscillation’’  [14], 

This  conclusion  does  not  fully  explain  certain  features  of  the  shock  motion.  First,  with  fixed  free- 
straam  conditions  and  fixed  5  ,  it  Is  known  that  the  streamwise  length  scale  of  the  separation  shock 
o 

motion,  1.  ,  depends  on  the  particular  flow  field  under  study.  For  example,  in  hemicyllndrlcally  blunted 

fin  flows,  L  Is  of  order  D  ,  where  0  is  the  fin  .eadlng-edge  diameter  [15].  Hence,  can  vary  from 

a  fraction  of  d  to  several  6  depending  on  D  .  If  the  shock  vs/e  was  convected  by  turbulent  bursts, 
o  o 

L  might  be  expected  to  remain  constant  for  fixed  Incoming  conditions.  Of  course,  it  Is  possible  that 

different  driving  mechanisms  exist  In  different  flow-,  but  the  commonality  of  rms  distributions,  aropll- 
r>ide  probability  densities,  power  spectral  density  estimates  and  many  other  global  and  detailed  features 
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suggests  a  conmon  origin.  Secon2»  caretul  examination  of  the  conditional  sampling  algorithm  of  refereuce 
14  by  the  current  authors  has  suggested  that  a  large  number  of  "false"  shocks  were  counted  which  signifi¬ 
cantly  increases  .  This  will  be  elaborated  on  in  sections  3.2  and  3.3. 

These  observations  led  to  the  current  Investigation,  the  first  results  of  which  are  presented  in  this 
paper.  The  study  consists  of  two  parts: 

(1)  a  series  of  testa  has  been  made  of  the  separation  shock-lndoced  presoure  fluctuations  in 
interactions  induced  by  circular  cylinders  in  the  Mach  5  blowdown  tunnel  of  The  Universi¬ 
ty  of  Texas  at  Austin.  Details  of  the  experiment  are  given  In  section  2.  The  data  have 
been  analyzed  using  a  new  conditional  sampling  algorithm  designed  to  avoid  the  problem 
mentioned  above. 

(li)  wall-pressure  fluctuation  data  taken  In  hemicyllndrlcally  blunt  fln-''nduced  interactions 
at  Mach  3  have  been  re-examined  using  the  new  algorithm.  These  data  were  taken  by  rhe 
first  author  in  the  20  cm.  x  20  cm.  (8ln.  x  &ln.)  Mach  3  blowdown  tunnel  of  the  Gas 
Dynamics  Laboratory  of  Princeton  University.  Mean  wall  pressures,  distributions  of  the 
rms  of  the  fluctuations  and  some  spectral  analysis  have  been  reported  in  Reference  8.  A 
description  of  the  facility  and  models,  the  Instrunentatfon,  and  data  acquisition  tech¬ 
niques  are  also  given  In  Reference  8.  In  summary,  fins  with  D  ■  1.27  cm  (0.f>  in.)  and 
2.54  cm  (l.O  In.)  were  tested  In  Incoming  turbulent  boundary  layers  with  thicknesses 
ranging  from  0.3  cm.  to  1.6  cm.  The  pressure  signal  was  digitized  at  rates  from  20-400 
kHz.  Up  to  72  data  records  (1024  points  per  record)  were  taken  at  each  station. 

In  this  paper,  the  new  experimental  study  and  some  of  the  results  from  It  are  described  first.  The 

results  from  applying  the  same  algorithm  to  the  earlier  data  are  then  presented  and  compared  with  the  new 

findings. 


2.  EXPERIMENTAL  PROGRAM 

2 . 1  Mode'' 3  and  Test  Facility 

The  tests  were  conducted  In  the  Mach  5  blowdown  facility  of  The  University  of  Texas  at  Austin, 
ilils  facility  has  a  17.8  cm.  x  15.2  cm.  (7*6  Inch)  test  section.  All  Che  tests  were  conducted  on  a 
full-span  flat  plate,  43.7  cm.  (18  In.)  long,  mounted  at  zero  angle-of-atfack.  Two  miniature  Kulite  pres¬ 
sure  transducers  were  Installed  upstream  of  an  unswepC  cylinder  which  was  approximately  33  cm.  (13  in.) 
downstream  of  the  teat  surface  leading  edge.  The  transducers  were  mounted  flush  In  a  7.6  cm.  O  In.)  di¬ 
ameter  circular  plug  which  was  mounted  flush  with  the  surface  of  the  flat  plate.  The  circular  plug  could 
be  rotated  so  the  transducers  could  be  aligned  strea'iwlse  or  spanvlse  to  the  freestream  flow. 

Cylinders  with  diameters  of  1.27  cm.  (0,5  In.)  and  1,90  cm.  (0.75  In.)  with  heights  of  5,08  cm.  (2.0 
in.)  and  7.62  cm.  (3.0  in.),  respectively,  were  used.  Based  on  the  criterion  of  Reference  16,  their 
heights  were  effectively  seml-lnf Inlte.  The  cylinder  was  moved  relative  to  the  transducers.  Over  the 
range  of  travel  (at  maximum  2.54  cm.),  the  change  in  Incoming  flow  conditions  had  a  negligible  effect  on 
the  Interaction  properties. 

2 . 2  Instrumentation 

The  pressure  transducers,  Kulite  model  XCQ-062-lfA,  were  0.29  cm.  (0.115)  inches  center-to- 
center.  This  was  the  closest  spacing  possible  due  to  physical  limitations.  The  transducers  have  external 
diameters  of  0.162  cm.  (0  0o4  In.)  with  a  pressure-sensitive  diaphragm  0.071  cm.  (0.028  in.)  in  diameter. 
The  natural  frequency  is  quoted  as  250  kHz  by  the  manufacturer.  Full-scale  output  is  nominally  225  mv 
for  15  pel  giving  a  sensitivity  of  15  mv/psl.  The  transducers  were  calibrated  statically,  since  shock 
tube  tests  with  similar  designs  have  shown  that  dynamic  calibrations  are  only  a  few  percent  lower  than 
those  obtained  8tatlcaLly( 171 .  The  combined  non-linearity  and  hysteresis  are  quoted  as  0.5X  full  scale 
with  repeatability  of  0. IZ  full  scale. 

The  out  ut  from  the  transducers  was  amplified  by  a  PARC,  Model  113,  ampllftet  giving  a  signal  in  the 
range  0-10  volts.  The  signal  was  then  low-pass  filtered  using  an  Ithaco  filter,  Model  4213,  with  the 
cut-off  set  to  either  one-half  the  sampling  rate  or,  for  sampling  rates  greater  than  100  kHz,  It  was  set 
at  50  kHz.  This  was  because  the  dynamic  response  of  rhe  pressure  transducers  is  limited  to  approximately 
50  kHz.  The  signal  was  digitized  by  a  l2-blt  A/D  converter  which  outputs  0  to  4096  counts  for  Inputs 
of  0  to  10  volts.  Noise  on  the  system  was  i2  counts  which  resulted  In  an  overall  resolution  of 
±0.005  psl.  Additional  details  concerning  the  instrumentation  are  given  In  Reference  18. 

2 . 3  Flow  Conditions 

The  freestream  and  incoming  turbulent  boundary-layer  properties  are  given  in  Table  1  and  Figure 
3  which  9ho3«  the  mean  velocity  profile,  plotted  In  wall  coordinates.  The  boundary  layer  deveijped  natur¬ 
ally  on  the  upper  surface  of  the  flat  plate.  No  trips  were  used.  The  measurements  match  the  combined 
wall-wake  law  well.  The  skin  friction  coefficient  deduced  from  the  curve  fit  Is  within  lOZ  of  that  pre¬ 
dicted  using  Che  van  Driest  II  method. 

2.4  Test  i  chnique 

First,  Che  intermittent  region  was  mapped  out  for  each  cylinder.  The  sampling  rate  used  was 
250  kHz  and  at  each  station  70  records  were  taken  on  each  channel  (1  record  ■  1024  data  points).  Sev¬ 
eral  stations  wc  -e  then  selected  for  further  detailed  analyals.  At  these  positions,  the  number  of  records 
taken  was  increased  to  400  (the  Holt  of  the  data  acquisition  system)  and  the  sampling  rate  was  reduced 
to  100  kHz. 
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TABLE  l»  Frcestrcam  and  Boundary  Layer  Propertl^ 


Freestream  Kach  Number, 

4.96  i  .02 

Freestream  Velocity, 

741  m/a 

2430  ft/s 

Freestream  Reynolds  Number, 

8  55  «  10  *  in"' 

e® 

16.8  -  10*  ft"' 

Stagnation  Pressure,  ? 

0 

2.09  «  10*  N/m^  tlX 

303  psla 

Stagnation  Temperature,  T^ 

327  K  ±I3E 

590“R 

3.  RESULTS  and  DISCUSSION 

3. 1  Conditional  Saapllng  Analysis 

The  main  thrunt  of  the  present  work  was  to  determine  the  frequency  distribution  of  the  shock 
wave  motion  using  a  conditional  sampling  technique.  This  technique  transforms  the  pressure  signal  Into  a 
box-car  function  which  Is  then  analyzed  statistically.  The  technique  employs  upper  and  lower  thresholds 
to  distinguish  between  those  pressure  fluctuations  induced  by  the  shock  and  those  characteristic  of  the 
turbulent  boundary  layer  both  upstream  and  downstream  of  the  shock.  Before  the  results  are  presented,  the 
algorithm  Itself  Is  discussed  since  understanding  its  operation  is  crucial  for  appraising  the  results  In 
section  4. 

3 . 2  Upper  Threshold  Calculation 

Transformation  of  the  pressure  signal  Into  a  box-car  function  requires  careful  thought.  An  obvious 
requirement  Is  that  shock  waves  in  the  original  signal  must  also  exist  in  the  tratisformed  signal.  Since 
the  original  signal  la  that  of  a  turbulent  flow,  precautions  must  be  taken  to  ensure  that  turbulent  fluc¬ 
tuations  are  not  Inadvertently  counted  as  shock  waves. 

In  earlier  work,  pressure  signals  were  simply  "eyeballed,"  and  a  threshold  pressure  was  selected  as 
the  level  just  above  the  Largest  pressure  fluctuations  characteristic  of  the  boundary  layer  19,14).  Eye¬ 
balling  the  signal  separately  at  all  stations  helps  avoid  problems  due  to  d.c.  offsets  and  drift,  but  is 
highly  subjective  and  it  Is  difficult  to  be  consistent  from  station  to  station.  To  avoid  such  problems,  a 
systematic  technique  for  calculating  the  threshold  level(s)  has  been  developed. 

The  first  step  is  to  calculate  the  mean  pressure,  P^,  of  Chat  fraction  of  Che  signal  corresponding  to 

Che  undisturbed  boundary  layer  for  signals  In  Che  Intermittent  region.  Only  a  brief  explanation  of  Che 
method  Is  given  below.  The  detailed  programming  la  given  In  Reference  18.  First,  the  minimum  pressure  in 
each  record  was  determined  and  the  average  for  N  records  was  calculated  to  give  Once 

calculated,  a  "window"  of  width  O.Ol  pal  waa  stepped  upwards  through  the  signal  In  Increments  of  0.005 
pal,  ararelng  at  P  At  each  step,  the  number  of  data  points  within  the  window  was  counted,  The  win¬ 

dow  position  at  which  the  greatest  number  of  data  points  occurs  brackets  P^.  This  is  because  the  bound¬ 
ary-layer  pressure  fluctuations  are  distributed  normally  and  the  probability  la  a  maximum  at  the  mean 
value.  Figure  4  illustrates  this  process. 

Once  P  was  obtained,  the  standard  deviation,  ^  ,  of  the  pressure  fluctuations  In  the  boundary 

m  p 

layer  was  calculated  since  this  is  needed  for  setting  the  upper  threshold  level,  T2  •  Since  these  fluc¬ 
tuations  have  a  Gaussian  distribution,  the  probability  of  finding  points  at  any  chosen  values  above  or 

below  P  can  be  defined  once  0  Is  known.  A  value  of  P  +  4.5o  was  chosen  for  T_  ,  since  the 
m  p  m  p  ^ 

probability  of  finding  points  greater  than  above  the  mean  Is  0.0000068  (l.e.,  chances  of  i  In 

147,000).  Hence,  pressures  above  Tj  characteristic  of  the  flow  downstream  of  the  shock  wave,  and 

pressures  below  T^  are  characteristic  of  the  undisturbed  boundary  layer.  This  approach  seta  T^  consis¬ 
tently  Just  above  the  largest  pressure  fluctuations  of  the  boundary  layer,  and  automatically  takes  care  of 
any  small  d.c.  offsets  or  drift  on  the  signal  from  run  to  run.  The  process  Is  automated  and  requires  no 
subjective  Input  from  the  user, 

3. 3  Tranafonnatlon  of  the  signal 

Once  T^  Is  calculated,  the  signal  can  be  transformed  Into  a  box-car  function.  Tvo  methods  were  ex¬ 
amined.  The  first  was  a  single  threshold  method  similar  to  that  of  Reference  14.  Data  points  are  checked 
sequentially  and  the  passage  of  a  shock  over  the  transducer  in  the  upstream  direction  is  considered  to 

have  occurred  If  the  first  point  la  below  and  the  second  la  above  It.  Termination  of  the  shock  occurs 

when  this  criterion  is  reversed.  The  problem  with  this  simple  approach  la  that  the  resulting  box-car  does 
not  accurately  reflect  the  original  signal. 

Close  examination  of  the  box-car  shows  that  many  "false  shock  waves"  can  occur  with  this  algorithm. 
Figure  3  (resketched  from  data  presented  In  Ref.  14)  shows  the  inclusion  of  four  shock  waves,  labeled  A, 

R,  C  and  D,  chst  are  not  In  the  original  record.  The  "false  shocks"  are  actually  turbulent  fluctuations 

and  occur  at  high  frequency.  The  inclusion  of  these  waves  In  the  box-car  drives  the  mean  frequency  higher 
and  alters  the  shape  of  the  probability  distribution.  Examination  of  many  cases  shows  that  no  matter  what 
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thrtshol^  Tivc.1  io  chosen,  turbulent  fluctuetions  such  es  those  labeled  A  end  B  will  Inadvertently  create 
'’false  shock  waves." 

The  second  nethod  used  tvc  all  of  the  results  p^'esented  in  this  paper  uses  2  thresholds.  The  upper 


one  Is  given  by  T. 


■f  4. So  and  the  lower  oue  by  T 


Is  used  so  that  the  small  amplitude 


pressure  fluctuations  present  on  the  signal  are  not  counted  as  shock  waves.  The  detailed  programming  Is 
also  given  In  Reference  18.  A  brief  discussion  of  how  it  works  is  as  follows.  Initially,  a  "toggle"  that 
determines  If  a  data  point  has  a  lower  value  than  Is  set  to  an  "off"  state.  The  algorithm  then  checks 

successive  data  points.  If  the  first  point  is  less  than  T.  and  the  second  point  Is  greater  than  T.  and 


the  "toggle"  Is  "off,"  this  marks  the  start  of  the  passage  of  a  shock  wave.  This  event  Initializes  the 
process  that  determines  the  time  between  successive  shock  waves.  The  "toggle"  la  Chen  set  "on,"  and  fur¬ 
ther  crossings  of  T^  are  not  counted  until  a  data  point  has  a  value  below  T^  Termination  of  Che  shock 

wave  occurs  when  this  happens,  and  the  "toggle"  la  then  reset  to  "off,"  This  process  largely  eliminates 
Che  counting  of  turbulent  fluctuations  as  shock  waves. 


However,  this  algorithm  Introduces  a  new  problem.  If  In  between  two  very  closely  spaced  shock  pas¬ 
sages,  does  not  fall  below  before  increasing  again,  the  toggle  is  not  reset  and  what  is  In  re¬ 
ality  two  shock  passages  Is  only  counted  as  one.  As  might  be  expected,  at  low  intermlCtency,  y  .  when 
significant  time  spans  of  undisturbed  boundary-layer  flow  exist  between  successive  shock  passages,  this  is 
not  a  problem,  but  at  moderate  to  large  y  it  is  more  severe.  To  examine  this  problem,  a  sensitivity 
analysis  was  made  In  which  the  effects  on  f^  of  varying  T^  and  T^  were  Investigated. 

The  results  at  low  and  mid-range  y  are  shown  in  Figures  6a  and  6b»  respectively.  The  parameter 
plotted  on  the  horizontal  axis  Is  n  »  %dtere  n  la  given  in  the  expression  ^2  "  ^  ”'^p‘  exam¬ 
ination  of  Che  results  shows  that  different  problems  occur  with  different  pairs  of  T^  and  T^.  Because  of 

space  constraints,  only  Che  more  salient  results  and  conclusions  are  listed  below.  The  reader  is  referred 
Co  Reference  19  for  details.  For  a  fixed  T^  ,  Increases  as  T^  increases  because 

drop  below  a  progressively  higher  pressure  level  for  the  toggle  to  be  reset.  However,  when  T^  *  T^,  the 
method  becomes  a  single  threshold  technique  and  the  same  problems  as  discussed  earlier  occur.  With  Tj 
equal  to  P^  +  30^,  then  must  just  fall  with  the  range  of  the  boundary-layer  fluctuations  for  the 
toggle  to  be  reset.  However,  for  this  setting  of  T^,  T^  must  be  set  significantly  higher  to  avoid  shock- 

induced  turbulent  fluctuations  (occurring  as  It  moves  downstream  over  the  transducer)  from  being  counted 
as  shocks.  Setting  T^  •  P  +  60^  or  above  provides  the  necessary  discrimination,  and  f^  Is  then  rela¬ 
tively  insensitive  to  increases  In  T^. 

In  conclusion,  although  different  combinations  of  T^  and  can  be  justified  physically  and  argued 

for  on  rational  grounds,  any  particular  pair  lacks  discrimination  %d.th  respect  to  turbulent  fluctuations 
generated  either  upstream  or  downstream  of  the  shock  wave.  This  means  that  the  mean  shock  frequency  can¬ 
not  be  pinpointed  with  precision.  However,  It  can  be  bracketed  within  a  fairly  narrow  range.  The  bound¬ 
aries  of  this  range  are  essentially  given  by  the  cases  T,  *  P  ,  T.  •  P  *  4.So^  (this  results  in  the 

1  m  /•  m  p 

lower  boundary  since  P  (t)  must  fall  below  P  to  reset  the  toggle)  and  T,  ■  P  +30  ,  T.  •  P  +  60 
w  m  impfcSip 

(for  which  the  toggle  Is  reset  when  P^  falls  below  the  upper  pressure  level  typical  of  the  undisturbed 
boundary  layer).  As  expected,  the  variation  in  f^  between  these  boundaries  is  small  for  lew  y.  (Figure 

6a,  for  Y  e  0.2,  shows  a  variation  from  0.55-0.65  kHz.)  At  higher  Y  (Fig.  6b),  the  varistlon  Is  larger 
(1.2-1. 5  kHz).  However,  the  bounds  of  this  range,  as  discussed  later,  do  not  overlap  the  ranges  of  other 
characteristic  flow  frequencies  such  that  the  lack  of  precision  In  specifying  f  does  not  lead  to  ambi¬ 
guities  in  drawing  conclusions. 


4.  DISCUSSION  OF  RESULTS 

4. 1  Incoming  Boundary-Layer  Properties 

In  a  Mach  5,  (740  m/s)  Sran  thick,  turbulent  boundary  layer,  pressure  fluctuations  at  frequencies 
as  high  as  reveral  hundreds  of  kilohertz  are  to  be  expected.  The  transducers  used  cannot  resolve  such 
high  frequencies  for  several  reasons.  First,  the  finite  size  of  the  transducer  limits  the  resolution  cf 
the  high-frequency  components  of  the  signal,  Scheve  (20]  has  studied  this  problem  and,  from  careful  mea¬ 
surements  and  correlations  of  incompressible  and  subsonic  data,  shown  that  0^  noraallsed  by  the  free- 

stream  dynamic  pressure  q^  Is  s  function  of  the  normalised  transducer  diameter,  d*(d^  =  du^/v).  The 
"ideal"  transducer  has  d*  s  20.  Under  the  present  flow  conditions  and  using  the  smallest  available  trsns- 
djcer,  the  value  of  d^  was  approximately  770.  Extrapolation  of  Shewe's  results  suggests  that  the  mea¬ 
sured  o  /q  will  be  about  40-50Z  of  that  of  the  "Ideal"  transducer.  The  current  result  (0  /q  “7.7  *  10 
P  *  P 

is  shown  correlated  with  data  from  other  studies  In  Figure  7.  The  value  Is  about  60Z  of  that  predicted  by 
the  semi-empirical  correlation  of  Lowson  (21)  and  about  30Z  of  that  predicted  by  Laganelll  et  al.  [221. 

Second,  the  usable  frequency  range  is  limited  by  the  natural  frequency  of  the  diaphragm  and  the  ef¬ 
fects  of  the  protective  screen.  Tests  have  shown  that  beyond  45-50  kHz  the  response  Is  no  longer  fist  and 
ceaonence  effects  become  signiflcsnt.  The  power  spectrum  In  the  linear-log  form  G(f)  -f/t^  vs  f,  where 

G(f)  Is  the  power  level  and  f  is  the  frequency,  is  sho%m  In  Figure  8.  There  are  two  points  worthy  of 
note.  First,  there  is  little  lov-f requency  contamination  by  tunnel  noise,  so  the  latter  does  not 


contribute  significantly  to  the  overall 


Second,  as  expected. 


the  energy  level  increases  with  Increas- 

Is 


ing  f  .  There  Is  sone  suggestion  of  a  plateau  and  subsequent  roll-off  around  40-30  kHz,  but  this 
probably  due  to  transducer  limitations.  Future  tests  with  a  new  transducer  with  frequency  response  up 
300  kHz  will  resolve  this. 


The  cross-correlation  R  (5»t)  of  the  two  signals  (transducers  streamwlse)  for  -SOys  £  t  i  ♦  30ys; 
PP 

is  8ho%m  in  Figure  9.  it  is  evident  that,  in  this  boundary  layer  and  with  this  spacing,  a  sampling  rate  of 

250kHz  does  not  adequately  resolve  R  .  The  maximum  value  of  the  correlation  is  bracketed  between  t^4 

pptnax 

and  8us.  These  correspond  to  broad-band  convection  velocities  of  370  and  730  m/s,  respectively.  A  simple 

linear  extrapolation  between  adjacent  data  points,  as  Indicated  by  the  hatched  lines  gives  R  ‘  :  .84 

ppmax 

at  T  «  5.9us,  corresponding  to  a  broad-band  convection  velocity  of  496  ro/s,  approximately  0.671'  .  The 

average  of  the  phase  speeds,  summed  over  the  range  0-50  kHz,  gives  an  average  phase  velocity  of  330  m/s, 
approximately  0,72U^.  These  values  agree  reasonably  well  with  results  of  other  studies  (Fig.  10).  Simi¬ 
larly,  R  of  0.84  (for  ■  1.33)  agrees  reasonably  well  with  other  results  (Fig.  11). 

ppmax  ” 

4.2  Mach  5  Cylinder  Interactions 

Distributions  of  the  mean  wall  pressure,  normalised  rms  level,  and  intermlttency  are  shown  in 
Figures  12,  13  and  14,  respectively.  The  intermlttency  Is  the  ratio  of  the  number  of  data  points  counted 
when  the  toggle  is  in  th“  ”r>n'*  staf"  to  the  total  numfc..,  ..f  dato  j^wiiits.  T'.ie  sepaiaLion  iocations,  .ju- 
tained  trom  surface  flow  visualisation,  are  indicated  by  *S.*  The  trends  are  identical  to  chose  of  earl¬ 
ier  studies  indicating  that  these  particular  flows  have  no  features  peculiar  to  this  blowdown  facility. 

Distributions  of  are  shown  as  a  function  of  y  In  Figure  13.  In  both  cases,  has  a  maximum 

value  at  y  a  .5  .  This  result  differs  from  the  findings  of  Reference  14  where  it  was  observed  that  f 

m 

was  Independent  of  position  within  the  intermittent  region.  It  is  probable  that  this  result  Is  a  feature 
of  the  single-threshold  algorithm  as  described  earlier.  The  present  results  show  verv  clearlv  that  f 

m 

changes  from  station  to  station.  Examination  of  the  pressure  signals  for  different  values  of  y  confirms 
this  qualitatively.  From  Figure  16,  which  shows  sample  tirae-hlstorles  for  y  ■  ,23  and  .75  ,  it  can  be 
seen  that  the  average  time  between  successive  passages  of  the  shock  wave  occurs  at  different  intervals. 

The  distributions  of  for  both  cylinders  are  similar  in  shape  but  have  different  maxima.  The  n.ax- 

tmum  frequency  for  the  1.27  cm  and  1.90  cm  cases  Is  approximately  1.6  and  1.2  kHz,  respectively.  The 

fact  that  they  differ  suggests  that  the  motion  is  In  some  way  Influenced  by  the  downstream  separated  flow 

dynamics  since  the  incoming  flow  conditions  are  constant,  and  only  the  cylinder  diameter  Is  changed.  Most 

significant  is  the  observation  that  the  magnitudes  of  the  maximum  mean  frequencies  are  more  than  two  or¬ 
ders  of  magnitude  less  than  a  typical  large  eddy  frequency  (l.e.,  kHz)  and  one  order  of  magni¬ 

tude  less  than  Che  estimated  boundary-layer  bursting  frequency  (of  order  10  kUz). 


Probability  distrlbucions  for  the  shock  wave  period  were  constructed  at  each  station.  In  all  cases, 
the  distributions  are  highly  skewed  with  T^  *  T^.  Results  for  y  *  0.2  and  0.5  are  shewn  In  Figure  17. 

the  distribution  for  the  smaller-diameCer  cylinder  Is  more  compressed  (l.e.,  higher  probability  of  finding 
shorter  periods  and  vice-versa).  For  example,  at  y  »  0.5,  the  probability  of  finding  periods  greater  chan 
2  ms  is  very  small  for  D  *  1.27  cm,  whereas  for  D  •  1.9  cm,  the  maximum  period  is  about  3  ms.  An  inter¬ 
esting  feature  is  that,  although  is  a  function  of  y  (for  a  fixed  D)  and  a  function  of  D  (for  a  fixed 

y) ,  T^  remains  approximately  constant  (*  0.4-0. 5  ms)  at  all  stations  for  both  cylinders. 

Power  spectral  density  estimates  provide  additional  quantitative  support  for  the  above  findings.  Al¬ 
though  power  spectra  calculated  using  the  entire  signal  present  different  information  than  the  probability 
distribution  for  the  shock  period  alone,  they  show  very  clearly  that  the  large  amplitude,  high-energy 
fluctuations  (l.e.,  those  caused  by  the  shock  wave)  fall  in  a  fairly  narrow  low  frequency  band.  Power 
spectra  at  the  same  stations  as  the  probability  distributions  of  Figure  1?  are  shown  in  Figure  18.  The 
data  are  also  plotted  as  f.  G(f)/Op  vs.  f,  rather  than  the  more  usual  log-log  form.  This  method  high¬ 
lights  dominant  frequency  ranges  in  the  signal.  The  results  show  chat  the  high-amplltude  pressure  fluctu¬ 
ations  generated  by  the  shock  wave  motion  ate  distributed  in  Che  range  of  0.2  to  2-3  kHz,  This  is  Che 
same  range  of  frequencies  as  indicated  in  Figure  17.  There  Is  very  little  energy  at  frequencies  of  the 
order  of  the  bursting  frequency.  In  both  figures,  and  all  other  spectral  plots,  the  effects  of  changing 
D  are  evident.  With  Increasing  D,  the  curves  retain  their  basic  shape  but  are  shifted  towards  a  lower 
range  of  frequencies. 


Initial  cross-correlations  of  the  transformed  box-cars  for  the  two  transducers  suggest  that  the  shock 
wave  Is  not  convected  by  the  large-scale  structures  In  the  incoming  boundary  layer.  The  cross-correlation 
for  two  transducers  at  X/D  •  3.15  (y  “.6^ )  and  X/D  ■  2.92  (y  ■ *34 )  for  the  1,27  cm.  case  is  shown 
in  Figure  19,  There  ace  two  maxima,  one  at  t  •  -32ue  and  the  other  at  ♦ZBus,  corresponding  to  the  aver¬ 
age  time  delay  between  the  rise  and  fall  In  pressure  on  the  two  signals  as  the  shock  moves  upstream  and 
dovpstream,  respectively.  From  these  values  of  t  and  the  transducer  spacing,  the  average  shock  velocity 
in  the  upstream  and  downstream  direction  was  calculated  as  91  m/s  and  104  m/s,  respectively.  Without 
detailed  analysis  at  other  stations,  and  preferably  additional  teats  at  higher  sampling  rates  (to  improve 
the  resolution  of  t).  It  cannot  be  stated  with  any  certainty  that  the  downstream  velocity  Is  higher  than 
the  upstream  one  or  that  these  velocities  are  truly  representative.  However,  both  are  relatively  small, 
of  order  20Z  of  the  incoming  boundary  layer  broad-band  convection  velocity.  Since  the  shock  velocity  In 
the  downstream  direction  Is  a  small  fraction  of  this  convection  velocity,  it  seems  unlikely  that  the 
incoming  turbulence  acts  as  the  driving  mechanism  of  the  notion.  However,  before  definitive  conclusions 
can  be  drawn,  the  probability  distribution  of  the  shock  velocities  must  be  calculated  and  examined  since 
the  average  velocities  from  Che  correlation  may  be  misleading. 
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4,3  Mach  3  Blunt  Fin  R»-F-***<n<tlon 

as  a  function  of  Intcmlttency  la  shown  In  Figure  20  for  fins  with  D  •  1.27  cm.  and  2.54 
cm.  The  figure  includes  results  for  the  model  on  Che  tunnel  floor  »  1.6  cm.)  and  on  a  full  span  flat 
plate  •  .3  cm.).  In  these  boundary  layers,  large  eddy  frequencies  (U^^^)  are  of  order  36  kHz  and  190 
kHz,  respectively.  Two  conclusions  can  be  drawn  from  Che  Figure: 

1)  for  a  given  diameter  blunt  fin,  f  Is  independent  of  &  ,  at  least  over  Che  range  tested 

(5:1  variation  In  thickness);  ^ 

2)  f^  Is  dependent  on  D  ,  and  decreases  with  increasing  D  (l.e.,  increased  interaction 

and  separated  flow  length  scale).  This  result  is  Che  same  as  Chat  observed  using  cylinders 

at  Mach  5. 

The  maximum  frequencies  In  the  Mach  3  flow  do  not  differ  much  from  those  at  Mach  5.  For  the  1.27  cm.  fin 

at  Mach  5  and  Mach  3,  the  maximum  frequencies  are  approximately  1.6  kHz  and  1.1  kHz,  respectively.  The 

higher  frequency  corresponds  to  Che  higher  Mach  number  and  freestream  velocity,  U..  This  observation  sug¬ 
gested  examining  Che  possibility  Chat  a  Strouhal  number  might  be  formed  using  U.  as  Che  normalising 

velocity.  As  a  first  attempt,  the  length  scale  selected  for  normalization  was  D  .  Table  2  shows  the 
pertinent  parameters  used  in  the  calculation  of  Che  Strouhal  number. 

TABLE  2 


Case 

Mach  # 

D(cm) 

U. 

fii^(kHz) 

fL  /U„ 

sen  • 

1 

4.96 

1.27 

740 

1.6 

.027 

.071 

2 

4.96 

1.90 

740 

1.2 

.031 

.075 

3 

2.95 

1.27 

590 

1 .  1 

.024 

.050 

4 

2.95 

2.54 

590 

0.7 

.030 

.063 

The  reasonably  good  correlation  in  terms  of  such  simple  parameters  suggests  chat  they  might  play  a 
role  in,  or  be  related  to,  the  parameters  pertinent  to  the  underlying  driving  mechanisms.  Since  D  con¬ 
trols  the  length  scale  of  the  separated  flow,  (defined  as  the  distance  from  the  fin  or  cylinder 

leading  edge  Co  Che  primary  separation  line  as  Indicated  by  surface  tracers),  L  was  also  used  to  cal- 

sep 

culate  a  Strouhal  numbar.  These  values  are  shown  in  the  right-hand  column  of  Table  2.  The  scatter  Is 
somewhat  greater  chan  with  D  suggesting  that  Che  geometric  parameter  Is  more  important  chan  the  overall 
separated  flow  length  scale.  It  is  highly  probable  Chat  a  more  physically  appropriate  velocity  would  be 
some  average  value  chacacCerlstlc  of  the  upstream  flow  In  the  primary  vortex,  rather  than  the  freestream, 
but  this  velocity  is  not  known  or  easily  deduced.  However,  it  Is  likely  chat  it  would  depend  on  the 
freestream  velocity  and,  hence,  might  be  a  suitable  parameter. 

Probability  density  distributions  for  the  shock  wsve  period  and  power  spectral  density  estimates  were 
alsc  calculated.  The  results  for  Y  t  0.25  and  0.5  are  shown  In  Figures  21  and  22,  respectively.  Cross- 
correlations  could  net  be  computed  since  all  the  tests  at  Mach  3  were  made  using  a  single  transducer. 
Neither  the  probability  distributions  nor  power  spectra  are  as  well-resolved  as  the  Mach  5  data  (fewer 
records  were  taken),  but  the  shapes  of  the  curves  and  the  trends  with  D  are  the  same.  With  decreasing 
D,  the  probability  distributions  show  the  shift  towards  larger  periods  and  the  power  spmetra  show  the 
shift  toward  lower  frequencies. 


5.  CONCLUDING  REMARKS 

Wall  pressure  fluctuations  have  been  measured  under  the  unsteady  separation  shock  wave  In  Inter¬ 
actions  Induced  by  circular  cylinders  In  a  Mach  5  airflow.  The  wall  temperature  condition  was  adiabatic. 
A  conditional  sampling  algorithm  has  been  developed  to  examine  the  statistics  of  the  shock  wave  motion. 
The  same  algorithm  has  been  used  to  examine  data  taken  In  earlier  studies  In  the  Mach  3  blowdo%m  tunnel  at 
Princeton  University.  In  these  earlier  studies,  heiBlcyllT>dr<cally  blunted  fins  with  different  leading- 
edge  diameters  were  tested  In  different  incoming  boundary  layers.  Initial  analysis  show  that: 

1)  The  mean  frequency  of  the  shock  wave  Is  a  function  of  position  In  the  Intermittent  region 
and  reaches  a  maximum  at  an  Intermlttency  of  about  50Z.  These  frequencies  calculated  using 
the  conditional  sampling  algorithm  are  supported  quantitatively  by  Independent  spectral 
density  calculations. 

2)  Probability  distributions  for  the  shock  wave  period  are  highly  skewed  ac  all  stations  such 
that  the  most  probable  and  mean  frequencies  are  different.  Although  the  mean  frequency 
varies  with  intermlttency  and  hence  position,  the  most  probable  frequency  does  not  change 
significantly  from  station  to  station. 

3)  The  cylinder  and  blunt  fin-induced  flows  exhibit  the  same  general  trends.  The  mean  shock 
wave  frequency  la  dependent  on  the  cylinder  or  fin  leading-edge  diameter,  D  ,  and  decreases 
as  D  Increases.  For  a  fin  with  fixed  D,  the  mean  shock  frequency  la  independent  of  the 
Incoming  boundary- layer  thickness  over  the  range  tested  (5:1  variation). 

4)  The  maximum  mean  frequency  generated  by  different  diameter  cylinders  and  fins  at  the  two 
Hech  numbers  can  be  correlated  reeeonebly  well  by  forming  a  Strouhal  number  using  D  and 


as  nonsallslng  length  and  velocity  sca^es»  respectively.  The  Strouhal  numbers  are  In 

the  range  0.024  to  0.031.  More  data  over  a  wider  range  of  conditions  is  needed  to  evaluate 
the  validity  of  this  approach  and  these  parameters. 

5}  Initial  cross  correlations  of  the  conditionally  sampled  signals  for  the  Mach  5  cylinder 
flows  show  that  the  average  upstream  and  downstream  velocities  of  the  shock  wave  are  rela¬ 
tively  small  (about  20t  of  the  broad-band  convection  velocity  in  the  incoming  turbulent 
boundary  layer).  However,  before  the  motions  in  either  direction  can  be  fully  character¬ 
ised,  additional  cross  correlations  at  other  pairs  of  stations  are  required. 

6)  The  low,  mean  shock  wave  frequencies  (relative  to  either  the  large  eddy  frequencies  or 
estimated  bursting  frequency)  and  the  low  shock  wave  velocities  (relative  to  the  broad-band 
convection  velocity  of  the  incoming  boundary  layer)  do  not  «upport  the  view  that  the  motion 
is  triggered  by  turbulence  in  the  Incoming  boundary  layer.  Rather,  It  suggests  that  the 
motion  Is  coupled  to  the  lower  frequency  motion  of  the  downstream  separated  flow. 
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Figure  1  Typical  Intermittent  Pressure 
Signal  near  Separation 


Figure  4  Calculation  of  Boundary  Layer  Mean 
Pressure  for  Stations  In  the 
Intermittent  Region 
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Figure  10  Convection  Velocity  in  Longitudinal 
Direction  (from  Ref  26) 
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Figure  13  RMS  of  the  Fluctuations  as  a 
Function  of  X/D 
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Figure  1 1  Maximum  of  Cross  Correlation  in  the 
Longitudinal  Direction  (from  Ref  26) 
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Figure  12  Mean  Wall  Pressures  as  a 
Function  of  X/D 
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Figure  15  Mean  Shock  Wave  Frequency  as  a 

Function  of  Intermlttency  (Mach  5) 


Figure  19  Cross  Correlation  of  Pressure 
Signals  in  Intermittent  Region 
( transducer  strearowise) 
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Figure  21  Probability  Distributions  of  Shock 
Wave  Periods  (Blunt  Fins,  Mach  3) 
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SUMMARY 

An  experloental  investigation  was  conducted  into  the  effects  of  leading  edge  sweep 
and  bluntness  on  the  flow  characteristics  of  a  glancing  shock  wave  turbulent  boundary 
layer  interaction  generated  by  a  fin-on-plate  configuration.  A  series  of  sharp  swept 
fins  (covering  angles  of  sweep  from  0  to  75**)  and  a  series  of  blunt  unswept  fins 
(ranging  in  leading  edge  diameter  from  0  to  25.4  mm)  were  tested  at  incidences  of  up  to 
30®  at  a  Mach  number  of  2.4  and  a  freestream  Reynolds  number  of  2.6  x  10® 
Observations  of  the  mean  flow  were  made  using  oil  flow  visualisation,  static  pressure 
measurements,  schlieren  photography  and  vapour  screen  visualisation  techniques.  In 
addition,  some  limited  measurements  of  the  unsteady  static  pressures  beneath  the 
interaction  were  taken.  Flow  field  models  are  proposed  to  include  thu  effects  of  sweep 
and  bluntness  and  the  governing  parameters  controlling  the  extent  of  the  disturbed  flow 
and  the  pressure  levels  beneath  the  Interaction  are  examined. 

1 .  INTRODUCTION 

Glancing  shock  wave  boundary  layer  interaction  Is  an  Important  type  of  three 
dimensional  Inviscld/vlscous  Interaction  which  can  frequently  have  a  significant  effect 
on  the  'ideal'  performance  of,  for  Instance,  air  intakes  and  control  surfaces.  It  Is 
Important  for  designers  of  hypersonic  vehicles  tc  be  able  to  identify  the  instances 
where  strong  Interactions  of  this  type  may  occur  and  to  determine  the  region  over  which 
the  effects  associated  with  the  interaction  are  significant  if  the  vehicle  Is  to  be 
both  aerodynamlcally  and  structurally  efficient.  The  configurations  examined  in  the 
present  study  are  illustrated  in  Figure  1.  This  Investigation  represents  an  extension 
of  the  work  performed  by  Kubota^  on  the  interaction  generated  by  a  sharp  unswept  fin. 
Kubota  proposed  a  flow  field  model  to  describe  the  development  of  the  flow  with 
incidence  as  shown  In  Figure  2(a).  At  low  incidences,  the  sidewall  flow  remains 
attached  and  the  main  features  of  the  flow  are  a  small  corner  vortex  and  an  induced 
flow  from  the  fin  surface  which  travels  from  the  high  pressure  region  on  the  fin 
towards  the  low  pressure  region  upstream  on  the  sidewall.  These  manifest  themselves  in 
the  surface  flow  as  a  separation  line  on  the  fin  surface  and  an  attachment  line  on  the 
sidewall  surface.  For  small  incidences  the  induced  flow  does  not  present  a  sufficient 
obstacle  to  the  oncoming  sidewall  boundary  layer  to  cause  it  to  separate.  However,  as 
the  Incidence  Is  Increased  there  comes  a  point  at  which  separation  occurs  and  the  flow 
on  the  sidewall  separates  resulting  in  the  flow  illustrated  in  Figure  2fb). 

The  application  of  bluntness  to  the  leading  edge  of  an  aerodynamic  surface  aS  a 
means  of  alleviating  the  stagnation  point  or  attachment  line  heating  rate  has  been 

found  to  have  Important  Implications  on  the  magnitude  of  the  interaction  generated  in 
the  immediate  vicinity  of  the  fin  or  wing  root  whereas  the  effect  of  sweep  on  the  sharp 
fin  interaction  has  only  recently  begun  to  receive  attention.  It  was  therefore  the  aim 
of  the  present  study  to  examine  the  manner  in  which  Kubota's  flow  field  model  could  be 
modified  to  Include  the  effects  of  sweep  and  bluntness  and  to  investigate  the  effects 
on  the  overall  pressure  levels  and  Interaction  extent  over  a  broad  range  of  geometric 
conditions . 

2.  EXPERIMENTAL  ARRANGEMENT 

The  tests  were  carried  out  in  the  229  mm  x  229  am  working  section  of  the 

continuous  supersonic  wind  tunnel  of  the  College  of  Aeronautics.  The  tunnel  is  fitted 
with  an  interchangeable  two-dimensional  asyametrlc  nozzle.  Static  pressure  surveys 

throughout  the  test  region  indicated  that  the  flow  Mach  number  was  2.40  +  0.05.  The 
tunnel  stagnation  pressure  is  automatically  controlled  and  was  maintained  at 
approximately  25.3  kNm"^.  Similarly,  a  watercooling  system  kept  the  total  temperature 
at  al^ut  293  K  resulting  in  a  freestream  Reynolds  number  in  the  working  section  of  2.6 
X  10®  m’l.  Under  these  conditions,  the  sidewall  turbulent  boundary  layer  velocity 
(99.5%)  thickness  is  15.2  mm  with  displacement  and  momentum  thicknesses  of  3.8  mm  and 
1.0  mm  respectively.  Previous  measurements  by  Kubota  have  shown  that  the  wall 
conditions  at  M  ■  2.4  are  very  nearly  adiabatic. 

The  two  sets  of  fin  models  which  were  employed  are  shown  In  Figure  3.  (In 

addition,  some  tests  were  also  made  with  the  semicones  shown.)  The  models  were  mounted, 
with  the  aid  of  brackets  on  their  leeward  side,  to  circular  inserts  on  the  working 
section  sidewall  as  illustrated  in  Figure  4. 
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The  blunt  models  were  of  sufficient  height  to  satisfy  the  criterion  proposed  by 
Dolling  and  Bogdonoff^  for  the  interaction  at  the  fin  root  to  be  unaffected  by  the 
finite  height  of  the  model.  This  was  confirmed  by  schlieren  photographs  of  the  root 
flow.  For  the  purpose  of  the  surface  oil  flow  visualisation,  the  fin  and  surrounding 
sidewall  were  painted  matt  black  to  provide  high  contrast  with  the  mixture  of  oil  and 
titanium  dioxide  which  was  applied.  A  steady  oil  flow  pattern  was  produced 
approximately  five  minutes  after  the  required  working  section  conditions  had  been 
reached.  The  oil  flow  studies  were  used  to  check  that  the  fin  mounting  did  not 
influence  the  flow  in  the  test  region. 

Static  pressure  measurements  on  the  sidewall  were  made  using  two  rotatable 
pressure  tapped  sidewall  inserts  containing  up  to  220  tappings  in  a  rectangular  matrix. 
Checks  made  with  these  inserts  failed  to  show  any  incidence  hysteresis  effects  in  the 
static  pressure  footprint  of  the  interactions.  The  static  pressures  were  measured  using 
a  Setra  239  0-0.5  psi  differential  pressure  transducer  mounted  in  a  Scanivalve  Model 
9D  pressure  scanning  system.  The  signal  from  the  transducer,  when  amplified,  was 
digitised  and  stored  on  5  1/4"  floppy  discs  under  the  control  of  a  CBM  Pet 
microcomputer . 

In  order  to  determine  the  shape  and  position  of  the  shock  produced  by  each  fin  in 
the  absence  of  any  interaction  (referred  to  as  the  freestream  shock  location),  a 
conventional  single  pass  schlieren/shadowgraph  system  was  employed  together  with  sting 
mounted  models.  In  the  case  of  the  swept  leading  edge  fins,  an  appropriate  set  of  delta 
wing  models  was  constructed  and  the  centreline  shock  angle  determined.  The  flow  field 
in  the  neighbourhood  of  the  blunt  fin  leading  edge  sidewall  junction  was  also  examined 
using  schlieren  photography. 

3.  RESULTS  AND  DISCUSSION 

Effects  of  Sweep 

Firstly  the  influence  of  sweep  on  the  interaction  surface  pressure  footprint  will 
be  discussed.  Figure  5  shows  the  isobars  on  the  sidewall  beneatb  the  interaction  fc^r 
the  7\_=  30,  45,  60  and  73*’  sweep  models  at  an  incidence  of  13°.  It  is  apparent  that 
as  the  sweep  is  increased  so  the  overall  surface  pressure  level  of  the  interaction 
falls  and  the  lateral  extent  of  the  disturbed  flow  decreases  slightly.  The  fall  in 
pressure  level  might  be  expected  because  of  the  reduction  in  freestream  shock  angle,  as 
shown  in  Figure  6,  and  the  reduced  compression  between  the  shock  and  the  fin  surface. 
Typical  pressure  distributions  at  two  stations  parallel  to  the  fin  are  shown  in  Figure 
7(a).  In  an  attempt  to  collapse  these  distributions,  the  asymptotic  value  which  the 
pressure  might  be  expected  to  approach  at  large  distances  downstream  was  considered. 
For  any  value  of  Y/6  ,  as  defined  in  Figure  7,  as  X/A  tends  to  infinity  so  the 
pressure  approaches  the  value  on  the  centreline  of  the  corresponding  delta  wing.  These 
delta  wir^  centreline  pressures  were  estimated  using  the  linearised  theories  described 
by  JonesJ'  and  Puckett^.  (It  is  recognised  that  linearised  theory  underestimates  the 
centreline  pressures,  however  its  use  was  justified  on  the  basis  of  simplicity.)  The 
distributions  when  nondimensiona Used  in  this  way  are  shown  In  Figure  7(b).  The 
collapse  suggests  that  the  delta  wing  centreline  pressure  is  a  valid  scaling  parameter 
for  the  pressure  levels  beneath  the  interaction  when  the  leading  edge  is  swept.  It  is 
thought  that  the  use  of  methods  such  as  thin  shock  layer  theory  or  that  described  by 
BabaevS  would  result  in  an  even  better  collapse  of  the  data  and  a  closer  prediction 
of  the  downstream  asymptotic  pressures,  particularly  at  higher  Mach  numbers.  (Note 
however  that  the  overshoot  of  the  limiting  value  shown  in  Figure  7(8)  at  the  station 
close  to  the  fin  Is  due  to  the  Influence  of  the  attachment  line  in  this  region  as  shown 
in  Figure  2.)  Although  more  tests  are  needed  to  fully  confirm  this  method  of  scaling, 
the  Implication  is  that  if  the  surface  pressure  footprint  is  known  for  the  unswept  fin, 
then  the  swept  fin  pressure  levels  can  also  be  estimated  using  delta  wing  theory. 
Figure  8  shows  the  alleviating  effects  of  sweep  as  calculated  using  the  linearised 
theory.  Unfortunately,  lack  of  data  prevented  the  examination  of  this  correlation  when 
applied  to  peak  pressures  experienced  near  the  corner  attachment  line. 

Scaling  parameters  for  the  extent  of  the  disturbed  flow  produced  a  sharp 

fln-on-plate  configuration  have  been  put  forward  by  Dolling  and  Bogdonoff®  ftom  the 
tests  performed  at  Princeton  University  at  M  -  2.95.  These  are  of  the  form: 


Lun  .  Re^  ■ 
6 

f(  Ls 

6 

■ 

.  Mn) 

where 

Lun 

upstream  influence,  see  Figure  9 

Ls 

distance  along  shock,  see  Figure  9 

Res 

Reynolds  number  based  on  boundary  layer  thickness 

Mjj 

Mach  number  normal  to  shock 

b 

constant,  '•'S 

S 

boundary  layer  thickness 

The  line  representing  the  furthermost  upstream  point  at  which  the  static  pressure  is 
disturbed  by  the  presence  of  the  unswept  fin  when  scaled  using  the  above  relationship 
Is  shown  in  Figure  9.  Despite  the  large  difference  in  the  freestream  Reynolds  numbers 


of  the  present  tests  and  those  performed  by  Dolling,  the  comparison  suggests  that  tht- 
expression  can  be  used  to  scale  the  interaction  on  the  basis  of  boundary  layer  Reynolds 
number . 

The  question  of  the  exact  manner  in  which  the  interaction  footprint  grows  at  large 
distances  from  the  fin  has  been  the  subject  of  much  attention.  The  present  experiments 
tend  to  suggest  chat  the  interaction  upstream  influence  grows  in  an  approximately 
conical  manner  with  a  quasi-two  dimensional  footprint  downstream  of  the  freestream 
shock  location  as  shown  in  Figure  10.  However  the  relatively  low  values,  of  V/6  which 
were  attainable  probably  do  not  allow  the  flow  to  become  'fully  developed'  (i^  fuch  a 
state  exists)  in  the  lateral  direction.  For  typical  hypersonic  vehicles  flying  at  low 
Reynolds  number  with  consequently  very  chick  boundary  layers,  this  question  may,  in 
reality,  be  of  very  little  consequence. 

The  method  in  which  the  separation  of  the  sidewall  flow  develops  with  incidence 
appears  to  be  qualitatively  unaffected  by  the  application  of  sweep.  The  development  of 
separation,  as  observed  from  the  oil  flow  visualisation,  appears  to  follow  a  number  of 
stages.  These  are  Illustrated  in  Figure  11  using  oil  flow  photographs  of  the  75 

fin.  (In  the  following  description,  three-dimensional  separation  was  judged  to  have 
occurred  If  the  oil  flow  streaks  on  the  upstream  side  of  a  particular  line  converge 
into  that  line,  as  discussed  by  Kubota^.) 

(i)  At  low  incidences  a  small  separated  flow  region  exists  around  the  nose  of  the 
fin  as  shown  in  Figure  11(a).  The  ordinary  separation  line  wrapped  around  the  nose  of 
the  f:n  marks  a  dividing  line  between  the  induced  flow  from  the  fin  surface  and  the 
remainder  of  the  sidewall  surface  flow. 

(ii)  Further  increase  in  incidence  enlarges  the  lateral  extent  of  the  septirated 
region  as  shown  in  Figure  11(b).  Note,  that  the  separation  line  is  not  terminated  in  a 
singular  point  and  therefore  appears  to  be  an  example  of  an  'open'  type  separation  as 
discussed  by  Wang7.  Ultimately,  the  separation  line  extends  across  the  entire  test 
region  as  Illustrated  in  Figure  n(c).  This  type  of  separation  growth  behaviour 
demonstrates  the  complex  nature  of  Che  flow  and  Indicates  the  limits  of  the  usefulness 
of  expressions  such  as  that  proposed  by  Korkegi®  for  the  shock  pres&ure  ratio 
necessary  to  produce  incipient  separation  i.e.  even  the  mean  flow  separation  process 
must  be  regarded  as  a  continuous  process  rather  than  a  single  event. 

(iii)  Also  associated  with  an  increase  In  Incidence  is  the  division  of  the  region 
behind  the  dividing  surface  streamline  and  the  fin,  into  two  distinct  regions  i.r.  a 
region  of  high  surface  shear  where  almost  all  the  applied  oil  mix  has  been  swept  away 
and  a  region  of  relatively  low  shear  sluggish  flow  immediately  downstream  of  the 
dividing  line.  This  can  be  seen  in  Figure  11(c).  The  comp-ossion  region  separating  the 
two  regions  becomes  a  separation  line  with  an  attacliment  line  visible  just  upstream  as 
the  incidence  is  raised  as  shown  in  Figure  11(d).  Associated  with  this  development  is 
the  appearance  of  a  dip  in  the  static  pressure  distribution  when  viewed  in  the 
direction  normal  to  the  shock  as  illustrated  in  Figure  11(d). 


The  two  separation  lines  present  on  the  sidewall  at  V.igh  incidence  can  be  regarded 
as  being  the  result  of  two  different  processes.  The  first  separation  line  is  produced 
by  the  flow  Induced  from  the  fin  surface  forcing  the  sidewall  flow  off  the  surface. 
This  induced  flow  Is  generated  as  a  consequence  cf  the  high  pressures  recovered  In  the 
region  of  the  fin  leading  edge  attachment  line  and  the  fin  boundary  layer  induced 
pressures  at  zero  incidence  and  at  positive  Incidences  by  a  combination  of  these  and 
the  high  pressure  on  the  entire  windward  surface  due  to  fin  deflection. 

The  second  separation  line  is  produced  as  a  result  of  the  difficulty  encountered 
by  the  secondary  flow  In  passing  beneath  the  shock  system  in  the  opposite  direction  to 
the  freestream  flow  as  shown  in  Figure  11(c).  The  location  of  the  secondary  separation 
is  very  close  to  the  freestream  shock  location.  It  is  suggested  that  this  might  be 
caused  by  the  higher  shear  forces  experienced  by  the  flow  crossing  the  shock  location 
in  the  'reverse'  direction  once  it  appears  ahead  of  the  main  shock  structure  and 
encounters  flow  travelling  with  almost  the  freestream  flow  velocity.  This  would  have 
the  effect  of  reducing  the  momentum  of  the  already  sluggish  reverse  flow. 
Unfortunately,  insufficient  data  was  available  to  determine  the  necessary  conditions 
for  the  appearance  of  the  secondary  separation  line.  However  it  Is  felt  that  it  would 
not  be  vise  to  attempt  to  generalise  by  suggesting  that  the  appearance  of  the  secondary 
separation  line  could  be  linked  to  certain  values  of  Incidence,  sweep  etc.  because  of 
its  expected  dependence  on  such  factors  as  boundary  layer  characteristics  (steady  and 
unsteady),  shock  structure  etc.  The  flow  field  model  proposed  for  the  sharp  generator 
flow  field  with  secondary  separation  Is  shown  In  Figure  12(c).  The  effect  of  swetp  is 
to  change  the  rate  of  development  of  the  flow  field  shown  in  Figures  12(a)  -  12(c)  with 
Incidence  i.e.  delays  each  stage  of  development  until  a  higher  Incidence.  Sweep  also 
has  an  effect  on  the  flow  field  In  the  Immediate  vicinity  of  the  fin  i.e.  the 
introduction  of  sweep  has  the  effect  of  moving  the  attachment  line  off  the  fin  leading 
edge.  This  has  a  tendency  to  drive  the  corner  based  separation  line  further  into  the 
fln/sidewall  Junction. 
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The  results  of  the  tests  performed  with  the  semicones  are  shown  in  Figure  13. 
These  Indicate  that  the  jemicone  which  produces  the  same  overall  pressure  ratio  as  the 
sharp  unswept  fin  also  produces  the  surface  properties  which  most  closely  resemble 
those  of  the  sharp  fin  interaction.  This  rends  to  support  the  fact  that  the  overall 
pressure  ratio  is  the  main  parameter  determining  the  interaction  footprint  at  any 
particular  Reynolds  number  rather  than  purely  the  shock  strength. 

Effects  of  Bluntness 

The  influence  of  bluntness  on  the  pressure  levels  in  the  zero  incidence  fin 
interaction  is  graphically  illustrated  by  Figure  1^  which  shows  the  surface  pressures 
beneath  the  interaction  produced  by  the  D  ■  25.4  mm  fin.  Note  that  the  disturbance 
produced  by  the  fin  travels  approximately  2.5D  ('v  46)  upstream  of  the  leading  edge. 
Clearly  the  highest  static  pressures  on  the  sidewall  surface  (from  which  highest 

heating  rates  can  probably  be  implied  based  on  the  work  of  Wtakelmann^)  occur  in  the 
immediate  vicinity  of  the  nose.  These  peak  pressures  can  I'e  associated  with  flow 

attachment/reattachment  processes  inferred  from  the  oil  flow  studies.  A  typical  oil 
flow  photograph  for  the  D  *  25.4  mm  model  is  shown  in  Figure  15.  The  two  separation 
lines  crossing  the  centreline  in  front  of  the  fin  are  easily  distinguished.  Schlleren 
photographs  taken  of  the  flow  on  the  centreline,  such  as  the  one  in  Figure  16,  show 
that  the  mean  shock  structure  on  the  fin  centreline  is  very  similar  to  that  found  by 
Kaufman  et  al  at  higher  Mach  numbers.  The  origin  of  the  separation  shock  is  very 

close  to  the  mean  position  of  separation  as  indicated  by  the  oil  flow.  The  lambda 

structure  Is  charactf "ised  by  an  Edney  Type  IV  shock/shock  interaction  (as  originally 
described  by  Edney^*-)  at  *'he  Intersection  of  the  bow  and  separation  shocks. 

Associated  with  the  interaction  is  a  supersonic  jet  which  impinges  on  the  fin  leading 
edge.  The  cellular  shock  structure  within  this  jet  Is  visible  in  Figure  16.  The  path 
taken  by  this  jet  away  from  the  fin  root  is  an  indication  of  the  high  pressures  in  the 
root  region. 

The  pressure  levels  experienced  on  tie  centreline,  as  shown  in  Figure  17,  can  be 
approximately  estimated  using  very  simple  expressions.  The  semi-empirical 
two-dimensional  analysis  of  Truitt^^  produces  a  good  estimate  of  the  height  of  the 
first  peak.  This  agreement  however,  muot  be  regarded  as  rather  fortuitous  because  the 
theoretical  base  for  Truitt's  analysis  assumes  that  the  boundary  layer  remains  attached 
on  passing  through  the  front  leg  of  the  shock.  The  second  peak  pressure  is  very  close 
to  the  pressure  obtained  by  stagnating  the  freestream  flow  through  a  single  normal 
shock.  Examination  of  other  results  suggests  that  this  value  represents  an  upper  limit 
to  the  steady  pressure  in  this  region. 

In  contrast  to  the  swept  fin  interaction,  the  blunt  fin  interaction  in  tV\e 
vicinity  of  the  nose  appears  to  be  reme^'kably  insensitive  to  Mach  number  and  freestream 
Reynolds  number  effects  as  the  comparison  of  the  present  results  with  those  cf 
Wlnkelmann^  and  Saida  and  Hattoril^,  demonstrates,  Figure  18.  This  insensitivity, 
together  with  the  data  fitting  performed  by  Truitt,  probably  explains  the  close 
agreement  between  his  prediction  and  the  value  of  the  first  peak  pressure.  A  rise  in 
Mach  number  produces  higher  pressures  t^long  the  attachment  line  A2  which,  by  comparison 
with  Winkelmann's  results,  extends  further  in  the  lateral  direction  at  higher  Mach 
numbers.  It  is  thought  that  this  is  because  the  attachment  line  A2  is  associated  with 
attachment  of  flow  from  the  freestream  rather  than  flow  from  th  >  momentum  deficient 
approaching  boundary  layer.  The  other  major  feature  of  the  flow  in  the  region  of  A2  is 
what  appears  to  be  a  high  presssure  jet  of  air,  which  traces  a  path  from  the  attachment 
node  on  A2  and  Into  the  low  pressure  region  created  by  the  overexpansion  of  the  flow 
around  the  fin  leading  edge.  Schlieren  photographs,  such  as  Figure  19,  of  the 
freestream  flow  show  a  compression  shock  emanating  from  the  fin  shoulder,  thus 
providing  evidence  of  this  overexpansion. 

The  use  of  the  leading  edge  diameter  D  as  a  scaling  parameter  or  the  vertical  and 
horizontal  extent  of  the  Interaction  has  been  suggested  by  seve'^^al  investigators  eg: 
Winkelmann^  and  Kaufman  et  al  Figure  20  shows  the  collapse  of  the  pressure 

distributions  when  nondlmensionalised  in  this  ^  ay .  This  plot  also  demonstrates  the 

effect  on  the  pressure  footprint  of  the  other  c»  racteristic  dimensions  of  the  flow 
i.e.  some  boundary  layer  thickness.  It  seems  reasoi.-le  to  suggest  from  Figures  18  and 
20  that  as  the  parameter  D/6  reduces  so  the  pressure  levels  throughout  the 

Interaction  decrease  and  the  nondlmenslonal  extent  of  the  interaction  increases.  A 
similar  trend  with  D/6  Is  observed  at  subsonic  ‘?peeds  as  shown  in  the  re.sults  of 
Peake  and  Galwayl^.  This  trend  can  be  explained  if  it  is  recognised  that  as  0/6 
reduces  so  the  flow  approaching  a  fin  of  a  given  diameter  exhibits  a  greater  momentum 
deficit  and  therefore  separates  more  readily  i.e.  further  upstream.  (The  present  tests 
at  M  ■  2.4  also  show  an  Independence  of  the  parameter  D/6  fcr  values  of  D/6 ^2.0.) 

As  was  noted  to  be  the  case  with  the  sharp  fin  flow  field,  the  oil  flow  lines 
corresponding  to  the  separation  lines  Sx  and  S2  where  they  cross  the  centreline  have  a 
limited  lateral  extent.  The  extent  of  the  second  line  S2  is  connected  with  the 

disappearance  of  the  pressure  dip  In  the  strcamwlse  pressure  distribution  and  occurs 

typically  for  Y/D  2.5  -  3.5  (Increases  with  M)  .  This  dip  can  be  seen  In  Figure  1^. 
This  suggests  that  where  the  mean  adverse  pressure  gradient  normal  to  the  separation 
line  necessary  for  the  separation  of  the  reverse  flow  disappears,  then  the  flow  is  no 
longer  separated.  A  flow  field  model  for  the  flow  past  the  D  ■  25.4  mm  model  is  shown 
In  Figure  21.  It  Is  suggeeted  that  the  fading  out  of  the  separation  lines  Sj  and  S2  is 
caused  by  the  weakening  of  the  vortices  Vj  and  V2  due  to  vlsccus  diffusion  combined 
with  movement  of  these  vortices  away  from  the  surface. 


For  a  blunt  fin  put  at  incidence,  it  has  been  suggested  by  Dolling^^  that  at 
sufficiently  large  distances  from  the  fin,  the  interaction  pressure  footprint  reverts 
to  that  produced  by  a  sharp  unswept  fin  at  the  same  incidence.  In  thi*  r;:£:.pcct  the 
interaction  flow  field  behaves  in  a  similar  manner  to  the  freestream  flow  field  i.e. 
the  effects  of  nose  bluntness  are  undetectable  at  large  distances  from  the  fin. 
Dolling's  experiments  at  M  »  2.95  suggested  that  the  point  at  which  the  footprints 
match,  mirrors  very  closely  the  point  at  which  the  freestream  flows  (in  particular  the 
shock  strength)  become  indistinguishable.  However,  the  present  tests  indicate  that  the 
influence  of  the  nose  bluntness  may  be  felt  outboard  of  this  point.  A  comparison  of  the 
sharp  fin  and  the  D  »  3.18  mm  fin  pressure  distributions  at  an  incidence  of  13*^,  Figure 
22,  shows  that  even  at  Y  ■  50.8  mm,  where  the  difference  in  shock  strength  (as 
calculated  from  the  schlieren  photographs  of  the  freestream  flows)  is  only 
approximately  9X,  the  footprint  has  not  completely  reverted  to  that  of  the  sharp  fin. 
This  suggests  that  at  M  »  2.4,  the  interaction  footprint  may  not  follow  the  inviscid 
flow  as  closely  as  Dolling  found  Co  be  the  case  at  M  =  2.95. 

The  flow  field  in  the  vicinity  of  the  nose  i.e.  small  values  of  Y/D,  changes 
little  as  the  Incidence  is  raised,  as  shown  in  Figure  23.  The  major  change  is  that  the 
jet  on  the  fin  surface  shown  in  Figure  21  becomes  weaker.  This  is  probably  as  a  result 
of  the  Increased  pressure  levels  on  the  fin  surface  in  relation  to  the  stagnation 
pressure  recovered  on  A2.  The  development  of  the  oil  flow  with  incidence  suggests  that 
the  flow  field  becomes  as  shown  in  Fisure  24.  The  secondary  separation  line  S3  weaken:, 
and  the  flow  becomes  dominated  by  the  attachment  line  A2*  Note,  that  at  low  incidence:  , 
the  nose  bluntness  is  responsible  for  producing  a  flow  from  the  sidewall  onto  the  fi:. 
surface  whereas  at  higher  incidence,  this  flow  is  reversed  due  to  the  high  pressure 
levels  on  the  fin  surface.  At  Incidences  outside  the  present  range  of  study  it  is 
expected  that  a  new  secondary  separation  would  appear  as  was  observed  with  the  sharp 
fin,  as  Illustrated  in  Figure  11(d). 

Unsteady  Aspects 

Measurements  of  the  static  pressure  fluctuations  were  made  at  four  locations 
beneath  the  interaction  generated  by  a  sharp  unswept  fi.n  at  Ot  =  9''.  These  positions 
are  shown  in  Figure  25(a).  Care  was  taken  to  mount  the  Kulite  LPS-125-10M  differential 
pressure  transducer  used  for  the  tests  so  that  its  diaphragm  was  flush  (or  very 
slightly  below)  the  surrounding  sidewall  because  of  Che  effect  transducer  position  can 
have  on  the  RMS  level  and  power  spectrum  of  the  measured  signal  as  discussed  by 
Hanlyl^.  The  signal  from  the  transducer  was  amplified  and  then  recorded  on  0.5  ins 
magnetic  tape  via  a  Racal  7M  tape  recorder.  The  recorded  signals  were  replayed, 
digitised  and  sampled  by  a  Digital  Mine  minicomputer.  Library  programs  were  then  used 
to  evaluate  the  RMS  value  of  the  fluctuating  signal  about  the  mean  as  well  as  the  power 
spectral  density  of  the  signal  at  each  location. 

The  variation  of  the  RMS  pressure  fluctuation  is  shown  in  Figure  25(b).  The  value 
at  position  (I)  was  unaffected  by  the  presence  of  the  fin  and  was  in  reasonable 
agreement  with  the  estimate  obtained  using  the  correlation  produced  by  Laganalli 
t’C  al  for  high  speed  turbulent  boundary  layers.  The  highest  value  occurs  in  the 
neighbourhood  of  the  mean  position  of  the  separation  line  and  is  associated  with 
movement  of  Che  separation  shock  and  the  unsteady  nature  of  turbulent  separation. 
Although  more  transducer  locations  are  needed  to  properly  define  the  peak  of  this 
distribution,  the  maximum  measured  amplification  of  1.5  falls  well  below  the  peak 
values  of  12.0  and  8.5  measured  by  Dolling  and  Bogdonoff^^  and  Dolling  and  Murphy^^ 
in  blunt  fin  and  two-dimensional  swept  ramp  flows  at  M  »  2.95.  It  is  suggested  chat  the 
.sharp  fin  induced  separation  is  less  unsteady  than  the  corresponding  separations  in 
blunt  fin  and  ramp  flows.  In  addition,  there  is  also  no  evidence  of  intermittency  in 
the  pressure-time  histories  at  locations  around  the  mean  separation  position. 

In  order  to  determine  whether  the  Increase  in  the  RMS  fluctuations  around 
separation  could  be  associated  with  any  particular  frequency  (i.e.  was  oscillatory), 
the  power  spectra  of  the  pressure  signals  was  obtained.  The  results  indicated  that  no 
one  dominant  frequency  is  present  but  that  there  is  an  overall  increase  in  the 
approximate  range  3-30  kHz. 

4.  CONCLUSIONC 

The  flow  field  model  proposed  by  Kubota^  has  been  extended  to  include  higher  fin 
incidences  characterised  by  the  appearance  of  a  secondary  separation.  Associated  v.\th 
the  secondary  separation  is  the  appearance  of  a  dip  in  the  surface  pres.c.ure 
distribution  normal  to  the  shock.  This  model  is  also  applicable  to  cases  where  the 
leading  edge  is  swept  back. 

The  static  pressure  level.s  beneath  the  interaction  generated  by  a  sharp  swept  fin, 
approximately  scale  with  the  pressures  experienced  on  the  centreline  of  the 
corresponding  delta  wing  at  the  same  incidence.  The  application  of  sweep  decreases 
slightly  the  extent  of  the  disturbed  flow  field.  However,  the  effect  of  sweep  on  the 
footprint  extent  when  referenced  to  the  freestream  shock  location,  is  secondary  in 
comparison  to  the  effect  of  sweep  on  the  pres.sure  levels.  Limited  comparisons  suggest 
that  existl-'g  methods  for  estlnatlng  the  effects  of  Reynolds  number  (based  on  boundary 
layer  thicki  ess)  on  the  upstream  influence  of  the  interaction  produced  by  an  unswept 
fin,  at  a  particular  incidence,  are  not  unreasonable.  Fluctuating  pressure  measurements 
indicate  th  t  the  separation  Induced  by  a  sharp  unswept  fin  is  considerably  less 
unsteady  than  blunt  fin  Induced  separation. 


8-6 


A  mean  flow  field  model  has  been  put  forward  for  the  blunt  fin  interaction  at  zero 
to  moderate  incidences.  Leading  edge  diameter  is  found  to  control  the  horizontal  extent 
of  the  flow  field  even  at  large  distances  from  the  fin.  The  results  indicate  that  a 
reduction  in  the  parameter  DM  below  approximately  2.0  results  in  a  significant 
decrease  in  the  interaction  surface  pressure  levels  and  an  increase  in  the  non- 
dlmenslonallsed  (with  respect  to  leading  edge  diameter)  extent  of  the  interaction 
footprint . 
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Fig  2  Kubota's  Flow  Field  Model. 
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Fig,  3  Wind  Tunnel  Models. 
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Fig.  17  Cenfreline  Pressure  Distribution. 


Fig.  18  Position  of  Separation  Lines  at  Zero  Incidence. 


Fig.  19  Schlieren  Photograph  of  Flow  Past  Sting  Mounted  D=127mm  Model 
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Fig.  20  Collapse  of  Static  Pressure  Distributions,  oC=0° 
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RESUME 


L'uCilisation  de  methodes  optiques  est  I'une  des  seules  possibilites  d'etude  des  sillages  hypersoni- 
ques  en  tunnel  de  tir.  En  raison  de  la  vitesse  des  ecouleroents ,  les  methodes  utilisees  doivent  permettre 
des  temps  de  pose  nettement  inferieurs  a  la  microseconde.  L'ISL  utilise  depuis  longtemps  des  techniques  de 
visualisation  ultra-rapide  pour  I'etude  de  la  transition  dans  les  sillages  hypersoniques ,  tnais  les  moyens 
disponibles  jusqu'ici  ne  pennettaient  pas  de  suivre  dans  le  temps  les  instabilites  du  sillage  laminaire. 

Nous  proposons  ici  d'utiliser  un  laser  associe  a  un  modulateur  acoosto-optique  comme  source  de  lutnie- 
re  ultra  courts,  a  haute  energie  et  a  grande  frequence  de  repetition,  pour  permettre  1 'enregistrement  d'un 
certain  nombre  d'images  du  meme  phenomene  en  vue  d'etudier  I'evolution  au  cours  du  temps  des  instabilites. 
Les  avantages  de  cettc  source  lumineuse  sent  une  grande  energie,  des  impulsions  de  20  ns  seulement,  une 
frequence  de  repetition  variant  independainment  de  la  duree  des  impulsions  et  une  synchronisation  aisee  avec 
des  evenements  extdrieurs.  Le  laser  consticue  une  source  ponctuelle  qui  peut  etre  utilisee  pour  olusieurs 
montages  optiques  differents  et  sa  nature  coherente  permet  d'envisager  I'emploi  de  1 'holographie .  Le  syste- 
me  de  reception  capable  d’enregistrer  les  images  obtenues  avec  une  vitesse  suffisante  constitue  le  princi¬ 
pal  probl^me  de  la  mise  au  point  de  la  methode. 

ABSTRACT 

Optical  methods  are  among  Che  only  possibilities  to  study  hypersonic  wakes  in  ballistic  ranges.  Be¬ 
cause  of  Che  flow  velocities  involved  the  methods  employed  must  permit  exposure  times  well  below  one  micro¬ 
second.  The  ISL  has  been  using  ultra-high-speed  visualization  techniques  for  the  study  of  Che  transition  of 
hypersonic  wakes  for  quite  some  time,  but  the  means  available  up  to  now  did  not  permit  to  investigate  the 
clme-hlstory  of  the  instabilities  in  the  wake. 

Ve  are  proposing  the  use  of  a  laser  equipped  with  an  acousto-opC ical  modulator  as  a  source  of  ultra 
short,  highly  energetic  pulses  with  high  repetition  rate  to  be  used  to  record  a  certain  number  of  images  of 
the  same  experiment  in  order  to  study  the  time  history  of  these  instabilities.  Advantages  of  the  laser  as  a 
light  source  are  not  only  the  high  energies  available  together  with  pulse  durations  down  to  20  nenosecondes , 
but  mostly  the  free  choice  of  repetition  rate  independantly  of  exposure  time,  and  the  possibility  to  syn¬ 
chronize  the  pulses  with  external  events.  The  laser  is  a  point  source  and  as  such  can  be  used  in  a  variety 
of  different  optical  setups.  The  coherent  nature  of  the  laser  light  even  permits  holographic  techniques. 

The  reception  system  capable  of  recording  the  images  at  a  sufficient  rate  is  the  basic  problem  in  the  devel¬ 
opment  and  use  of  the  proposed  setup. 

1.  INTRODUCTION 

L 'aerodynamique  hypersoniqce  a  ete  I'un  des  themes  majeurs  sur  lesquels  a  travaille  I'ISL  de  1960  a 
1975  et  1 'etablissement  s'etait  dot^  pour  ce  faire  de  moyens  d'essais  relativement  importants,  d’une  cer- 
caine  originalice,  eC  pour  lesquels  a  ete  developpe  un  grand  nombre  de  moyens  de  mesure  d'usage  assez  peu 
courant  ou  meme  tout  a  fait  nouveaux 

Les  problemes  qui  onC  ete  traites  concemaient  surtout  les  problemes  de  rentree  dans  1 'atmosphere  de 
tetes  d'engins  balistiques  et  plus  particulierement  les  deux  points  suivants  : 

-  I'etude  de  I'echaufferaent  cinetique  et  des  flux  de  chaleur,  surtout  effectuee  dans  une  soufflerie  a  chocs 
done  les  caracteristiques  sont  rappelees  en  [2]; 

-  I'etude  des  sillages,  effectuee  au  tunnel  de  tir  hypersonique. 

Malgrd  les  differences  des  installations  et  des  sujets  traites,  un  certain  nombre  de  problemes  netro- 
logiques  communs  ont  ete  rencontres.  En  effet,  les  temps  de  rafales  de  la  soufflerie  a  choc  sont  brefs  (de 
I'ordre  de  10“*'  s),  bien  que  nettement  superieurs  aux  temps  dont  on  dispose  pour  les  mesures  au  tunnel  de 
tit  hypersonique  (au  maximum  de  10”*  s).  Mais  cela  n6cessite  dans  les  deux  cas  I’emploi  de  methodes  rele¬ 
vant  de  la  physique  des  temps  courts,  autre  domaine  dans  lequel  I'ISL  avait  acquis  une  grande  experience 
par  le  moyen  d'^tudes  relevant  de  la  detonique  ou  de  la  propagation  des  ondes  de  choc. 

Parmi  les  methodes  qui  ont  ete  utilisees  figurent  evidetimient  les  methodes  de  visualisation  ultra- 
rapide.  Celles-ci  avaient  notararaent  ete  utilisees  pour  I’etude  de  la  transition  laminaire/turbulent  dans 
un  sillage  hypersonique,  mais  cette  etude  etait  restee  sommaire  du  fait  des  limitations  des  moyens  disponi¬ 
bles  a  l'4poque,  lesquels  ne  permettaient  pas  I'etude  du  developpement  des  instabilites  du  sillage  laminai¬ 
re. 


Les  progrfes  rdeents  de  I 'optodlcctronique  permettent  d'aborder  aujourd'hui  cette  etude. 

On  trouvera  successivement  dans  ce  qui  suit  : 

-  un  rappel  des  resultats  obtenos  autrefois,  precede,  pour  en  faciliter  la  comprehension,  par  une  breve 
presentation  generale  et  une  courte  description  des  moyens  d'essais  utilises; 
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-  un  examen  des  possibilitds  nouvellea  offertea  par  las  techniques  actuellemenc  disponlbles; 

-  des  exeotples  des  premiers  rdsulcats  obtenus. 

2.  Etude  des  slllages  hypersoniques 

2.1  Motivations  de  I'etude 

Le  sillage  que  laisse  derrl^re  lui  un  engin  penetrant  dans  l*atmosphere  est  ionise  et  constitue  done 
un  moyen  de  detection  de  cet  engin.  Cette  detection  peut  etre  soic  passive  (ecoute  de  1 'emission  propre  du 
sillage),  soit  active  (ecoute  du  retour  d'une  onde  emise  du  sol).  On  peut  ainsi  suivre  la  trajectoire  d'un 
engin  alors  qu'il  n'est  lui~meme  pas  detectable  ou  que  la  comounicacion  avec  lui  n'est  pas  possible.  Theo- 
riquement,  la  detection  esc  possible  dans  tout  le  spectre  ^lectromagnetique  (radioelectrique,  infrarouge, 
visible,  ultraviolet),  mais  les  etudes  de  I'ISL  ont  surtout  porte  sur  la  detection  active  dans  la  ganma 
des  frequences  radioelectriques  ("dclio  radar”)  fSJ.  Dans  le  cadre  de  cette  etude,  I'ISL  a  mis  au  point  di- 
verses  methodes  de  mesure  de  I'ionisacion  d'un  sillage  en  laboratoire  :  cavice  resonance,  interferometres 
hyperfrequences ,  sondes  de  Langmuir  (4|.  Du  point  de  vue  aerodynamique ,  I'ionisacion  du  sillage  ec  son 
evolution  en  fonction  de  la  distance  a  I 'engin  sont  gouverndes  par  differents  parametres  lies  aux  condi¬ 
tions  de  vol  et  a  la  geomecrie  et  aux  dimensions  de  I'objet.  Ces  parametres  determinenc  la  nature  du  sil¬ 
lage  qui  joue  un  role  essentiel.  En  ef fee ,  la  decroissance  de  la  densite  dlectronique  esc  bien  plus  rapide 
dans  un  sillage  turbulent  ou  il  y  a  melange  avec  un  ecoulenent  exterieur  plus  froid  que  dans  un  sillage 
laminaire.  L'dtude  de  la  transition  de  I'dcoulement  laminaire  a  I'ecoulement  turbulent  dans  le  sillage  a 
done  conscitud  un  des  aspects  essentials  de  I'ensemble  de  I'^cude  et  e'est  le  seul  done  il  sera  question 
ici.  On  crouvera  en  [5]  une  presentation  plus  g^nerale  de  I'ensemble. 

2.2  Moyens  d'essais 

ECant  donne  le  probl^ote  pose,  I'emploi  du  tunnel  de  cir  de  preference  a  la  soufflerie  s'imposait  en 
raison  de  : 

-  la  necessite  de  faire  verier  la  pression  dans  les  limites  rencontrees  dans  la  haute  atmosphere  (de  1  a 
100  ofinHg  environ)  et  de  reallser  les  essais  dans  un  milieu  ayant  strlctetnent  la  composition  chimique  de 
1 'air  en  equilibre , 

-  la  vitesse  a  reproduire,  de  I'ordre  de  plusieurs  km/s,  correspondant  a  des  nonbres  de  Mach  tres  Aleves 
(de  10  k  25), 

-  la  necessite  d'eviter  tout  support  de  maquette  susceptible  d'entratner  une  perturbation  du  sillage  et  du 
besoin  de  pouvoir  observer  le  phenomene  loin  a  I'aval  de  la  maquette. 

Les  essais  ont  done  ete  effectues  dans  le  tunnel  de  cir  hypersonique  du  departement  d 'aerodynamique 
de  I'ISL.  Ce  tunnel  esc  equips  de  deux  canons  a  gar  leger  (hydrogene,  mais  I'helium  a  aussi  ete  utilise) 
done  la  figure  1  precise  les  caracc^risciques*^ .  Les  vitesses  maximales  acteintes  ont  ete  de  8,5  km/s  pour 
le  canon  de  20  mm  et  de  9,1  I'm/s  pour  le  canon  de  10  nm.  La  figure  2  donne  une  photographie  de  ces  canons 
et  la  figure  3  une  photographie  du  tunnel  de  tir  proprement  dit.  Celui-ci  comporte  une  chancre  de  detente 
descinee  k  freiner  les  ga2  de  bouche  du  canon,  un  diaphragme  (piece  metallique  perc^e  d'un  trou  et  desci- 
nde  k  arrSter  les  "sabots”  ayant  servidguider  les  projectiles  non  cylindriques  dans  le  tube  de  lancement) 
et  un  certain  nombte  d'elements  variables  en  fonction  des  essais  a  realiser.  La  figure  4  donne  une  confi¬ 
guration  typique  du  tunnel  de  cir  tel  qu'il  etait  equipe  pour  1 'etude  des  sillages  hypersoniques.  La  ra- 
diographie-dclair  servait  k  verifier  le  bon  ddcachement  des  sabots.  Les  deux  postes  ombroscopiques  ^taient 
ucillsds  pour  la  mesure  de  la  vitesse  du  projectile  (d'autres  postes  doivenC  etre  ajouces  lorsqu'il  fauc 
tenir  compte  de  la  deceleration  du  projectile),  le  spectroroetre  de  masse  a  servi  k  une  tentative  d 'etude 
de  la  composition  chimique  du  sillage  (8]  et  I'ecude  des  caracterist iques  electroniques  du  sillage  etait 
faice  dans  1 'element  terminal  de  grand  diametre.  Les  deux  postes  scrioscopiques  dtalent  utilises  pour  la 
visualisation  du  sillage  et  I'ecude  de  la  transition. 

2.3  Visualisations  par  sCrioscopies 

L'etude  de  la  transition  a  essentiellemenc  ete  faite  par  examen  visuel  des  photographies  du  sillage 
obtenues  par  strioscopies .  Cet  examen  a  conduit  a  I'adoption  du  critere  de  transition  de  Zeiberg  [9]  pour 
les  sillages  de  spheres  (10)  et  a  celui  du  critere  de  transition  de  Waldbusser  [11,  12]  pour  les  sillages  de 
eSnes  faiblement  emeusses  [13,  I4|. 

Cit  a  egalement  utilise  plusieurs  variances  d'un  montage  dans  lequel  un  faisceau  laser  traverse 
I'ecoulement  avant  d'etre  recu  sur  un  photoaulciplicateur.  Le  signal  requ  depend  des  variations  de  I'in- 
dice  de  refraction  incegre  le  long  du  chemin  optique  et  presente  un  aspect  tres  different  suivanC  que 
I'ecoulement  est  laminaire  ou  turbulent  [15,  16). 

L'etude  a  ete  faite  pour  des  vitesses  de  3300  a  6300  m/s,  des  maquetces  de  faibles  dimensions  (ca¬ 
libre  maximal  :  20  mm)  et  de  faibles  presaions  dans  le  tunnel  de  tir  (de  2  k  100  nrilg).  Dans  ces  condi¬ 
tions,  de  tres  faibles  temps  de  pose  (a  5  km/a,  le  projectile  parcourt  5  ion  par  ps)  et  de  tres  fortes  in- 
tensites  lumineuses  etaienC  necessaires.  Pour  les  obtenir,  I'ZSL  avait  construit  des  flashes  ayant  les 
caracCeristiques  suivantes  : 

-  energie  41ectrique  :  0,7  joule, 

-  duree  d'emission  a  mi-hauteur  :  150  ^  200  ns, 

-  dimensions  du  canal  lumineux  ;  4  mm  x  1  tms. 

Ces  flashes  equipaient  des  postes  scrioscopiques  k  double  passage  dont  la  figure  5  donne  le  schema. 

La  pluparc  des  visualisations  ont  ete  effectuees  en  ucilisant  des  miroirs  spheriques  de  rayon  de  courbure 

Les  caracCeristiques  donn^es  correspondent  a  I'etat  actuel  de  1 ' installation.  Du  fait  des  modifications 
intervenues  depuis  la  mise  en  service  du  petit  canon  en  1961  [7)  et  celle  du  grand  canon  en  1965  [61,  les 
valeurs  indiqudes  peuvent  diffdrer  de  celles  que  I'on  peut  Crouver  dans  les  documents  ISL  plus  anciens,  qui, 
pour  les  mSmes  raisons,  peuvent  donner  des  valeurs  diffdrant  encre  elles. 


egal  a  2  m  ec  de  diametre  21  co  [17].  Dans  ce  cas ,  deux  montages  ne  different  que  par  l*orientation  des 
couteaux  (l*un  a  couteaux  paralleles  a  l*axe  du  tir  et  l*autre  a  couteaux  perpendiculaires  a  cet  axe) 
avaient  ete  mis  en  oeuvre  simultanement .  Par  la  suite  un  montage  plus  perfonnant  avec  un  miroir  sperique 
de  S  m  de  rayon  de  courbure  et  de  diametre  SO  cm  a  ete  utilise  (I8l.  Son  encot^rement  a  necessite  I'etnploi 
d'un  miroir  de  renvoi  suppl^mentaire  (figures  6  et  7). 

La  ligure  8  donne  un  premie"  exciople  de  resultat.  II  s'agit  d'un  cSne  de  demi-angle  au  somnei  I2»5*, 
d'emoussement  0,2,  de  diametre  au  culot  12,4  cb,  lance  a  4113  m/s  dans  de  I'air  &  tOO  nnHg.  Le  sillage  la- 
minaire  presente  d'abord  des  contours  rectilignes  jusqu'a  93  mm  du  nez  du  projectile.  Ensuice  apparaissent 
des  ondulations  qui  induisent  dans  I 'ecoulement  exterieur  du  sillage  des  ondes  de  choc  qui  viennent  inter* 
ferer  avec  I'onde  de  chcc  de  recompression  issue  du  col  du  sillage,  puis  le  sillage  prend  un  aspect  turbu* 
lent  caracteristique  k  partir  de  IIS  nn  du  nez,  avec  des  "bouffees"  plus  ou  moins  importantes. 

La  figure  9,  qui  correspond  a  un  projectile  identique  tire  a  vitesse  un  peu  plus  elevee  (4674  m/s) 
dans  de  I'air  a  la  mime  pression,  done  a  une  transition  un  peu  plus  proche  du  projectile,  montre  un  derou- 
lement  analogue  :  apparition  d'ondulations  a  la  frontiere  du  sillage  laminaire,  mais  cette  fois  des  70  mm 
du  nez,  puis  des  ondulations  du  sillage  laminaire  avant  I'apparition  de  bouffees  turbulentes  plus  ou  moins 
importantes  a  partir  de  92  nn  du  nez,  mais  ce  n'est  guere  que  dans  la  partie  droite  de  I'image,  e'est-a- 
dire  vers  250  cnin  du  nez,  que  le  sillage  turbulent  connence  ^  presenter  un  "grain"  a  peu  pres  homogine. 

La  figure  lOmontre  le  sillage  d'un  cone  de  ti^me  forme  mais  de  dimensions  deux  fois  plus  faibles  (dia- 
mecre  de  culot  6,2  nn)  tire  a  4614  m/s  dans  de  I'air  a  la  pression  de  60  rnmHg.  La  transition  est  alors  plus 

lointaine  et  le  centre  de  I 'image  est  a  205  mm  du  culot  du  projectile.  On  voit  tres  nettement  le  developpe- 

ment  des  instabilites  du  sillage  laminaire  et  I'apparition  progressive  de  "bouffees"  turbulentes  de  plus  en 
plus  importantes.  Un  examen  attentif  de  1 'image  montre  que  les  instabilites  apparaissent  d'abord  a  la  fron¬ 
tiere  superieure  du  sillage  laminaire,  les  instabilites  a  la  frontiere  inferieure  ne  deviennent  visibles 
que  tout  a  fait  a  droite  de  I'image.  Cette  figure  est  une  strioscopie  a  couteaux  perpendiculaires  a  I'axe 
du  tir  et  visualise  done  les  gradients  de  masse  volumique  dans  la  direction  axiale.  La  figure  11  donne  la 
strioscopie  a  couteaux  paralleles  a  I'axe  correspondanc  au  mime  tir.  Les  deux  postes  strioscopiques  etaient 
separes  de  75  cm  et  le  declenchement  des  eclaceurs  regie  de  maniere  a  ce  que  le  centre  de  deux  images  soit 

a  la  mime  distance  du  projectile.  L'examen  de  la  figure  11  permet  de  retrouver  les  mimes  structures  que 

sur  la  figure  10  mais  dicalees  vers  la  droite.  A  priori  on  serait  tente  d'attribuer  ce  dicalage  a  la  vitesse 
de  convection  de  ces  structures  par  I'ecoulement  et  de  calculer  cette  vitesse  a  partir  de  ces  photographies . 
Cependant  I'influence  des  incertitudes  experimentales  (erreur  sur  la  mesure  de  la  vitesse  des  projectiles, 
erreurs  sur  1' instant  du  declenchement  des  eclateurs)  enleverait  toute  precision  a  cette  Ivaluation. 

La  figure  12  est  particulilreoent  remarquable.  Elle  correspond  a  un  c8ne  de  petit  calibre  (diametre 
au  culot  6,2  nnn)  tire  a  4780  m/s  dans  de  I'air  a  20  oxnHg.  La  transition  est  alors  tres  lointaine  et  I'ecla* 
teur  a  ete  regll  de  maniire  a  ce  que  le  centre  de  I'image  soit  k  la  distance  prlvue  pour  la  transition  par 
le  critere  de  Waldbusser  (soit  I  110  calibres  du  nez  du  cone  ou  68  cm).  Mais  alors  que  ce  critere  est  sup¬ 
pose  donner  la  fin  de  la  transition,  la  photographie  montre  que  I'on  est  plutot  au  debut  de  celle-cl;  on  y 
voit  nettement  se  developper  une  instabilite  a  la  frontiere  superieure  du  sillage  laminaire.  Cette  insta- 
billte  contamine  progressivement  tout  le  sillage,  mais  ce  qu'il  y  a  de  surprenant  est  son  attenuation  et 
sa  disparicion  progressive  vers  la  droite  de  I'image. 

L'lntlret  d'une  etude  detaillle  des  instabilitls  que  l'<.>n  voit  sur  les  figures  8  ^  12  (lesquelles 
sent  extraites  de  [13})  est  evident.  II  aurait  fallu,pour  faire  cette  etude,  pouvoir  suivre  le  diveloppe- 
ment  de  ces  instabilites  au  cours  du  temps,  ce  cui  etait  malheureusement  impossible  a  I'epoque  ou  ces  pho¬ 
tographies  ont  eti  obtenues.  En  effet,  chaque  eclateur  (alimente  par  la  decharge  d'une  batterie  de  conden- 
sateurs)  ne  pouvait  etre  utilise  qu'une  seule  fois  par  tir.  Une  solution  theoriqueroent  possible  eut  eti  de 
multiplier  le  nombre  de  postes  strioscopiques  le  long  de  la  trajectoire,  mais  le  nombre  de  postes  possibles 
est  limiti  a  quelques  unites  et  leur  multiplication  nc  va  pas  sans  poser  des  problemes  pratiques.  La  solu¬ 
tion  ideale,  effectuer  plusieurs  dizaines  de  visualisations  successives  au  mime  endroit,  n'etait  pas  possi¬ 
ble,  faute  de  source  lumineuse  appropriee. 

3,  Cinematographie  ultra-rapide 

3.1  Considerations  generates 

Pour  visualiser  un  phenomene  instationnaire,  il  faut  que  la  duree  d 'observation  T  soit  nettement  in¬ 
ferieure  k  la  duree  caractiristique  du  phlnomene.  II  est  difficile  ici  d'estimet  cette  demilre  de  facon 
precise,  cals  cn  peut  en  determiner  un  ordre  de  grandeur.  En  effet,  les  figures  9  I  12  montrent  que  les 
instabilites  qui  se  dlveloppent  sont  k  peu  pris  a  I'lchelle  spatiale  de  I'obstacle.  Elies  ont  done  une 
taille  caracteristique  L  de  I'ordre  de  10”*  m.  Si  on  prend  pour  vitesse  caracteristique  celle  du  projecti¬ 
le,  soit  vs5«10*  m/s,  on  obtient  un  temps  caracteristique  :  L/v  =  2  ys,  pour  la  "periode"  du  phinomene  A 
etudier.  II  faudrait  done  pouvoir  faire  pendant  cette  plriode  un  certain  non^re  de  photographies  avec  des 
temps  de  poses  suf f isamment  petits.  Les  eclateurs  utilises  ci-dessus  ont  une  duree  acceptable  (150  ns) 
mais  ne  permettent  pas  la  repetition  des  images. 

II  existe  un  instrument  deja  ancien  qui  permet  cette  repetition  :  e'est  la  chronoloupe  de  Cranz- 
Schardin  [19],  qui  consiste  en  une  batterie  de  24  eclateurs  declen''he8  avec  des  intervalles  fit  reglables 
et,  k  I 'oppose  par  rapport  au  phenomlne  k  etudier,  une  plaque  recevant  cote  a  cSte  les  24  images  (figu¬ 
re  13).  L' inconvenient  du  systlme  est  qu'il  entratne  des  erreurs  de  parallaxe,  mais  que  I'on  peut  mini¬ 
miser  en  eioignant  la  batterie  d'eclateurs  et  la  plaque  du  phlnonifene,  ce  qui  entralne  des  complications 
dues  k  I'emploi  de  miroirs  de  renvoi  (le  laboratoire  n'est  pas  extensible!).  Les  appareils  existant  i 
I'ISL  ont  une  cadence  de  ripitition  qui  est  bonne  (fit  minimum  4gal  k  10*^  s),  mais  les  temps  de  pose 
sont  trop  longs  (au  minioum  3  us)  et  ia  puissance  lumineuse  est  assez  faible.  L'appareil  esc  cependant 
utilisable  pour  des  sillage  de  projectiles  &  faible  vitesse,  coesne  le  montre  I'exemple  de  la  figure  14. 

L'ideal  serait  de  pouvoir  disposer  d'une  source  lumineuse  foumissant  des  impulsions  de  I'ordre  de 
20  ns  avec  des  intervalles  entre  impulsions  de  I'ordre  de  100  ns. 
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Reaarquons  en  pAflsanc  qu*il  faudrait  aller  encore  bien  plus  loin  pour  accdder  aux  echelles  du  oiouve- 
nent  turbulent  ^ixquelles  ae  fait  la  dlaaipation  par  viscositd.  En  effec,  si  I'on  en  crott  la  theorie  [20], 
ces  dchelles  ont  un  teiq>s  caractdristique  de  l*ordre  de  L/v  Re'~’'\  soit  ici  de  I'ordre  de  s. 

La  realisation  de  temps  d'expoaition  courts  et  d*une  cadence  de  repetition  eievee  peut  Stre  obtenue 
au  moyen  des  trois  elements  du  montage  optique  :  la  source  lumineuse,  I'optique  elle-mSme  et  le  moyen  de 
reception.  Dans  la  plupart  uc»  cas  ou  l*oa  siHiUaite  ef£e»...uer  une  sene  de  photographies  tres  rapprochees 
dans  le  temps,  les  temps  d'expoaition  et  les  intervalles  entre  images  successives  sont  determines  par  le 
systeme  de  reception.  C'est  le  cas  des  cameras  a  miroir  toumant.  des  cameras  »  tambour,  ainsi  que  des 
systemes  utilisant  des  obturateurs  eiectroniques.  Quel  que  soit  leur  mode  d'utilisation,  le  temps  d'exposi- 
tion  permis  par  ces  cameras  utilisdes  a  grande  vitesse  est  fonction  de  I'intervalle  de  temps  entre  images 
successives  et  ne  peut  Stre  choisi  independaaDenc .  Ces  systfeoes  de  reception  sont  en  general  utilises  avec 
des  sources  lumineuses  quasi-continues.  qui  eclairent  I'objet  avec  une  lumi^re  intense  pendant  la  totalite 
de  1 'enregistrement . 

La  chronoloupe  mentionnee  plus  haut  esc  un  exemple  d'utilisation  de  la  source  lumineuse  pour  fixer  la 
duree  d'expoaition  et  la  frequence  des  images  puisqu'elle  utilise  24  eclateurs  independants  pouvant  etre 
declenches  par  groupes  de  six.  La  reception  est  assures  par  24  appareils  photographiques  separds.  L'obten- 
tion  d 'enregistrements  plus  longs  comprenanc  plus  de  24  images  serait  extremement  difficile  pour  des  rai* 
sons  pratiques. 

3.2  Emission 

Des  sources  lumineuses  fournissent  des  iiiq>ulsions  tres  courtes  et  de  grande  energie  ont  ete  develop- 
pees  recemment  sous  forme  de  lasers.  Des  lasers  a  rubis.  ^  colorant  ou  des  lasers  YAG  operant  en  mode  re~ 
laxe  fournissent  des  impulsions  de  I'ordre  de  la  microseconde.  L'utilisation  de  techniques  particulieres 
de  modulation  intra-cavite  du  laser  permet  d'atteindre  des  duress  d'impulsion  de  I'ordre  de  la  nanosecon- 
de  et  les  impulsions  les  plus  courtes  que  i'on  peut  obtenir  en  combinant  la  modulation  intra-cavicd  avec 
des  techniques  de  raise  en  forme  des  impulsions  extra-cavite  atteignent  la  picoseconde.  Mais  les  energies 
de  ces  impulsions  restent  limitees  et  il  reste  a  resoudre  le  probl^me  de  leur  repetition  et  de  leur  syn¬ 
chronisation  avec  des  evenements  exterieurs.  Un  moyen  d'obtenir  des  impulsions  courtes,  une  frequence  de 
repetition  eievee  et  une  energie  suffisante.  est  d'utiliser  un  laser  YAG  k  impulsions  longues  et  un  dis- 
positif  intra-cavitd  (23),  [21]  adapte.  On  obtient  ainsi  des  impulsions  d'environ  400  ns  ayant  une  dnergie 
de  I'ordre  du  millijoule  et  une  frequence  de  repetition  de  100  kHz.  L'dnergie  par  impulsion  peut  etre  nor 
tablement  accrue  par  amplification  dans  une  seconde  cete  laser.  Neanmoins  la  duree  d'impulsion  et  la  caden¬ 
ce  de  repetition  ne  sont  pas  ideales  et,  surtout,  le  probleme  de  la  synchronisation  avec  un  appareil  exte- 
rieur  demeure. 

L'utilisation  d'un  obturateur  acousto-optique  pour  hacher  le  faisceau  dmis  par  un  laser  continu  en 
une  serie  d'impulsions  brdves  permet  de  resoudre  cette  dernidre  difficultd,  mais  I'dnergie  de  chaque  impul¬ 
sion  ddcrott  lindairement  avec  sa  duree,  ce  qui  rend  1 'enregistrement  photographique  difficile,  voire  im¬ 
possible. 

Par  centre,  I'emploi  de  techniques  de  modulation  intra-cavitd  permet  d'obtenir  des  impulsions  aussi 
breves  que  10”'^  s  et  des  frequences  de  rdpdcition  jusqu’a  100  MHz.  En  particulier,  la  technique  dite  "cav¬ 
ity  dumping"  est  une  bonne  solution  pour  une  source  lumineuse  satisfaisant  d  routes  les  conditions  requi- 
ses  : 

-  dnergie  d'impulsion  eievee, 

-  Impulsions  courtes  (environ  20  ne), 

-  frequence  de  repartition  rdglable  inddpendaniaent , 

-  pas  d'erreurs  de  parallaxe  d'une  impulsion  k  I'autre, 

-  nond)re  d'impulsions  non  limitd, 

-  synchronisation  facile  avec  des  evenements  exterieurs. 

La  figure  15  montre  le  principe  du  "cavity  dumping".  Lorsque  le  miroir  M3  est  en  position  basse,  la 
lumidre  formde  dans  la  cavite  est  renvoyde  par  les  miroirs  hautement  rdf lechissants  Ml  et  M2  et  n'effectue 
que  des  aller-retour  dans  le  milieu  laser  L  ou  elle  est  amplifide  dans  les  limites  permises  par  les  inevi¬ 
tables  pertes  dans  la  cavitd  et  par  I'dnergie  que  peut  foumir  le  milieu  laser.  Si  le  miroir  M3  est  alors 
place  rapidement  en  position  haute,  toute  I'dnergie  enmagasinee  dans  la  cavitd  est  refldchie  hors  du  laser 
en  un  temps  tres  court  qui  ne  ddpend  que  de  la  longueur  de  la  cavite  et  de  la  vitesse  de  la  lumidre.  La 
vitesse  de  basculement  du  miroir  est  de  oeme  determinde  par  le  temps  d 'aller-retour  des  photons  dans  la 
cavitd.  La  puissance  maximale  d'une  impulsion  ainsi  produite  est  environ  50  fois  superieure  a  celle  four- 
nie  en  regime  continu. 

Plusieurs  types  de  modulateurs  acousto-optiques  ou  dlectro-optiques  peuvent  etre  utilises  actuelle- 
ment.  La  figure  16  montre  le  montage  que  nous  avons  retenu.  II  consiste  en  un  cavitd  "replide"  par  trois 
miroirs  dont  deux  focalisent  le  faisceau  pour  le  ramener  au  diametre  recquis  pour  obtenir  une  rdponse  suf- 
fisanaaent  rapide  du  modulateut  acousto-optique  utilise  ici  pour  devier  le  faisceau  hors  de  la  cavite  du 
laser. 


Un  des  avantages  de  l'utilisation  du  laser  cosme  source  luouneuse  est  le  fait  qu'il  peut  etre  utili- 
sd  aisdment  pour  des  montages  optiques  diffdrents  :  onbroscople,  interfdromdtrie  et  mSme  holographie  [22]. 
Les  techniques  les  plus  simples  sont  1 'ombroscopie  et  1' interfdromdtrie  differentlelle.  Toutes  deux  sont 
basdes  sur  les  variations  locales  de  I'indice  de  refraction  dans  le  champ  de  I'dcoulement.  Les  deux  tech¬ 
niques  ne  ndeessitent  que  des  montages  singles  c$td  emission  et  peuvent  etre  utilisdes  avec  diffdrents 
systdmes  de  rdeeption.  L'holographie  foumirait  d'avantage  d' informations  sur  la  nature  tridimensionnelle 
de  I'dcoulement,  mais  demanderait  la  mise  en  oeuvre  d'un  montage  plus  complexe  et  d'une  technique  d'enre- 
gistreraent  spdeiale  difficiles  d  utlliser  dans  1 'environnement  d'un  tunnel  de  tit  hypersonique. 
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3.3  Reception 

Le  problecpe  le  plus  delicat  est  celui  de  la  camera  utilisee  pour  la  reception.  Le  deplaceraent  des 
images  successives  sur  le  support  d'enregistrement  doit  avoir  lieu  cres  rapidement.  Diff^rents  types 
de  cameras  existants,  sont  accuelZeoenc  disponibles  a  I'lnscituc  et  peuvenc  etre  utilises  pour  la  recep¬ 
tion  des  images  obtenues. 

La  premiere  camera,  et  la  plus  lente,  est  a  tambour  toumant .  Le  film  est  fixe  sur  un  tambour  cylin- 
drique  de  grand  diametre  dont  le  perimetre  exterieur  se  deplace  dans  le  plan  focal  de  I'objectif  avec  une 
vitesse  tangentielle  pouvant  acteindre  100  m/s,  soit  un  deplacement  de  0,1  mm  par  microseconde .  Si  I'on 
veut  enregistrer  des  images  successives  ayant  une  hauteur  de  10  mm  (ce  qui  est  un  minimum  raisonnable) , 
un  intervalle  entre  images  de  100  ms  est  un  mininum.  Mais  la  possibilite  d'enregistrer  100  images  avec  une 
cadence  de  10  kHz  peut  Stre  interessante  pour  I'etude  d 'ecoulements  plus  lents. 

Le  deuxieme  type  de  cameia  disponible  esc  a  convertisseur  d' image  electronique.  Ses  avantages  sont 
une  frequence  extrSmement  elevee  et  un  gain  de  lumibre  du  a  un  amplif icateur  de  luminance  incorpore.  Ses 
inconveniencs  sont  une  faible  resolution  ec  un  nombre  d'images  (au  surplus  de  petite  taille)  limite  a  8  ou 
16.  De  plus,  le  laser  ne  peut  etre  aisement  synchronise  image  par  image  avec  la  camera  en  raison  de  son 
obturateur  electronique  interne.  Cependant ,  cette  camera  est  utilisee  pour  mettre  au  point  le  montage  opti- 
que  et  le  dispositif  de  synchronisation  avec  le  passage  du  projectile. 

Les  figures  17  ec  18  monCrent  des  exemples  d’images  obtenues  avec  cette  camera.  Les  images  se  succe- 
dent  de  haut  en  bas  ec  de  gauche  a  droice.  L'intervalle  de  temps  entre  deux  images  est  de  3  us.  Les  vitesses 
du  projectile  sont  respectivement  de  3023  m/s  et  de  3000  m/s.  Les  deux  series  d’images  montrent  clairement 
la  structure  dc  I'ecoulemenc  autour  du  projectile,  mais  la  frontiere  du  sillage  n'est  pas  visible. 

La  figure  19  donne  des  Images  du  sillage  longCemps  apres  le  passage  du  projectile.  La  distance  de  ces 
images  au  projectile  n'a  pu  etre  determinee  en  raison  d'un  probleme  de  synchronisation,  mais  on  distingue 
de  nombreux  details  du  sillage.  On  voit  egalement  les  reflexions  des  ondes  de  chocs  sur  les  parois  du  tun¬ 
nel  de  cir. 

La  troisieme  possibilite,  et  la  plus  prometteuse,  est  I’emploi  d’une  catnera  avec  un  miroir  a  plu- 
sieurs  faces  mis  en  mouvement  par  une  turbine  a  gaz.  Avec  ce  type  de  cauiera  le  temps  d'exposition  est  une 
fois  de  plus  proport ionnel  h  la  frequence  de  repetition  des  images.  Cependant,  un  signal  de  synchronisa¬ 
tion  image  par  image  pennet  de  diminuer  netcement  le  temps  d’exposition  independamroent  de  la  frequence  de 
repetition  au  moyen  du  laser  utilise  cowne  source  lumineuse.  Cette  8>T.chronisation  est  simplifiee  si  la  ca¬ 
mera  peut  Sere  utilisee  en  cant  que  camera  h  fente.  Alors  seulement  le  laser  commande  ^  la  fois  le  temps 
d'exposition  et  l^intervalle  entre  les  images.  Cette  camera  peut  enregistrer  jusqu’a  80  images  successives 
du  meme  phenomene. 

4.  Conclusion 

Comme  on  a  pu  le  voir  le  principal  probleme  reside  dans  le  choix  d’un  sysreme  de  reception  adequat  et 
cette  question  n'est  pas  tout  a  fait  resolue.  Cependant  les  premiers  resultats  sont  encourageants  et  ie 
probleme  devraic  trouver  une  reponse  assez  rapidement. 

On  disposera  alors  d'une  methode  permettant  I’etude  du  developpement  des  instabilites  dans  les  ecou¬ 
lements  hypersoniques  ou  I’etude  des  ecoulements  hypersoniques  instationnaires.  En  effec,  son  application 
n’est  pas  limitee  au  tunnel  de  tir  et,  contrairement  ^  ce  que  I’on  pourrait  croire  instinctivement ,  les  or- 
dres  de  grandeurs  a  acteindre  sont  a  peu  pres  les  meroes  en  soufflerie  hypersonique  qu’en  tunnel  de  tir.  En 
effet,  les  vitesses  de  convection  des  instabilites  sont  souvent  du  meme  ordre  que  celles  de  1 'ecoulement , 
e’est-a-dire  celle  du  projectile  en  tunnel  de  tir. 

Bibliographie 

[1]  B.C.  JAEGGY  -  Les  moyens  d’essais  hypersoniques  de  I’ISL  :  description  et  possibilites. 

22eme  colloque  d'Aerodynamique  Appliquee  et  1 ’Association  Aeronautique  et  Astronautique  de  France, 
Lille,  13-15  novembre  1985.  ISL  -  CO  229/85  (31.10,1985) 

[2]  J,F.  WENDT  -  European  Hypersonic  Wind  Tunnels 

AGARD  Fluid  Dynamics  Panel,  Symposium  "Aerodynamics  of  hypersonic  lifting  vehicles",  Bristol, 

April  6-9,  1987 

13]  M.  LAUG  -  Echo  radar  d’un  sillage  ionise  :  bases  theoriques,  ISL  -  18/70  (1970) 

[4]  M,  LAUG,  M.J.  PIERSON,  G.  STERN  -  Les  methodes  d’etude  au  tunnel  de  tir  de  1 'ionisation  dans  les  silla- 

ges.  Progress  in  Aeronautical  Sciences,  Vol.  10,  Pergamon  Press,  1970 

[5]  G.  STERN,  B.C.  JAEGGY  -  Etude  experimentale  et  theorique  des  s’llages  hypersoniques  ionisds. 

23iiDe  colloque  d'Aerodynamique  Appliquee  de  I'Association  Aeronautique  et  Astronautique  de  France, 
Aussois,  12-14  novembre  1986.  ISL  -  CO  240/86  (1986) 

[6]  C.  LECOMTE  -  Description  et  possibilites  du  canon  a  gaz  leger  de  20  mm  et  du  tunnel  de  tir  hyperba- 
listique  correspondant.  ISL  -  T  51/65  (31.12.1965) 

[7]  C.  LECOHTE  -  Etude  d'un  canon  a  gaz  Idger,  ISL  -  T  5/61  (6.2.1961) 

[8]  S.  BIHL,  R.  JOECKLE,  A.  SWTAG  -  Mass  spectrometric  capture  and  analysis  of  the  ablation  products  from 

hypersonic  projectiles  -  23rd  Meeting  of  the  Aeroballistic  Range  Association,  Vemon-sur-Eure 
SepteiAer  19-20,  1972.  ISL  -  25/72  (8.9.1972) 

[9]  S.L.  ZEIBERG  -  Transition  correlations  for  hypersonic  wakes  -  AIAA  Journal,  Volume  2,  No.  3 
(March  1964),  pages  564-565 


[10]  B.C.  JAEGGY,  J.  LUNEAU,  P.  SMIGIEL9CI  -  Etude  experimental e  de  la  transition  du  sillage  d'une  sphere 
en  vol  hypersonique.  ISL  -  T  57/68  (5.12.1968) 


9-6 


[11]  E.  WALDBUSSER  -  Relationship  of  laminar  wake  width  to  wake  transition  distance  **  AIAA  Journal, 

Vol.  3,  No.  to  (October  1965).  pages  1965-1966 

[12]  E.  WALDBUSSER  -  Shape  effects  on  hypersonic  slender  body  wake  geometry  and  transition  distance 
Journal  of  Spacecraft  and  Rockets.  Vol.  e.  No.S(May  1967),  pages  657-662 

[13]  B.C.  JAEGGY.  F.  ALBE,  B.  KOCH  -  Etude  experimentale  de  la  transition  du  sillage  d'un  cone  emousse 
en  vol  hypersonique .  ISL-12/72  (16.5.1972) 

[14]  B.C.  JAEGGY.  J.P.  HANCY  -  Etude  mecanique  du  sillage  d'un  cSne  emousse  en  vol  hypersonique 
ISL  -  9/71  (26.4.1971) 

[15]  B.  KOCH,  H.J.  PFEIFER  -  Turbulence  diagnostics  of  supersonic  and  hypersonic  wakes  using  cw-laser 
radiation  -  t4th  Meeting  of  the  Aeroballistic  Range  Association.  White  Oak.  Maryland  and  Washington, 
D.C.,  June  12-14,  1968.  ISL  -  N  13/68  (10.o.l968> 

[16]  B.  KOCH,  M.  k5nIG,  A.  KOHLMANN.  H.J.  PFEIFER  -  Ein  koobiniertes  Verfahren  tut  Untersuchung  des  Nach- 
laufs  von  Hyperschallgeschossen  mit  Hilfe  vom  Mikrowellen-  und  Laserstrahlung.  ISL  -  T  30/69 
(16,12.1969) 

[17]  F.  ALBE.  H.  FAGOT.  P.  SUTTERLZN  -  Visualisation  des  sillages  de  cones  emousses  en  vol  hypersonique 
par  strioscopie,  ISL  -  RT  4/71  (12.3.1971) 

[18]  A.  STIMPrLlNG.  P.  SMIGIELSKI,  F.  ALBE.  H.  FAGOT,  J.  SCHWAB  -  A  wide-field  schlieren  system  of  high 
sensitivity  for  hyperballistic  ranges.  23rd  Meeting  of  the  Aeroballistic  Range  Association, 
Vernon-sur-Eure,  September  19-20,  1972.  ISL  -24/72  (8,9.1972) 

[19]  C.  CRAMZ,  H.  SCHARUIN  -  Kinematographle  auf  ruhendem  Film  und  mit  extrem  hoher  Bildfrequenz 
2.  f.  Physik.  Bd.  56  (1929).  S.  147-183 

[20]  L.D.  LANDAU,  E.M.  LIFSHITZ  -  Fluid  Mechanics.  Pergamon  Press,  195^ 

[21]  A.  KONEKE,  A.  HIRTH 

Long  pulse  emission  from  a  frequency  doubled  neodym  YAC-laser.  Optics.  Com.  34,  2  (1980)  p.  245-248 

[22]  H.  FAGOT,  G.  SIMON  -  Visualisation  du  relief  de  sillages  de  projectiles  en  vol  supersonique  par  holo 
graphic  ultra-rapide.  ISL  -  N  30/73 

[23]  A.  HIRTH,  A.  KONEKE  -  Controlled  relaxation  oscillations  from  a  neodym  YAC-laser.  5th  National 
Quantum  Electronics  Conference.  Hull  University,  September  23-25,  1981 

Remercienents 

Les  auteurs  remercient  K.  Felix  Albe  pour  la  mise  a  leur  disposition  des  photographies  anciennes  ob 
tenues  par  strioscopies ,  MM.  Gilbert  Kronenberger  et  L^o  Bobin  pour  le  prit  et  la  mise  en  oeuvre  de  la 
chronoLoupe,  et  M.  Antoine  Hirth  pour  le  pret  du  modulateur  acousto-opt ique  et  ses  nombreuses  suggestions 
concemanc  la  mise  en  oeuvre  et  les  possibilites  des  lasers. 


chanbre 

D1  (m) 

i  poudre 

LI  (ob) 

tube  de  c 

D2  (tnn) 

onpreaaion 

L2  (mm)  j 

Cube  de  ] 

D1  (nm)  1 

lancement 

I  3  (rm) 

masse  du  piston 

(wg) 

masse  du  projectile 

(g) 

grand  canon 

160 

1440 

105 

5570  i 

20  ou  30 

6000 

2,5  a  6 

4  a  90 

pecit  canon 

75 

425 

40 

4900 

10 

5000 

0,13  a  0,2 

0,5  .i  9 

Fil 


Schema  <)'un  montage  sttioacoplque  ^  double  passage,  en  tunnel  de  tlr. 

:  mit-oit  spherique;  M2>  H3  :  miroirs  plans;  F  :  dlspositif  d'^clairage; 
H  :  hublot  de  verre;  P*  :  plaque  photographique;  Cp  C2  :  couteaux 


Pi8«  7  :  Photographie  d’une  installation  strioscoplque  en  tunnel  de  tit 
(schdma  de  principe  fig.  6) 


Strloscopie  a  couteaux  paralleles  a  Paxe  du  cir  469. 

Calibre  du  projectile  12,4  nan,  Vitesse  4113  m/s.  Pression  100  nmJg 


’'tr,  ■  ” 

distance  (thdorique)  du  nez  du  cdne  au  a 
de  P  image  ^  149  mi 

ulieu 

Fig.  9  :  Strloscopie  ^  couteaux  parall^les  i  I'axe  du  tir  462. 

Calibre  du  projectile  12,4  00.  Vitesse  4674  m/s.  Pression  100  snHg 

distance  (thdorique)  du  culot  au  centre  de  t  image  • 

X-.-  s  230  tm 


Strloscopie  h  couteaux  perpendiculaires  a  I'axe  du  tir  1263. 
Calibre  du  projectile  6,2  sin.  Vitesse  4614  a/s.  Pression  60  unilg 


Images  d'un  cylindre  en  vol  hypersonique  (chronoloupe) 
V  ■  2700  m/s,  At  :  8  us 
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Schema  optique  du  laser  avec  modulateur  acousto'optique  (J) 


7,  18,  t9  :  Images  obtenues  k  l*aide  de  la  camera  dlectronique  fit  5  ps 


THE  DRAG  OF  SLFHDFR  AXTSYMMETRIC  COWES  IN  RAREFIFP  HYPERSONIC  FLOW 


by 
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SUMMARY 

This  Paper  describes  an  experimental  study  performed  In  the  RAE  Low  Density  Tunnel  to  determine  the 
aerodynamic  characteristics  of  a  range  of  slender  axlsymmrtric  bodies  in  rarefied  hypersonic  flow.  The 
main  purpose  of  this  study  was  to  assess  the  effects  of  cone  angle,  nose  bluntness  and  Reynolds  number  on 
the  zero  incidence  drag  of  cones.  In  addition,  some  measurements  of  axial  force,  normal  force  and 
pitching  moment  at  incidence  were  made.  The  bodies  were  tested  at  a  nominal  Mach  niaaber  of  10  and  at 
flow  conditions  which  correspond  to  those  in  the  transitional  rarefied  flow  regime.  These  data  have  been 
compared  with  correlations  develooed  to  represent  the  change  In  drag  coefficient  In  this  flow  regime 
between  continuum  and  free-molecular  flow. 
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LIST  OF  SYMBOLS 


base  area,  a  r^ 
b 

Chapman-Rubealn  viscosity  coefficient,  MwT^/u^T^ 

axial  force  coefficient 

drag  coefficient,  0/q^A 

draj;  parameter,  C^/sln^B  (1  +  0.375  6^) 

viscosity  coefficient.  UzT^/u^Tx 

base  diameter 

measured  drag  force 

Knudsen  nuaber,  (■  l.26Y^[^/Re^ 

cone  length 

Mach  number 

2  *5 

Mach  number  parameter,  M^  sin  9  (1  +  0.375  6  ) 

dynamic  pressure,  \ 

base  radius  of  cone 

nose  radius  of  cone 

Reynolds  number,  o^U^d/u^ 

freestream  speed  ratio,  0./C2RT^)^  (■  Cy/2)^^^) 
temperature  (absolute) 

temperature  parameter,  T^f I  +  3(T„/To)l/6 
velocity 


(1  +  0.4  T„/To)  cos  e 
velocity  paramettr,  _ 

(1  +  0.375  0^)  »ln^e 

viscous  similarity  parameter,  ^ 

angle  of  incidence 
<t)/sln  9 

ratio  of  specific  heats 
cone  half  angle 

ambient  mean  free  path  of  gas  molecules 
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M  viscosity 

Ux  viscosity  evsluated  at  Tx 

P  density 

*  CCd  -  CDi)/(CDf„  -  Cd^)  or  (Cf,  -  -  C/,^) 

4  (Kn)  bridging  function 
i)  bluntness  ratio, 


Subscripts 

c  sharp  cone 

fo  free  nolecular  value 

1  Invlscld  (continuum)  value 

o  total  or  stagnation  value 

w  wall  value 

*  freestream  value 


1  INTRODUCTION 

This  Paper  describes  tests  carried  out  In  the  RAE  Low  Density  Tunnel  to  measure  the  aerodynamic 
characteristics  of  a  range  of  slender  axlsymmetrlc  bodies  in  rarefied  hypersonic  flow,  ttie  main  purpose 
of  the  study  was  to  measure  the  drag  of  cones  at  zero  incidence.  It  was  Intended  to  assess  primarily  the 
effects  of  cone  angle,  nose  bluntness  and  Reynolds  number  on  the  drag  coefficient,  however  It  was  necess¬ 
ary  to  consider  also  the  effects  of  Mach  number  and  the  ratio  of  wall  temperature  to  freestream  tempera¬ 
ture.  The  small  .variations  In  Mach  member  and  temperature  ratio  were  due  to  the  conditions  and  mode  of 
operation  of  the  Low  Density  Tunnel.  As  well  as  some  cones,  blconlc  and  trlconlc  bodies  were  tested,  and 
some  measurements  of  axial  force,  normal  force  and  pitching  moment  at  incidence  were  made.  The  purpose 
of  these  tests  was  to  provide  material  for  an  aerodynamic  data  base  for  slender  bodies,  and  data  for  the 
development  of  Che  so-called  'bridging  functions’  which  define  the  changes  In  aerodynamic  characteristics 
through  Che  transitional  rarefied  flow  regime  . 

The  transitional  rarefied  flow  regime  la  that  between  continuum  and  free  molecular  flow,  and  is 
where  the  viscous  effects  become  increasingly  significant*  These  viscous  effects  can  lead  to  large 
changes  In  the  aerodynamic  characteristics  of  bodies.  For  example,  the  zero  Incidence  drag  coefficient 
of  a  alender  body  changes  by  an  order  of  magnitude  between  its  continuum  value  and  Its  value  under  free 
molecular  condltlone.  In  the  transitional  rsrefled  flow  regime  the  theoretical  prediction  of  aerodynsmic 
loads  Is  difficult  even  for  simple  axlsymmetrlc  bodies  under  zero  Incidence  conditions.  Hence  it  remains 
necessary  to  rely  on  experimentally-derived  data  until  the  most  promising  of  current  prediction  methods 
(eg  Monte  Carlo  direct  slmulstlon)  are  fully  developed  and  validated  for  axlsymmetrlc  bodies  at 
Incidence. 


Over  the  last  10  years  or  so,  there  have  been  a  nianber  of  studies  In  which  the  zero-incidence  drag 
of  slender  cones  has  been  measured.  However,  the  results  obtained  by  different  experimental  Investi¬ 
gators  do  not  show  good  agreement.  These  differences  Illustrate  the  problems  of  measuring  small  forces 
on  small  models  under  rarefied  flow  conditions.  The  substantial  scatter  of  data  tends  to  obscure  any 
possible  effects  of  such  parameters  as  cone  angle,  nose  bluntness,  freestream  Mach  nvosber  and  wall  tezr- 
perature.  There  has  been  no  general  agreement  about  the  choice  of  parameter  with  which  to  correlate  the 
drag  data,  and  no  completely  successful  correlation  has  yet  been  achieved.  The  drag  data  have  usually 
been  presented  In  the  form  of  the  coefficient,  Cp  ,  or  the  ratio  of  the  coefficient  to  the  free- 
molecular  drag  coefficient,  .  However,  Potter  has  suggested  that  the  function 

♦  (■  [Cp  -  since  this  removes  the  geometric  effects  of  similar  shapes.  (♦(Kn) 

is  the  'bridging  function'  of  interest,  and  Cp^  is  the  Invlscld  drag  coefficient.)  The  choice  of 


parameter  with  which  the  drag  Is  correlated  could  by  any  of  the  traditional  rarefaction  parameters  such 
^a  Reynolds  number  (Reas  ^  ■  p«U«d/u«),  Knudsen  number  (Ktw  d  *  1.26'r  ^W/Re8s  d)  viscous  similarity 

parameter  (v*  ^  ■  Ils[(a/Re«  All  of  these  parameters  have  been  used  in  the  past  to  try  to  correlate 

data,  along  with  others  such  as  Ress  (Tv/T<»)  ,  more  complicated  ones.  Geiger^  has 


proposed  s  correlation  which  includes  terms  such  as  the  viscous  similarity  parameter,  the  invlscld  and 
free-molecular  drag  coefficients,  the  ratio  of  wall  to  freestream  total  enthalpies  and  an  empirical 
nose-bluntness  factor.  Taub^  has  proposed  a  correlation  involving  the  viscous  similarity  parameter,  the 
wall  to  freestream  temperature  ratio  and  c  nose-bluntness  factor.  However,  none  of  these  correlations 
are  entirely  satisfactory. 


The  present  data  will  be  used  for  comparison  with  simple  Knudsen  number  bridging  functions, 

♦(Kn)  .  Knudsen  number  is  the  ratio  of  the  ambient  molecular  mean  free  path  to  a  characteristic  body 
length  (usually  the  base  diameter  for  slender  bodies),  and  Is  widely  accepted  as  a  scaling  parameter  for 
low  density  flows.  For  Krw  ^  <  0.01  the  flow  is  considered  to  be  continuum  and  for  Kna»  d  ^  10  the 
flow  Is  free-molecular.  For  these  particular  tests,  the  range  of  Kn,^  ^  was  O.OOll  to  0.1606.  Although 
these  tests  fulfil  the  need  for  data  over  part  of  the  Knudsen  number  range  In  the  transitional  flow 
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regl«e»  there  le  s  definite  need  for  eore  experlaental  data  over  the  range  0.1  <  Kn*  d  ^  ^  *  It  la 

hoped  that  future  enhanceeenta  to  the  Lov  Denalcj  Tunnel  wy  sake  the  coverage  of  part  of  this  range 
possible.  The  present  cone  drag  data  trill  also  he  coapared  with  the  correlation  of  Taub. 

Soae  additional  testa  on  blconic  and  trlconlc  axlsyuetrle  bodies  at  sero  and  non-sero  angles  of 
Incidence  were  aade.  The  zero  Incidence  drag  coefficient  data  for  both  these  bodies  and  the  non-zero 
Incidence  axial  force  data  for  the  trlconlc  body  will  also  be  coapared  with  the  Knudsen  nuaber  bridging 
functions. 

2  EXPERIMENTAL  DETAILS 

2.1  Tunnel  operating  conditions 

Four  operating  conditions  of  the  RAE  Low  Density  Tunnel  were  used  for  these  tests.  These 
conditions  correspond  to  two  freestreaa  Mach  niabers  of  8.58  and  9.84.  Ihe  tunnel  uses  pure  nitrogen  as 
a  teat  gas.  The  three  standard  conditions  (M^  •  9.84)  are  achieved  by  operating  the  Mach  10  contoured 
nozzle  at  allghtly  different  stagnation  conditions.  Ihe  H  ■  8.58  condition  results  froa  operating  the 
nozzle  at  off-design  conditions.  The  aore  rarefied  flow  at  the  off-deslgn  condition  produces  a  thicker 
boundary  layer  along  the  nozzle  wall*  and  hence  a  lower  Mach  nuaber  in  the  free  jet  outside  the  nozzle 
exit.  Detailed  axial  and  radial  pitot  probe  traverses  were  carried  out,  and  these  conflraed  the 
unlforaity  of  the  nozzle  flow  at  this  off-design  condition.  The  four  conditions  give  a  range  of  unit 
freestreaa  Reynolds  nuaber  of  11380  per  aetre  to  124023  per  aetre.  The  stagnation  pressure  ranged  froa 
3.12  X  10‘*Nbi~^  to  2.06  x  and  stagnation  teaperature  froa  1170  R  to  2110  R. 

2.2  Description  of  aodels 

A  large  nuaber  of  aodels  were  needed  to  carry  out  the  paraaetrlc  study  of  the  effect  of  various 
paraaeters  on  the  zero  incidence  drag  of  cones,  the  paraaeters  varied  were  cone  angle,  cone  bluntness 
and  Reynolds  (or  Knudsen)  nuaber.  The  ratio  of  wall  teaperature  to  total  teaperature  varied  to  a  saall 
extent  although  this  was  not  by  choice,  but  was  governed  by  the  tunnel  operating  conditions  and  the 
aaterlal  of  the  models.  Conea  of  five  different  half  angles  (8)  and  six  different  bluntness  ratios  (<>) 
were  tested.  This  corresponded  to  a  total  of  30  different  geoaetrlea.  In  addition  to  this,  there  were 
five  models  of  each  geometry  of  different  alzea  In  order  to  give  aore  variation  in  Reynolds  nuaber  than 
provided  just  by  variation  of  the  four  tunnel  operating  conditions.  Hence  there  was  a  total  of  150 
models.  The  majority  of  these  aodels  were  solid  and  aade  of  mild  steel.  Ihe  exception  to  this  was  the 
largest  aodel  for  each  of  the  different  geometries  which  were  thin-walled  aodels  aade  of  a  nickel  alloy. 
This  waa  neceaaary  because  a  solid  aodel  of  this  size  would  have  been  too  heavy  for  the  sting  to  support 
without  bending. 

These  models  %rere  fairly  slender  cones  with  the  half  angles  ranging  froa  4*  to  10*.  ‘nte  bluntneas 
ranged  froa  ■  0  ,  a  'nominally'  sharp  cone,  to  ♦  •  0.5  ,  where  the  nose  radius  was  half  the  base 
radius.  The  range  of  aodel  lengths  was  26.7  aa  to  300  am.  Full  details  of  the  various  patsaaters  are 
shown  In  Pig  1.  This  corresponded  to  a  range  of  Reynolds  numbers  based  on  the  cone  base  diameter  (Re„  .) 
of  80  to  13122,  or  Knudsen  nuabers  (Kn^  j)  of  0.0011  to  0.1606.  ' 

Also  shown  in  Fig  1  are  details  of  the  biconle  and  trlconlc  models.  Only  one  geometry  of  each  of 
these  shapes  were  tested.  The  two  conic  sections  of  the  blconic  body  had  half  angles  of  11.25*  and  4.5*. 

A  single  model,  of  length  150  ma,  was  tested  at  one  flow  condition,  corresponding  to  s  Reynolds  number 
(R««*,d)  of  3324  (Kria^d  ■  0.00442).  The  three  conic  sections  of  the  trlconlc  body  had  half  angles  of 
7.03*,  3.87*  and  7.37*.  Four  different  sized  models,  of  lengths  50  aa  to  200  m,  were  tested  at 
different  flow  conditions  to  give  a  range  of  Re3mold8  nuaber  (Re  .)  of  157  to  6850  (Kn  .  ■  0,00214  to 
0.0814). 

2.3  Force  balances  and  aodel  mounting 

The  drag  forces  on  the  models  In  the  Low  Density  Tunnel  were  measured  using  three  extemally-aounted 
force  balances  of  different  range.  The  balances  were  the  Mk  1  one-coaponent  balance,  and  the  100  g  and 
500  g  three-coaponent  balances.  These  three  balances  can  measure  aaxlaua  axial  forces  of  0.1,  1.0  and  5.0 
Newtons  respectively*  At  zero  Incidence  the  axial  force  is  also  the  drag  of  the  body.  All  three  balances 
operate  on  the  'null*  principle  and  use  an  electroaagnettcally-derlved  restoring  force  to  balance  the  aero- 
dynaalc  loads.  The  two  three-coaponent  balances,  which  measure  axial  force,  norwl  force  and  pitching 
mcment ,  were  used  for  all  tests  at  non-zero  angles  of  Incidence. 

All  three  balances  were  similarly  mounted  froa  rails  on  the  roof  of  the  evacuated  working  section. 

The  balances  were  carefully  shielded  froa  the  high  teaperature  'free  jet'  gas  flow  to  prevent  any  ercore 
due  to  heating  effects.  Each  force  balance  was  calibrated  statically  prior  to  wind-tunnel  testing.  The 
repeatability  of  the  aeasureaents  froa  the  force  balances  Is  and  the  accuracy  llX  of  full  load*  It 
is  estimated  chat  the  overall  accuracy  of  the  drag  coefflcienta  Is  14Z  when  uncertainties  In  the  tunnel 
test  flow  conditions  are  taken  into  account.  The  results  used  were  those  for  which  the  balance  was  aost 
appropriate  to  the  level  of  axial  force  experienced  on  the  aodel.  This  %rould  aaxlmlse  the  accuracy  of 
the  results.  Hence  the  Hk  I  balance  was  used  for  the  very  email  aodels  where  the  forces  were  low,  and 
the  300  g  balance  was  used  for  the  larger  aodels  where  the  forces  were  auch  higher. 

There  are  two  other  factors  which  could  affect  the  aeasureaents.  These  factors  are  sting  inter¬ 
ference  and  shroud  Interference  effects.  The  aodel  is  mounted  on  a  horizontal  sting  which  Is  rigidly 
attached  to  a  vertical  sting  connected  to  the  balance  tn  the  roof  of  the  working  section,  ihe  vertical 
sting  is  protected  froa  the  heat  of  the  gas  flow  by  a  shroud  to  prevent  any  errors  due  to  heating 
effects.  Ihe  horizontal  sting  passes  through  a  hole  In  the  shroud  before  Its  attachment  to  the  vertical 
sting.  At  no  point  do  the  horizontal  or  vertical  stings  touch  the  shroud  and  great  care  Is  taken  to  make 
sure  this  Is  always  so. 
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Sting  Interfernoee  effects  nre  due  to  the  etlng  dieaeter  being  lerge  In  relation  to  the  dlaaeter  of 
the  base  of  the  nodel  being  tested  so  aa  to  nodlfy  the  pressure  field  (and  hence  the  drag)  In  the  region 
of  the  base.  For  the  etandard  AGARD  euperaonlc/hjpersonlc  calibration  aodels**  RB-1  and  HB-2,  It  la 
stated  that  the  atlng  dlsMter  auat  not  exceed  SOX  of  the  base  dlaaeter  on  an  axlayuetrlc  b^y  In  order 
to  awld  atlng  Interference  effects*  For  the  eery  aaalleat  models  tested  In  this  tunnel  programme,  the 
sting  diameter  was  only  23X  of  the  base  diameter  and  for  all  the  other  models  It  was  leas  than  20X  of  the 
base  diameter*  Renee  It  la  concluded  that  all  these  measurementa  are  completely  free  of  atlng  Inter¬ 
ference  effects. 

The  shroud  Interference  effects  will  be  caused  by  the  shroud  being  too  close  to  the  base  of  the 
model  (le  the  length  of  the  horlsontal  atlng  being  too  short)*  The  shroud,  in  the  same  way  as  a  large 
sting,  may  modify  the  pressure  field  in  the  region  of  the  base  of  the  model  and  hence  alter  the  drag. 
Experiments  showed  that  the  shroud  Interference  effects  were  most  severe  for  the  small  models  when  the 
base  diameter  la  of  the  order  of  the  shroud  width*  Stings  of  differing  lengths  were  used  and  the 
pressure  close  to  the  base  was  measured  using  a  tube  mounted  on  the  sting*  the  results  showed  a  con¬ 
siderable  variation  In  base  pressure  with  the  aeparation  distance  between  the  base  and  the  shroud,  the 
minimum  distance  to  avoid  interference  for  each  case  could  readily  be  deduced  from  these  results* 

2.4  Estimation  of  model  wall  teaq>eracure 

As  Che  wall  temperature  ratio,  T^^/To  ,  la  known  to  have  a  large  effect  on  Che  value  of  the  drag 
coefficient,  Cq  (see,  for  example.  Ref  5),  it  was  Important  to  estimate  Che  values  of  Ti^/Tq  which 
apply  to  this  present  data,  ^e  estimation  of  T|^/To  was  made  difficult  by  the  method  of  operation  of 
the  Low  Density  ‘Dinnel.  Firstly,  each  of  Che  four  *atandard'  tunnel  operating  conditions  have  a  dif¬ 
ferent  stagnation  temperature,  and  secondly,  the  'warming  up'  of  the  graphite  heater  and  the  establish¬ 
ment  of  the  stable  flow  condition  takes  a  period  of  2-3  minutes.  During  this  time  the  temperature  of  Che 
model  Increases  by  kinetic  heating  from  the  flow  and  by  conduction  within  the  model  itself.  This  results 
in  temperature  gradients  along  the  eurface  of  the  model,  the  nose  of  the  model  being  considerably  hotter 
than  the  base.  The  problem  is  further  explicated  by  the  use  of  both  the  large  thln-walled  nickel  alloy 
models  and  Che  smaller  solid  steel  models* 

In  order  to  measure  these  temperature  gradients,  and  estimate  values  of  T^^/To  for  the  models  as  a 
whole,  use  was  made  of  the  AGA  Infrared  thermal  Imaging  system*  This  is  a  non-lntruslve  technique  for 
measuring  the  Infrared  radiation  emitted  by  a  surface.  The  model  was  viewed  by  the  lon^wavelength 
(8-14  urn)  camera  through  an  Infrared-transmitting  window  mounted  In  the  side  of  the  tunnel  working- 
section.  The  signal  frx  the  camera  la  passed  to  a  microcomputer  and  Is  presented  as  a  temperature  con¬ 
tour  map.  Using  the  software  available  for  the  microcomputer  the  thermal  Images  were  processed.  The 
mean  surface  temperature  was  calculated  for  both  the  solid  and  thln-wall  models  at  each  of  the  four  flow 
conditions.  The  accuracy  In  the  measurement  of  T^,  is  estimated  to  be  ±SX.  The  range  of  mean  values  of 
T^/Tq  for  the  solid  models  were  0*16  to  0*31  and  for  the  thln-wall  models  0.31  to  0.52. 

2.5  Values  of  contlnuui  and  free-molecular  axial  force  coefficient 

In  order  to  compare  the  present  data  In  the  transitional  raref led-f low  regime  with  its  limiting 
values  snd  to  be  sble  to  define  'bridging  functions'.  It  was  necessary  to  obtain  values  of  continuum  and 
f ree-moleculsr  sxiel  force  coefficient  for  the  geometries  used  in  this  study.  Although  one  set  of  the 
limiting  values  of  axial  force  coefficient  are  referred  to  in  this  paper  as  the  continuum  limits,  the 
values  actually  used  ere  iovlacLd.  In  the  equations  for  inviscld-f low  all  shear  terms  are  Ignored,  and 
the  flow  la  strictly  Inertial.  In  practice,  continuum  flow  corresponds  to  high  Reynolds  number  flow 
where  the  viscous  effects  sre  small  but  not  negligible.  The  values  of  the  eero  Incidence  axial  force  (le 
drag)  coefficient  sod  non-sero  incidence  axial  force  coefficient  for  the  various  geometries  were  obtained 
from  computational  methods. 

The  values  of  the  Invlscld  sxlsl  force  coefficient  were  obtained  frx  a  Report  by  Morrison  et 
These  values  were  calculated  using  e  RSWC/WOL^  computer  code  based  on  e  finite-difference  solution  of  the 
steady  Invlscld  three-dimsnslonsl  compressible  flow  equations  for  a  perfect  gas  with  Y  *  1.4  .  These 
values  sre  for  ■  10  and  include  the  contribution  of  base  drag. 

The  values  of  the  free-molecular  axial  force  coefficient  were  obtained  frx  unpublished  RAE  data. 
These  values  are  for  ■  10  and  T^/T^  *  1.08  ,  end  were  calculated  using  a  free^olecular  computer 
code.  The  usual  aaaumptlons  of  perfect  normal  momentum  accoxodetlon  and  diffuse  reflection  were  made. 

3  DISCUSSION  OF  CONE  RESULTS 

3.1  Measured  drag  of  sharp  and  blunted  cones 

The  measured  zero  incidence  drag  forces  on  the  cones  were  converted  to  the  usual  serodynsmlc  coef¬ 
ficient  form,  Co  »  using  the  base  ares  as  the  reference.  Some  of  the  data  sre  presented  in  graphical 
form  in  Figs  2  and  3.  These  graphs  show  Cp  plotted  against  ,  the  Rnudsen  number  with  the  base 

diameter  as  the  reference  dimension.  Fig  2  shows  the  effect  of  bluntness  ratio,  ♦  ,  on  Co  for  the  cone 
half  angle,  9  ,  of  8*.  Fig  3  shows  the  effect  of  9  on  C^  for  ♦  ■  0.1. 

It  can  be  seen  frx  these  graphs  that  for  all  the  present  data,  the  values  of  Co  lie  between  the 
calculated  continuus  snd  free  molecular  values  as  would  be  expected.  Also,  the  expected  trend  of  Co 
increasing  with  Increasing  (or  rarefaction)  can  be  clearly  observed.  Mo  graphs  have  been  plotted 

to  Illustrate  specifically  the  effects  of  Mach  number  and  wall  temperature  aa  these  are  generally  small 
in  the  present  work.  Data  for  the  different  Mach  numbers  of  8.58  and  9.84  can  be  distinguished  on  all 
the  figures.  Keel  et  si®  state  that  for  Mach  number  independence,  the  criteria  la  1*^  sin  9  >  1  ,  or, 

more  specifically,  ^  sin  9^1  (where  •  (y/2)  FW)  .  For  the  present  data  the  values  of  Si»  sin  9 
range  frx  0.50  (for  9  •  4*  end  fU  •  8.58)  to  1.43  (for  9  -  10*  snd  ■  9.84).  Hence  the  present  data 
cannot  be  considered  to  be  Mach  number  independent. 
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Theae  Figures  Indicate  that  the  range  of  Kiw  presently  covered  by  the  Low  Density  Tunnel  Is  the 
one  where  the  oost  significant  changes  In  Cq  characteristics  occur.  At  the  lowest  values  of  , 

for  which  the  present  data  exist,  it  can  be  seen  that  the  values  of  Cd  are  considerably  higher  than  the 
contlnuuB  Halts.  This  indicates  that  there  is  a  very  significant  viscous  contribution  to  the  drag  at 
this  value  of  Kn^  ^  (around  0.001).  (The  flow  Is  considered  to  be  continuun  at  around  Re«^d  " 

^  •  10  ®  for  'iW  •  10  .)  At  the  higher  values  of  K^^^d  »  present  data  is  approaching  the  free 
aolecular  Halts  but  la  not  close  enough  to  be  able  to  ascertain  %rhether  It  will  approach  these  Halts 
asyaptotlcally,  as  the  lower  Kn^  ^  data  does  to  the  eontlnuua  Holts. 

The  apparent  slight  scatter  in  the  data  (Pigs  2  and  3)  is  mainly  due  to  the  different  nodel 

materials  and  flow  conditions  (le  different  values  of  T„/To  )•  Although  these  differences  in  Cd  are 

only  about  lOZ  at  the  most,  it  le  clear  that  they  are  greater  for  the  blunter  cones.  That  is  to  say,  the 
effect  of  T^j/Tq  increases  with  increasing  .  The  effect  of  Cd  increasing  with  Increasing  T^/Tq 
has  been  noted  by  oany  researchers.  In  particular,  Dahlen^  found  that  the  value  of  Cp  for  a  hot  wall 
^^w  “  *^0)  model  was  HZ  greater  than  that  for  a  cold  wall  (T^  ■  TW),  whereas  Crawford®  found  that  this 
increase  was  between  HZ  and  19Z,  and  was  greater  for  blunt  cones  than  for  wHarp  cones. 

Fig  2  shows  the  effect  of  bliintness  for  6  -  8*  .  It  is  clear  froa  this  Figure  that  for  values  of 
froa  0  to  0.2  Inclusive,  the  corresponding  values  of  Cd  are  very  alallar.  An  increase  in  the  values 
of  Cp  between  each  value  of  ♦  from  0.2  to  0.5  Is  clearly  observed.  However,  the  effect  nf  t 
appears  to  decrease  with  increasing  lOw*  d  *  These  trends  were  also  observed  for  the  other  values  of 
0  (4*,  6",  7*  and  10").  Unfortunately,  there  la  no  data  available  for  higher  values  of  Kn^^d  * 

would  be  expected  that  the  effect  of  decreasing  with  increasing  Kn»^d  would  continue,  as  is  shown 

by  the  free  aolecular  Halts. 

Fig  3  shows  the  effect  of  cone  angle,  6  ,  for  the  bluntness  ratio,  4*  »  of  0.1.  It  la  looedlately 
clear  that  the  effect  of  0  on  Cp  is  mich  less  than  that  of  ^  for  the  range  of  values  of  0  and  4* 
used  in  this  study.  Ihe  graph  shows  a  cross-over  of  the  data  aa  would  be  expected  by  looking  at  the  con¬ 
tinuum  and  free  aolecular  Halts.  At  fhe  lower  values  of  d  highest  value  of  Cp  is  for  the 

0  ■  10*  case,  whereas  at  higher  Rru  d  highest  Cp  is  for  the  0*4*  case.  Ihese  trends  were  also 

observed  for  the  other  values  of  4*  ^0,  0.2,  0*3,  0.4  and  0.5).  However,  it  was  observed  that  this  cross¬ 
over  point  occurs  at  about  Kiw^d  *  0.01  for  the  4*  »  0  case,  and  at  decreasing  values  of  Rn^^d  with 

increasing  4*  to  about  RiWi  d  *  0.005  for  the  4>  *  0.5  case.  Over  the  region  Kn^^d  ”  0.001  to  0.01, 

there  Is  only  s  very  small  effect  of  0  ,  whereas  for  ^d  ”  0.01  to  0.16,  the  6*4*  data  are 
markedly  higher  than  the  rest.  The  data  for  values  of  0  between  6*  and  10*  appear  to  He  on  the  aaoe 
curve.  Theae  trends  are  exactly  what  trould  be  expected  aa  the  data  approach  the  free  molecular  values. 

3.2  Rnudsen  number  correlations 

The  effects  of  cone  angle,  bluntneea,  wall  temperature,  Mach  nuBber  and  Reynolds  (or  Rnudsen) 
number  on  the  drag  coefficient  of  a  cone  at  tero  incidence  have  been  described  earlier.  Any  correlation 
which  is  derived  to  define  the  drag  coefficient  of  a  cone  in  the  transitional  rarefied  flow  regime  must 
take  into  account  all  of  these  effects,  which  may  well  all  be  interdependent.  Ihe  alternative,  in  the 
extreme,  may  be  to  derive  a  separate  correlation  of  drag  coefficient  with  Reynolds  or  Rnudsen  number  for 
each  value  of  cone  angle,  bluntness,  wall  temperature  and  Mach  number.  It  Is  expected  that,  In  practice, 
e  compromiae  between  these  two  extremes  will  have  to  be  reached.  For  example,  this  may  be  a  series  of 
empirical  relations  defining  the  effect  of  each  parameter,  or  perhaps  a  series  of  relations,  each  only 
applicable  to  a  certain  range  of  geometries  and  flow  conditions. 

A  logical  choice  of  correlating  parameter  la  Reynolds  number  or  Rnudsen  number,  since  both  of  these 
have  fixed  values  at  which  the  transitional  rarefied  flow  regime  la  considered  to  end.  At  these  limits, 
the  continuum  and  free  aolecular  flow  regimes  exist.  The  value  of  the  drag  coefficient  for  a  given 
geometry  la  constant  within  these  two  regimes.  Renee  there  are  fixed  values  at  either  end  of  the  tran¬ 
sitional  rarefied  flow  regime  to  which  any  correlation  must  asymptote.  However,  one  comes  across  the 
first  problem  when  it  is  realised  that  the  free  aolecular  drag  is  wall  temperature  dependent  whereas  the 
Invlscld  drag  Is  not.  Also,  only  the  free  molecular  drag  is  sensitive  to  surface  roughness  and  normal 
momentum  accowodatlon  features,  which  are  not  discussed  at  all  in  this  Paper.  The  effect  of  Mach  number 
on  drag  (for  fW  >  2)  la  the  opposite  in  Invlscld  flow  to  that  in  free  aolecular  flow.  The  effect  of 
bluntness  la  «ich  reduced  between  the  continuum  and  free  molecular  limits,  whereas  the  effect  of  cone 
angle  is  reversed.  To  take  into  account  all  these  changes  in  the  effects  will  be  very  difficult. 

Dahlen^  carried  out  a  study  similar  to  the  present  one  In  a  low  density  tunnel,  where  the  effects 
of  cone  angle,  bluntness  and  wall  temperature  were  measured.  A  n\Bber  of  attempts  were  made  to  see  which 
were  the  beat  parameters  to  collaps^  the  data.  Re  concluded  that  the  drag  was  best  represented  In  the 
form  originally  suggested  by  Potter  ,  that  la  (Cp  -  CDj)/(CDf^  -  Cpj).  It  was  considered  that  this  para¬ 
meter,  also  known  aa  i  ,  reduced  the  effect  of  bluntneea  compared  with  Cd/Cd^^  or  just  Cd  >  Also  the 

relation  has  limiting  values  of  6*0  for  continuw  flow  and  6*1  free  molecular  flow.  The  drag 

was  plotted  agalnet  a  number  of  flowfleld  parametere  auch  aa  Reynolds  and  Rnudsen  numbers,  with  both  the 
base  diameter  and  cone  length  aa  reference  lengths,  Reynolds  and  Rnudsen  nuibera  wltiplled  by  the  wall 
temperature-ratio,  and  the  viscous  similarity  parameter.  It  was  concluded  that  the  Rnudsen  number  with 
base  diameter  as  reference,  Kom  j  ,  was  the  beat  parameter.  A  graph  of  6  plotted  against  Kbm  ^  will 
give  a  curve  which  cen  be  definee  by  a  function  6  (Rn)  ~  thla  is  known  aa  the  'bridging  function^. 

Fig  4  la  a  graph  with  6  plotted  agalnet  Rn»^d  showing  all  the  present  data.  It  can  be  aeen 
that  there  Is  a  significant  collapse  of  the  data  when  it  la  compared  with  the  earlier  graphs  showing  the 
varletloo  of  Cq  with  Ri>»,d  *  A  first  order  Rnudsen  niaber  relationship  (bridging  function), 

6  *  (Rte^j  *  0.006)/(Kiim  4  0.09)  le  shown  on  this  graph.  Thla  relation  la  a  good  fit  to  the  deta,  and 

aaymptotea  to  the  lower  limit  of  6  •  0.089  rather  than  6*0.  (However,  the  lower  limit  of  6  *  ^ 
la  not  realistic.  In  practice,  the  viscous  effects,  although  small,  are  not  negligible  in  continuum  flow 
and  to  the  continuum  value  of  Cd  will  be  greater  than  the  invlscld  value.  Therefore,  a  lower  limit  of 
6  >  0  for  continuum  flow  la  better  in  reality.) 


By  looking  «t  the  effects  of  the  varloue  pereaeters  as  shotrn  earlier.  It  ia  clear  that  the  drag  of 
the  4*  conea  la  aoat  Influenced  by  eall  teaperature  and  Mach  n«ber.  Since  cheae  effects  are  tauch  more 
extreae  than  for  other  values  of  4  ,  It  was  decided  to  exclude  the  6  ■  4*  data  froa  the  next  graph. 

Fig  S  shows  4  plotted  against  Kshi^d  vlth  all  the  data  for  6  ■  6,  7,  A  and  10*.  it  Is  iMedlately 
clear  that  the  exclusion  of  the  6*4*  data  brings  about  a  significantly  greater  collapse  of  the  date, 
particularly  at  the  higher  values  of  Kn»  d  *  renovsl  of  the  4  *  O.S  data  nay  reduce  the  spread  of 

the  data  further.  However,  it  was  decided  chat  this  would  not  be  greatly  beneficial,  since  auch  of  the 
spread  was  due  to  the  effects  (although  greatly  reduced  by  the  use  of  4 )  of  6  ,  and  T^/Tq  .  A 

second-'order  Knudsen  uaber  relationship  is  suggested  - 


(Kn  ,  +  0.008) (Kn  ^  +  0.0005) 

♦  -  ^ -  . 

(Kn  +  0.CO)(Kt*  ^  +  0.0008) 

••,d  **  »d 

This  bridging  function  is  shown  on  Fig  5.  This  relation  ia  also  a  good  fit  to  the  data,  and  asyaptotes 
CO  the  lower  Unit  of  4  •  0.056.  However,  it  Is  considered  chat  the  second-order  relationship  is  the 
better  curve  and  should  certainly  be  adopted  for  values  of  Kiw  <  0.001  .  Further  data  are  needed  at 
values  of  Kiw»  4  not  covered  by  this  present  study  to  enable  a  better  fit  curve  Co  be  defined. 

3.3  Taub  relations 

A  particular  crltlcisn  of  the  4(Fo)  bridging  functions  is  that  they  do  not  sake  any  allowance  for 
wall  teaperature  effects  other  than  in  the  value  chosen  for  the  free  molecular  drag  tens.  (However,  it 
was  decided  not  to  incorporate  this  in  the  present  study,  for  aiapllclty,  and  so  all  values  of 
were  evaluated  at  the  saae  value  of  T^/Tq  ,  equal  to  0.05.)  A  method  which  does  allow  for  wall  teapera- 
Cure  effects  aore  formally  (as  well  as  those  of  Mach  nuaber,  cone  angle,  nose  bluntness  and  Reynolds 
nuBber)  is  based  on  correlations  by  Taub^  of  wind  tunnel  and  ballistic  range  data  for  sharp  and  blunted 
cones  at  tero  incidence  in  rarefied  hypersonic  flow.  It  was  found  that  the  results  correlated  well  when 
plotted  in  terms  of  two  parameters  Cp  and  U  ,  which  are  defined  as 


and 


Cd 


singed  ♦  0.3758^) 


(1  +  0.4T„/To>cos  & 
(1  +  0.37562)  .inZe 


where  6  ■  4 /sin  6 

and  is  a  coefficient  defined  as  , 

with 


T 


X 
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Taub  also  estimates  a  'hypersonic  limit'  which  all  data  for  H  >  4  reach.  This  limit  Is  defined  by 
the  equation 


-  2  +  1.680  +  1.66  «  lo'^U^  +  4.5  «  10”*D^ 

0 


and  Che  parameter  M  Is  defined  as 


M 


sin  e  (l  +  0.3756^ 


Some  of  the  present  data  are  plotted  on  a  graph  of  Cp  against  U  (Fig  6).  Also  shown  is  the  estimated 
'hypersonic  limit'.  Taub  suggests  that  curves  exist  for  each  value  of  M  until  the  hypersonic  limit  is 
reached.  Some  of  the  present  data  are  plotted  in  an  attempt  to  show  the  effect  of  M  .  From  the  6  •  7* 
data,  it  can  be  seen  that  the  4  ■  0.2  cases  lie  between  those  for  4  ■  0  and  4  «  O.S  .  The  other 
data  selected  for  this  graph  were  for  $  •  4*  and  10*  and  4*0  and  0.5.  the  aim  of  this  was  to  be 
able  to  show  the  extremes  of  the  various  geometric  parameters  (which  corresponded  to  extremes  in  values 
of  M).  It  can  only  be  concluded  from  the  effects  of  the  data  shown  that  all  the  other  data  will  lie 
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between  the  llaltlng  veluee«  To  plot  ell  the  preeent  date  would  sake  It  Impossible  to  deternine  the 
effect  of  M  .  The  correletlons  produce  e  reeeonable  collapse  of  the  data,  the  worst  case,  once  again, 
being  the  6  ■  4*  date*  However,  this  value  of  6  falls  outside  the  range  of  conditions  of  the  data 
fro*  which  Taub  derived  the  correlations.  The  data  he  utilised  actually  encoapassed  the  ranges: 

5“  <  9  <  30*:  0.04  <  I^/Tq  <  !;  0  <  ♦  <  0.82,  and  2  <  H.  <  21.5  .  Tie  effects  of  6  and  ♦  seen 
to  have  been  well  accounted  for  in  the  expression  for  N  ,  although  changes  In  are,  perhaps, 

overco^>ensated  for.  (This  is  observed  by  looking  at  the  data  for  the  saae  geometry  -  the  ■  8.58 
data  (lower  N)  Ilea  closer  to  the  hypersonic  limit  than  the  ■  9.84  data  (higher  M)  for  all  the 
geoaetrlea  shown.)  It  can  only  be  concluded  that  this  is  the  reason  for  the  data  not  lying  In  ascending 
order  of  M  .  However,  it  asy  also  be  an  incorrect  assessment  of  the  effects  of 
foraulatlon  of  the  paraaeters  Cq  and  U  . 

3.4  Coaaents  on  correlations 

Coaparlng  Pigs  5  sod  6,  it  can  be  seen  that  with  the  removal  of  the  8  «  4*  data,  the  4  versus 
^”**,d  graph  (Pig  5)  produces  a  better  collapse  of  data  than  that  produced  by  the  correlations  of  Taub. 
Although  Taub's  correlations  are  some  20  years  old  and  have  no  physical  basis,  it  can  be  seen  that  the 
present  data  do  not  disagree  with  thea.  As  M  increases,  so  the  data  tends  towards  the  'hypersonic 
liwit*.  There  are  two  criticisms  of  Taub's  correlations.  First  there  is  no  free  molecular  limit  (value 
of  corresponding  to  high  Q)  as  given  by  kinetic  theory,  hence  the  bridging  function,  4  (Kn),  is  a 

better  physical  concept.  Secondly,  the  'hypersonic  limit'  (M  >  4>  Is  not  realistic,  especially  for  cones 
with  high  values  of  9  ;  for  In  these  cases  the  criterion  is  met  for  values  <  **  •  Although  a 

relation  expressing  Cq  in  teras  of  a  power  series  In  U  ,  following  Taub,  could  have  been  derived  as  a 
best'^fit  curve  to  all  the  data,  it  is  considered  that  the  i  (Rn)  relations  would  be  better  fits  to  the 
present  data. 

4  DISCUSSION  OF  BICONIC  AMD  TRICONIC  RESULTS 

4.1  Measured  axial  force 

The  measured  axial  forces  on  the  trlonic  body  were  converted  to  the  usual  aerodynaaic  coefficient 

form,  C^  .  The  data,  for  angles  of  incidence,  a  ,  of  0*  to  20*,  are  presented  in  graphical  form  in 

Fig  7.  Ihls  graph  shows  C^  plotted  against  ^  seen  from  this  graph  that  all  the 

measured  values  of  Cf^  lie  between  the  calculated  continuta  and  free  aolecular  values.  The  expected 
trends  of  increasing  with  Increasing  and.  a  can  clearly  be  observed.  The  values  of 

for  a  •  5*  are  only  slightly  greater  than  those  for  o  •  0*  ,  but  there  are  progressively  larger 
Increases  in  these  values  for  a  •  10*  and  20*.  These  trends  are  reflected  In  the  continuum  and  free 
aolecular  values.  (The  Invlscld  computational  method  breaks  down  at  incidences  greater  than  15*,  so 

for  a  "  20*  could  not  be  calculated.  However,  ■  2.802  for  a  •  20*.)  The  magnitude  of  the 

changes  in  Cg  with  a  ate  compatabie  to  the  changes  In  Cp  with  i>  for  the  cones,  reported  esrller 
in  this  paper  (over  the  ranges  of  a  and  p  tested).  Again,  the  -  8.58  data  appear  to  lie  on  a 
l<wer  curve  than  the  N^  •  9.84  data.  This  is  believed  to  be  due  to  the  effects  of  Mach  ntaber  and  wall 
teaperature. 

4.2  Knudsen  nuaber  correlations 

Since  the  effects  of  a  (for  0*  <  a  <  20*)  are  of  the  same  order  as  those  of  p  (for  0  <  p  <  0.5), 

there  is  no  reason  why  the  parameter  P  should  not  collapse  the  Cg  data  for  the  trlconlc  body  in  the 

•  ame  way  as  It  collapses  the  Cp  data  for  the  cones.  With  P  being  defined  as  P  •  (C^  Cg^)/ 

^A^)*  changes  in  the  axial  force  at  incidence  can  be  plotted  against  .  Fig  8  Is  a  graph 

with  p  plotted  against  showing  the  trlconlc  data  for  a  •  0*,  5*  and  10*,  and  also  the  biconic 

data  for  u  ■  0*  .  The  effect  of  o  is  significantly  reduced  by  the  use  of  the  paraaeter  P  .  In 
addition,  the  collapsed  data  is  fitted  reasonably  well  by  the  bridging  function 


(Kn.^j  ♦  0.008)  (Kn.^^  +  0.0005) 

*  +  0.09)  (Kn.^<j  +  0.0008) 

which  was  suggested  earlier  to  fit  the  zero  incidence  cone  data.  Hence  this  shows  that  the  principle  of 
using  a  bridging  function  of  the  fora  p  (Rn)  can  be  extended  to  cover  the  axial  forces  on  slender  axl- 
syaaetric  bodies  at  low  angles  of  incidence. 

5  CONCLUSIONS 

An  experiaental  investigation  has  been  carried  out  In  the  RAE  Low  Density  Tunnel  to  measure  the 
zero  incidence  drag  of  sharp  and  blunted  cones  in  rarefied  hypersoni'j  flow.  The  effects  of  a  number  of 
geometric  and  flow  paraaeters  on  the  drag  coefficient,  Cp  ,  have  been  detemlned.  The  parameters  which 
were  varied  and  their  range  of  values  were  as  follows: 

cone  half  angle,  6  4,  6,  7,  8  and  10* 

cone  bluntness  ratio,  p  0,  O.l,  0.2,  0.3,  0.4  and  0.5 

Mach  number,  Hb  8.58  and  9.84 

Reynolds  nuaber,  Re«  ^  80  to  13122 

Rnudsen  nuaber,  Rn**^  0.001 1  to  0.1606 

wall  to  total  teaperature  ratio,  T^/Tq  0.16  to  0.52 
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The  range  of  Kia*  ^  lies  In  the  transitional  rarefied  flow  regiwe*  The  transition  referred  to  Is  thdt 
fron  contlnuua  to*free  aolccular  flow*  All  Measured  values  of  Cq  were  between  the  calculated  contlnuun 
and  free  Molecular  Halts.  As  expected,  it  was  found  that  the  effect  of  increasing  Kn«  ^  was  to 
Increase  *  The  effect  of  6  was  saall,  however  a  cross-over  In  the  Cq  traces  was  observed  with 

the  saallest  value  of  6  having  the  highest  value  of  at  the  higher  values  of  Kn*  ^  .  For  vdlues 

of  it  fron  0  to  0*2  inclusive  the  values  of  Cq  were  slallar,  but  for  p  >  0.2  Cp  Increased  with 
Increasing  #  . 

The  effects  of  these  various  gcoaetrlc  and  flow  paraaeters  are  reduced  plotting  the  function 
^  C*(Cp  -  CD^)/(Cp^^  -  ^D^))  against  .  A  second  order  Knudsen  nwber  eaplrlcal  relationship, 

(rn_  ^  +  0.008)  (iCn_  ^  +  0.0005) 

.  _  - »” _ _ _ iz _ 

(Kn  ^  +  0.09)  (Kn  ^  +  0.0008) 

•,d  **  »n 

has  been  suggested  to  fit  the  present  data.  In  addition  to  the  sero  Incidence  cone  drag.  It  was  found 
that  this  relation  also  fits  data  for  the  zero  incidence  drag  of  blconlc  and  trlconlc  bodies  and  the 
axial  force  of  the  trlconlc  body  at  incidences  up  to  10*.  It  Is  recoaaended  that  this  relation  Is  used 
for  any  calculations  related  to  the  zero  Incidence  axial  force  (le  drag)  and  low  Incidence  axial  force  of 
slender  axlsyaaetrle  bodies  In  the  transitional  rarefied  flow  reglae.  The  definition  of  a  better 
bridging  function,  9  (Kn),  and  a  greater  understanding  of  the  effects  of  the  various  paraaeters  requires 
data  at  different  values  of  ,  a  and  Ttr/Tp  * 

In  addition  to  the  low  incidence  axial  force  there  Is  a  need  to  be  able  to  define  changes  In  other 
aerodynsalc  characteristics  of  slender  bodies  through  the  transitional  rarefied  flow  reglae.  This  ateaa 
froa  a  requirement  to  be  able  to  predict  the  performance  of  bodies  re-entering  the  Earth's  ataosphere. 

The  aerodynamic  characteristics  required  are  the  axial  force  coefficient  at  higher  angles  of  Incidence, 
the  normal  force  coefficient  at  angles  of  incidence,  the  centre  of  pressure  position  at  angles  of  Inci¬ 
dence,  and  heat  transfer  rates  at  zero  and  non-zero  angles  of  Incidence.  The  Halted  data  obtained  so 
far  fron  the  Low  Density  Tunnel  does  not  cover  a  wide  enough  range  of  to  be  able  to  ascsrtaln  the 

effects  of  the  various  geometric  and  flow  paraaeters  on  these  other  aerodynamic  characteristics.  It  le 
hoped  to  carry  out  the  sttidy  of  these  complementary  characteristics  over  a  wider  range  of  Kn^  .  In  the 
near  future.  ' 
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SUMMARY 

The  aerodynamic  performance  of  lifting  reentry  vehicles  in  the  high  Mach  number 
Ma  >  10  and  high  altitude  H  >  50  km  regime  is  analyzed.  Due  to  the  high  flight 
velocity  chemical  reactions  and  due  to  the  low  density  viscous  and  rarefaction  effects 
are  of  Importance.  Free  flight  data  of  the  US-Shuttle  and  low  density  wind  tunnel  data 
of  DFVLR  are  used.  It  is  found  that  aerodynamic  performance  loss  and  a  destabilizing 
pitching  moment  change  can  be  explained  by  viscous-rarefaction  effects. 

LIST  OF  SYMBOLS 

axial  force  coefficient 
Cjj  normal  force  coefficient 

Cjj  drag  coefficient 

lift  coefficient 

Cn.  pitching-moment  coefficient; 

M  M 

o-q^-S  ■  l-q„*S 

CP  center  of  pressure 

c  reference  chord  length 

d  diameter 

H  altitude  ^ 

Kn  Knudsen  number;  Kn  =  r“  of 

1  d 

^ch  chemical  relaxation  length 

1  body  length 

Ma  Mach  number 

Re  Reynolds  number  based  on  vehicle  length  1 
if  not  otherwise  stated 

5  plane  form  area 

Sc  scale 

v  flight  velocity 

V,  V  viscous  parameter;  V  =  ■  ^  ,  V  = 

•^e  /Re^ 

X  coordinate  in  length  direction 

Xp  center  of  pressure  coordinate 

Xj^  moment  reference  point  coordinate 

a  angle  of  attack 

A  molecular  me^n  free  path 

6  boundary  layer  thickness 

n  flap  defection,  positive  downward 

Indices 


1 


free  stream 

conditions  at  body  length  1 
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1.  INTRODUCTION 

The  aerodynamic  performance  of  hypersonic  reentry  vehicles  is  strongly  Influenced 
by  viscous  and  chemical  relaxation  effects  In  the  high  altitude  flight  regime.  Reentry 
starts  with  orbital  velocity  of  7.6  km/s  at  near  free  molecular  flow  conditions.  In 
the  Initial  deceleration  phase  the  aerodynamic  forces  and  ..loments  are  small  due  oo  the 
low  air  density.  The  aerodynamic  lift  Is  also  small  when  compared  to  the  centrifugal 
force  acting  on  the  vehicle.  Therefore  vehicle  stabilization  and  control  must  be  per¬ 
formed  by  reaction  control  Jets.  In  the  main  deceleration  phase  from  v  =  7  to  3  km/s 
the  aerodynamic  forces,  moments,  and  heating  are  however  most  important. 

In  this  part  of  the  trajectory  with  v  |  3  kro/s  and  H  >  50  km  the  flow  around 
the  vehicle  is  dominated  by 

•  Hypersonic  high  Mach  numbers  Ma  >  10 

•  Laminar  viscous  and  rarefaction  effects  V  =  Ma//^  >  h.005 

•  Chemical  reactions  and  nonequilibrium. 

Figure  1  shows  for  a  typical  reentry  trajectory  the  lower  limits  for  the  regions  of 

-  high  Mach  number  flow 

-  laminar  and  rarefied  viscous  flow 

-  chemical  reactive  flow. 

It  Is  evident  that  the  three  regions  overlap  each  other  which  means  that  the  aero¬ 
dynamic  behaviour  of  a  vehicle  will  be  determined  by  all  three  phenomena  and  its  mutual 
Interaction.  This  region  is  sometimes  called  ‘real  gas  flow*  regime. 

Unfortunately  the  present  state  of  wind  tunnel  technology  and  theoretical  methods 
does  not  allow  a  combined  simulation  of  the  three  phenomena.  Therefore  free  flight  data 
as  obtained  from  shuttle  flights  and  studies  of  the  single  effects  with  an  appropriate 
synthesis  are  the  only  way  to  obtain  more  Insight  and  to  Improve  the  prediction  methods. 

In  the  following  contribution  we  will  Investigate  the  Influence  of  laminar  viscous 
and  rarefaction  effects  on  the  aerodynamics  of  reentry  vehicles.  Primary  emphasis  will 
be  put  on  the  pitching  moment  because  the  US-Shuttle  flight  data  showed  an  unpredlcted 
behaviour.  Wind  tunnel  measurements  performed  in  the  DFVLR  hypersonic  low  density  tunnels 
on  various  reentry  configurations  will  be  used  to  analyse  high  Mach  number  viscous  and 
rarefaction  effects.  The  main  question  to  be  addressed  is:  Can  the  shuttle  pitching 
moment  behaviour  be  attributed  to  chemical  real  gas  effects  as  presently  stated  in  the 
literature  or  will  It  be  caused  by  viscous  low  density  effects? 


2.  SHUTTLE  FLIGHT  RESULTS  AND  EXPLANATIONS  FROM  LITERATURE 

After  the  first  flights  of  the  US  Shuttle  NASA  started  an  extensive  study  to 
compare  the  prefllgbt  prediction  of  aerodynamic  characteristics  with  the  inflight 
measurements . 

The  preflight  aerodynamic  predictions  are  based  on  ^7000  wind  tunn'^l  occupancy 
hours  and  utilized  seml-empi rlcal  methods  to  correct,  for  incomplete  simulation  in  the 
tunnels.  As  result  of  these  studies  and  additional  theoretical  work  the  Aerodynamic 
Design  Data  Book  (AODB)  was  established.  The  ADDB  is  the  basis  for  shuttle  prefllght 
aerodynamic  prediction  [IJ.  An  excellent  review  of  preflight  estimates  of  real  gas 
effects  is  given  by  Woods,  Arrington  and  Hamilton  [2]. 

The  complex  problem  to  model  the  hypersonic  flow  with  viscous,  low  density,  real 
gas  chemistry  and  reiaxetlon  could  not  be  solved  and  the  following  conventional  approach 
was  taken. 


a )  Hypersonic  viscous  and  rarefaction  effects 


The  theoretical  approach  was  to  use  invlscld  hypersonic  calculations  complemented 
with  viscous  laminar  boundary  layer  corrections  and  the  resulting  viscous  invlscld 
interactions . 


The  experimental  approach  was  based  on  results  of  conventional  hypersonic  v>.nd 
tunnels . 


b )  Hypersonic  real  gas  and  relaxation  effects 


The  theoretical  approach  was  based  on  Invlscld  equilibrium  air  chemistry  calcula¬ 
tions.  Good  agreement  was  found  between  equilibrium  real  air  chemistry  and  Ideal  gas 
calculations  using  an  effective  specific  heat  ratio  of  y  =  1.12.  This  agreement  served 
as  Justification  for  the  use  of  Freon  as  operating  gas  in  the  Langley  LaRC  CF.-hyper- 
sonlc  tunnel. 


11-3 


Relaxation  effects  of  the  chemistry  were  not  included  In  theoretical  prediction 
methods.  Besides  of  the  above  mentioned  Langley  facility  the  CALSRAN  Shock  Tunnels 
served  as  the  main  tunnels  to  investigate  real  gas  effects. 

2.1  The  shuttle  flight  results 


The  shuttle  prediction,  the  flight  data  evaluation,  and  the  post 
Is  summarized  In  'Shuttle  Performance:  Lessons  Learned  [3]'  and  in  the 
nations  (il,  5,  6,  71.  Figure  2  gives  the  shuttle  entry  trajectory  in  a 
diagram.  Also  Included  are  the  angle  of  attack  n  and  altitude  as  fun 
Mach  number  Ka^.  It  is  important  to  note  that  during  the  deceleration 
of  attack  is  kept  constant  at  a  =  ^0°  for  Ma^  i  12.  Mach- 12  is  obt. 
with  a  viscous  parameter  of  s  0,005.  The  hypersonic  high  altitude 
severe  discrepancies  between  prediction  and  flight  have  been  found  is 
Jectory  with  Ma„  2  12  and  2  0.005.  Only  the  prediction  of  the  ae 
coefficients  agreed  well  with  the  flight  results,  as  may  be  seen  from 
L/D,  Lift  and  Drag  as  function  of  flight  Mach  number.  A  large  disagre 
for  the  pitching  moment  behaviour. 


flight  comparison 
following  publi- 
Mach-Reynolds 
ction  of  flight 
phase  the  angle 
alned  at  H  =  53  kn 
region  where 
the  flight  tra- 
rodynamlc  force 
Figure  3  showing 
ement  was  found 


Figure  ^  shows  the  trimmed 


during  flight,  which  must  be  zero,  and  the  predicted 


Cj^  using  the  flight  conditions,  i.e.  actual  flap  deflections.  It  is  seen  that  the 
difference  between  prediction  and  flight  is  -  +0.03  for  Ma^  >  15.  Deviation  exists 

for  Ma  5  10.  The  errorband  for  prediction  becomes  very  large  at  Mach  numbers  above 
Ma^  -  IH,  which  is  due  to  the  scatter  in  the  wind  tunnel  tests. 


flight  the  body  flap  had  to  be  deflected  by  the  double  of  its  nominal  value,  namely 
15°  instead  of  7.5°.  This  unpredicted  moment  behaviour  is  typical  for  all  shuttl-® 
flights  as  shown  in  6  ,  where  the  Space  Shuttle  flights  No.  l  up  to  No.  6  have  been 
analyzed.  The  Ac«  error  at  Mach  20  between  data  handbook  prediction  and  flight  has 
average  values  oi  s  60  -  80  %.  The  nose  up  pitching  moment  in  this  high  Mach  number 

flight  regime  causes  a  center  of  pressure  shift  +0  the  nose  by  AXp/1  s  0.7  .  The 
nominal  center  :.f  pressure  locations  Is  at  Xp/1  -  0.668. 

2 . 2  Review  of  published  explanations  for  the  shuttle  vitchlne  moment  behaviour 

The  unabllity  to  predict  the  pitching  moment  behaviour  of  the  shuttle  with  the 
aerodynamic  design  data  book  (ADDB)  initiated  in  the  US  a  strong  activity  to  find  expla¬ 
nations  [3»  5,  7].  It  is  generally  agreed  that  tht  Ac„  behaviour  must  be  explained  by 
the  high  velocity  real  ga'*  and  the  low  Reynolds  number^viscous  effects,  which  are  not 
prop^erly  included  in  the  ADDB. 

urlfflth,  Maus,  and  Best  published  (5,  8)  their  methodology  model  for  improved  pre¬ 
diction.  According  to  this  model  the  actual  flight  pitching  moment  c^.  Is  predicted  by 
three  additive  corrections  to  a  standard  hypersonic  Cw  ,  which  essentially  re¬ 

presents  the  inviscld  case  at  fixed  Mach  number,  namely  Ma  -^8. 


Flight 

(Cj,) 

Inviscld  ^  ^^Ml 

■■ 

(Mach  number  effects) 

(real  gas  effects) 

(viscous  effects). 

The 

Ac,^  correction  terms  were 

obtained  in  the  following  way 

Mach 

number  effects,  Ac^  „  . 

*  M,Mach 

Ideal 

using 

inviscld  gas  flow  calculations 
the  CM3DT/STEIN  computer  codes 

for  Mach  numbers  betweer. 

Real  gas  effects,  Ac„  ^ 

_ _ _  ’  M,real  gas 

Inviscld  equilibrium  air  flow  calculations  for  the  actual  flight  conditions  using 
the  CM3DT/STEI!3  computer  codes. 


Viscous  effects,  Ac^, 

_ *  M, viscous 

Fully  viscous  computations  for  a  modified  Orblter  geometry  using  parabolized  Navier 
Stokes  codes.  In  addition  a  seml-emplrlcal  correction  as  shown  in  Figure  5  was 
used.  In  this  semi-emplrlcal  approach  It  is  assumed  that  viscous  forces  act  only 
on  the  lower  wing  surface  of  the  Orblter. 


Using  this  methodology  model  Griffith,  Maus,  and  Best  recalculated  the  Cw  behav¬ 
iour  of  the  shuttle  for  the  entry  flight  conditions,  which  is  shown  in  Figure  ^6.  Accor¬ 
ding  to  these  calculations  Mach  number  and  real  gas  effects  produce  nose  up  Ac^  con¬ 
tributions,  whereas  viscous  effects  produce  a  nose  down  Acw  contribution.  If  all  three 
contributions  are  summed  up  a  total  moment  change  of  Ac,^  =^0.03  results  ,  which  agrees 
with  the  flight  results. 
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This  agreement  lead  to  the  conclusion  that  the  methodology  model  Is  appropriate  and 
that  real  gas  effects  mainly  influence  the  pitching  moment.  At  a  =  ^0°  the 
real  gas  "  0*035  as  can  be  seen  from  Figure  6. 

2 . 3  Critical  remarks 

At  first  It  shall  be  remembered  that  agreement  of  a  prediction  method  using  additive 
correction  terms  with  free  flight  data  does  not  necessarily  mean  that  each  correction 
term  was  calculated  right.  There  exists  an  Infinite  number  of  correction  term  combina¬ 
tions  giving  the  same  answer. 

The  real  gas  effect  treatment 

For  shuttle  flight  conditions  with  =  0.001  to  0.03  the  treatment  of  real  gas 
effects  with  equilibrium  chemistry  is  due  to  the  following  argument  in  adequate.  The 
viscous  parameter  represents  a  Knudsen  number  based  on  the  molecular  mean  free  path 

and  the  boundary  layer  thickness  6,  namely  =  Ma//Rej^  ^  well  known  thai. 

chemical  reactions  need  much  more  molecular  collisions  to  approach  equilibrium  than  a 
purely  gas  dynamic  change  of  state.  This  means  that  the  ratio  of  chemical  relaxation 
length  L  .  to  boundary  layer  thickness  L  .  /5]_  >>  .  If  we  assume  L  .  s 

the  chemical  relaxation  length  will  vary  from  u  0.  1»6  to  L  .  =  3*^  in  the  flight 

regime  with  -  0.001  to  0.03*  This  means  tftSt  this  viscous^  'flow  regime  is  connect¬ 

ed  with  chemical  nonequilibrium  effects  at  high  velocities. 

The  viscous  effect  treatment 

The  simplified  treatment  of  these  effects  as  shewn  In  Figure  5  r.eg>='Ct3  the  vis:;:.us 
shear  of  the  cross  flow  in  the  nose  region.  This  viscous  shear  is  large  due  to  the  soiall 
Reynolds  number  at  the  nose  region  and  acts  also  on  a  large  lever  arm.  The  nose  regicn 
shear  shall  contribute  a  nose  up  pitching  moment  contrary  to  the  l-.W'.-r  surfac--  shear. 

To  neglect  the  nose  region  seems  therefore  questionable. 

Figure  7  summarises  the  phenomer’a ,  which  seem  unprcperly  modeled  ln>  the  methodc  1 .  gy 
method. 

A  definite  answer  how  real  gas  effects  and  how  the  viscous  Lo»w  density  effects  in¬ 
fluence  the  pitching  moment  behaviour  car.  only  frund  by  exact,  ca  Icu  1-ni  luns  cv 
experiments  which  simulate  these  phenomena  separately.  In  the  foilcwlng  we  will  gc.  t-he 
experimental  way  and  analyse  wind  tunnel  data  obtained  at  DFVLR  Gottingen  during  me 
years  1972-7^,  also  In  the  early  shuttle  development  pha.te. 


3.  MODEL  3HAPE3,  WIND  TUNNELS  AND  TEST  COf.-DITIl'NS  AT  DFVLf- 
The  ART  configu.»-^ations 

These  configurations  where  defined  within  th-^  German.  .Reeri'ry  T-^chne  1 'gy  rrc.'r'ir: 
(ART)  (9].  The  .shape  ART  had  ‘external  lateral  finr  whereas  the  .thapo  ’-B  ha  i  *  w .. 
central  fins. 

Figure  8  shows  the  wind  tunnel  m.tdols  wi'V.  a  .tcale  of  1:S.'  In  tr'.o  i- tt  *. 

Vacuum  Wind  Tunnels.  Models  with  a  scale  of  ImI  were  testvi  I:,  •..h.e  ("Itinr'.'r,  ; .  u  i  w  1  u 
Tube  Tunnels. 

The  ohuttle-Orbir.er  models 

An  early  shape  ■:-C  the  US  Shuttle  was  also  tested.  This  cor,  fi  gura'  !  t; ,  N', 

jdO  A  Orbit.or,  Is  sh'.wn  in  Figure  9.  The  canoty  and  the  simple  de'.t'i  .•'■.'s,;;-'  wlr.g 

have  been  changed  on  the  final  U-rhit'^r  configuration. 

Wind  tunnels  and  test  conditions 

The  hypersonic  low  Reynolds  number  studies  were  lucted  in  the  DFVLR  hyp'-rn.-'^'nl - 
vacuum  tunnel  ViG  [10].  This  tunnel  allows  operatirr.  in  a  Mach  "  :jnd  .Mach  _ mede.  Tne 
test  conditions  covered  are  summarized  In  .able  1.  The  high  R«yno'lu?  r.urher  iest?  we:-', 
conducted  In  the  Lndwleg  Tube  Tunnels  tli)  at  Gottingen.  For  the  AFT  i el vIS'*',..- 
parameter  wa.s  varied  between  0.(j0*:.3  and  'J.l.  Figure  10  shows  •  !.“  :  r.i!- 

tlons  in  a  Mach-Reynolds  diagram  wlr.h  the  co-rresrondltig  t  ra.'o ' t ory . 

For  the  A  Urblter  model  only  the  low  Reynolds  high  Macr.  num:-  r  la’ a  w-'-r--'  "l- 

talned  at  DFVLR.  For  the  high  Reynolds  number  and  l.w*'r  Mach  range  wi:i.:  tunnel 
from  NASA  Langley  Tunnels  LaRC  31'CFHT  and  LaRC  ."orved  for  cemparistn. 


TYPICAL  AERODYNAMIC  PERFORMANCE  IN  THE  HIGH  MACH  NUMBER  VlSi'CU:'-.  AND 
PIREFTED  FLOW  REGIME 

From  drag  and  pressure  distribution  moasuremen’; s  cn  simple  stjaped  blunt  t  'dt'  s  (  D-  ] 
It  is  well  known  that  with  decreasing  Reynolds  numb.?r  the  viscosity  and  rarefaction  ‘‘■r.i 
first  to  increase  the  skin  friction,  and  then  at  Reynolds  numbers  about  magnitude- 

lower  the  surface  pressure  will  be  affected.  It  is  also  known  that  In  ’his  flew  r-glrne 
where  primarily  skin  friction  Is  Influenced  the  appropriate  scaling  parameter  i.s  ’  rr- 
vlscous  parameter  V^,  which  Is  a  Knudsen  number  based  on  the  ho-undary  layer  t  hi  ckr.' .s.s 
6,  namely 
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As  an  Illustrative  example  for  this  behaviour  may  serve  our  pressure-  and  frictional 
drag  measurements  [13]  on  cylinders  shown  in  Figure  11.  This  different  strong  depend¬ 
ence  of  friction  and  pressure  on  the  viscous  parameter  V  will  help  to  explain  the 
aerodynamic  behaviour  of  lifting  reentry  vehicles  In  the  high  Mach-  and  low  Reynolds 
number  regime. 

^ .  1  The  ART-configuratlons 

A  synthes:  s  of  wind  tunnel  results  on  the  ART  24B  shape  is  shown  in  Figures  12  and 
13-  The  data  are  taken  from  [14,  15)  and  cover  a  range  from  V  =  0.006  to  V  =  0.1.  At 
small  angles  ol  attack  the  lift  coefficient  Is  quite  Independent  from  V  whereas  at 
higher  a  a  reduction  of  c,  with  increasing  is  observed.  This  reduction  is 

mainly  due  to  the  viscous  forces. 

The  viscous  Influence  on  the  drag  shows  a  different  behaviour  with  angle  of  attack. 

At  a  =  0  a  large  Increase  of  the  drag  with  V  is  observed,  whereas  at  high  a  this 
influence  is  smaller.  At  high  a  mainly  pressure  forces  determine  the  drag,  which  are 
in  this  flow  regime  not  strongly  Influenced  by  viscous  effects. 

The  gliding  capability,  l.e.  the  L/D  ratio  is  strongly  reduced  with  increasing  V 
(Figure  13).  At  =  0.006  we  have  "  ^.1,  which  is  approximately  the  inviscld 

Newtonian  value.  At  s'  0.096  the  reduced  to  1.1.  It  should  be  pointed 

out  that  at  free  molecular  conditions,  whlcn^are  approached  at  s  8  for  Ma^  s  20 

the  lift-drag  ratio  will  drop  to  L/D  =  0. 

This  viscous  rarefaction  effects  strongly  influence  the  longitudinal  stability  as 
can  be  seen  from  Figure  13.  With  increasing  from  0.006  to  0.1  the  slope  dc^/da 

becomes  smaller  and  a  nose  up  moment  contribution  is  observed.  At  a  =  30°  the 

viscous  induced  change  of  amounts  to  •  O.O3. 

The  pitching  moment  of  the  configuration  24A,  Figure  14,  shows  the  same  dependence 
on  the  viscous  parameter  as  the  shape  24B. 

Figure  15  shows  for  both  ART  shapes  the  reduction  and  the  drag  increase 

In  the  viscous  rarefied  regime.  It  Is  evident  that  ?ni  viscous  parameter  scales 

these  integral  aerodynamic  data  quite  well. 

The  very  strong  Influence  of  the  viscous  effects  on  aerodynamic  stability  and  con¬ 
trol  Is  shown  In  Figure  I6.  Flap  effectiveness  Is  reduced  by  50  %  and  a  nose  up  moment 
of  s  0.03  Is  Induced  at  MaZ/Re^  =  0.1. 

4 . 2  The  040A-Orblter  configuration 

The  PFVLR  test  results  In  the  hypersonic  vacuum  wind  tunnels  were  obtained  in 
September  1983  at  a  stage  when  European  participation  In  the  shuttle  development  was 
still  under  discussion.  The  results  have  until  now  not  been  published.  The  complemen¬ 
tary  high  Reynolds  number  data  from  NASA  Langley  facilities  are  taken  from  a  US  Memo 

No  SSPO  E241-696  from  1972. 

Tests  were  conducted  on  the  basic  configuration  without  flap  deflection  and  the 
external  0M3-pods. 

In  Figures  17,  I8,  19  the  low  Reynolds  number  DFVLR  results  are  compared  with  the 
high  Reynolds  number  US  wind  tunnel  results.  Both  sets  of  data  cover  a  Ma^//Re^’  range 
from  0.01  to  0.12.  It  Is  evident  that  viscous  effects  reduce  the  lift  and  normal 

force  and  increase  drag  and  axial  force.  The  viscous  amounts  to  50  % 

as  can  be  seen  from  Figure  19.  A  very  strong  nose  up  influeRce  on  the  pitching  moment 
is  again  evident  from  Figure  19. 

An  extracted  aerodynamic  vehicle  behaviour  at  a  =  25°  is  shown  in  Figure  20  as 
function  of  the  viscous  parameter  Calculations  with  Newtonian  theory  predict 

the  aerodynamic  coefficients  with  exemption  of  Cj.  quite  well  for  the  high  Reynolds 
number  {Ma^//Re^<  0.01)  limit.  Viscous  effects  show  with  increasing  Ma^//Re„  the 
same  Influence  as  found  on  the  ART  configurations,  namely  L/D  loss,  increase  of  axial 
force  and  a  nose  up  pitching  moment  change 

4 . 3  Qualitative  explanation  of  moment  and  center  of  pressure  shift 

All  our  experiments  on  reentry  vehicles  demonstrate  that  In  the  viscous  slip  flow 
region  at  Ma^//Re^'  a  0.01  and  at  high  angles  of  attack  a  nose  up  pitching  moment 
will  exist.  This  nose  up  pitching  moment  causes  a  forward  shift  of  the  center-of-pressure . 

A  simple  explanation  can  be  given  by  following  arguments: 

In  the  forebody  region  of  these  vehicles  the  flow  Is  more  rarefied  and  therefore 
the  shear  of  the  ci'oss  flow  on  the  lateral  surfaces  Is  larger  than  the  shear  on  the 
further  aft  wing.  This  larger  shear  acts  on  a  long  lever  arm  and  produces  a  nose  up 
pitching  moment. 
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To  quantify  these  arguments  It  would  be  useful  to  have  pitching  moment  or  center 
of  pressure  data  of  simple  bodies  in  the  range  fro."  continuum  fo  free  molecular  flow. 

Due  to  the  lack  of  experimental  and  theoretical  simulation  no  relevant  data  exist. 

In  a  semi-empirical  way  we  can  however  analyse  the  center  of  pressure  behaviour  of 
cones  at  ^  =  90®.  This  CP  behaviour  will  approximately  be  representative  for  the  CP 
behaviour  of  a  reentry  vehicle  at  high  angles  of  attack. 

In  Invlscld  continuum  (Ma//Re'  <<  1)  and  in  free  molecular  flow  Ma/«/Se^  >  1  all 
flow  properties  on  a  cone  are  constant  on  rays  from  the  cone  apex.  Therefore  the  center 
of  pressure  position  will  be  given  by  the  center  of  the  flow  projected  area,  which  is 
at  Xp/1  =  2/3. 

To  determine  the  CP  position  in  the  transitional  flow  regime  we  introduce  a  local 
drag  coefficient  c^^Mx)  which  we  set  equal  to  Cj,  of  a  cylinder  with  diameter  equal 
to  the  local  cone  diametei*  d.  In  Figure  21  this  procedure  is  explained.  During  transi¬ 
tion  from  continuum  to  free  molecular  flow  the  local  drag  coefficient  on  the  cone  apex 
will  be  higher  than  on  the  cone  base.  Therefore  a  forward  shift  of  the  CP  will  occur, 
which  shall  vanish  when  free  molecular  flow  on  the  whole  cone  exists.  Figure  22  shows 
the  result  of  a  CP  calculation  with  the  outlined  method.  Within  the  rarefied  transi¬ 
tional  flow  regime  the  center  of  pressure  moves  from  Xp/1  =  0.66C  forward  to 
Xp/1  s  0.6^5  and  then  back  to  Xp/1‘2  0.666.  The  maximum  shift  is  about  ACXp/l)  =  -0.02, 
which  is  about  three  times  the  value  observed  during  shuttle  reentry.  This  examply 
supports  our  arguments  concerning  the  viscous  influence  on  the  shuttle. 


5.  CONCLUSIONS 

Wind  tunnel  experiments  and  qualitative  arguments  show  that  the  aerodynamic  per¬ 
formance  of  reentry  vehicles  Is  strongly  Infuenced  by  viscous  low  density  effects.  It 
is  of  Importance  to  note  that  the  nose  up  pitching  moment  change  of  the  shuttle  at  high 
altitudes  can  be  explained  by  viscous  rarefaction  effects.  This  Is  in  contradiction  to 
other  studies  which  concluded  that  real  gas  effects  should  cause  this  pitching  moment 
change.  These  studies  however  were  based  on  equilibrium  chemistry,  which  is  doubtful  to 
exist  In  the  low  density  flight  regime. 

To  obtain  additional  understanding  studies  of  the  aerodynamic  behaviour  of  some 
basic  shapes  with  separated  influence  of  viscous  low  density  and  chemical  nonequilibrlum 
effects  would  be  very  useful. 
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Table  1.  Summary  of  test  conditions 
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ART  24A 

-  7 
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(  U2-li4l).6)  ■  10^ 

0.1  -  C.  05 
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-  7 
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Figure  1.  Typical  reentry  trajectory  and  the  high  Mach  numte 
real  gas  flow  region. 


Figure  2.  Tvptcal  reentry  ccnditicna  anglk.-  of  attack  a, 

altitude  H  and  Reynolds  number  as  function  of 
Mach  number  Ma. 


Figure  3'  STS  5  aerodynamic  performance 
comparison  between  prediction 
and  flight. 


Figure  4.  STS  5  pitching  moment  c„ 

behaviour  comparison  between 
predict  and  flight. 

Trimmed  flight  Cjyj  =  0. 
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Aaalviiiidl  Apprj^cn 
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Figure  S.  Viscous  contribution  tc  p'tching  according 

methodology  model  of  '/rirflth,  Maus,  Best,  is  viscous 

axial  force  acting  only  on  the  lower  surface. 


Figure  6.  Build  up  of  flight  using  methcdolcgy  node;,  ac:-.:r' 

Griffith,  Maus,  Best.  ‘ 
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Figure  7.  Phenomena  unproperly  nnde'.ed  In  the  net  1  ,iry  m- 
=  mean  free  path 
=  chemical  relaxation  length 
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Figure  8 


Figure  9. 
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orblter  dimensions  of  models  for 
DPVLR  Vacuum  Tunnels. 


Figure  10.  ART  2A  reentry  trajectory  and  test  conditions. 
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Figure  15.  L./D  and  drag  of  the  ART  configurations  as  function  of  the  viscous  parameter. 


Figure  16.  Reduction  of  flap  effectiveness  and  change  of  pitching  moment  ikCw 
due  to  viscous  effects. 
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Figure  .'1.  Local  cross  flow  approximation  for  cone  center  of  pressure  analysis. 


Figure  22.  Center  of  pressure  shift  of  cones  due  to  transition 
from  continuum  to  free  molecular  flow. 
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ABSTRACT 


A  history  of  the  evolution  of  airbreathing  propulsion,  with  emphasis  on  the  development  of 
supersonic  combustion  ramjet  (scramjet)  engines,  is  presented.  The  current  status  of  scramjet  engines 
Is  discussed  and  deficiencies  in  fundamental  and  applied  data  and/or  knowledge,  which  comprise 
opportunities  for  future  work,  are  noted. 


HOHEBCLATUBB 

A  -  area  Subscripts 

ERq  -  fuel-air  equivalence  ratio  C  -  free  stream 

M  -  Hach  number  4,5,6  -  stations  shown  In  Figs.  1-3,  28 

f  -  fuel 
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In  any  historical  treatise  on  a  particular  technological  subject,  it  is  prudent  to  establish  a 
perspective  of  events  on  an  evolutionary  scale  so  that  those  who  read  it  can  gain  some  appreciation  for 
the  tremendous  advances  made  in  a  particular  area  In  recent  times.  As  such,  the  initial  pages  of  this 
paper  attempt  to  provide  such  a  perspective  on  the  evolution  of  powered  flight  and  powerplants  which,  in 
this  Instance,  has  Lead  to  the  not-quite-complete  understanding  and  development  of  airbreathing  engines 
for  hypersonic  flight. 


umtooocTiow 


Han's  desire  to  first  fly,  and  then  fly  faster  and  higher,  has  evolved  from  the  Imagination  of 
Greek  mythologlste  to  the  development  of  reueable  earth-to-orblt  vehicles  which,  in  the  near  future,  may 
well  employ  alrbresthlng  engines  for  at  least  a  portion  of.  If  not  the  entire,  flight  regime.  Vhile 
notable  personages,  such  as  da  Vinci  (cr.  1490),  have  devoted  extensive  efforts  throughout  history 
trying  to  solve  the  riddle  of  flight.  It  was  not  until  the  Montgolfier  Brothers  (Fr)  lifted  off  the 
ground  In  their  hot  alt  balloon  in  1783  that  man's  first  aerial  voyage  took  place  .  However,  It  was  not 
for  another  120  years  that  the  first  heavler-than-air,  powered  flight  would  take  place.  In  the  Interim, 
powered  flight  continued  in  balloons  and  dirigibles  using  steam  engines  (Fr-1852),  Internal  combustion 
engines  (Aus-1872)  and  electric  motors  (Fr-1883)^.  In  addition,  significant  advances  were  to  be  made  in 
aerodynamics,  flight  control  and  aircraft  design  by  such  notables  as  Cayley  (CB),  Hensen  (GB), 
Lillenthal  (Ger),  Chanuce  (Fr,  US)  and  Langley  (USk.  In  fact,  the  thoughts,  designs,  data  and 
experiences  of  each  of  these  men  were  Incorporated,  to  varying  degrees,  in  the  Wright  Brothers  bi-plane 
design  that  flew  in  level  flight  under  power  in  December  of  1903  . 

Since  1903,  the  pace  and  understanding  of  manned  and  unmanned  powered  flight  has  progressed  at  an 
ever  increasing  rate.  For  manned  flight.  It  was  only  another  3  years  before  the  first  helicopter  flight 
(Fr-l9C8)^  but  another  36  years  before  the  turbojet  began  to  replace  this  piston  engine  (von  Ohaln,  Ger- 
1939)  .  Seven  years  later,  the  first  manned,  ramjet-powered  aircraft  flew  (F-80,  US-J946)  .  In  1947, 
the  sound  barrier  was  surpassed  (Yeager,  US),  and  by  the  mld-1950's,  the  U.S.  and  most  European 
countries  had  fighter  aircraft  capable  of  sustained  supersonic  flight.  By  1961,  man  lud  orbited  the 
earth  (Gargarln,  USSR)  and,  in  1969,  man  landed  on  the  moon  (Armstrong,  Aldrin,  US)^.  During  the 
1970*8,  manned  space  ^pLoratlon  In  earth  orbit  became  ’’routine”  and  by  1981,  the  U.S.  had  deployed  a 
reusable  Space  Shuttle^  albeit  not  without  limitations  (1986). 

On  the  more  practical  side,  1.  e.,  in  general  aviation,  the  fabric  covered,  wooden  or  tube  framed, 
biplane  designs  of  the  early  1900 's  were  largely  replaced  by  metal  structured,  single  wing  designs  by 
the  late  1920'a  .  By  the  aild-1930'8,  cosmerlcal  flights  became  commonplace  and,  in  1932,  the  large, 
long  range,  propeller-driven  aircraft  thaCL  had  evolved  were  begun  to  be  replaced  by  turbojet/turbofan- 
povered  aircraft  (GB  -  de  Haveland  Cornet)^*  *  In  1969,  the  first  Jumbo  jet  service  began  (US  -  Boeing 
747)  and  In  1976,  the  first  transport  capable  of  cruising  at  supersonic  speeds  (Mach  2^)  began 
cotnerlcal  flights  (Fr,  GB  -  Concord)^.  * 

Militarily,  the  use  of  aircraft  as  weapons  platforms  did  not  begin  until  the  middle  of  WVI.  By  its 
end,  aircraft  were  used  for  air  superiority,  ordinance  delivery  and  forward  observations  by  all  nations 
Involved^*^.  By  1922,  aircraft  were  being  flown  from  aircraft  carriers  (USS  Langley)^,  expanding  their 
use  to  sea  as  well  as  air  control.  By  1944,  piston-powered  aircraft  were  being  replaced  by  operational 
turbojets  (Ger  -  ME262,  CB  -  Gloster  Meteor,  US  -  F80)  and  flight  speed  increased  from  Mach  0.4-0. 6  to 
Hach  0.8-0. 9.  Supersonic  military  aircraft  become  commonplace  in  the  early  1950*8  and  by  1966,  Mach  3^ 
versions  were  flying  (US  -  SR71). 

Unmanned  vehicles,  l.e.,  missiles  or  projectiles,  employing  airbreathing  engines,  by  contrast,  did 
not  make  their  appearance  In  operational  systems  until  1944  in  the  form  of  the  V-1  (Ger)  powered  by  a 
Schmidt  designed  intermittent  or  pulse  jet^.  Unlike  Che  subsonic  speed  V-1,  however,  most  taissiles  are 
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required  Co  fly  sC  supersonic  or  greeter  speeds  (with  the  exception  of  current  cruise  alsslle 

designs).  In  addition,  because  they  are  expendable,  cost  and  slnpllclcy  are  also  considered. 
Consequently,  aost  subsequent  alrbreaChlng  aisslle  designs  were  povered  by  subsonic  coabustlon  raajets 
because  of  their  efficiency  at  supersonic  speeds,  and  siapllclty  and  low  cost  compared  to  turbojets  or 

fanjets.  A  Halted  nuaber  were  deployed  as  early  as  1955  (see  Evolution  of  Raajets  section).  Since 

that  clae,  any  nuaber  of  raajet-powered  alsslle  and  projectile  designs  have  been  developed,  but  very  few 
have  aade  It  to  the  operational  stage  due  primarily  to  coapetlClon  froa  rocket  propulsion,  long  range 
guidance  llaitatlons  and  politics. 

During  the  course  of  the  20th  century,  raajet  and  rockets  developed  along  slallar  paths  through  the 
end  of  VAlIt  and.  Into  the  ald-to-late  1950*8.  While  bombardment  rockets  have  been  around  since  the  10th 
century  (China)  ,  the  technology  to  convert  the  principals  of  rocket  propulsion  (including  the  >^-2,  Ger, 
1944)  Into  effective  weapons  platforas  did  not  really  mature  until  the  1950*8  with  the  advent  of 

Intercontinental  ballistic  nlsslles  (ICBH*s)  as  well  as  launching  vehicles  for  space  exploration. 
Consequently,  tandem  boosted  raajets  with  typical  cruise  speeds  of  Mach  4*^,  and  staged  rockets  were  co- 
developea  fur  the  same  applications  (other  than  space  launchers)  up  until  the  late  1950*8,  when  rockets 
becaae,  for  the  most  part,  the  propulsion  systea  of  choice  for  ICBM's  and  ground-to-air,  air-to-ground, 
alr-to-air  and  ground-to-ground  alsslle  applications.  Although  rockets  becaae  Che  preferred  choice  for 
propelling  these  alsslles,  It  was  also  recognized  that  airbreathing  ramjets  still  offered  large 
advantages  In  range,  powered  maneuverability  and  powered  Intercept  compared  to  rockets  In  volume  and/or 
weight  Halted  application  against  nonstatlonary  air  or  well  defended  surface  targets,  resulting  In 
continued  development  of  ramjet -powered  systems  through  the  present  day. 

Two  llaitatlons  of  the  subsonic  coabustlon  raajet  (compared  ~o  a  rocket)  are  Its  Inability  to 
produce  thrust  at  zero  or  very  low  speeds  and  the  drastic  drop  In  Its  performance  at  flight  speeds  above 
about  Mach  6.  To  overcome  Che  foraer,  aost  ramjets  systems  use  either  a  tandem  rocket  or  Integral 
rocket  (which  uses  a  common  combustion  chamber  for  both  the  rocket  and  ramjet  cycles)  to  boost  the 
vehicle  to  a  given  speed  (typically  0.5-0.7  of  the  cruise  speed)  before  the  ramjet  begins  operation. 
Alternatively,  combined  cyc!e  engines  have  also  been  Investigated  which  .produce  static  thrust  by 
Incorporating  either  a  turbojet  eabedded  with  the  raajet  (Air  Turbo  Ramjet^  ,  a  rocket-driven  turbine 
and  ccapressor  embedded  within  the  raajet  (Air  Turbo  Rocket),  or  an  ejector  systea  driven  by  a  high 
pressure  gas  froa  either  a  rocket  or  fuel  and/or  oxidizer  supply  (Ejector  Ramjet)".  Sometimes  the 
latter  Is  also  called  an  Alr-Oucted-Rockec  but  is  not  herein  to  distinguish  It  from  Alr-Ducted-Rorkera 
which  use  a  solid  monopropellanc  to  supply  low  pressure  fuel  to  a  raajet  combustor  which,  in  turn,  is 
accelerated  to  Its  takeover  speed  by  a  separate  rocket  booster^*^^. 

The  upper  speed  lie  atlon  is  a  result  of  declining  inlet  performance  and  chemical  kinetics.  As 
the  Mach  nuaber  Increases,  so  do  inlet  total  pressure  losses,  especially  through  the  terminal  normal 
shock  systea.  When  these  losses  are  coupled  with  energy  losses  due  to  dissociated  species  at  the 
elevated  air  total  temperatures  present,  a  significant  decrease  in  performance  is  encountered. 
Structural  and  aaterlals  problems  may  also  be  encountered  because  of  the  high  static  pressures  and 
temperatures  In  the  engine,  but  can  be  overcome  using  Innovative,  active  structural  cooling  techniques 
and  advanced  materials. 

To  overcome  this  upper  speed  limitation,  scientists  and  engineers  recognized  that  If  It  were 
possible  to  Inject,  Ignite  and  react  fuels  in  a  supersonic  air  stream,  then  the  large  total  pressure 
losses  associated  with  the  terminal  normal  shock  In  a  subsonic  coabustlon  ramjet  could  be  mitigated  and 
Che  chemical  kinetics  losses  forestalled  to  higher  flight  speeds.  Such  engines  (Supersonic  Combustion 
Ramjets  or  scramjets),  their  history,  current  status  and  future  prospects,  are  the  subject  of  this 
paper. 


MIUCT  AHP  SCBAmgT  BWGDIB  CONCEPTS 


Prior  to  discussing  the  evolution  of  airbreathtng  engines,  and  ramjets  and  scramjets  In  particular, 
a  brief  review  of  the  operation  and  types  of  ramjet  and  scramjet  engine  concepts  previously  Introduced 
or  those  to  be  discussed  in  subsequent  sections  of  this  paper  will  be  presented  for  clarity.  Conceptual 
schematics  of  subsonic  combustion  ramjets  and  combined  cycle  derivatives  thereof  are  shown  in  Figs.  I 
and  2,  respectively.  Figure  U«)  depicts  the  traditional  can-type,  liquid-fueled  ramjet  (CRJ)  with  a 
tandem  booster  attached.  Here,  ^  >  I  but  the  air  Is  diffused  to  a  subsonic  speed  (typically  Mach 
0.3  to  0.4)  through  a  normal  shock  system  prior  to  reaching  station  4,  Fuel  is  then  injected  and 
burned  subsonlcally  prior  to  reaccelerating  the  flow  to  a  sonic  speed  at  station  5  (H^  -  1)  and  further 
accelerating  It  in  the  exit  nozzle  (N^  >  I).  A  more  recent  alternative  to  this  concept  Is  to  use  a 
common  combustion  chamber  for  both  the  boost  and  sustain  phases  of  flight,  commonly  referred  to  as  an 
integral-rocket-raajet  (IRR).  This  generally  requires  a  dump-type  rather  than  a  can-type  combustor,  but 
the  cycle  operation  of  the  ramjst  remains  the  same.  Figure  1(b)  schematically  Illustrates  this  concept 
for  a  liquid-fueled  ramjet  (LFIRR)  and  Fig.  1(c)  Is  illustrative  of  a  solid-fueled  system  (SFIRR).  In 
some  applications,  SFIRR's  are  preferable  to  LFiRR's  (or  CRJ's)  because  of  the  simplicity  of  the  fuel 
supply,  but  only  when  the  fuel  throttling  requirements  are  low,  l.e. ,  when  flight  altitude  and  Mach 
number  variations  are  limited.  Another  alternative,  the  Alr-Ducted-Rocket  (ADR),  ho%m  In  Its  IRR  form 
in  Fig.  1(d),  operates  under  the  same  engine  cycla  principles,  but  uses  a  fuel-rich  monopropellant  to 
generate  a  low  to  moderate  pressure  gaseous  fuel  supply  for  the  subsonic  combustor.  Here,  the  ADR  Is  a 
compromise  between  the  fuel  supply  simplicity  of  a  SFIRR  of  and  throttleablHty  of  the  LFIRR  (or  CRJ). 
It  should  be  noted,  ho%rever,  that  the  performance  of  liquid-fueled  systems  Is  always  superior  to  any  of 
the  others. 

While  the  ramjets  shown  conceptually  In  Fig.  I  have  been  and  continue  to  be  viable  vehicle 
propulsion  systems,  none  can  produce  static  thrust.  Figure  2  illustrates  three  types  of  hybrid  ramjet 
engine  cycles  that  can.  The  first  embeds  a  turbojet  engine  within  the  main  raajet  engine  and  is  usually 
liquid-fueled  and  called  an  alr-turbo-ramjet  (ATRJ-Flg.  2(a)).  Here,  the  turbojet  produces  the  required 
static  and  low  speed  thrust  for  takeoff  (and  landing  If  required)  which  may  or  may  not  be  Isolated  from 


the  bsId  raa^et  flow  at  supersonic  speeds.  An  alternative  to  the  ATRJ  Is  the  alr-turbo-rocket  (ATR-Flg. 
2(b})  In  which  a  low  to  Boderate  pressure  rocket  aotor  la  used  to  drive  a  turbine  and  provide  a  gaseous 
fuel  for  the  raajet.  The  turbine,  In  turn,  drives  a  coapressor,  the  coabloatlon  of  «rtilch  will  produce 
static  thrust.  At  supersonic  speeds,  the  coapressor,  again,  aay  be  Isolated  froa  the  aaln  raajet  flow 
and  the  turbine  Idled  so  that  the  vehicle  can  then  operate  as  an  ADR.  The  final  hybrid  raajet  cycle 
capable  of  producing  static  thrust  Is  the  ejector  raajet  (ERJ)  shown  In  Fig.  2(c).  Here  a  rocket  aotor 
or  gas  generator  produces  a  high  pressure,  generally  fuel-rlch,  supersonic  prlaary  or  ejector  flow  which 
Induces  secondary  air  to  flow  through  the  engine  even  at  static  conditions.  The  ejector  effluent  and 
air  then  alx  and  burn  (at  globally  subsonic  speeds)  and  finally  expand  In  the  convergent-divergent  exit 
nozzle. 

Figure  3  presents  schesMtlc  Illustrations  of  a  generic  scraajet  engine  and  two  hybrid  cycles 
thereof.  In  a  pure  scraajet  (Fig.  3(a)),  air  at  supersonic  speeds  Is  dlffusec'  to  a  lower,  albeit  still 
supersonic,  speed  (typically  0.3-0. S  Hq)  at  station  4.  Fuel  (either  liquid  or  gaseous)  Is  then  Injected 
froa  the  walls  where  It  alxes  and  burns  with  the  air  In  a  generally  diverging  supersonic  coabustor. 
Unlike  the  subsonic  coabustlon  raetjet,  however,  which  always  generates  a  teminal  normal  shock  In  the 
Inlet  duct  trlth  heat  addition,  the  combined  effect  of  heat  addition  and  diverging  area  In  a  scraajet 

combustor  generate  a  shock  train  at  and  upstreaa  of  the  coabustor  entrance,  often  called  the 

precoabuatlon  shock,  which  can  vary  In  strength  froa  the  equivalent  of  a  noraal  shodk  to  no  shock, 
depending  on  Hg,  overall  fuel-air  equivalence  ratio,  RRg,  and  coabustor  area  ratio,  A^/A^.  Also  unlike 
the  rasijec,  the  acraajet  has  no  geoaetrlc  throat,  so  that  H.  must  always  be  greater  chan  or  equal  to 
unity. 

The  unique  coablnatlca  of  heat  addition  In  a  supersonic  air  streaa  with  a  variable  strength  shock 
aystea  plus  the  absence  of  a  geoaetrlc  throat  perait  Che  scraajet  to  operate  efficiently  over  a  wide 
range  of  flight  conditions,  l.e. ,  as  a  nozzleless  subsonic  combustion  raajet  at  low  flight  Mach  numbers, 
e.g.  Mg  •  3-6,  and  as  a  supersonic  combustion  ramjet  at  higher  flight  Mach  nuabers,  e.g..  Mg  >  S.  At 
low  Mg  and  high  ER,  the  coabustlon  process  generates  the  equivalent  of  a  noraal  shock  systea  and  Is 

Initially  subsonic,  slallar  to  chat  of  a  conventional  subsonic  coabustlon  raajet,  but  accelerates  to  a 

sonic  or  supersonic  speed  prior  to  exiting  the  diverging  area  coabustor,  ellalnatlng  the  requlreaent  for 
a  geoaetrlc  throat.  As  ER  decreases  at  this  same  Mg,  the  strength  of  the  precoabustlon  shock  system 
will  also  decrease  to  Che  equivalent  of  a  weak  oblique  shock  and  the  coabustlon  process  Is  entirely 
supersonic.  Ac  high  Mg,  the  strength  of  the  shock  systea  is  always  equivalent  to  either  a  weak  oblique 
shock  or  no  shock,  regardless  of  ER.  This  Is  referred  to  as  dual-aode  coabustlon  and  permits  efficient 
operation  of  the  engine  froa  Mg  •  3  to  Mg  •  8  to  10  for  liquid  fuels  and  up  to  orbital  speeds  for 
gaseous  (e.  g*,  hydrogen)  fuels.  The  upper  limit  for  Che  liquid-fueled  cycle  Is,  of  course,  due  to 
energy  consuaptlon  by  dissociating  and  Ionizing  species  at  elevated  temperatures  which  cannot  be 
coapenaated  for  by  additional  fuel  as  In  Che  case  of,  for  example,  a  diatomic  gas  such  as  hydrogen. 

Although  the  scraajet  offers  these  unique  capabilities,  It  also  requires  special  fuels  or  fuel 
preparation  in  order  to  operate  effectively  below  «  7  because  of  "low"  static  air  temperatures  and 
short  coabustor  residence  times  (<  1  as).  For  liquid  fuels,  this  generally  means  using  highly  reactive 
(generally  pyrophoric)  fuels,  fuel  blends  or  fuel/oxldlzer  pilots  which  are  loglatlcally  unsuitable. 
For  gaseous  fuels,  It  requires  that  the  fuel  be  preheated  or  combined  with  a  pyrophoric  additive.  To 
overcome  this  deficiency,  an  alternative  to  the  pure  scraajet  la  the  Dual  Coabustor  Raajet  (DCR)  shown 
in  Fig.  3(b).  The  DCR  has  all  of  the  features  of  the  scraajet  except  a  portion  of  the  captured  air  Is 
diverted  to  a  small,  embedded  subsonic  duap  coabustor  Into  which  all  of  the  fuel  Is  injected.  By 
aalntalnlng  a  proper  distribution  of  the  fuel,  a  near  stolchloaetrlc  flame  can  be  aalntalned,  the  heat 
froa  which  la  uaed  to  prepare  and  preheat  the  reaainlng  fuel  so  that  efficient  heat  release  can  be 
realized  la  the  supersonic  coabustor.  Thus,  the  duap  coabustor  acts  as  a  hot,  fuel-rich  gas  generator 
for  the  main  supersonic  coabustor,  slallar  In  prlncli  .e  to  the  air-ducted  rocket  previously  described  in 
the  raajet  cycle  section.  This  cycle,  therefore,  peralts  the  use  of  conventional  liquid  hydrocarbon 
fuels  or  gaseous  fuels  such  as  hydrogen  without  resorting  to  loglatlcally  unsuitable  additives. 

The  final  supersonic  coabustlon  cycle,  which  Is  s  natural  extension  of  the  scraajet  and  DCR  cycles, 
la  the  ejector  scraajet  shown  schematically  In  Fig.  3(c).  Unlike  the  pure  scraajet  or  the  DCR,  It  Is 
capable  of  producing  static  thrust  ualng  axial  fuel  Injectors  fed  by  a  high  pressure  fuel/fuel-oxldlzer 
supply,  yet  retains  the  high  speed  operating  characteristics  of  the  scraajet  and/or  DCR.  These  saae 
Injectors,  perhaps  coapleaented  by  staged  injectors  further  dovnstreaa,  can  be  uaed  for  dual-mode 
scramjet  operation,  thus  making  It  a  viable  candidate  for  a  single  stage,  but  multiple  cycle, 
airbreathing  engine  concept  for  zero  to  hypersonic  speed  flight. 

With  the  ramjet  and  ecramjet  cycles  thus  introduced,  let  us  now  return  to  the  evolution  of 
airbreathing  engines  for  powered  flight. 


EVWJTTKM  or  AlRUKATgnC  PIOPULSICWI  PCIMBS 


Concurrent  and  eynerglstlc  with  the  evolution  of  vehicles  capable  of  manned  and  unmanned  flight 
within  the  atmosphere  has  been  the  evolution  of  the  powerplants  required  to  propel  them.  While  these 
powerplants  Include  devices  which  produce  lift  along,  e.g.,  heated  air  for  balloons,  and  those  which 
produce  thrust  but  carry  their  own  oxidant,  e.  g.  chemical  rockets,  the  following  chronology  excludes 
both.  It  addresses  the  evolution  of  airbreathing  engines  alone  with  emphasis  on  subsonic  and  supersonic 
combustion  ramjets. 

Imtarmml  Comhaatlom  faginaa 

While  the  aerodynamic  principles  required  for  powered  flight  were  sufficiently  well  understood  one 
hundred  years  earlier  than  the  Wright  Brothers*  first  flight  (see,  e.g..  Sir  George  Cayley's 
contributions) \  the  requisite  high  power-to-walght  ratio  powerplant  to  achieve  powered  fllTht  was 
alsslng.  The  steaa  engine,  available  even  in  Cayley'a  tlae,  waa  far  too  heavy  because  of  Its  indirect 
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energy  supply.  The  Internal  combueClon  engine »  which  peralts  a  direct  energy  transfer  to  the  tracking 
aedluB,  was  developed  In  the  ald-to-lace  1800's  but  was  also  too  heavy  in  its  then  available  designs. 
It  was  not  until  Langley,  Balzar  and  Hanley  (USA),  and  the  Vrlght  Brothers  (USA)  concurrently  redesigned 
and  built  Internal  conbust^on  engines  in  1903  with  the  requisite  power-^to-weight  ratios  that  powered 
flight  could  be  achieved^*^.  For  the  next  40  years,  this  engine  was  to  becoste  Che  prealere  powerplant 
for  all  heavler-chan-sir  craft  with  significant  laprovesents  in  its  power-to-velght  ratio  made  both  in 
Eu.'ope  and  the  United  States.  Even  today.  It  continues  Co  play  a  significant  role  in  the  coaauter  and 
private  aviation  industries. 

totatlng  Machinery  Bnglaea 

The  airbreathlng  engine  w/hlch  superseded  the  internal  coabustion  engine  was,  of  course,  the  gas 
turbine  engine^  *  with  its  inherent  advantage  of  converting  chemical  energy  directly  Into  kinetic 
and,  thence,  mechanical  energy.  While  the  principal  of  the  gas  turbine  has  been  around  since  Hero's 
Aeollplle  (Egypt,  cr.  200  B.C.),  the  first  patent  (Barber-CB)  was  not  Issued  until  1791,  and  it  was  not 
until  1939  that  a  von  Ohaln  (Ger)  designed  turbojet-powered  aircraft  flow  for  the  first  time.  This  was 
followed  shortly  thereafter  by  iftittle  (GB)  and  General  Electric  (USA)  designed  turbojet-powered  flights 
in  1941  and  1942,  respectively^”  . 

The  incorporation  of  a  turbine  with  either  a  centrifugal  or  axial  flow  compressor  did  not  begin 
until  the  1930's^  .  Although  Culllaume  (Fr)  patented  a  combined  axial  flow  compressor  and  multistage 

turbine  concept  in  1921,  It  was  not  until  Whittle  (1930)  and  von  Ohaln  (1935)  patented  their  centrifugal 
cofflpressor/axlal  turbine  concepts  that  actual  development  began.  These  were  preceded  by  earlier 
development  work  using  a  piston  engine  in  place  of  the  turbine  to  overcome  the  problem  of  static 
operation.  These  earlier  efforts  Included  designs  and  patents  by  Lorin  (Fr-1908),  Marconnet  (Fr-1909), 
Harris  (GB-1917),  Mllot  (Fr-1920),  Fono  (Hun-1928)  and  Camplnt  (It-1932),  and  a  Compini  designed  engine 
actually  flew  in  1940"^.  These  turbineless  designs,  however,  proved  to  be  heavy  and  inefficient  for 
powered  flight.  Whittle  and  von  Ohaln,  on  the  other  hand,  recognised  chat  an  auxilllary  power  unit 
could  be  used  to  overcome  Che  static  starting  problem  in  turbojet  engine  designs,  and  Che  resulting 
evolution  from  their  initial  designs  into  today’s  multitude  of  high  thrusc-to-welght ,  efficient  turbojet 
and  fanjet  designs  is  history. 

The  concept  of  a  turboprop^”^  also  appeared  during  this  period.  Patents  to  Ljungstroms  Angturbln 
(Sw-1936)  and  Browm-Boverl  (Ger-1939)  were  Issued  for  multi-stage  centrifugal  compressor/axial  turbine 
and  fiiulcl-stage  axial  compressor/turbine  designs,  respectively,  each  attached  by  a  central  drive  shaft 
and  gear  box  to  a  propeller.  The  latter  Is  a  prototype  of  modern  axial  flow  turbojet  engine  designs 
(sans  Che  propeller).  Both  are  forerunners  of  today’s  large  bypass  ratio  turbofans. 

taajet  gnglnett 

While  many  of  the  inventive  minds  of  the  world  were  focusing  on  internal  combustion  engines  and 
derivatives  thereof  in  the  early  1900’s^  fellow  countrymen,  as  well  as  Lake  (US), 

began  to  look  at  jet  propulsive  devices^”  ’  which  did  not  contain  any  Instream  obstructions  (such  as 
pistons  or  turbomachlnery)  which  they  termed  compressorless  motors  (later  called  Lorin  tubes).  The 
first  treatise  of  the  potential  of  ramjet  propulsion  for  low  subsonic  flight  speeds  was  reported  by 
Lorin  In  L* Aerophl le  (1913),  in  which  he  concluded  that  its  propulsive  eftlciency  would  be  poor“’^^  (he 
did  not  address  high  subsonic  or  supersonic  speeds).  Others,  however,  were  addressing  methods  of 
producing  static  thrust  or  augmenting  the  low  speed  throat  of  rocket  motors.  Consequently,  the  first 
practical  ramjet  designs  were  what  are  currently  called  ejector  ramjets.  While  Lake  was  the  first  to 
patent  this  Idea  (1909)  ,  it  was  Morize  (Fr-I9l7)  and  Melot  (Fr-i920)  who  developed  and  engineered  this 
concept.  The  Kelot  concept  shown  In  Fig.  4  was  actually  tested  In  France  during  WWI  prior  to  Issuance 
of  the  1920  patent  and  was  tested  again  in  the  US  In  J927  at  what  is  now  the  NASA/Langley  Research 
Center  .  Both  demonstrated  an  increase  *n  static  thrust.  Interest  In  this  type  of  device,  however, 
waned  until  the  late  1950's. 


The  first  patent,  on  the  other  hand,  was  not  applied  for  until  1926  when  Carter  (GB)  submitted 
details  of  conical  nose/annular  duct  and  normal  shock  inlet,  rarajet-l Ike  devices  for  augmenting  the 
range  of  artillery  shells’^.  While  none  of  these  were  built,  his  application  did,  for  the  first  time, 
address  the  beneficial  use  of  ramjet  propulsive  devices  at  supersonic  speeds  (up  to  Mach  2)  at  what  was 
then  high  altitudes  (up  to  8500  m  (28  kft)),  his  thinking  being  Influenced  perhaps  by  the  early 
proponents  of  supersonic  flight,  e.g.,  Prandtl  and  Mach  (Ger), 


The  first  clearly  recognizable  forerunners  of  today's  liquid-fueled  ramjet  engine  designs 
g.  5  which  were  submitted  by  Fono^’^*’*^  (Hun) 


are  those 

sho'-m  in  Fig.  5  which  were  submitted  by  Fono**’'*’'^  (Hun)  In  a  1928  German  patent  application.  These 
clearly  show  a  convergent-divergent  inlet  to  diffuse  the  flow  from  supersonic  to  subsonic  speeds,  fuel 
Injectors,  f Lameholders ,  a  combustor  and  a  convergent-divergent  exit  nozzle.  These  concepts  were 
specifically  designed  for  supersonic,  high  altitude  flight  of  an  aircraft,  but  never  progres.sed  past  the 
design  stage. 


The  first  actual  construc^lor^  and  ground  testing  of  ramjet  engines  occurred  In  the  early-to-rald 
1930's.  In  1933,  Leduc  (Fr)  ’  ’  produced  designs  similar  to  present  day  schemes  including  a 
ogive/annular  diffuser  and  boundary  layer  control  for  efficient  Inlet  operation,  especially  at 
superscnlc  speeds.  He  was  granted  a  patent  on  the  ramjet-powered  aircraft  design  in  1934,  and  by  1935, 
had  conducted  ground  tests  on  a  small  scale  ramjet  engine  using  liquid  fuels  at  simulated  flight  speeds 
up  to  Mach  0.9.  By  1938,  work  on  a  full  scale,  ramjet-powered  aircraft  had  begun  and  engine  component 
tests  at  simulated  flight  Mach  numbers  up  to  '’.35  continued  into  1939. 


All  work  was  halted  during  WWII  but  resumed  immediately  thereafter  so  that  by  the  end  of  1945,  an 
experimental  aircraft  designated  the  Ledul-010,  was  completed.  However,  It  was  not  until  April  of  1949 
that  the  first  powered  flight  of  this  aircraft  took  place.  The  Interim  time  was  required  to  dt  elop  a 
separate  aircraft  to  take  the  l^diic-010  up  to  its  initial  flight  speed  and  altitude.  These  were 
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followed  by  tests  of  refined  versions  in  1931  .  These  ultlaately  led  to  the  developaent  of  the  Nord 

1500  Criffon  II  slrcrsft  (1935)  which  used  s  turbojet  eebedded  within  the  rsajet  to  produce  static 
thrust,  l.e. ,  an  air  turbo  raajet.  In  1937,  this  alrcraO  achieved  supersonic  flight  speeds  and  In 
1939,  achieved  Mach  2.1^  at  an  altitude  of  13.3  ka  (50  Kft)^  . 

Concurrent  with  raajet  developaeot  In  France  in  the  1930's  was  an  unknown,  but  parallel  effort  in 
the  USSR^  *  In  1929,  Stechkln  began  publishing  theories  on  raajet  propulsion,  and  by  1933,  he  and 
Pobedonostsev  had  conducted  ground  tests  at  slaulated  subsonic  speeds  on  a  liquid-fueled  subscale  raajet 
engine.  In  order  to  conduct  testa  at  supersonic  spesds,  they  switched  froa  liquid-fueled  to  solid- 
fueled  designs  and  froa  1933-1935,  fired  a  nuaber  of  76aa,  raajet -powered  projectiles  out  of  srtlllsry 
plecss  St  speeds  up  to  Mach  2.0  using  phosphorous  fuel.  While  net  positive  thrust  wee  not  schleved, 
they  did  Increase  the  range,  and  through  a  coablnation  of  axperlaental  data  and  theory,  deduced  that 
Increasing  the  size  (or  diaaeter)  of  the  rsajet  engine,  using  alternate  fuels  (Mg/Al>  and  tailoring  the 
exit  nozzle  throsc-to-lnlec  area  ratio  would  peralt  net  positive  thrust  to  be  achieved. 

In  order  to  achieve  this  increased  engine  size  required  a  new  boosting  syatea.  Given  the  USSR 
Infrastructure,  a  new  teaa  took  over  raajet  developaent  in  1936,  headed  by  Merkulov  and  Shcherbakov, 
with  eaphasla  on  tandea  rocket -boosted  raajet  vehicle  designs.  While  the  specific  size  Is  not 
aentloned,  they  did  undertake  a  developaent  prograa  using  pressed  Mg/Al  solid  fuel  culalnatlng  in 
successful  subsonic  flight  tests  in  1939. 

leaediately  following  these  tests,  eaphssis  shifted  to  using  liquid  (rather  than  solid)  fueled 
rsajets  to  augment  the  speed  of  propeller-driven  slrcrsft.  Throughout  the  reaslnder  of  1939,  Merkulov 
and  his  associates  began  developing  wlng-^ounted  raajet  engine  pods,  and  by  the  beginning  of  1940, 
aircraft  flight  tests  had  begun  using  40-M  ca  (13.7-19.7  in.)  dls  rsajet  pods.  These  tests,  with  a 
variety  of  aircraft  and  raajet  engine  dealgnc,  continued  through  1948  when  interest  in  turbojet  engines 
subverted,  at  least  for  a  while,  the  USSR  rsajet  efforts.  None  of  the  teats  were  very  successful  in 

that  they  all  had  high  Inatalled  engine  drag  and  suffered  froa  coabustlon  inefficiencies  and 

lastabllltles  which  they  were  not  able  to  overcoae. 

Germany  also  began  development  of  ramjets  in  the  1930’b*»^^.  In  1935,  Troamsdorff Initially 
aupporced  by  the  (acuity  at  Gottingen  end  Sieaene  Ltd.  (to  be  joined  later  by  the  faculty  at 
Braunschweig),  began  developing  raajet-powered  srtlllsry  shells.  By  1938,  s  nuaber  of  oxygen  deficient, 
solid-fueled,  8.8-cm  (3.5-ln.)  dls,  noraal  shock  inlet  units  were  gun  launched  at  Hach  2.5,  but  were 
hcapered  by  a  lack  of  combustion.  Efforts  then  switched  to  liquid-fueled  systems  as  well  as  more 
efficient  Inlet  designs,  culminating  lit  a  series  of  multlpls-shock  conical  Inlet,  liquid-fueled  (carbon 
disulfide),  IS-ca  (5.9-ln.)  die  units  being  successfully  fired  In  the  ssrly-to^ld  l94Q*ft.  Typically, 

these  units  left  the  gun  at  Hach  2.9  and  sceelerstsd  to  Mach  4.2  In  3.2  s  before  fuel  depletion.  In 

addition  CO  these  test  units,  designs  of  much  larger  operational  units  Including  s  6000  )«,  aircraft- 
launched,  raajet-powered  intercontinental  guided  missile  were  being  considered* 

Concomitant  with  these  supersonic  speed  rawjql  development  efforts  was  s  parallel  effort  to  develop 
ramjet  engines  to  power  subsonic  speed  sltctaft**^^.  Initial  resesTch  began  at  The  Walter  Co.  In  1936, 
but  It  was  not  until  Sanger  became  Involved  in  1938  that  actual  development  began.  By  1943,  he  and  his 
co-workers  had  built  and  flight  tested  (on  an  aircraft)  a  liquid-fueled  ramjet  engine  end  plena  were 
actually  aade  to  build  an  aircraft  powered  by  a  ramjet  (with  rocket  assisted  takeoff)  by  1944**^^. 
Concurrent  »flth  these  engine  development  programs  wre  the  more  fundamental  effort#  of  Oswatltsch  and 
Buseman  (high  efficiency  supersonic  Inlet  designs),  Dsmkolher  and  Pabst  (short „length/hlgh  efficiency 
Uquld-fueled  combustors),  Lipplsch  and  Schwsbl  (solid  fuels  for  ramjets)  and  Sanger  /metallzed  slurry 
fuels),  all  of  which  represent  foundations  upon  which  today's  modem  raajets  are  bssed^*. 

British  interest  In  raajets  begsn  In  the  early  1940’8  as  an  Indirect  result  of  the  German 
efforts.  By  1943,  Smith  had  proposed  a  ramjet  powered  bombardment  alsslle,  with  soae  Initial  cof^ustor 
work  reported  In  1945  and  a  theory  of  raajet  propulsion  presented  in  J946  by  Reid  end  Herbert  .  By 
1944,  a  Guided  Aerial  Projectiles  project  was  established  to  oversee  rocket  and  ramjet  develo^nt,  but 
apparently,  was  not  well  supported;  most  of  Brlteln's  efforts  being  directed  towards  Whittle's  turbojet 
developaent. 

United  States  Interest  to  raajets  also  began  In  the  early  1940's.  By  1941,  rudimentary  analyses 
of,  aj»^  Initial  experiaentaclon  on  subsonic  speed  ramjets  had  been  established  by  Way,  and  Becker  and 
Baals  These  early  efforts  prompted  considerable  interest  and  governmsnt  support  at  a  number  of 

Institutions  to  study  and  understand  the  fundamental  physics  and  chemistry  governing  ramjet  operation  at 
both  subsonic  and  supersonic  speeds  as  well  as  developing  engines  applicable  to  both. 

The  subsonic  flight  speed  efforts  peaked  in  1946  when  two  51-ca  (20-ln,)  dia  M.I.T.  designed 
ramjets  were  used  to  augment  the  thrust  of  aircraft,  and  when  two  76-cb  (30-ln.)  dls  liquid- 

fueled  ramjet  engines,  developed  by  Marquardt*®,  were  used  to  power  and  accelerate  an  P-80  aircraft 
without  benefit  of  any  other  auxiliary  powerplant,  the  first  such  demonstration  ever  recorded.  Although 
some  work  continued  In  the  subsonic  flight  speed  regime,  most  notably  applying  ramjet  technology  to 
afterburners  in  turbojets,  emphasis  shifted  shortly  thersaf.er  from  subsonic  speed  aircraft  to 
supersonic  speed  missiles. 

The  application  of  liquid-fueled  ramjets  to  supersonic  missiles  began  In  the  mid  1940*a, 
principally  at  the  NASA  L«vla  and  Langley  Research  Centers*',  The  Johns  Hopkins  Unlvsrslty  Applied 
Phyalc.  Laboratory  (JHU/APL)“,  and  of  coora*.  Tba  Marquardt  Co.**  flr.t  ,„cc«aBful  auporaonlc 

flight  taata  ware  conducted  by  JHn/APL  In  19.5  followed  by  DASA/lewla  teeta  to  1947  and  NASA/Unglay 
teata  In  1950  at  apeeda  In  exceaa  of  Mach  2,  Marquatdt'a  deatgn  waa  not  flown  until  1955  when  It 
exceeded  Mach  4.3  on  the  Lockheed  X-7  teat  vehicle. 

Th.ae  early  aucceasea  In  the  U.S.,  ae  well  aa  othera  In  turope,  led  very  quickly  to  a  eerlea  of 
operational  or  flight  teatcd  ayateM**.  In  the  O.S.,  there  were  BOKAgC  (Mach  2.8  at  30  k.  -  1955), 
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TALOS  (Mach  2.5  at  25  kn  -  1953)  and  TYPHOM  (Mach  4*  at  5u  hi  -  1961).  In  France,  there  were  SIRIUS 
(Mach  2.7  -  late  1950'a),  VECA  (Mach  4  -  early  1960's)  and  STATALTEX  (up  to  Mach  5  -  illd-1960'8 ) ,  and  In 
Britain,  there  were  BLOODHOUND  (late  l9S0'a)  and  SEA  DABT  (1960'8)< 

Subsequent  to  developnent,  deoonstratlon  and/or  operation  of  these  conventional,  tandes-boosted , 
liquid-fueled  raajeta,  eaphasla  shifted  to  aore  voluaetrlcally/welght  efficient  ramjet  designs  in  the 
late  i960'a  and  early  1970*8,  an  evolution  which  has  continued  to  the  present.  Specifically,  these  are 
the  liquid-  and  aolid-fueled,  integral-rocket-raajets  (LFIRB,  SFIRR)  and  combined  cycle  syteas  such  as 
the  integral-rocket,  Alr-Ducted-Rocket  (ADR),  which  typically  cruise  at  about  Mach  2-3  at  or  near  sea- 
level  and  Itech  4-S  at  altitude.  Known  propulsion  systems  of  these  types  which  has  progressed  through  at 
least  flight  test8^°~^^  Include  the  ALVRJ  (LPlRR-1973) ,  ASALM  (LFIRR-1979)  and  SLAT  (LFIRR-1987)  in  Che 
U.S.,  the  ASSM  (ADR-1976),  ASMP  (LFIRR-1970's).  RUSTIQUE  (ADR-1984)  and  ANS  (LFIRR-1986)  in  France,  Che 
EFA  (ADR)  and  ANS  in  Germany,  and  the  SA-4  and  SA-6  (ADR's-1970*s)  in  the  USSR. 

Ocher  combined  cycle  engines,  such  as  the  air-curbo-ramjet  and  air-turbo-rocket  have  also  been 
addressed  in  both  the  U.S.  and  Europe,  but  to  the  author's  knowledge,  have  not  been  flight  tested  at 
supersonic  speeds. 

Scra^ata 

The  origins  of  the  concept  of  employing  combustion  In  supersonic  flows  can  be  traced  back  to 
interest  in  burning  fuels  in  external  screams  to  either  reduce  the  base  drag  of  supersonic  projectiles 
or  to  produce  lift  and/or  thrust  on  supersonic  and  hypersonic  airfoils  in  the  early  1950'8.  Actually, 
these  were  preceded  by  some  very  fundamental  theoretical  tceat^nts  of  dlabatlc  flows  (1-D  flows  with 
heat  addition)  by  Hicks  (US)  and  others  beglnnlr^  in  1943  .  In  1930,  these  basic  analyses  were 

extended  to  two-dimensional  flows  by  Pinkel  (US)^  and  theoretically  incited  to  projectile  base  drag 
reduction  (Wald,  US)  «  By  1931,  experiments  by  Baker,  et.  al.  (US)^  ,  had  demonstrated  base  drag 
reductions  f  Dq  ^  Mach  1.6  flow  of  up  to  7SZ  using  hydrogen  fuel  and  similar  results  were  obtained  by 
Hebrank  (US)*^  in  1932  using  a  solid  pyrotechnic  fuel.  These  were  followed  by  a  successive  number  of 
experimental  and  theoretical  investigations  continuing  through  the  early  )980's  (see,  e.g.,  Refs.  31- 
34),  but  are  not  discussed  herein  for  brevity  and  because  combustion,  for  the  most  part.  Is  confined  to 
the  subsonic  wake  region. 

Interest  in  combustion  on  airfoils  in  supersonic  flows  surfaced  in  1932  tfhen  Pinkel  (US)^^,  and 
Smith  and  Davis  (US)^  published  theoretical  predictions  of  the  benefits  of  external  supersonic 
combustion  on  both  thrust  and  lift.  These  were  followed  by  successively  more  complex  and,  therefore, 
realistic  treatments  of  heat  addition  in  external  supersonic  flows  throughout  the  remainder  of  the 
19S0'8  and  into  the  early  i960'.s,  complemented  by  e^erlmental  investigations.  Theorexlcally,  these 
included  U.S.  studies  by  Chu^^,  Gasley  McCloy^  ,  Mager“  ,  Dugger^  and  Billlg  which  cover 
fundamental  treatments  of  Che  heat  addition  process  as  well  as  vehicle  applications  and  performance. 

Experimentally,  Smith  and  Davls^^  (1952)  were  the  first  to  demonstrate  the  feasibility  of 
supersonic  combustion  using  a  flat  plate  In  a  Mach  1.7  alrstream  with  hydrogen  injected  from  discrete 
holes,  but  found  that  flameholders  and  an  oxygen  pilot  were  necessary  to  achieve  stable  combustion. 
Krull,  et.  al.  (US,  1938),  also  ran  tests  with  hydrogen,  but  used  parallel  rather  than  normal  injection, 
demonstrating  diffusion-controlled  supersonic  combustion.  Subseouently,  Dorsch,  Seraflni  and  Fletcher 
(US)  ran  a  series  of  discrete  hole  injection  tests  from  1955-1960^  ”  ®  using  a  very  reactive  borohydrlde 
fuels,  but,  while  achieving  vigorous  combustion  in  a  supersonic  alrstream,  were  not  able  Co  demonstrate 
net  positive  thrust.  The  first  demonstration  of  net  positive  thrust  was  by  Dugger^^  and  Blllig^^  In 
1936  on  a  double  wedge  model  in  a  Mach  5  alrstream  using  aluminum  alkyl  fuels.  A  photograph  of  this 
experiment  is  shown  In  Fig.  6. 

While  these  Initial  efforts  to  understand  and  demonstrate  the  concept  of  supersonic  combustion  in 
an  external  alrstream  provided  valuable  insight  and  understanding  of  some  of  the  physical  and  chemical 
processes  which  occur  as  well  as  some  practical  engineering  experience.  It  became  apparent  In  the  late 
1950*8  that  ducting  the  supersonic  flow  In  an  inlet  prior  to  fuel  injection  and  combustion  offered  large 
advantages  over  external  burning.  These  Include  Increased  air  static  pressures  and  temperatures  to 
enhance  Ignition  and  combustion  of  the  more  conventional  fuels  as  well  as  confining  the  combustion 
process,  resulting  in  higher  static  pressures  in  the  combustion  zone  with  Its  attendant  Increase  In 
thrust. 

The  first  theoretics!  studies  addressing  the  concept,  l.e.,  of  scramjet  as  we  know  It  today,  were 
published  In  1958  by  Weber  and  MacKay  (US)^,  Rpy  (Fr)*®  and  Dunlap  (US)^^.  These  were  followed  In 
rapid  succession  with  papers  by  Sargent  and  Gross^^,  Dugger^  ,  Ferri^^  and  McLafferty  (US)^^  and  Mordell 
and  Swlthenbank  (Can)  In  1960.  The  papers  by  Roy,  Dunlap,  and  Sargent  and  Gross  described  standing  or 
detonation  wave  scramjets.  In  this  concept,  fuel  Is  mixed  with  the  air  upstream  of  a  shock  generating 
obstruction  which,  in  turn.  Initiates  and  sustains  combustion  at  that  point.  While  the  concept  of 
standing  wave  combustion  In  was  the  first  to  be  pursued,  both  analytically  (Nicholls^^,  US,  1948) 

and  experimentally  by  Gross^^  (1959),  Nlcholls^'  Rhod<»^  and  Chrlss'®*'’  (  1961-1962)  (US), 

comparative  studies,  such  as  those  by  Weber  and  MacKay  and  Duggeu"’®,  demonstrated  that  the  performance 
of  scramjets  without  the  obstruction  In  which  the  fuel  and  air  are  not  premixed,  but  mix  and 
dlstrlbutlvely  burn  downstream  of  the  fuel  Injection  point,  was  superior  for  hypersonic  (up  to  Mach  10) 
flight.  In  addition,  at  the  higher  flight  speeds,  l.e.,  Mq  ^  7,  premixing  the  fuel  and  air  without 
combustion  would  not  be  possible  because  of  the  high  air  static  enthalpy.  Consequently,  the  standing 
wave  scramjet  concept  was  not  rigorously  pursued,  rather  emphasis  focused  on  the  distributed  mixing  and 
combustion  concept. 

As  a  result  of  these  initial  performance  studies  and  proof-of-concept  tests,  interest  In  applying 
the  scramjet  engine  cycle  Co  both  aircraft  and  missiles  rapidly  evolved.  In  the  U.S.,  the  Air  Force 
began  supporting  scramjet  research  In  the  late  1950*8°^  as  did  the  Navy’  .  In  late  1959,  several  major 
aircraft  and  engine  companies  became  intereated  in  developing  slngle-stage-to-orblt  alrA-rsft  using 
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•crattjec  oropulaioo,  i.e.,  th«  flr^c  AtuotpAceplane  coacepc  (Fig.  7).  principle  aong  the*  vae  Republic 
Aviation”^  vho  collaborated  with  Ferri^  and  hie  aaaociatee  at  the  General  Applied  Sclencea  Lab  (GASL) 
on  hydcogen^fueled  Scra^et  englnaa  for  Mach  S  to  orbital  speeds.  This  initial  liq>etus^e^^to  Air  Force 
interest  in  evaluating^  and  eventually  sponsoring  an  Aeroapaceplane  prograa  in  196d  '  .  In  1962, 

NASA  was  asked  to  participate  in  a  prell*loary  technology  deaonstratlon  prograa^  but  the  prograa  did 
not  •ateriallse.  The  Navy  also  ezDceseed  eoaa  Interest,  but  never  progressed  beyond  supporting  soae 
prelialnary  perforasncs  evaluations^^.  Consequently,  tiM  Air  Force,  Navy  and  NASA  pursued  separate 
scraajet  developasnt  prograas  until  the  Inception  of  a  new  National  AeroSpace  Plane  (HASP)  prograa  In 
1986. 

In  Europe,  Interest  in  supersonic  eoabustion  paralleled  that  in  the  U*S.  throughout  the  1960's  and 
into  the  1970*s.  In  France,  followit^  Roy's  initial  publication^^,  fundaaental  work  on  supersonic 
eoabustion  resulted  in  ttestre  and  Vlaud^  being  the  first  researchers  to  present  experl-aental  results  on 
supersonic  eoabustion  in  the  open  literature.  While  theae  initial  results  were  with  noraal  Injection  of 
kerosene  fuel,  eaphasls  switched  to  either  noraal  or  tai^t^al  injection  of  gaseoy^  7^^^^  such  as 
aethane-and  hydrogen  with  a  nuaber  of  reports  by  Leuchter"*  IXicorneau  and  Bocghl  *  and  bellet, 
at.  al.  A  parallel  research  prograa  on  hypersonic  inlets  was  also  undertaken  during  this  tlae  with 
eaphasls  on  axisyaaetrlc  designs-snd  tests  up  to  Mach  V  *  •  Coapleaentlng  these  basic  and^^pplled 
research  efforts  %pere  aerodynaalc'  and  application  studies  for  hypersonic  alsslles  and  aircraft 

These  efforts  culalnaced  In  a  series  of  connected  pipe  tests  of  a  40-cb  (15.75'’ln.)  dla  sersajet 
engine  (including  the  exit  nossle)  at  Modane  at  slaulated  Mach  6  flight  conditions  in  the  1972-1973  tlae 
period'"""^.  The  engine,  a  photograph  of  which  is  shown  in  Fig.  8'",  was  axls3raaetric  In  design  and 
used  staged,  noraal  Injection  of  hydrogen.  Since  these  tests,  Interest  in  scraajet  propulsion  in  Prance 
appears  to  have  vanned,  at  least  as  far  as  the  author  can  discern.  However,  a  survey  paper  entitled, 
“Early  Researches  in  Supersonic  Coabustlon,**  by  Mestre  and  Barrere  (ONERA-PR)  is  to  be  given  at  the  1987 
AlAA  Propulsion  Meeting  In  June,  in  San  Diego,  CA  (US),  which  should  clarify  this  point. 

Interest  In  supersonic  eoabustion  and  scraajet  propulsion  in  England  evolved  along  several  parallel 
paths  In  the  early  1960*8.  Initially,  three  groups  pursued  eoabustion. In  supersonic  streaas.  These 
included  Townend'a  and  Raid's  thereat  in  waverlJers  and  base  burning  at  Parnborough,  Havkin's  and 
Pox's  Interest  In  scraajets^^'^^  at  Foil's  Royce  and  the  Swlthenbank  team  Interest  in  supersonic 
diffusion  flaaes  at  Sheffield  Unlverslty^”’'^^  (after  returning  to  England  from  McGill  Unlverslty^._iO 
Canada).  These  were  to  be  followed  by  diffusion  flaaes  studies  by  Cookson,  et.  al.,  at  Cranfleld” 
beginning  In  the  late  1960's. 

The  work  at  Roll's  Royce,  begun  In  1963,  first  addressed  kerosene-fueled  supersonic  coabustor 
concepts°^*°^,  for  flight  speeds  In  the  Mach  6-7  range  but  switched  to  hydrogen-fueled  concapts, 
culalnatlng  in  direct-connect  coabustor  tests  st  slaulated  Mach  ^  to  7  flight  conditions  in  1969°^.  At 
Sheffield,  most  of  Che  reported  supersonic  diffusion  flaae  perfomed  in  a  shock  tunnel  at 

slaulated  Mach  10  to  11  flight  conditions  using  hydrogen  fuel”'*’^  through  the  early  1970*8,  but  the 
last  reported  work  in  1973^^  was  with  kerosene.  At  Cranfleld,  the  first  reported  work  by  Cookson^^  was 
on  connected-pipe  diffusion  flaae  tests  at  slaulated  Mach  7  flight  conditions  with  hydrogen.  Subsequent 
teats  included  aethane,  kerosene  and  hydrogen  using  both  axial  and  transverse  Injectloir the  last 
work  being  IncoapleCed  In  1977^^.  No  developaent  tests  have  been  reported  in  Great  Britain  in  the  open 
literature. 

In  Geraany,  most  of  the  reported  «K>rk  on  supersonic  eoabustion  has  been  of  a  aore  fundaaental 
nature,  with  the  first  .reported  work  by  Wlntcrfeld  In  1966-67^  .  For  the  next  8-10  years,  Winterfeld's 
groc,/  at  Porz-Wahn^  **  ,  including  SuCtrop  and  Mauer,  along  with  Kallergis  at  Braunschwelg^^^' and 

Wllhelml's  group  at  Karlsruhe directed  their  efforts  at  understanding  the  physical  and  chealcal 
processes  leading  to  Che  Ignition  and  eoabustion  of  gaseous  fuels  In  supersonic  alrstreaas,  Kallergis’ 
work^  being  the  exception.  These  included  noraal  as  well  as  tangential  fuel  InJecClc^  aethods  of 
f laoeholdlng,  and  Ignition  enhanceoent  aids  such  as  preburning  a  small  portion  of  the  fuel/^.  Since  Che 
□ld-1970'8,  however,  the  only  repotted  work  has  been  on  appllcatlon/perforoance  studies  * 

The  USSR  has  also  had  an  extensive  prograa  In  supersonic  combustion  and  scraajet  propulsion  since 
the  1960*8,  but  a  review  is  not  presented  herein.  The  reader  Is  referred  Co  Ref.  108  (Bayev  and 
Golovichev)  as  an  initial  source  for  such  a  review.  Ref.  108  being  the  only  textbook  known  Co  the  author 
or  eupersonlc  eoabustion. 

Three  other  papers  of  Interesr^®^”^^^  are  by  Da-Rlva,  et.  al.  (Spaln)*^^,  Is  an  analytical 

treatoent  of  hydrogen-air  supersonic  diffusion  flaoes,  and  Tsujl  and  Toshlda'*^*  (Japan)  which 
experlaentally  investigated  normal  injection  of  hydrogen  Into  a  vitiated  Mach  1.8  alrstream. 

Returning  to  the  North  Aaerlcan  continent,  interest  In  Canq.(^  in  scraajets,  as  previously  noted, 
began  at  MacGlll  University  In  1960  with  Hordell  and  Swlthenbank'' ' .  Almost  sloultaneously,  Holder  and 
his  associates  at  parallel  efforts  in  hypersonic  Inlet  aerodynaolcs^^^'*^  and  gun  launched 

ecraajec  flight  testing*  .  The  inlet  work  began  In  the  early  1960*8  and  centered  around  the  design 

of  Buseman-type  inleta  which  were  Inverted  Co  produce  aodular  Inlets  with  very  good  performance 
characCerlaclca  and  low  external  cowl  drag  and  heating.  These  novel  designs  also  alleviated  starting 
problems  of  high  area  contraction  ratio,  high  design  Mach  number  Inlets  st  low  flight  Mach  numbers.  A 
nuaber  were  designed  and  successfully  tested  over  a  wide  range  of  Mach  numbers  (see  succeeding 
discussion  of  US  Navy  work). 

Gun  launching  scraajets  concepts,  a  novel  Idea  at  Che  tlae,  began  in  1960**^,  evolved  to  actual 
construction  in  1966*  (supported  by  the  Canadian  Defense  Research  Board)  and  a  horizontal  flight  teat 
cook  place  out  of  a  40.6-ca  (16-ln.)  dla  gun  In  1968  using  trlelhyalumlnum  fuel.  Unfortunately,  the 
teat  was  unsuccessful,  the  structure  of  the  engine  falling  during  launch.  Another  gun  launching 
prograa,  however,  tras  begun  In  the  early  1970*a,  Jointly  supported  by  the  National  Research  Council 
(Can)  and  U.S.  Army  Ballistics  Research  Lab.  In  the  Spring  of  1974,  another  firing  was  attempted,  this 


12-8 


tlae  at  a  near  vertical  (85^)  flight  angle  at  a  teat  range  on  Barbados.  This  tlse,  the  sabot  did  not 
full;  separate,  daaaging  the  control  surfaces,  resulting  In  an  uncontrolled  tuabllng  flight. 
Photographs  of  the  engine  before  and  after  flight,  and  of  the  test  range  are  shown  in  Pig.  9.  Vhile  not 
coapletely  successful,  these  are  the  only  reported  atteepts  to  actually  flight  test  a  scraejet. 

In  the  United  States,  the  Air  Porce,  Navy  and  National  Aeronautics  and  Space  Adnlnlstratlon  (NASA) 
pursued  separate  scraajet  developnent  lotereat  within  the  Air  Porce  focused  single 
stage,  airbreathing  powered  Aerospaceplane^  *  ^  (Pig.  9)  as  well  as  nlsslle  applications  .  This 
interest  ultliiately  led  to  developtsent  of  two  airbreathing  propulsion  scheaes,  one  being  a  hybrid 
subsonic  conbustlon  ramjet  capable  of  producing  static  thrust  as  %rell  as  accelerating  a  vehicle  to  low 
hypersonic  speeds,  and  the  other  being  a  scraajet.  The  former  led  to  the  liquid  alt  conpresslon  thrust 
augmentation  engine  concepts  such  as  those  investigated  by  The  Marquardt  Corp.  (TMC)°  In  the  taid-1960's, 
a  photograph^  of  which  Is  shown  in  Fig.  10. 

During  this  same  period,  four  separate  scramjet  engine  development  programs  »rere  Inltlated^^*^^^. 
These  engines,  shown  In  Pigs.  11  through  14  respectively,  were  hydrogen-fueled  and  achieved  performance 
levels  which,  In  general,  substantiated  theoretical  predictions.  Although  most  of  these  engines  were 
aerodynamlcally  designed  to  operate  over  a  wide  range  of  hypersonic  speeds  and  were  substantiated  by 
component  tests  conducted  over  a  wide  Mach  number  range,  ground  testing  of  the  entire  engine  was 
restricted  to  a  narrow  Mach  number  range  because  of  facility  limitations. 

The  United  Aircraft  Research  Laboratory's  (UARL)  Variable  Geometry  Scramjet  (Pig.  11)  was  a  4S.7-cm 
(18-ln.)  dla  ,  variable  geometry,  water-cooled  axlsyrsmetrlc  engine  designed  for  ^ch  3  to  12  flight.  Tr 
was  built  In  the  1965-1968  time  period  but  only  free-Jet  tested  at  Mach  .These  were,  however, 
proceeded  by  a  number  of  Inlet,  combustor  and  nossle  component  develoment  tests*  In  the  Mach  3.3  to 
8.0  flight  speed  range. 

The  General  Electric  scramjet  engine,  shown  In  Fig*  12,  was  also  a  variable  geometry,  water-cooled 
design.  In  fact,  two  22.86-cm  (9-in.)  dla  engines  were  designed  and  tested  free-Jet  at  Mq  <■  7  in  the 
1966-1969  time  period.  The  first  engine,  CIM-1.  provided  an  evaluation  of  a  combined  set  of  scramjet 
components  designed  for  operation  up  to  Mach  8  Upon  completion  of  testing  In  the  General  Electric 
Hypersonic  Arc  Tunnel,  CIM-I  was  subsequently  modified  by  replacing  the  cowl  section  with  one  having  a 
smaller  cowl  lip  angle  to  reduce  external  drag,  and  contouring  some  of  the  internal  lines  Co  Increase 
performance.  Extensive  performance  tests  were  conducted  on  CIH-II  Co  obtain  Che  effects  of  varying 
Inlet  contractl^  ratio,  equivalence  ratio,  fuel  Injector  location,  free  stream  Re)mold8  .number  and 
total  enchalpy^^^* These  were  also  preceded  by  a  number  of  component  development  tests^^  . 

The  third  concept  developed  (Pig.  13)  was  s  Mach  3-12  engine  involving  a  series  of  fixed  geometry, 
thermal  compression,  heat  sink  engine  models  of  approximately  194  to  226  cm^  (30  to  35  in^)  of  capture 
area,  developed  and  tested  hy.Che  General  Applied  Science  Laboratories  (GASL)  under  the  late  Dr.  Perrl 
In  Che  1964-1968  time  perlod^^^.  Engine  models  demonstrating  this  concept  have  been  tested  at  Mach  • 
2.7,  4  and  7  with  inlet  component  tests  covering  Mach  numbers  from  2.7  to  n.3>  Modlf Icatlons  to  these 
designs  were  incorporated  Into  a  later  engine  model  shown  In  Fig.  21  and  tested  at  N  ■  7.4  In  the  GASL 
combustion  heated,  high  enthalpy  blowdown  tunnel  using  a  wide  variety  of  fuel  Injector  patterns  and  fuel 

flow  schedules ^ 24^ 


The  final  hydrogen-fueled  scramjet  engine  developed  and  tested  under  Air  Force  sponsorship  was  Che 
TMC  Dual  Node  Scramjet.  The  main  feature  of  this  concept,  as  previously  discussed,  Is  that  Che 
combustor  Is  capable  of  operating  In  two  supersonic  combustion  and  the  other  for 

subsonic  operation.  The  engine  sho«m  In  Fig.  14^  ,  which  was  preceeded  by  extensive  component  tests  of 

the  inlet  (from  Mach  2  combustor  (Mach  3  to  6)  from  1964  to  1967,  was  free-Jet  tested  at  Mach 

3  and  5  In  1967  and  1968^^^»^2’. 

In  the  late  1960*6,  It  became  apparent  that  the  proponents  of  Che  Aerospaceplane  had  understated 
the  magnitude  of  the  problems  Co  be  addressed  as  well  as  Che  tlM  scale  needed  to  resolve  them. 
Consequently,  Che  initial  Aerospaceplane  program  was  discontinued ‘  As  a  result,  support  for 

hydrogen-fueled  scramjet  development  was  not  renewed,  rather  emphasis  was  focused  on  liquid  hydrocarbon- 
fueled  scramJeCs,  with  TMC  and  UARL  received  contracts  for  component  development.  UARL  concepts 

focused  on  preburning  part  of  fuel  to  produce  a  hot  pilot  to  maintain  combustion^  which  the  TMC 
concept  used  a  very  reactive  pilot  oxidizer  (ClF^)  to  maintain  combustion^  .  The  Marquardt  engine, 
which  is  the  same  as  that  shown  In  Fig.  14  but  with  a  longer  combustor,  was  free-Jet  tested  in  1970-1971 
at  Mach  3  Co  6  flight  conditlons^^^.  However,  by  1972,  the  Air  Force  concluded  that  scramjets  were  not 
appropriate  for  their  mission  requirements  and  support  was  terminated. 

Some  Interest  was  expressed  by  the  Air  Force  In  s  Joint  experimental  hypersonic  aircraft  program 
with  NASA  in  Che  mid-1970'8^^^,  but  nothing  came  of  It  and  It  was  not  until  the  new  National  AeroSpace 
Plane  (NASP)  program  was  Initiated  in  1986  that  Che  Air  Force  began,  again,  to  support  scramjet  research 
and  development. 

At  the  NASA,  early  Interest  in  scramjet  propulsion  evolved  around  both  hydrogen-fueled  hypersonic 
transports  and  an  Aerospaceplane.  After  declining  to  Jointly  sponsor  an  Aerospaceplane  program  with  Che 
Air  Force^”  circa  1962,  vas  focused  on  evolving  s  program  to  develop  the  propulsion  technology 

for  hypersonic  ^ransports'^^'^^^.  As  a  result,  in  1965,  NASA  inltated  Che  Hypersonic  Research  Engine 
(HRE)  project*  at  the  Langley  Research  Center  with  the  goal  of  flight  testing  s  regeneratlvely  cooled, 
flight  weJ^ht  scramjet  engine  on  the  X-15  research  aircraft  at  speeds  up  to  Mach  8.  Garrett  Air 
Research^^  was  selected  in  1966  as  Che  contractor  to  design  and  develop  a  flight  weight  Structural 
Assembly  Model  (SAM)  for  structures,  wterlals  and  hydrogen  regenerative  cooling  evaluation  and  a 
heavyweight,  water-cooled  Aerothsrmodynamlc  Integration  Model  (AIM)  Co  evaluate  engine  performance. 
Although  Che  X-15  program  was  cancelled  In  1968,  the  HRE  program  was  continued.  Consequently,  In  1972, 
Che  SAM  was  tested  at  simulated  Mach  7  flight  speeds  at  .<,0  ’  end  the  AIM  engine  tested  at 

Plumbrook  at  Mach  5,  6  and  7  In  the  1972-1974  time  period*  *  .  Photographs  of  these  engines  are 
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■h<nra  lo  Fig.  While  oot  achieving  oec  poeltive  Chruat,  cheae  teats  did  provide  valuable  Insight 

Into  the  design,  testing  and  operation  of  dual-^ode  scraajat  engines. 

Concoeltant  trlth  the  HIS,  a  parallel,  albeit  w>re  fundaaental,  hjdrogen-fueled 

scraajet  technology  was  initiated  at  the  Langley  Research  Center^^^*^^^*^^  ”  ,  including  the 

construction  of  test  facilities'*^  Actually,  these  t^e  . preceded  by  fundanental  studies  and  tests 

at  the  Applied  Physics  Laboratory  under  NASA  sponsorship^  n-132  beginning  in  1962  and  continuing  through 
the  Bld-lSyO's. 

With  Che  cancellation  of  the  X-15  pr<^rM  becoming  lamlnenc  and  the  recognition  chat  the  propulsion 
loCeffratlOT  Bust  play  a  key  role  in  any  vehicle  application,  Langley  personnel  began  addressing,  in 
1967^  *  hypersonic  hydrogen->fueled  scramjet  concepts  tYiat  would  be  an  integral  part  of  a  hypersonic 

approach  evolved  to  Che  Airframe  Integrated  Scramjet  concept .^hown  In  Fig. 
10'  and  technology  programs  addressing  this  concept  continued  through  1986^  when  all  NASA 

efforts  were  redirected  cowards  technology  development  for  the  National  AeroSpace  Plane.  These  included 
additional  teat  facilities  and  instrumentation;  inlet,  fuel  Injector  and  combustors  tests;  seml-f ree-Jet 
engine  tests;  fundamental  mixing,  ignition  and  kitties  atudies;  and  concomitant  analyses,  including 
advanced  computational  fluid  dynamics  codes^^^*'^”*^^^. 

Figures  17  through  20^^^  are  photographs  of  representative  teat  hardware  in  each  of  the  major 
areas.  Figure  17  illustrates  the  evolution  of  inlets.  Pig.  18  presents  a  representative  fuel 
injector/combustor  configuration  tested.  Fig.  19  shows  three  types  of  seml-f ree-Jet  engines  tested  at 
simulated  Mach  4,  5.5  and  7  flight  conditions  and  Pig.  20  presents  the  test  facilities  used.  Excellent 
reviews  of  these  efforts  are  given  In  Refs.  120  and  136. 

Navy  interest  In  scramjet  propulsion  centered  around  high  speed  (Hach  6-8)  airbreathing  missile 
applications  as  natural  follow-ons  to  the  TALOS  and  TYPHON  ramjet  powered  missiles,  most  of  which  have 
been  carried  out  by  The  Johns  Hopkins  University  Applied  Physics  Laboratory  (JHU/APL).  Unlike  the  Air 
Forceps  and  NASA*a  programs,  which  were  directed  at  hydrogen-fueled  engine  concepts,  the  work  at  JHU/APL 
concentrated  on  storage  liquid-fueled  engine  designs*  As  a  result  of  their  Initial  studies,  Billig  and 
Dugger  applied  for  the  first  patent  on  a  Supersonic  Combustion  Ramjet  Missile  (SCRAM)  in  1961,  the 
details  of  which  are  given  in  Ref.  1S7  and  shown  in  Pig.  21. 

Subsequent  to  the  esrly  feasibility  studies,  work  was  directed  towards  better  understanding  the 
physical  and  chemical  processes  governing  supersonic  combustion  and  developing  a  technological  data  base 
on  inlets,  fuel  injectors,  fuels  combustors,  nozzles  and  free-jet  englnes^^^  for  the  remainder  of  the 
1960*8  and  most  of  the  1970*8.  In  1978,  work  on  pure  scramjets  was  terminated  In  favor  of  developing 
Che  DCR  concept. 

Examples  of  scramjet  component  development  efforts  are  shown  In  Pigs.  22-24.  Figure  22  presents 
photographs  of  modular  inlet  designs  tested  in  1965^^^  from  Mach  4  to  10.  Figure  23  present#  a 
schematic  and  photograph  of  the  connected-pipe  combustor  test  apparatus,  including  a  steam  calorimeter 
developed  to  determine  heat  release  com^stlpn  efficiency,  used  to  develop  the  data  base  on  fuels,  fuel 
Injectors,  ignition  aids  and  combustors'^®*^^®"^”®  for  Mach  3  to  8  flight.  These  culminated  in  free-jet 
tests  of  a  25.4  cm  <10-In.)  dia  engine  (Pig.  22)  at  Mach  5.0,  5.8  and  7.1  from  1966  through  1974*^® 
which  irere  Che  first  tests  of  a  scramjet  engine  in  which  net  positive  thrust  was  measured. 

In  1978,  emphasis  switched  to  conducting  a  similar  development  program  on  Che  (Pig.  3(b)). 

To  date,  tests  on  multiple  inward  turning  scoop  Inlets  for  both  the  msln  supersonic  combustor  and  gas 
generator  have  been  made  between  Mach  3  and  6.  Pl^re  25  is  a  photograph  of  one  of  the  single  scoop 
Inlet  models  tested  between  Mach  3  and  6  since  1983^'®,  Connected-pipe  tests  of  the  gas  generator  alone 
and  in  tandem  with  supersonic  combustors  have  also  been  made  at  simulated  flight  Mach  numbers  between  3 
and  4,  and  tests  at  higher  simulated  flight  Mach  numbers  will  be  made  In  the  near  future,  figure  26  is 
a  photograph  and  schematic  of  the  DCR  connected-pipe  combustor  test  set  up.  Credit  is  given  here  to 
Mestre  and  Ducourneau  (Fr)^®^  who  were  the  first  to  demonstrate  very  fuel-rich,  stable  combustion  in 
subsonic  combustors  in  1973,  a  very  important  step  In  the  evolution  of  the  DCR  combustion  concept* 

Complementing  these  development  efforts  have  been  other,  more  fundamental,  research  programs  to 
analytically  and  experimentally  explore  and  evolve  a  better  understanding  of  the  physics  and  chemistry 
governing  the  liquid-fueled  scramjet  and  DCR.  Analytically,  these  include  components 

and  cycle  analyses^  *  as  well  as  t^  application  of  Computation  Fluid  Dynamics  (CPD)  techniques  to 
hypersonic  airbreathing  *  •  Rxperl«Mntally,  these  include  developl^  mw  experimental 

techniques  and  Instrumentation^  *  as  wll  as  obtaining  fundamental  process  dats^”^*^®®.  These  basic 
efforts  have  continued  through  the  present  day  and  have  been  expanded  to  Include  fundamental  experiments 
on  supersonic  free  shear  layer  mixing  and  combustion  and  the  control  of  incident  shock  separation  by 
means  of  mass  addition. 


CPMSir  STATUS  or  SCMAliJBTS 

Currently,  there  are  two  on-golog  programs  within  the  United  States  supporting  hypersonic 
propulsion:  the  Navy's  Dual  Combustor  Ramjet  (Pig.  3(b))  and  the  National  AeroSpace  Plane  (NASP)  shown 
conceptually  in  Fig.  27.  The  latter  la  supported  by  the  Air  Force,  Defense  Advanced  Research  Projects 
Agency  (DARPA),  NASA  and  Navy,  «  liquid  hydrocarbon-fueled  engine  Intended  for  Naval 

applications  In  the  Mach  3  to  7  range*'**  while  the  NASP  program  is  evolving  a  slngle-stage-to-orbit  (and 
back)  atrbreathlng  propulsion  cycle,  the  high  speed  end  being  a  hydrogen-fueled  scramjet  (as  a  subset  of 
the  NASP,  there  is  considerable  interest  In  developing  a  Mach  5-6  air  transport,  l.e. ,  the  "Orient 
Express").  These  are  complemented  by  basic  research  programs  supported  by  the  Office  of  Naval  Research, 
the  Air  Force  Office  of  Scientific  Research,  NASA  and  the  Canadian  Ministry  of  Defense  and  ^ploratory 
development  work  supported  the  Navy  and  Air  Force.  Stalker  (Auatralla)  and  hla  associates*^  are  also 
conducting  research  on  supersonic  combustion  of  hydrogen  In  his  shock  tunnel.  To  the  author's 
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knovledge,  ch«re  are  oo  ongoing  prograas  on  acraajeca  In  Western  Europe,  although  Great  Britain  does 
have  a  program  to  develop  a  two^atage.  Horizontal  Take-*Off  and  Landing  (HOTEL)  space  transport. 
However,  while  the  first  stage  Is  an  atrbreather.  It  Is  reported  to  be  a  hybrid  subsonic  coobustlon 
raajet  (Fig.  2)  with  staging  at  about  Mach  6. 

The  current  status  or  8Cate-of-the*-arC  as  applied  to  the  developaent  of  scraajet  engines.  In  the 
author's  opinion.  Is  as  follows:  for  liquid'-  and/or  gaseous-fueled  scraajet  engines,  sufilclent 
knowledge  and  data  exist  to  design,  build  and  fly  one  or  more  flight  test  vehicles  over  a  flight  Mach 
nuaber  range  of  approximately  3  to  7,  provided  they  nre  boosted  to  their  scraajet  takeover  speed  using  a 
separate  propulsion  system,  e.  g.,  a  rocket*  on  the  other  hand,  several  more  years 

of  exploratory  inlet  and  combustor  development  as  well  as  free-Jet  engine  tests  are  necessary  to  achieve 
this  same  goal.  These  statements,  however,  should  not  be  taken  to  Imply  that  all  of  the  desired 
technology  la  or  will  be  shortly  In  hand,  nor  chat  all  of  the  fundamental  physical  and  chemical 
processes  governing  the  operation  of  scramjets  or  OCR's  In  this  flight  regime  are  well  understood  or 
coopletelY2(^*j^*^‘^*^\^‘Q  they  are  meant  to  Impart  the  level  of  current  understanding  and 

Ac  ^Pfeda  above  about  Hach  7  and  on  to  orbital  speeds^  there  are  very  little,  if  any,  combustor 
data^"^* Inlet  data,  while  somewhat  more  extensive^”®.  Is  also  In  this  catagory.  There  are  no 
exit  nozzle  or  engine  data.  Consequently,  eoglaeeclng  design  as  well  as  fundamental  process  data  are 
being  rigorously  pursued  In  all  of  these  areas,  at  least  In  the  U.S.,  in  support  of  the  Navy,  Air  Force 
and  NASP  propulsion  development  programs.  For  mixed  cycle  scramjets,  e.  g. ,  Fig.  3(c),  there  is  a 
similar  PRualty  of  albeit  somewhat  more  extensive  than  at  the  high  hypersonic 

speeds®'”"^’^®"*^^^*^^  .  Mixed  cycle  ramjet  engines,  on  the  other  hand,  have  a  much  more  extensive  data 
base  for  static  and  low  speed  operation. 


Potentially,  the  most  revolutionary  tool  In  airbreathing  propulsion  (and  almost  all  other 
disciplines)  to  evolve  over  the  past  decade  is  computational  fluid  dynamics,  made  possible  by  the 
evolution  of  supercomputers.  In  propulsion,  CFD  codes  are  currently  capable. of  computing  most  viscous, 
non-reectlng,  albeit  with  real  air  thermochemlatry.  Internal  flows  *  *  .  They  have  not,  however, 

evolved  to  the  point  where  they  can  predict,  with  sufficient  resolution,  three-dimensional,  viscous, 
chemically  reacting  flows  ot  without  the  pressure  of  shock  trains,  1.  e.,  typical  flowflelds  with  a 

scramjet  combustor*^  A, 175^  These  limitations  are  due  primarily  to  computational  and  storage 
limitations  of  current  Class  VI  computers  and  a  lack  of  detailed,  fundamental  experimental  dai^ 
which  the  turbulence,  kinetics,  etc.,  models  used  In  these  codes  can  be  compared  and  validated^  *  . 

CFD,  however,  even  with  these  limitations,  still  provides  a  powerful  tool  to  aid  in  and  provide 
direction  for  the  design  of  scramjets  engines  and  concomitant  basic  and  applied  experiments. 


DEFlClBIICIgS  AiP  OFFORTPMlTlgS 

For  exemplary  purposes,  Che  generic,  gsseous-fueled .  mixed  cycle,  dual-mode  scramjet  engine  shown 
schematically  In  Fig.  28,  which  has  the  potential  to  produce  thrust  from  scaclc-to-orbltal  speeds,  will 
be  used  as  a  point  of  departure  in  the  succeeding  discussions.  Also,  for  convenience,  three  generic 
speed  regimes,  1.  e.,  Mach  0  to  3,  Mach  3  to  7  and  Hach  7  and  above,  will  be  used  to  identify  what.  In 
Che  author's  opinion,  are  Che  deficiencies  and,  therefore,  opportunities  In  basic  and  applied  research, 
exploratory  development  and  CFO. 

Operationally,  the  engine  In  Fig.  28  works  as  follows:  static,  subsonic  and  low  supersonic  speed 
(Hq  <  3)  thrust  are  generated  using  retractable  axial  supersonic  injectors  to  pump  air  through  the 
engine  and  provide  instream  fuel  injection.  Wall  injectors  may  also  be  used  to  augment  the  ejector  fuel 
injection.  In  addition,  the  fuel  composition  (which  may  contain  other  than  combustible  species, 
especially  at  subsonic  speeds)  and  distribution,  engine  equivalence  ratio  and  area  distribution  between 
station  I  and  5  are  varied  such  that  geometric  exit  nozzle  throat  is 
required.  Recent  analyses^  and  experiments*  indicate  that  not  only  is  it  desirable  to  have  a 
nozzleless  fir.|2lne  over  the  entire  flight  regime  to  reduce  complexity,  but  eliminating  a  geometric  throat 
may.  In  fact,  Increase  low  speed  engine  performance.  This  operation  assumes  that  the  inlet  is 
unstarted,  1.  e.,  that  a  normal  shock  sits  upstream  of  the  cowl  lip  plane  at  supersonic  flight  speeds. 

At  flight  speeds  on  the  order  of  Hach  3,  the  axial  injectors  would  retract,  the  Inlet  would  start 
and  the  engine  would  operate  In  the  subsonic  combustion  mode  of  a  dual-mode  scramjet  with  fuel  provided 
by  the  wall  Injectors  alone  or  lu  combination  with  the  axial  slot  Injectors  as  Mq  Increases.  The  engine 
would  continue  to  operate  In  this  mode  until  Hacn  6  to  7,  when  it  would  begin  operating  as  a 
conventional  scramjet.  In  this  case,  the  ER  and  combustor  geometry  would,  again,  be  modulated  such  that 
M^  ^  1  and  the  inlet  diffusion  shock  structure  would  be  stabllzed  between  stations  1  and  4. 

At  about  Mach  7,  the  wall  Injectots  would  be  turned  off  so  as  not  to  thermally  overload  the  walls 
In  the  vicinity  of  the  injectors.  In  this  case,  the  supersonic  axial  slot  Injectors  would  provide  fuel 
to  the  combustor  and  thermal  protection  for  the  walls.  From  Hach  7  to  perhaps  as  high  as  Mach  13  to  20, 
fuel  alone  would  be  Injected  from  the  slots.  At  speeds  above  these  values,  the  composition  of  the 
Injectant  may  Include  hot  combustion  products  as  well  as  fuel,  1.  e. ,  a  fuel-rich  rocket  exhaust,  in  the 
event  that  thrust  sugmentatlon  Is  required  to  achieve  orbital  speeds,. 

With  Che  generic  engine  cycle  Just  described,  it  is  now  possible  to  present,  in  an  orderly  fashion, 
what  controls  the  operation  of  the  engine  In  the  various  speed  regimes,  what  the  present  state-of- 
knowledge  Is  or  Is  not  and  what,  in  the  author's  opinion.  Is  required  to  fill  In  the  voids. 

At  static  and  subsonic  speeds,  the  primary  mechanisms  controlling  engine  operation  (Including  air 
capture)  are  the  ejector  thrust  and  air  entrainment  rate  and  Che  downetream  combustion  process.  The 
entrainment  rate,  In  turn,  is  controlled  by  the  axial  position  and  lateral  distribution  of  the  ejectors, 
the  ejectanc  composition,  pressure,  velocity  and  temperature  and,  ultimately,  the  entrainment  and/or 
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■Ixlng  rate  irlthln  tha  coiipreaalbla  fraa  ahaar  layera  genaratad.  The  coabuatlon  proceaa  la  also 
coatrollad  by  tha  initial  condltloaa  of  tha  ejactaoc  and  tha  diffutlon  or  alxlng  rata  of  tha  free  ahear 
aa  wall  aa  aqulllbriun  thanaochaalatry  and  the  dovnatreaa  area  diatrlbution  (to  keep  and  >_  !)•  At 
auparaoole  apaada  up  to  Mach  3  with  tha  Inlat  uoatartad,  engine  operation  contlnuaa  to  be  doalnated  by 
thaaa  aachanlaas,  although  tha  puaping  raquiraoanta  of  the  e.lectoca  dlalnlshea  with  spaed,  aapeclally 
for  Mq  >  1,  where  air  capture  la  doalnated  by  flight  apaad.  Internal  coabuatlon  and  area  distribution. 

Currently,  there  ^a  a  rather  exteoalve  design  data  base  on  non-reacting  ejectors  for  nozale  and 
diffuser  augmentation^  o,l//^  static  and  low  speed  ejector  systeas  with  coabustlo^  1.  e«,  ejector 

raajeta  or  hybrid  rocket-raajeta,  the  reported  data  base  la  substantially  aaaller^*^^*^^^ 

Reference  171  la  Che  only  reported  data  applicable  to  an  ejector  acraajet.  Analytically,  Bllllg's 
work^  ^  la  the  aoac  recent,  and  repreaeots  the  first  unified  approach  to  optimizing  the  performance  of 
combined  cycle  acramjeta.  It  la  evident,  therefore,  chat  an  exploratory  development  data  base 
demonstrating  and  documenting  the  static  to  Mach  3  performance  of  nozzlelesa  ejector  acraajet  concepts 
Is  needed. 

On  a  Bore  fundaaentel  level,  the  current  understanding  and  predictability  of  compressible  free 
sheer  layer  alxlng  and  coabuatlon  at  these  speeds  is  also  Halted,  aalnly  due  to  a  lack  of  detailed 
experlaental  measurements  of  turbulence  and  Its  Influence  on  alxlng  and  combustion.  The  experimental 
data  In  the  literature  are  generally  10  to  20  years  old^”^  and  only  provided  llalCed  axial  mean  flow 
aeasurements  of  shear  Layer  thickness  and/or  pitot  pressure  and  gaseous  species  profiles.  Uhlie  these 
data  are  useful  In  specific  development  programs,  they  do  not  document  or  describe  the  flow  In 
sufficient  detail,  nor  are  they  systematic  enough  to  permit  an  adequate  description  of  the  flow 
structure  or  the  mechanisms  controlling  It  to  be  made.  This  deficiency,  however,  could  be  overcome  by 
conducting  a  sarlee  of  experiments  In  which  the  initial  and  boundary  conditions  as  well  as  in-stream, 
normal  and  axial  property  profiles  are  carefully  measured  established  in-sltu  measurement 

techniques  the  Latest  non-lntruslve  laser  diagnostic  techniques'*^.  Computationally,  any  number  of 
CFD  codes^^  exist  which  are  capable  of  computing  these  shear  flows  with  or  without  equilibrium 
thermochemistry,  but  their  accuracy  la  dependent  on  the  turbulence  models  used  which,  in  turn.  Is 
dependent  on  the  existence  of  s  thorough,  fundamental,  experimental  data  base. 

For  the  Mach  3  to  7  speed  regime  (with  the  Inlet  started),  engine  operation  and  efficiency  Is 
governed  by  the  Inlet  compression  process,  the  normal  or  axial  fuel  injection  distribution,  nixing. 
Ignition  and  combustion  processes,  wall  skin  friction  and  heat  transfer,  and  nozzle  efficiency.  Inlet 
efficiency,  in  turn,  la  governed  by  shock  wave  and  viscous  losses,  the  extent  of  which  Is  dependent  on  a 
particular  design,  and  nozzle  efficiency  Is  governed  by  chemical  kinetics,  wall  friction  and  non- 
uniformities  In  property  profiles  (including  Imbedded  waves  and  flow  angularity). 

The  current  understanding  of  ecu^e  operation  at  these  speeds  Is  quite  good.  There  exists  an 
extensive  Inlet  design  data  base  from  which  advanced  concepts  can  be  evolved  with 

confidence.  There  is  also  an  adequate  semi -empirical  data  base  for  designing  the  length  needed 

CO  Isolate  coabuatlon  Induced  compression  fields  from  adversely  affecting  Inlet  performance^^^*^^^.  One 
possible  problem  at  these  speeds,  however,  Is  Che  potential  for  a  large  separated  zone  to  exist  where 
Che  cowl  shock  Intersects  the  Inner  body  as  depleted  in  Fig.  28.  The  traditional  methods  of  alleviating 
this  problem  are  to  use  shock  Craps  and/or  boundary  layer  bleed.  For  propulsion  systems  intended  to  go 
Co  orbital  speeds,  however,  the  air  mass  loss  associated  with  bleed  may  impose  too  high  an  engine 
performance  loss,  requiring  an  alternative  approach,  such  as  mass  injection  to  control  the  extent  of  the 
separated  zone. 

For  fuel  injector  placement  and  fuel  ^scrlbution,  there  are  sufficient  data  to  assess  th«  design 
of  combustors  with  wall  injectors*  .160,1  adequate  data  base  on  combustor  wall  she«i*  and 

heat  Cranefer*  '  ,  but  not  necessarily  for  the  wall  sIqX  While  data  exist  on  slot 

injector  placement,  fuel  dletrlbutlon,  sdxlng  and  combustlon^^  ’  '  ”  .  they  are  not  sufficient  to  be 

Incorporated  Into  a  unlflad  design  procedure.  This  will  require  a  more  extensive  experimental  data  base 
encompassing  all  of  the  pertlneat  parameters,  1.  e.,  slot  geometry,  angle  and  placement;  fuel 

composition,  distribution,  temperature,  pressure  and  velocity;  and  combustor  geometry  and  initial 
conditions. 

Oats  on  nozzle  performances  alone  are  non-existent  st  these  speeds,  due  primarily  Co  test  facility 
limitations.  The  only  data  available  are  wall  static  pressure  dlstrlbuClona  and  some  nozzle  exit  pitot 
pressure  and  species  sample  surveys  obtained  In  free-jet  engine  tests®^’ 

On  the  more  fundamental  eclentlflc  level.  Refs.  136  and  160  gives  comprehensive  reviews  of  the 
state-of-the-art  of  scraajets  in  the  Mach  3  to  7  speed  regimes.  Rather  chan  reiterate  those 
discussions,  their  conclusions,  while  not  always  the  same,  may  be  summarized  as  follows:  turbulence  by 
itself  and  Its  effects  on  and  interaction  with  chemical  reactions  Is  not  well  understood.  Of  primary 
Interest  are  the  onset  of  turbulence  (transition)  and  the  Influence  of  turbulence  on  separation  (and 
control  thereof),  wall  akin  friction  with  and  without  chemical  reactions,  and  free  shear  layer  mixing 
with  and  without  combustion.  Non-equlllbrlum  thermochemistry  in  the  nozzle  la  also  not  well 
understood.  These,  then,  comprise  the  opportunities  in  this  speed  regime,  some  of  which  are  currently 
beginning  to  be  experimentally  analytically  addressed,  especially  In  the  area  of  supersonic  free 
shear  layer  mixing  and  combustion*  . 

Computationally,  s  large  body  of  CFD  codee*^^  are  available  which  can  compute  Inlet  and  nozzle 
flows  In  the  Mach  3  to  7  speed  regimes,  but,  as  previously  stated,  none  exist  which  can  compute,  with 
acceptable  resolution,  the  precombustion  shock  separated  flow  In  the  Isolator  duct  or  the  3-D, 
chemically  lesctlng  flows  In  tte, combustor.  These  are  being  addressed  using  2-0***  or  parabolized  forms 
of  the  Navler-Stokes  equations*  ■  Again,  however,  the  accuracy  of  these  models  Is  only  as  good  as  the 
turbulence  and  chemistry  models  and  sufficient  experimental  data  do  not  exist  to  validate  them. 
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Ac  speeds  sbove  Hsch  7,  che  aechenlsas  governing  engine  opereCton  ere  the  sene  as  chose  In  the  Mach 
3  Co  7  range  vltb  one  excepclon,  cheelcal  dissoclsclon  because  the  elevated  static  teepecstures  In 
the  entire  e^lne*  While  soae  Halted  data  exist  on  Inlets^  and  forebody  shock/ boundary  layer 
Interactlons^^J.  practically  none  exist  on  Intemally^ducted  hypersonic  flovs,  especially  with 
coabustlon^^*^^' •  In  addition,  there  are  no  fundeaencal  process  data  and,  while  CFD  codes  can  coapuCe 
any  nuaber  of  flowflelds,  there  are  no  data  to  establish  their  veracity  or  accuracy.  Consequently,  any 
carefully  aeasured  set  of  data,  whether  they  be  basic  or  applied,  would  provide  a  auch  needed  step  in 
conflralng  che  current  understanding  or  evolving  a  better  understanding  of  scraajet  engine  operation  at 
very  high  hypersonic  speeds. 


rx^aCl^iag  eitaere 


Considerable  advances  In  the  scsCe*-of-knovledge  of  sersajet  engines  and  derivatives  thereof  have 
been  made  since  the  Inception  of  this  propulsion  cycle  approxlaately  30  years  ago.  Currently, sufficient 
knowledge  exists  to  design  and  build  a  rocket-boosted  sersajet  for  Mach  3  Co  7  flight,  but  additional 
developaent  Is  required  to  extend  the  upper  bound  to  orbital  speeds  and  lower  bound  to  static 
conditions.  Coaputatlonal  fluid  dynaalcs,  ^ile  a  powerful  tool,  is  still  In  its  forasclve  stage,  being 
haapered  by  coaputer  llaicatlona  as  trail  as  a  lack  of  fundaaental  process  data  to  validate  a  nuaber  of 
the  physical  and  cheaical  aodels  used. 

Consequently,  opportunities  In  scraajet  research  and  development  abound.  On  a  fundaaental  level 
che  oosC  pressing  need  is  to  understand  turbulence,  especially  at  supersonic  and  hypersonic  flight 
speeds,  snd  to  be  able  to  predict  its  effect  on  wall  shear  and  heat  transfer,  boundary  layer  separation 
and  reatCachaeot,  noraal-to^xlal  fuel  Injection  and  mixing  aa  well  as  cheaical  kinetics.  On  the  aore 
practical  side,  sn  extensive  effort  Is  required  to  obtain  the  requisite  engineering  design  (or 
developaeot)  data  base  on  mixed  cycle  sersmjet  engine  performance  at  low  speeds,  to  coapleaent  the 
existing  scraajet  data  base  in  the  Hsch  3  to  7  range  and  to  begin  to  generate  a  similar  data  base  for 
flight  speeds  froa  Mach  8  to  2S. 
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Turbojet 

(•)  Air  bjrbo-ramiet  (ATRJ) 


(b)  Air-turbo-rocket  (ATR) 


ejectant 

(c)  Elector  ramjet  (ERJ) 

Fig.  2  Schematic!  of  generic  hybrid  remjet  engines  which  produce  static  thni<i 
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Fig.  3  Schematic  o(  generic  supersonic  combustion  engines. 


A  Combustion  chamber  0  Nozzlerings 

8  Venturi  E  Main  diffuser  tube 

C  Fuel  injector 

Fig.  4  A  Melot  multiple-nozzle  "thrust  augmenter"  of  the  type  investigated  by  the  French 
military  authorities  in  the  1914-1918  war  period. 


Fig.  5  Reproduction  of  figure  from  Forte's  1928  patent  B  -  fuel  injection  nozzles; 
C  -  flamehoWers. 


(•I  PnfirHig  (el  Po»tfirin* 

Fjfl.  9  Ptratographs  of  gun-fauncfwd  fcrsmjet  tMts  (Mokt$r.  Canada,  1974t. 


Fig.  1 1  Unitad  Aircraft  Raaaarch  Lab  variabla  gaomatry  hydrogan-fualad  scramjat  (cr  1968). 


Fi*.  12  Gamral  Elactric  hydragMt-fiMtad  oompomnt  iMagration  FIj.  13  Ganwal  ApplM  SciMica  Lab  low-spaad.  fixa<H|aomatrv, 
modal  icramjat  (cr  19691.  hydrogan-fualad  tcramjat  (cr  19681. 


Fig.  14  Marquardt  hydrogen  or  liquid  hydrocarbon-fueled  dual  mode  tcramjat  (1968-71). 


Structures  Assembly  Model  (SAM)  Aerothermodynemic  Integration  Model  (AIM) 

in  Langley  high  temperature  structures  tunnel  in  Lewis/Plum  Brook  hypersonic  tunnel  facility 


Fig.  16  NASA  airfreme-intagreted  supersonic  combustion  ramjet  concept. 
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Fig.  17  NASA  inlet  studies. 
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Fig.  18  Retweieiitetive  NASA  fuel  iniector/combusttK  direct  connect  test  configuretion. 


(b)  Strutlm  paramttric  motM  (e)  Staf>^lnjt  angine  modal 

Fig.  19  NASA  samifrae^jet  engine  modalt. 


Mach  4  blowdown  tunnel  Test  cell  No.  2 

Inlet  tests  Combustor  development  tests 

Fig.  20  NASA/Langley  cast  facllitias. 


Overall  length 


Fig.  21  First  $cram|et  missile  patent  (Billigend  Dugger.  1961). 


Fig.  23  (a)  Phott>graph 
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All  Olm^nsiofts  in  Cantimetert 

All  Hardware  Sections  are  Water  Cooled 


(bi  Scbematic 

23  Photograph  and  schematic  of  APL  direct-conrtect  scramiet  combustor  hardware. 


(a)  Scram  modal 


Pi^  24  First  Kramiat  angina  to  produce  net  positive  thrust  (APL,  1968). 


(a)  Inlet  in  froa-lat  test  facNity 


Fl^26  limerd  tuminf  aaoop  inlet  concept  (APL,  cr  1963). 


Boundary 

layer 

separation 

control 

slot 


>  I  \ 

Retractable  Wall  injectors  Axial  slot 
axial  injectors  lO  <  Mq  <  7)  injector 

(Mo<3)  "  IM>7) 


Fig.  28  Representative  generic  mixed  cycle  scramjet  engine. 
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SUMMARY 

An  elliptic  jet  having  an  aspect  ratio  of  3:1  was  studied  and  compared  to  a  circular 
jet  at  three  Mach  numbers:  M  =  0.15,  1  and  1.3.  Hot-wire  measurements  and  Schlieren 
photography  were  employed  in  this  study.  The  superior  mixing  characteristics  of  an 
elliptic  jet  relative  to  a  circular  jet,  which  were  found  in  previous  works  in  subsonic 
jets,  prevail  in  the  sonic  jet  and  are  further  augmented  by  the  shock  structures  the 
supersonic  underexpanded  jet.  The  major  and  minor  axes  switch  at  a  distance  of  3 

diameters  from  the  nozzle,  and  the  spreading  rate  of  the  minor  axis  side  is  twice  that 

of  a  subsonic  jet. 

The  experimental  data  are  supported  by  results  of  the  linear  instability  analysis  of 
the  supersonic  elliptic  jet  which  show  that  the  Initial  vortices  are  bending  at  the 
major  axis  side  in  a  similar  way  to  the  process  which  occurs  in  a  subsonic  elliptic  jet. 

INTRODUCTION 

In  reacting  flows,  the  flame  stability  and  heat  release  are  closely  related  to  the 
interaction  between  fluid  dynamics  and  combustion.  Specifically  in  a  dump  combustor, 
with  a  flow  field  of  a  ducted  jet  with  dump,  the  combustion  is  related  to  the  dynamics 

of  the  shear  flow  originating  at  the  jet  exit  or  the  dump. 

The  evolution  of  subsonic  shear  layers,  associated  with  vortex  shedding  and  intera¬ 
ction,  has  been  studied  by  many  investigators  both  experimentally^”^  and  analytically.** 
These  studies,  which  have  recognized  the  important  role  of  large-scale  structures,  have 
opened  up  the  possibility  to  modify  actively  or  passively  the  regular  breakdown  of 
large-scale  vortices  Into  fine-scale  turbulence.^”®  One  method  of  passive  shear-flow 
control  was  obtained  using  non-circular  jet-exit  cross  sections,  which  change  the  ini¬ 
tial  conditions  of  the  jet.  Non-circular  jets  did  not  attract  interest  of  researchers 
and  only  few  studies  with  triangular  and  rectangular  jets  were  reported  In  the 
literature. 

Another  non-circular  nozzle  configuration,  which  was  investigated,  is  the  small 
aspect  ratio  elliptic  nozzle.^  Compared  to  regular  circular  jets,  the  entrainment  into 
the  elliptic  jet  was  significantly  enhanced  in  subsonic,  nonreacting  free-jet  and 
ducted-jet  tests  at  low  and  high  Reynolds  numbers .  ^  *^”  ^**  Primarily  responsible  for  the 
mixing  enhancement  la  the  phenomenon  of  axis  switching  which  occurs  due  to  flew  self- 
induction  processes  associated  with  the  bending  of  the  elliptic  vortices. 

Moreover,  the  elliptic  jet  was  superior  to  a  circular  jet  in  a  subsonic  fuel-rich 
plume  combustion  process,  where,  in  addition  to  the  entrainment  (bulk  mixing)  of  reac¬ 
tants,  mixing  on  the  fine-scale  (molecular  scale)  is  important.^®  The  intense  fine- 
scale  activity  in  the  shear  layer  was  due  to  the  generation  of  azimuthal  modes  o^ 
instability  which  were  excited  by  the  non-circular  initial  conditions.  * 

Evidence  exists  that  supersonic  shear-flow  dynamics  are  also  governed  by  large-scale 
structures,  a  feature  which  would  allow  passive  shear-flow  control  in  supersonic 

combustion. 

The  objective  of  the  present  work  is  to  determine  whether  the  special  entrainment 
features  of  subsonic  elliptic  jets  can  also  be  found  in  sonic  and  supersonic  free  jets. 
This  combined  experimental  and  analytical  work  provides  a  basis  for  future  supersonic 
ducted  flow  and  combustion  research. 

Experiments  were  performed  with  cold  and  heated  free  jets  in  both  fully  expanded  and 
underexpanded  conditions  uslna  hot-wire  anemometry,  thermocouples,  and  .Schlieren  photo¬ 
graphy.  TTie  theoretical  part  includes  stability  analysis  of  circular  and  elliptic  jets 
using  an  integral-equation  formulation  of  the  linear  stability  analysis  which  is  appli¬ 
cable  to  arbitrary  cross  sections, 

EXPERIMENTAL  SET-UP 

In  the  nonreacting  tests,  air  from  a  blow-down  facility  was  supplied  to  a  free-jet 
test  setup  with  interchangeable  circular  and  3:1  aspect  ratio  elliptic  nozzles  having  a 
diameter  or  equivalent  diameter  of  O  =  Dg  *  1.9  cm  (Figure  1).  The  measurements  were 
carried  out  for  three  conditions:  (1)  a  subsonic  jet  with  exit  velocity  of  M  =  0.15, 

(2)  a  fully  expanded  j-^t  with  sonic  velocity  at  the  exit,  and  (2)  an  underexpanded  jet 
having  a  Mach  number  of  Mj  "  1.27. 

Approved  for  public  release?  distribution  is  unlimited. 
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The  mean  and  turbulent  velocity  fields  of  the  jets  were  measured  using  a  constant'- 
temperature  hot-wire  anemometer  with  a  verified  frequency  response  of  80  kHz.  The  wire 
was  calibrated  up  to  eonic  velocity  using  a  compressibility  correction  factor. 

The  hot-wire  was  mounted  on  a  c(^puter  controlled  precise  traverse  mechanism 
enabling  movement  in  all  three  axes.  fi.  typical  measurement  included  500  points  covering 
the  entire  jet  fr<Mn  the  nozzle  to  30  equivalent  diameters  downstream  of  the  exit. 

^  3  mm  diameter  B&K  microphone  was  used  to  determine  the  power  spectra  of  the  near 
field  pressure  fluctuations  at  the  potential  core  region.  The  microphone  had  a  frequency 
response  of  up  to  140  kHz. 

Schlieren  photography  was  used  to  visualize  the  shock  structures  of  the  circular  and 
elliptic  nozzles. 

In  the  reacting  teats,  the  circular  and  elliptic  nozzles  were  mounted  at  the  exit  of 
a  dump  combustor  burning  a  lean  mixture  of  air  and  hydrocarbon  fuel  at  P  *  650  kPa  and 
T  *  1400*K.  Color  photos  were  made  of  the  exhaust  shock  pattern.  In  addition,  mean 
temperatures  in  the  exhaust  jet  were  measured  using  a  rake  of  eight  tungsten/rhenium- 
thermocouples. 

The  hot-wire,  thermocouples,  and  microphone  calibration,  data  acquisition  and 
analysis  were  done  using  a  v;o(-750  minicomputer. 

RESULTS  AMD  OlSCUSSIOPf 

T^e  ph0nomenon  of  axis  switching  in  a  subsonic  three-dimensional  jet  (elliptic  or 
rectangular)  reported  in  previous  works and  is  shown  in  Figure  2  for  the 

present  experimental  set-up  as  a  reference.  The  spreading  rate  of  the  jet  in  the  minor 
axis  plane  was  higher  than  in  the  major  axis  plane.  The  major  and  minor  sides  of  the 
initially  3:1  aspect  ratio  jet  became  equal  at  x/O^  =  23.  This  cross-over  point  was 
previously  shown  to  be  a  function  of  the  nozzle  aspect  ratio  and  the  jet  exit  velocity. 
The  spreading  rate  of  the  elliptic  jet  is  compared  to  a  circular  jet.  The  spreading 
rate  at  the  minor  axis  plane  of  the  jet  is  larger  than  the  circular  jet  at  x/o^  <  5 
and  x/O^  >20.  In  the  other  section  it  is  similar  in  the  two  jets.  This  particular 
behavior  of  the  elliptic  jet  is  a  result  of  the  self  Induction  of  the  asynanetrlc 
coherent  structures.  The  coherent  structures  undergo  azimuthal  distortion  due  to  the 
Kelvln-Helmholtz  instability  and  consequently  the  self  induction  process  is  enhanced. 

The  instability  process  of  the  subsonic  and  supersonic  jet  flows  are  discussed  briefly 
in  the  following  section  to  elucidate  the  basic  differences  and  similarities  of  the  two 
flows,  especially  regarding  their  apreading  rates. 

Instability  Analysis  of  Elliptic  Jets 

An  integral-equation  formulation  of  the  linear  stability  analysis  was  developed  for 
jets  having  arbitrary  shapes, Using  this  method,  the  stability  characteristics  of 
elliptic  jets  were  studied  for  different  aspect  ratios  and  Mach  numbers. 

figure  3  describes  the  dependence  of  the  spatial  growth  rates  (-at)  of  disturb¬ 
ances  in  the  initial  circular  jet  shear  layer  and  their  phase  velocity  (Cp)  on  the 
frequency  of  these  disturbances,  at  different  Mach  numbers.  The  growth  rates  diminished 
with  increasing  Mach  number:  for  M  *  0  (subsonic  flow),  oiFo  *  -5.6  (where  Rp  is 
the  jet  equivalent  radius)  while  at  supersonic  flow  (M  »  1.5),  oiRe  “  ”2.  The  most 
amplified  frequencies,  corresponding  to  the  peak  values  of  the  growth  rates  decreased 
with  increasing  Mach  number.  The  nondlspersive  range  of  the  frequencies,  l.e.,  the 
range  of  frequencies  which  move  at  the  same  phase  velocity,  was  wider  for  higher  Mach 
numbers. 

When  the  jet  eccentricity  was  varied  from  a  circular  jet  to  an  elliptic  jet  with 
different  aspect  ratios,  the  growth  rate  and  the  phase  velocity  of  the  amplified  waves 
were  changed  too.  The  non-circular  jet  stability  characteristics  were  also  associated 
with  various  azimuthal  modes.  These  modes  represent  variation  of  the  disturbances 
amplitude  and  phase  around  the  jet  circumference.  Figure  4  shows  the  variation  of  the 
grovfth  rate  and  phase  velocity  as  a  function  of  the  aspect  ratio— A/B,  (where  A  is  the 
major  axis  length  of  the  jet  nozzle  and  B  is  the  minor  axis  length)— for  a  subsonic  flow 
(M  •  0).  The  graph  depicts  the  variation  of  the  two  main  components  of  the  first  azi¬ 
muthal  mode.  The  insert  to  the  figure  shows  that  the  first  component,  described  by  the 
circular  symbols,  was  dominant  In  the  jet  section  with  the  large  radius  of  curvature 
(minor  axis  plane),  while  the  second  component,  described  by  the  "plus"  symbols,  was 
dominant  In  the  section  having  the  small  radius  of  curvature  (major  axis  plane).  When 
the  jet  eccentricity  was  varied  from  I  (circular  jet)  to  a  2:1  elliptic  jet,  the  ampli¬ 
fication  rate  of  the  first  component  was  almost  Invariable,  but  its  phase  velocity  was 
decreased  from  0.54  to  0.52.  With  the  same  variation  of  eccentricity,  the  second  compo¬ 
nent  underwent  a  reduction  of  Its  amollf ioatlon  rate  accompanied  by  an  increase  In  the 
phase  velocity  from  0.54  to  0.57.  The  outcome  of  these  changes  was  that  the  mode  which 
is  dominant  at  the  major  axis  side  moved  faster  than  the  one  at  the  minor  axis  side. 

This  differential  motion  caused  bending  of  the  jet  coherent  structures  at  the  major 
axis  side  initiating  the  self  induction  process  and  the  subsequent  accelerated  spreading 
rate  of  the  minor  axis  section. 
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When  the  jet  Mach  number  was  increased  to  1  (sonic  jet),  a  similar  behavior  was 
observed  (figure  ^).  Although  the  components  of  the  azimuthal  eigenmode  switched  the 
center  of  their  activity  between  the  minor  and  major  axis  planes,  the  phase  velocity  of 
the  unstable  waves  at  the  major  axis  was  still  high  relative  to  the  minor  axis  side.  The 
same  condition  also  occurred  at  supersonic  speeds  of  M  «  l.S  (Figure  6). 

The  difference  in  the  phase  speed  and  amplif Ication  rates  between  the  major  and  minor 
axis  sides  resulted  in  a  different  roll-up  location  of  the  vortices  at  the  two  sides. 

The  computed  streaVllnes  in  Figure  7  show  that  the  roll-up  was  completed  in  the  minor 
axis  sides  at  x/R^  1.6,  while  at  the  major  axis  side  it  occurred  further  downstream 
at  x/Rq  •  2.4.  This  pattern  of  non-symmetric  roll-up  resulted  In  the  vortex  bending 
which  was  also  observed  earlier  in  water  flow  visualizations.*^  The  self-induction 
process  ensuing  from  this  bending  yielded  the  high  spreading  rate  typical  to  the  elliptic 
jet.  The  stability  analysis  results,  which  were  described  above,  suaaest  that  the 
mechanism  which  was  found  at  subsonic  flows  prevails  also  in  supersonic  flows. 

Sonic  and  Supersonic  Axes  Switching 

The  spreading  rates  of  sonic  elliptic  and  circular  jets  (H  «  1)  are  compared  in 
Figure  8.  As  predicted  by  the  stability  analysis,  the  axes  switching  can  be  observed 
here  too.  The  circular  jet's  spreading  rate  was  reduced  slightly  relstive  to  the  low 
subsonic  case  (Figure  2)  but  the  high  spread  of  the  minor  axis  section  resulted  in  axes 
switching  at  x/O^  »  20,  which  is  slightly  upstream  of  the  subsonic  switching  point. 

When  the  jet's  chamber  pressure  was  farther  Increased,  an  underexpanded  jet  was 
obtained,  ^he  jet  Mach  number  following  the  initial  expansion  waves  was  Mj  =  1.3.  At 
this  condition,  the  jet  initial  core  was  dominated  by  expansion-compression  waves  cell 
structures  and  its  acoustic  radiation  concentrated  in  a  narrow  frequency  peak  which  is 
called  the  jet  screech  frequency.  Figure  8  shows  the  power  spectrum  of  the  near  field 
pressure  fluctuations  of  the  underexpanded  jet  with  Mj  «  1.3.  The  screech  frequency  is 
close  to  7000  Hz,  with  a  power  level  of  three  orders  of  maqnitude  above  the  other  broad¬ 
band  frequency  components. 

The  shock  structure  of  the  underexpanded  jet  has  a  substantial  effect  on  its  spread¬ 
ing  rate  (Figure  10).  The  spreading  rate  of  the  minor  axis  side  was  doubled  relative  to 
the  sonic  jet  while  the  width  at  the  major  axis  side  remained  unchanged  until 
x/n^  »  10.  From  this  point  its  growth  was  similar  to  the  circular  jet.  Axes  switching 
location  was  moved  far  upstream  to  x/D^  •  3. 

The  rapid  occurrence  of  the  axes  switching  in  the  underexpanded  jet  Is  also  shown  in 
Figure  11  for  an  elliptic  underexpanded  reacting  jet.  The  second  shock  cell  has  its 
wider  dimension  aligned  In  the  minor  axis  plane  and  its  narrow  one  in  the  major  axis 
plane.  Temperature  measurements  done  In  this  elliptic  underexpanded  jet  showed  the 
larger  width  of  the  jet  at  the  minor  axis  plane  relative  to  the  other  plane  at  a  distance 
of  x/n^  «  8  (Figure  12). 

Mean  and  Turbulent  Velocity  Field 

The  mean  velocity  and  turbulent  axial  velocity  contours  of  the  sonic  (m  »  1)  and 
supersonic  (M  »  1.3)  jets  are  shown  in  Figures  13  and  14,  respectively.  The  region  of 
the  supersonic  jet  core  with  shock  structures  was  not  covered  by  the  hot-wire  measure¬ 
ments.  The  contours  in  this  area  are  drawn  by  the  computer  Interpolation  procedure. 

Both  figures  show  that  the  supersonic  jet  spreads  faster  than  the  sonic  jet.  The  turbu¬ 
lent  intensity  was  higher  for  the  supersonic  jet  and  covered  larger  sections  of  the  jet. 

The  mean  and  turbulent  velocity  contours  on  the  major  and  minor  axis  plans  of  the 
underexpanded  elliptic  jet  (Mj  »  i.3)  are  shown  in  ’'’Igures  15  and  16,  respectively. 

The  high  spreading  rate  on  the  minor  axis  plan  is  evident.  The  jet  width  at  the  major 
axis  plane  remains  almost  constant  in  the  first  10  diameters  and  its  spreading  rate 
further  downstream  is  small.  Because  of  the  lack  of  hot-wire  data,  the  interpolation 
procedure  resulted  In  a  mismatch  of  the  velocity  contours  at  the  centerline. 

The  cells  formed  hy  the  expansion-compression  waves  structures  inside  the  jet  core, 
which  could  not  be  measured  using  the  hot-wire,  were  visualized  by  Rchlleren  photography. 
Figure  17  shows  these  structures  in  the  underexpanded  circular  and  elliptic  jets.  The 
non-symmetrlc  shape  of  the  expansion/compression  waves  in  the  elliptic  jet  resulted  in  a 
different  pattern  of  flow  spread  along  the  two  axes  of  the  jet.  The  Intersection  of  the 
waves  bouncing  from  the  jet  boundary  were  non-symmetric  and  distorted. 

The  centerline  velocity  decay  rates  of  the  circular  and  elliptic  jets  are  compared  in 
Figure  18.  For  x/O^  >  10  both  jets  had  similar  centerline  deceleration  rates  for  the 
three  Mach  numbers  studied.  The  potential  core  length  of  the  elliptic  jet  was  very  short 
even  for  subsonic  exit  velocity.  The  core  of  the  subsonic  circular  jet  was  5  diameters 
long  and  was  decreased  at  the  sonic  speed.  No  measurements  were  taken  for  the  supersonic 
jet  in  this  region. 

The  centerline  turbulence  intensity  of  the  .circular  and  elliptic  jet  is  shown  in 
Figure  19  for  subsonic,  sonic,  and  supersonic  speeds.  The  turbulence  intensity  is  ampli¬ 
fied  faster  in  the  elliptic  jet  core  than  In  the  circular  jet  both  in  subsonic  and  sonic 
velocities.  Do¥metream  of  the  core  region  both  jets  have  nearly  the  same  turbulence 
Intensity  for  subsonic  and  supersonic  exit  Mach  numbers.  At  sonic  speed  the  circular  jet 
has  the  highest  Intensity  while  the  elliptic  jet  has  the  lowest. 


CONCLUSIONS 


Th«  hi^  rat«  of  entralnmant  of  the  small  aspect  ratio  elliptic  jet  relative  to  an 
axisyrametric  or  plane  jet  was  attributed  to  a  grovth  mechanism  which  does  not  exist  in 
symmetric  jets.  This  entrainment  mechanism  is  related  to  self  induction  of  vortices  which 
are  being  distorted  due  to  the  variation  of  their  instability  characteristics  around  their 
circumference*  It  was  shown  here  that  although  the  distribution  of  the  various  eigenmodes 
change  from  subsonic  to  supersonic  jets«  the  initial  vortical  structures  of  the  elliptic 
jet  at  the  major  axis  plane  bend  in  the  streamwise  direction  relative  to  the  minor  axis 
section*  This  i^enoraenon  occurs  also  in  subsonic  flows*  Consequently*  the  self  induction 
of  the  jet  coherent  structures  augment  the  amount  of  surrounding  fluid  engulfed  by  the  jet 
at  the  minor  axis  section  in  the  subsonic  and  sonic  elliptic  jets. 

In  a  supersonic  underexpanded  elliptic  jet  the  series  of  bouncing  expansion  and  com¬ 
pression  waves  generate  a  non-synmetrlc  structure  of  cells.  The  angle  of  the  oblique 
shocks  and  expansi^  fans  are  different  in  the  two  planes  of  the  jet  and  the  flow  changes 
direction  in  a  non-symroetric  pattern*  The  experimental  data  «d)ich  was  described  in  the 
paper  show  the  large  increase  of  the  spreading  rate  of  this  jet  in  the  minor  axis  plane 
relative  to  the  sonic  and  subsonic  jets.  The  two  axes  switch  direction  at  x/D^  «  3 
instead  of  x/d^  «  20  in  the  lower  velocity  jets. 

The  interaction  between  the  shock  cells  and  the  coherent  structures  of  the  jet  shear 
layer  is  being  currently  studied  in  our  laboratory. 
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(b)  Major  Axis. 

Figure  II*  elliptic  Un<^erexpanded  Reacting  Jet 
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omparlaon  of  Mean  Velocity  Contoara  -  Elliptic  Jet  (Underexpanded). 
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Figure  16.  Comparison  of  Turbulent  Axial  Velocity 
Contours  -  Elliptic  Jet  {Underexpanded ) . 


(c)  Elliptic  j«t  minor*  5  msec  exposure. 


(d)  Elliptic  jet  •  minor,  speile  photography  (10  nsec  exposure). 
Figure  17.  Schlieren  Photographs  of  the  Underexpanded  Jets. 


Figure  18.  Comparison  of  Centerline  Velocity  Decay  for 
Circular  and  elliptic  Jets  at  Three  Mach  Numbers. 


Figure  19.  Comparison  of  Centerline  Turbulence  for 
Circular  and  elliptic  Jets  at  Three  Mach  Numbers. 
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Abstract 

A  set  of  computer  programs  has  been  developed  to  analyze  flow  through  supersonic 
combustion  ramjet  (scramjet)  inlets.  These  programs  solve  either  the  two-  or  three- 
dimensional  Euler/Navier-Stokes  equations  in  full  conservation  form  by  MacCormack’s 
explicit  or  explicit-implicit  method.  An  algebraic  two-layer  eddy  viscosity  model  is 
used  for  turbulent  flow  calculations.  The  programs  are  operational  on  Control  Data 
CyBER-200  series  vector-processing  computer  system  and  have  been  optimized  to  take 
maximum  advantage  of  the  vector  processing  capability  of  the  system.  Since  their 
development,  the  programs  have  been  extensively  verified  and  used  to  analyze  a  number  of 
very  complex  inlet  configurations.  In  this  paper,  results  are  presented  from  two- 
dimensional,  quasi-three-dimensional,  and  three-dimensional  analyses  of  the  inlet  flow 
field  to  Illustrate  the  use  of  the  programs. 


Nomenclature 


G  throat  gap 

H  height  of  inlet 

Mach  number  at  inlet  face 

M^  component  of  normal  to  sidewall  leading  edge 

Mj^  ^  component  of  M^  tangential  to  sidewall  leading  edge 

M^  free-stream  Mach  number 

p  pressure 

pressure  at  inlet  face 

temperature  at  inlet  face 

w  width  of  inlet 

x,y,z  Cartesian  coordinates 
A  sweep  angle 

6  sidewall  and  strut  compression  angle 

s 


Introduction 


The  exponential  growth  of  computer  speed  and  storage  capacity  as  well  as  algorithm 
sophistication  has  allowed  application  of  advanced  numerical  methods  to  practical  design 
problems  in  many  engineering  disciplines  such  as  fluid  dynamics.  More  and  more  use  is 
being  made  of  numerical  methods  in  analyzing  complex  flow  fields  than  has  been  possible 
in  the  past.  An  important  example  is  that  of  the  inlet  design  of  supersonic  combustion 
ramjets  (scramjets),  where  modern  computational  methods  allow  the  direct  numerical 
simulation  of  the  inlet  flow  field  in  a  reasonably  efficient  manner.  Intelligent  use  of 
such  capability  can  be  very  helpful  in  eliminating  the  poorer  designs  and  in  allowing 
promising  design  configurations  to  be  developed  with  less  reliance  on  extensive  wind- 
tunnel  testing. 

This  paper  discusses  the  application  of  a  set  of  Navier-Stokes  codes  in  the 
analysis  of  high-speed  inlet  flow  NASA  Langley  Res^a^'^h  Center  has  an  ongoing 

research  program  to  define  and  develop  an  airbreathing,  airframe  integrated  scramjet 
engine  for  hypersonic  propulsion. ^  Scramjets  become  attractive  at  flight  Mach  numbers 
of  4  and  above,  and  they  offer  the  most  viable  propulsion  option  at  Mach  numbers  above 
6.  The  scramjet  engine  concept  being  developed  at  Langley  uses  a  fixed -geometry, 
rectangular  module  approach  that  closely  integrates  with  the  vehicle.  Use  of  fixed 
geometry  reduces  weight  and  system  complexity,  whereas  vehicle-propulsion  system 
integration  takes  advantage  of  forebody  compression  to  reduce  inlet  size  and  afterbody 
expansion  to  provide  a  low  drag,  high  area  ratio  exhaust  nozzle.  An  example  of  such  a 
module  is  shown  In  Figure  1  with  a  sidewall  removed.  A  cross-sectional  view  is  shown  at 
the  bottom  of  the  figure.  The  module  has  a  fixed-geometry  inlet  with  aft  placement  of 
the  cowl  on  the  underside  of  the  engine  that  allows  for  efficient  spillage  and  good 
inlet  starting  characteristics  over  the  operating  range  with  fixed  geometry.  For  this 
module,  the  inlet  compression  is  completed  by  three  wedge-shaped  struts  which  also 
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provide  locations  for  injection  of  gaseous  fuel.  The  fuel  and  air  mix  and  react  in  the 
combustor  portion  of  the  module.  The  reacted  mixture  is  then  expanded  through  the 
nozzle. 

Efficient  engine  design  requires  a  detailed  understanding  of  the  internal  flow 
field  in  various  engine  components  over  the  range  of  operating  conditions.  While  the 
flow  field  in  these  components  cannot  really  be  separated#  each  of  the  components  should 
perform  well  by  itself.  Most  of  the  studies  in  analyzing  flow  through  various  engine 
components  have  necessarily  been  experimental  in  the  past  due  to  the  complex  nature  of 
the  flow  field  which  does  not  lend  itself  to  simple  analytical  estimates.  However#  with 
increasing  availability  of  large  storage#  high-speed  computers  and  advanced  computing 
techniques,  it  is  becoming  more  feasible  to  numerically  calculate  the  flow  field  in  the 
inlet  and  no22le  portions  of  the  engine.  Analysis  of  complete  combustor  flow  field 
still  remains  beyond  the  current  state  of  the  art. 

The  effort  to  provide  an  inlet  analysis  tool  started  with  the  development  of  the 
two-dimensional  Euler/Navier-Stokes  code  described  in  Reference  3?  this  was  followed  by 
the  full  three-dimensional  Euler/Navier-Stokes  code  described  in  Reference  4.  This  paper 
briefly  describes  both  the  two-  and  three-dimensional  codes.  It  also  describes  the 
application  of  the  two-dimensional  code  in  quasi-three-dimensional  form  in  the  analysis 
of  a  certain  class  of  inlets.  A  parametric  study  in  inlet  design  based  on  the  quasi- 
three-dimensional  application  of  the  two-dimensional  code  is  presented.  Results  are 
then  presented  from  a  complete  three-dimensional  analysis  of  a  two-strut  scramjet 
inlet.  Comparison  with  available  experimental  data  is  made  where  possible. 


Outline  of  the  Inlet  Codes 


The  codes  model  the  flow  field  by  the  two-  or  three-dimensional  Euler  or  Navier- 
Stokes  equations  in  conservation  form.  These  equations  are  transformed  from  the 
physical  domain  to  a  regular  computational  domain  by  using  an  algebraic  numerical 
coordinate  transformation  that  generates  a  set  of  boundary-fitted  curvilinear 
coordinates. ^  The  transf ormat ion  can  accommodate  embedded  bodies  (e.g.#  struts#  cowl) 
in  the  flow  field.  It  also  allows  for  concentrating  mesh  lines  in  regions  of  high 
gradients  such  as  near  the  solid  boundaries.  The  transformed  governing  equations  are 
solved  by  either  the  explicit  or  explicit-implicit  method  due  to  MacCormack.^  ’’  In  the 
case  of  turbulent  flow  calculations#  an  algebraic  two-layer  eddy  viscosity  model  due  to 
Baldwin  and  t#omax®  is  used. 

The  codes  are  operational  on  the  Control  Data  VPS-32  (a  specially  modified 
CYBER-200  secies  computer  with  a  32  million#  64-bit  word  primary  memory)  vector 
processing  computer  system  at  the  Langley  Research  Center  and  have  been  optimized  to 
take  maximum  advantage  of  the  vector  processing  capability  of  the  computer  system. 


Results  and  Discuasion 


This  section  describes  briefly  how  the  two-dimensional  code  can  be  used  in  quasi- 
thcee-dimensional  sense  to  analyze  certain  class  of  scramjet  inlets.  The  approach  is 
verified  by  calculating  the  flow  field  In  a  three-strut  inlet  shown  in  Figure  1  and  then 
results  from  a  parametric  inlet  design  study  ace  presented  using  this  approach. 

Finally#  results  are  presented  for  a  two-strut  scramjet  inlet  as  obtained  from  a  full 
three -dimens ional  ana  1 vs  is , 

Two-  and  Quasi-Three-Diaensional  Analysis 

For  the  type  of  scramjet  inlet  configuration  shown  in  the  following  sketch  where 
all  the  compression  surfaces  are  swept  back  at  the  same  angle  A#  it  is  possible  tc  use 
the  two-dimensional  code  in  a  quasi-three-dimensional  sense  if  the  shock 


leading  edge 


15-3 


waves  In  the  inlet  do  not  detach  and  i£  the  end  effects  (i.e./  the  effects  of  top 
surface  and  cutback  cowl  of  inlet)  are  neglected.  Under  these  assumptions^  the  velocit)^ 
component  parallel  to  the  sweep  line  should  remain  constant r  and  the  flow  disturbances 
should  occur  in  a  plane  zz'  normal  to  the  sweep  line.  The  flow  can,  therefore,  be 
solved  by  using  the  two-dimensional  code  in  the  plane  zz*  with  Hach  number  The 

solution  in  the  zz*  plane  can  be  projected  to  the  plane  of  the  cowl,  and  the  velocity 
distribution  in  the  plane  of  the  cowl  can  be  obtained  by  superimposing  the  constant 
velocity  component  over  the  aforementioned  solution.  In  the  case  of  viscous  flows,  an 
approximate  boundary-layer  profile  has  to  be  prescribed  for  the  constant  tangential 
velocity  component  before  superimposing  it.  By  knowing  the  velocity  and  density 
distributions,  it  is  possible  to  estimate  the  flow  spillage  from  this  class  of  three- 
dimensional  inlets  as  a  function  of  cowl  location. 

The  preceeding  approach  is  verified  by  analyzing  the  three-dimensional  inlet  shown 
in  Figure  1,  details  of  which  are  given  in  Reference  9.  The  inlet  sidewalls  are  swept 
at  an  angle  of  48^.  Figure  2  shows  a  comparison  of  the  turbulent  sidewall  pressure 
distribution  with  the  experimental  results  of  Reference  9.  The  experimental  results  are 
in  a  plane  parallel  to  the  cowl  located  at  mid-inlet  height.  This  particular  plane  la 
chosen  for  comparison  so  that  the  cowl  shock  does  not  affect  the  measured  sidewall 
pressure  upto  the  point  of  comparison  in  the  axial  direction.  (The  present  analysis 
cannot  account  for  the  cowl  shock  disturbances.)  It  is  seen  from  Figure  2  that  the 
present  calculations  are  in  very  good  agreement  with  the  measured  values. 

The  type  of  agreement  obtained  for  the  three-strut  inlet  gives  credibility  to  the 
code  in  its  use  as  a  tool  for  parametric  studies  in  inlet  design.  Results  of  one  such 
parametric  study  are  presented  here.  In  this  study,  one-  and  two-strut  inlets  are 
analyzed  over  a  range  of  Mach  numbers.  The  compression  surfaces  of  these  inlets  are 
swept  back  at  an  angle  of  33*.  The  flow  conditions  used  in  the  analysis  are  given  in 
the  following  table: 


Ml 

«1,N 

Pj,MPa 

Tj  ,  K 

4 

3.43 

2.88 

0.00963 

322 

5 

4.29 

3.60 

0.00648 

328 

6 

5.18 

4.34 

0.00456 

329 

7 

6.00 

5.032 

0.00355 

335 

Figure  3a  shows  the  geometry  of  a  one-strut  inlet  in  a  plane  normal  to  the  sidewall 
sweep.  Figure  3b  shows  the  pressure  contours  for  the  inviscid  flow  at  »  7.  It  is 

seen  from  the  contour  plot  that  the  shock  waves  from  the  sidewall  and  strut  leading-edge 
coalesce  to  form  a  stronger  shock.  For  the  viscous  flow,  this  strong  shock  caused  a 
large  separated  region  on  the  sidewall  which  resulted  in  aerodynamic  choking  of  the  flow 
at  all  the  Hach  numbers  considered  here  except  at  the  highest  Mach  number  with  turbulent 
flow.  Zn  the  case  of  inviscid  flow,  no  solution  could  be  obtained  at  the  lowest  Mach 
number  for  which  the  shock  waves  detached  in  the  inlet.  The  following  table  summarizes 
the  conditions  for  which  the  solutions  could  or  could  not  be  obtained  (indicated  by 
"yes"  and  "no,"  respectively): 


Mach  Number 

1  Tvoe  of  Flow  1 

1  Inviscid  | 

Laminar 

1  Turbulent  | 

7 

no 

6 

no 

5 

no 

4 

no 

To  eliminate  the  problem  of  shock  wave  coalescence  in  the  one-strut  inlet,  a  two-strut 
inlet  is  considered  in  which  the  strut  surface,  on  which  the  sidewall  shock  strikes,  is 
made  parallel  to  the  oncoming  flow  so  that  no  shock  is  produced  by  this  strut  surface. 
This  avoids  the  possibility  of  shock-wave  coalescence.  Figure  4a  shows  the  geometry  of 
the  two-strut  inlet  in  a  plane  normal  to  the  sidewall  sweep.  The  pressure  contours  and 
velocity  vector  field  for  the  laminar  flow  at  >  7  are  shown  in  figures  4b  and  4c. 

For  this  inlet,  solutions  could  be  obtained  at  all  the  Mach  numbers  for  the  inviscid 
flow  and  at  the  highest  three  Mach  numbers  for  the  viscous  flow.  The  following  table 
summarizes  the  conditions  for  which  the  solutions  could  or  could  not  be  obtained 
(indicated  again  by  "yes’*  and  "no,"  respectively): 


Type  v  f  Flow 

Inviscid 

Laminar 

Turbulent 

7 

yes 

6 

yes 

5 

yes 

4 

no 
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The  table  clearly  shows  the  improvement  in  the  performance  of  the  two-strut  inlet  over 
the  one-strut  inlet. 

The  preceding  paraoMtric  study  indicates  that  the  numerical  computer  code  developed 
herein  can  be  used  to  modify  or  eliminate  those  designs  which  are  not  expected  to 
perform  well  and*  thus*  can  help  in  reducing  the  experimental  testing  required  for  inlet 
design. 

Three-Diasnsional  Analysis 

Even  though  the  preceding  parametric  study  using  the  two-dimensional  code  provides 
meaningful  information*  it  has  only  limited  applications  in  the  analysis  of  scramjet 
inlet  flow  field  because*  in  most  situations*  the  flow  is  truely  three-dimensional.  It 
is*  therefore*  necessary  to  use  three-dimensional  analysis  in  order  to  model  all 
important  features  of  the  flow  including  interaction  between  the  high-pressure  internal 
flow  and  low-pressure  external  flow  ahead  of  the  cowl  caused  by  the  aft  location  of  the 
cowl.  This  section  presents  result  from  a  three-dimensional  anlaysis  of  the  two-strut 
inlet  shown  in  Figure  5.  A  line  diagram  of  the  inlet  is  shown  in  Figure  6.  It  has  a 
rectangular  cross-section  with  wedge-shaped  sidewalls  which  are  swept  back  at  an  angle 
of  30*.  Two  compression  struts  are  located  in  the  center  passage  of  the  inlet  which  are 
also  swept  back  at  the  same  angle  as  the  sidewalls.  The  basic  design  of  the  struts  is 
similar  to  that  discussed  in  the  preceding  parametric  study.  Sweep  of  all  compression 
surfaces  ends  along  line  EF  and  the  cowl  closure  starts  at  F.  The  inlet  model  is 
parametric  and  allows  adjustments  in  the  overall  geometric  contraction  ratio  by  moving 
the  sidewalls  and  the  struts  in  and  out.  The  cowl  location  can  also  be  adjusted*  and  it 
is  possible  to  add  top  surface  compression*  if  needed. 

In  order  to  compare  the  numerical  results  with  the  experimental  data*  flow 
calculations  for  the  preceding  two-strut  configuration  are  made  at  the  following 
experimental  conditions: 

»  4.03 

Pj  -  8724  N/m^ 

Tj  »  70  K 

The  inlet  has  a  geometric  contraction  ratio*  W/G*  of  4.01  and  zero  top-surface 
compression.  The  cowl  closure  begins  at  the  throat. 

Before  results  of  this  calculation  are  presented*  it  is  necessary  to  discuss  how 
the  present  analysis  Includes  the  end  effects  in  the  inlet  which  arise  due  to  the 
interaction  between  the  Internal  flow  and  the  external  flow.  This  interaction  occurs 
due  to  the  aft  placement  of  the  cowl  which  exposes  the  high-pressure  internal  flow  to 
the  low-pressure  external  flow  in  the  region  ahead  of  the  cowl.  The  pressure 
differential  causes  an  expansion  wave  to  run  into  the  inlet  flow  and  a  compression  wave 
into  the  external  flow*  thus  creating  an  induced  flow  in  the  downward  direction  ahead  of 
the  cowl.  These  end  effects  can  significantly  affect  the  inlet  flow  field  for  certain 
flow  conditions*  and  the  induced  flow  set  up  by  the  end  effects  can  result  in 
substantial  additional  flow  spillage  other  than  that  due  to  the  sweep  of  the  compression 
surfaces.  In  order  to  account  for  the  end  effects  in  the  analysis*  a  portion  of  the 
external  flow  under  the  plane  of  the  cow)  must  be  included.  Ideali/,  one  should  go  down 
and  around  the  sidewalls  far  enough  so  that  the  free-strean  conditions  can  be  applied  on 
the  free  boundaries*  but  this  would  greatly  increase  the  computational  requirements.  In 
the  present  analysis*  the  region  is  extended  as  shown  in  Figure  7  by  the  dashed  line 
(only  half  of  the  inlet  flow  is  calculated  due  to  symmetry).  This  limited  extension  of 
the  computational  domain  is  found  adequate  sc  far  as  the  inlet  flow  field  Is  con¬ 
cerned.  Extrapolation  from  interior  grid  points  is  used  all  along  the  dashed  line 
boundaries  except  at  the  inflow  boundary  where  the  flow  conditions  are  prescribed. 

The  calculations  presented  here  are  made  with  a  grid  of  about  271*000  points  (77 
points  in  the  x-direction*  69  points  in  the  y-diiection  between  the  symmetry  plane  and 
the  sidewall*  and  51  points  in  the  z-direction ) ,  Out  of  the  51  planes  in  the  z- 
directlon*  14  planes  are  located  under  the  cowl  plane  to  account  for  the  end  effects. 
Discretization  of  this  inlet  is  further  complicated  by  the  struts  embedded  in  the  flow 
field.  In  order  to  accommodate  the  strut*  the  present  analysis  makes  the  strut  surfaces 
coincident  with  two  grid  planes  In  the  y-dlrection  and  further  allows  12  more  grid 
planes  to  go  through  the  strut.  This  results  in  slight  blunting  of  the  strut  leading 
edge*  but  this  blunting  Is  relatively  small  due  to  grid  refinement  in  the  neighborhood 
of  the  strut  surfaces.  A  typical  grid  in  the  synnnetry  plane  and  one  of  the  cross-planes 
is  shown  in  Figure  6.  If  a  particular  cross-plane  lies  above  the  cowl  plane*  the  grid 
points  lying  within  the  strut  are  neglected  and  proper  boundary  conditions  are  applied 
on  the  strut  surfaces*  but  if  the  cross-plane  lies  below  the  cowl  plane*  all  grid  points 
in  the  plane  are  used  in  the  calculations.  The  preceding  simplified  approach  in 
discretizing  the  inlet  configuration*  although  it  resulted  in  waste  of  some  grid  points* 
avoided  the  need  of  using  more  involved  grid  generation  procedures. 

Results  of  the  present  calculations  are  shown  in  Figures  9  through  13.  Figure  9 
shows  the  velocity  vector  field  and  static  pressure  contours  In  a  plane  located  at  mid¬ 
inlet  height.  Although  the  calculations  were  performed  only  for  half  of  the  inlet* 


15-5 


results  are  shown  here  for  the  full  inlet  by  reflecting  to  the  other  half*  Slight 
blunting  of  strut  leading  edges  and  associated  small  distortions  in  pressure  contours  in 
the  inaiediate  neighborhood  of  the  strut  leading  edges  are  obvious  from  this  figure. 
Howeverf  the  impact  of  bluntness  appears  to  be  local.  The  velocity  vector  plot  shows 
several  regions  of  separated  flow  on  the  inlet  surfaces  caused  by  the  shock/boundary' 
layer  interactions  and  the  pressure  contour  plot  clearly  shows  the  complex  shock  and 
expansion  wave  structure  present  in  the  inlet. 

Figure  10  shows  the  velocity  vector  field  and  static-pressure  contours  in  the 
symmetry  plane  of  the  inlet.  The  swept  shock  wave  structure  caused  by  the  swept 
compression  surfaces  is  obvious  from  this  figure.  The  velocity  vector  plot  shows 
significant  flow  separation  near  the  top  surface  of  the  inlet  caused  by  the 
shock/boundary-layer  interaction.  The  velocity  vector  plot  further  shows  a  downturn  in 
flow  direction  ahead  of  the  cowl  resulting  in  some  flow  spillage  from  the  inlet.  This 
downturn  is  caused  by  the  swept  compression  surfaces  and  the  interaction  in  the  cowl 
plane  between  the  internal  and  external  flow  <the  so  called  end  effects).  Once  the 
inlet  flow  passes  behind  the  cowl  leading  edge^  it  is  turned  back  parallel  to  the  cowl 
plane;  and  this  turning  results  in  a  cowl  shock  which  can  be  seen  clearly  in  the 
pressure  contour  plot  of  Figure  10. 

Figure  11  shows  the  sidewall  pressure  distributions  at  two  inlet  height 
locations.  Experimental  results  from  reference  10  are  also  shown.  It  is  seen  that  the 
present  results  compare  very  well  with  the  experiment  at  both  height  locations.  Figure 
12  shows  the  pressure  distribution  on  the  strut  inner  surface  (i.e.,  the  surface  facing 
the  symmetry  plane)  at  the  mid-inlet  height  location.  Here  again,  a  comparison  with  the 
experimental  results  of  reference  10  shows  a  very  good  agreement.  The  preceding  good 
agreement  with  the  experimental  results  is  significant  considering  the  fact  that  the 
flow  In  the  throat  region  of  the  inlet  la  highly  complex  due  to  the  interactions  of 
sidewall  and  strut  shock  and  expansion  waves,  cowl  shock,  expansion  waves  due  to  the  end 
effects,  and  induced  shocks  caused  by  the  flow  separation;  all  of  which  are  taking  place 
in  relatively  small  gaps  between  the  sidewalls  and  struts. 

As  mentioned  earlier,  not  all  the  flow  approaching  the  inlet  face  is  captured  by 
the  inlet.  S<»Re  of  it  is  spilled  out  due  to  the  swept  compression  surfaces  and  end 
effects.  The  amount  of  flow  captured  by  the  inlet  is  an  important  measure  of  inlet 
performance.  Figure  13  shows  a  comparison  of  the  predicted  inlet  capture  with  the 
experiment  as  a  function  of  axial  distance  from  inlet  leading  edge.  It  is  seen  that  the 
predicted  capture  distribution  agrees  very  well  with  the  experiment. 

Preceding  good  agreement  with  the  experimental  results  shows  that  the  inlet  code 
has  very  well  simulated  the  complex  flow  field  of  the  two-strut  inlet  configuration. 

The  results  also  substantiate  the  adequacy  of  the  procedure  used  in  the  analysis  to 
include  the  end  effects  and  to  accommodate  the  embedded  struts  in  the  flow  field. 


Concluding  Remarks 

A  set  of  computer  programs  has  been  developed  to  analyze  flow  through  complex 
scramjet  inlet  configurations.  These  programs  solve  either  the  two-  or  three- 
dimensional  Euler/Navler-Stokes  equations  in  full  conservation  form  by  MacCormack’s 
explicit  or  explicit-implicit  method.  An  algebraic  two-layer  eddy  viscosity  model  is 
used  for  turbulent  flow  calculations.  The  programs  are  operational  on  the  Control  Data 
CyBER-200  series  vector  processing  computer  system  at  NASA  Langley.  An  important 
feature  of  the  three-dimensional  program  is  that  it  allows  inclusion  of  end  effects  in 
the  inlet  flow  calculations.  These  end  effects  arise  as  a  result  of  the  interactions  of 
the  inlet  flow  with  the  external  flow  due  to  aft  placement  of  the  cowl  and  they  affect 
the  inlet  flow  field  very  signf icantly. 

Since  their  development,  the  programs  have  been  extensively  verified  and  used  to 
analyze  a  variety  of  complex  inlet  configurations.  Although  the  codes  were  primarily 
developed  for  high-speed  internal  flows,  they  have  also  been  used  for  a  variety  of  other 
problems,  including  mixed  subsonic-supersonic  flow,  subsonic  flow,  and  external  flow. 
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Fig.  1  An  example  of  a  scramjet  engine  module  and  its  cross 
section. 


x/  inlet  height 


Pig.  2  Comparison  of  sidewall  pressure  distribution  for  three- 
strut  inlet. 


Line-diagram  of  the  two-strut  scramjet  inlet 
configuration. 


Fig.  7  Physical  domain  of  computation. 
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Velocity  vector  field  and  pressure  contours  i 
symmetry  plane. 

_ Present  Results 

0  Experimental  Results  (Trexler) 
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Fig>  11  Pressure  distribution  on  the  inlet  sidewall. 


13  Axial  distribution  of  inlet  capture 
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SUMMARY 

A  aethod  for  solving  the  viscous  hypersonic  floe  field  around  realistic  configurations  is  pre¬ 
sented.  The  nuaerical  procedure  for  generating  the  required  finite  difference  grid  and  the  two- 
factored  iaplieit  flow  solver  are  described.  Results  are  presented  for  the  shuttle  orbiter  and  a 
generic  wing-body  configuration  at  hypersonic  Mach  nuabers. 


1 .  INTRODUCTION 

With  the  continuous  developaent  of  aore  powerful  computers,  computational  fluid  dynamics  (CFD)  has 
eaerged  as  a  viable  tool  in  understanding  complicated  three-dimensional  fluid  dynamics  phenomena  in 
subsonic,  transonic  and  supersonic  flow  regimes.  Hence  CFD  is  now  being  routinely  applied  to  prac¬ 
tical  problems  to  supplement  wind  tunnel  experimentation  in  the  design  process.  The  recent  renewed 
international  interest  in  hypersonic  transport  is  partly  attributed  to  the  confidence  in  using  CFD 
solely  in  design  because  of  the  impossibility  of  simulating  the  wide  range  of  the  actual  hypersonic 
flight  conditions  in  a  wind  tunnel.  This  of  course  necessitates  the  development  '^f  robust  hypersonic 
CFO  codes  which  are  reliable  for  providing  important  quantities  such  as  the  aerodynamic  stresses, 
heat  transfer  and  inlet  flow  conditions  to  the  engine 

In  this  paper  we  describe  and  apply  a  numerical  technique  which  is  capable  of  solving  the  hj'per- 
sonic  flow  around  three  dimensional  lifting  configurations.  In  this  technique,  the  computational 
grid  is  created  using  an  efficient  numerical  hyperbolic  grid  generation  procedure  (Ref.[l3)  and  the 
equations  of  motion  (represented  by  the  Reynolds  averaged  Navier-Stokes  equations)  are  integrated  us¬ 
ing  the  time -dependent  factored  procedure  described  in  Ref. [2]. 

The  present  numerical  procedure  is  used  to  compute  the  viscous  flow  around  the  shuttle  orbiter  at 
Mach  number  of  7.9  and  angle  of  attack  of  25  degrees  and  around  a  generic  wing-body  configuration 
at  Mach  number  26  and  6  degrees  angle  of  aetsck.  In  both  cases  the  fluid  was  assumed  to  behave  as 
a  perfect  gas.  The  calculations  were  performed  on  the  CRAY‘2  to  allow  the  use  of  fine  grids  in  order 
to  resolve  the  details  of  the  complicated  flow  field  associated  with  the  geometries  under  considera¬ 
tion. 

In  the  following  sections,  we  briefly  describe  the  grid  generation  procedure,  the  flow  simulation 
procedure,  and  the  computed  results. 


2.  GRID  GENERATION  PROCEDURE 

In  computational  fluid  dynamics,  a  three  dimensional  body  fitted  mesh  is  highly  desired  and  can  be 
generated  numerically  using  the  elliptic  (Ref s . (3 .4] ) .  hyperbolic (Ref s . [1 ,5] ) ,  parabolic  or  hybrid 
(Refs. (5,7])  schemes.  All  these  schemes  involve  solving  a  set  of  partial  differential  equations  and 
they  all  possess  the  desirable  feature  of  allowing  the  user  to  specify  an  arbitrary  point  distribu¬ 
tion  along  the  body  surface. 

In  the  present  study,  the  hyperbolic  scheme  was  chosen  because  it  automatically  creates  a  body  nor¬ 
mal  grid  which  is  important  for  viscous  flow  computations.  Also,  the  hyperbolic  grid  generation 
method  is  efficient  in  terms  of  computer  time  and  memory  and  the  resulting  grid  can  be  made  orthog¬ 
onal  or  doss  to  orthogonal  every  where  by  proper  surface  grid  specification.  The  major  drawback  of 
the  hyperbolic  scheme  is  its  inability  to  prescribe  an  exact  location  for  the  outer  boundary.  How¬ 
ever,  with  a  minor  modification,  the  user  can  specify  an  approximate  location  for  the  outer  bound¬ 
ary  as  will  be  dlscuseed  later.  This  limited  control  on  the  '•uter  boundary  shape  suffices  for  a  wide 
range  of  external  flow  problems. 

The  Hyperbolic  grid  is  generated  by  solving  for  the  cartesian  coordinates  r.y.and  s.  in  terms  of 
the  generalized  coordinates  ^.^.and  c  where,  in  general: 

i  =  {(x.y.r) 

ri  =  T>(r,y.s) 

c  =  cn.y.*) 

here  ^  is  the  streaawise  coordinate.  7  is  the  circumferential  coordinate  and  c  is  the  outward  coordi¬ 
nate. 

A  set  of  three  equations  are  required  to  solve  for  the  three  unknowns  x.y  and  z.  Following 
Ref.Ilj.  the  first  two  equations  are  obtained  by  enforcing  orthogonality  relations  between  i  and  ^ 
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lin«a  and  between  r}  and  ^  lines,  whereas  the  third  equation  is  obtained  from  the  cell  volume  specifi* 
cation.  The  following  set  of  partial  differential  equations  result; 


<J(f.  i).s) 


(lo) 

(16) 

(It) 


wh«re  r  is  definsd  as 

The  above  nonlinear  system  of  equations  are  locally  linearized  about  the  previous  step  which  re* 
suits  in 

~  n)  ^  -  n)  ^  CtV-n^i  -  g:-\  {2} 

where  Ai,Bi  and  Ci  are  3  3  coefficient  matrices  that  are  formed  from  the  local  linearization  of 

Eq.(i).  The  vector  g'ui  contains  the  user  specified  cell  volumes 


I  “ 

I  0 

\ 

In  £q.(2).  6  is  the  central  difference  operator  used  in  (  and  rj  directions  whereas  V  is  the  backward 
differencing  used  in  <;  direction.  Using  approximate  factorization,  Eq  (2).  la  reduced  to 


where  and  Cc  are  block  tridiagonal  matrices  given  by; 


Cn  (/ 


Ci  -  (/-C, 

Therefore,  the  vector  r< . ,  is  obtained  by  solving  the  following  sequence; 

^fi9  i-i  =  C’f  V/- 1 
=  f 

r,*i  =  fj  - 

Starting  from  the  body  surface,  the  mesh  is  obtained  by  marching  outward  using  Eq.O)  In  order  to 
improve  stability,  numerical  dissipation  terms  are  added  in  the  ^  and  n  directions.  The  dissipa* 
tion  consists  of  second-order  implicit  and  fourth-order  explicit  terms  which  are  scaled  to  the  local 
mesh  spacing  (Ref.[l]}.  Additional  optional  implicit  smoothing(Ref . [6] )  is  used  for  complicated  body 
shapes  to  prevent  grid  line  intersection  near  highly  concave  sections. 

Depending  on  the  boundary  conditions  specitivo  at  the  ;  ditection,  w«e  user  can  create  "C-O"  (Fig. 
la)  or  "H-O"  (Fig.  lb)  oeshes  suitable  for  supersonic  external  flow  problems.  The  boundary  con¬ 
dition  procedure  developed  in  Ref.[l]is  employed  at  ^  -  0  and  f  ■  This  procedure  takes  ad¬ 

vantage  of  the  fact  that  the  eigenvalues  of  either  C,  ’.-1  or  c',  ’B  are  of  the  form  (o.O.-o)  where 
o  is  real.  The  zero  eigen  value  permits  the  specification  of  a  combination  of  the  dependent  vari- 
ablesCe.g.  z  =  /(r.t/))  or  the  use  of  one  sided  differencing  at  the  boundary.  Hence,  either  one  of 

the  following  two  stable  boundary  procedure  can  be  used.  The  first  is  to  specify  one  combination  of 
the  dependent  variables  and  use  one  sided  differencing  for  the  two  remaining  governing  equations  at 
the  boundary.  This  approach  is  used  at  a  boundary  surface  (e  g.  $  =  $,Tiar  Pigs  ia.  1^)  The  sec¬ 
ond  procedure  is  to  specify  two  combinations  of  the  dependent  variables  avid  use  one  sided  differenc* 
ing  for  a  third  governing  equation  at  the  boundary,  this  approach  is  used  at  an  axis  (eg  5  ~  0  In 
Fig.  la).  In  both  cases,  periodicity  is  assumed  in  the  rj  direction. 

The  surface  grid  can  be  arbitrarily  specified  by  the  user.  For  relatively  simple  body  shapes,  the 
ueer  can  generate  an  orthogonal  grid  along  the  body  surface.  This  process  assures  that  the  resulting 
grid  will  be  nearly  orthogonal  in  all  directions.  For  complicated  configurations,  however,  the  sur¬ 
face  grid  Is  generated  along  cross  sections  of  constant  axial  distance.  Depending  on  the  body  shape, 
the  C  ftnd  rt  lines  can  be  far  from  being  orthogonal.  However,  this  does  not  introduce  any  inconsis¬ 
tency  because  the  orthogonality  between  the  ^  and  rj  is  not  enforced  in  the  grid  generation  procedure. 
Experience  has  shown  that  the  overall  quality  of  the  mesh  is  dependent  upon  the  quality  of  the  sur¬ 
face  grid.  Therefore,  the  user  should  pay  extra  attention  in  defining  the  surface  grid  to  ensure  a 
well  behaved  grid  everywhere. 

Since  the  grid  is  obtained  by  marching  outward  from  the  body,  an  exact  location  for  the  outer 
boundary  can  not  be  prescribed  nevertheless,  an  approximate  location  for  the  outer  boundary  can 
be  specified  through  proper  selection  of  the  cell  volumes  used  in  Eq.  (ic).  The  cell  volumes  are 
defined  by  connecting  straight  lines  between  the  surface  boundary  and  the  desired  outer  boundary 
shape.  A  prescribed  clustering  is  then  used  to  define  the  points  along  each  c  line.  These  cell  vol¬ 
umes  are  then  used  in  Eq.(lc)  for  the  marching  process.  Ths  resulting  outer  boundary  will  be  close 
to  the  desired  boundary.  If  a  more  exact  outer  boundary  shape  is  needed,  the  computed  grid  points 
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can  be  reclustered  in  the  ;  direction  to  allow  that.  This  is  accomplished  by  calculating  the  inter¬ 
section  of  the  computed  c  lines  with  the  desired  boundary.  The  grid  points  are  t.ien  obtained  by  re¬ 
distributing  points  between  the  body  and  the  calculated  intersection  points  alon^  each  line  using  the 
prescribed  clustering.  Although,  the  grid  remains  body  normal,  a  significant  amount  of  mesh  skew¬ 
ness  can  be  introduced  especially  if  the  desired  outer  boundary  is  relatively  close  to  the  body  sur¬ 
face.  This  can  be  remedied  by  adding  an  e::tra  global  marching  pass  to  improve  the  quality  of  the 
grid.  This  is  done  by  computing  new  cell  volumes  at  the  end  of  the  first  global  marching  step  and 
using  that  as  the  specified  cell  volume  for  the  second  global  step. 

3.  FLOW  SIMULATION  PROCEDURE 

Although  in  the  current  study  ve  are  dealing  with  predominantly  supersonic  flows,  some  regions 
of  the  flow  field  may  contain  pockets  of  embedded  subsonic  flow  and/or  axial  separation-  In 
such  regions,  the  flow  equations  are  elliptic,  precluding  the  use  of  the  more  efficient  space- 
marching  techniques  such  as  the  parabolized  Havier-Stokes  (PUS)  codes  (e  g.  Ref.  [9])  Instead, 
a  time-dependent  procedure  (F3D)is  used  to  find  the  steady-state  solution  of  the  three-dimensional 
conservation-law  form  of  the  Reynolds -averaged  Ilavier-Stokes  equations. 

3.1  Numerical  Procedure 

The  unsteady  Navier-Stokes  equations  with  the  thin-layer  approximation  in  a  strong  conservative 
form,  can  be  written  as: 

Q,  f..-  F„  a-  ■  He  ‘,S  (4) 

where  Q  is  the  dependent  variables  vector.  F.F  and  (•  are  the  inviscid-f lux  vectors,  and  the  is 
contribution  from  the  viscous  terms.  These  vectors  are  given  in  Ref . [2] . 

A  first  or  second  order  upwind  differencing  is  used  in  ^  (  streamwise)  direction  while  a  second 
order  central  differencing  Is  used  in  t}  (meridional)  and  v  (normal)  directions  The  implicit  non¬ 
iterative  two-factored  scheme  developed  in  Ref  .  (2]  is  used  to  solve  Eq.(‘4).  In  this  scheme,  the  flow 
variables  at  time  step  n  r  t  are  obtained  from  : 

-(?")  -  ■  s!iE  )"  ■  -  bicr  Re  (5) 

where,  la  the  central  operator. i**  is  the  backward  operator  is  the  forward  operator  and  6  is 
the  midpoint  central  operator.  In  Eq.(5).  iT  ‘  is  a  lower  block  triangular  matrix  and  j1  is  an  upper 
block  triangular  matrix  and  they  are  given  by: 

£*■(/-  hM6';A-  h‘C  Re-H.{J-'\U]) 

C  {.!  ■  hMbik-  ~  b'^D) 

where  the  5  «  h  matrices  A'.U.C  and  M  are  the  flux  Jacobians  of  the  fluxes  E'.h.a  and  '  respec¬ 
tively. 

Equation  (6)  is  solved  by  a  sequence  of  '^n«*-'?-men£ional  like  inversions.  In  practice,  smooth¬ 
ing  terms  are  added  in  the  f?  and  c  directions  where  central  spatial  differencing  is  used.  Tne 
smoothing  consists  of  second  order  implicit  terms  and  combination  of  second  and  fourh  order  explicit 
terms.  Also,  free  stream  is  subtracted  as  a  base  solution  to  reduce  the  numerical  differencing  er¬ 
ror 

In  the  above  formulation,  upwind  differei.cing  is  used  in  the  streamwise  direction.  In  hypersonic 
flows,  the  bow  shock  is  typically  more  aligned  with  v  lines  than  with  the  ^  lines  especially  near  the 
nose  section  where  the  bow  shock  is  the  strongest-  Therefore,  it  would  be  more  advantageous  to  use 
upwind  differencing  in  the  c  direction  and  central  differencing  in  the  ^  and  r;  directions.  I'fithout 
making  significant  changes  to  the  code,  upwind  differencing  can  be  utilized  in  the  outward  direction 
by  simply  interchanging  i  with  c  and  neglecting  the  implicit  portion  of  the  viscous  terms  in  Eq.(5) 
resulting  in: 

rC^Q"'  Q")  -  ^HbHa-y  -b!{G  )''  -  b',F"  -  biL’'  Re  '6.s")  (6) 

where . 

c  - 1;  *  fiAiil'c*  *  «.i) 

(/  •  h:^ib!cr  +  b’B) 

Here  C'-  is  the  flux  jacobian  of  (>  It  must  be  noted  that,  while  upwind  differencing  is  used  for 
the  invlscid  flux  in  the  <;  direction,  the  viscous  flux  on  the  right  hand  side  of  Eq.(6}  is  still  cen¬ 
trally  differenced  using  the  midpoint  operator. 

The  above  alternative  formulation  produces  sharper  bow  shocks  as  will  be  show  later.  Moreover,  by 
interchanging  the  algorithm  this  way.  the  streamwise  axis  singularityCat  which  the  grid  transforma¬ 
tion  Jacobian  is  infinitelis  tied  to  central  differencing  rather  than  the  most  sensitive  upwind  dif¬ 
ferencing.  The  obvious  drawback  is  that  the  viscous  terma  are  treated  explicitly.  This  proved  to 
reduce  the  maximum  allowable  time  step  increment  resulting  in  slower  convergence  rates.  The  possi¬ 
bility  of  modifyng  the  code  in  order  to  retain  the  implicit  viscous  terma  in  Eq.(6)  will  be  addressed 
in  a  forthcoming  report. 

The  normal  flux  split  formulation  is  implemented  into  the  code  as  an  option.  An  input  control  pa¬ 
rameter  activates  the  calls  to  the  appropriate  boundary  conditions  subroutine.  In  order  to  compare 
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cha  two  formulations,  the  inviscid  flow  around  tha  shuttle  nose  at  Mach  nusber  of  =7.9  and  25  de¬ 
grees  angle  of  attack  was  selected  as  a  test  case.  The  grid  in  the  pitch  plane  of  symnetry  is  shown 
in  Fig.  2.  Figures  3  and  4  show  the  computed  steady  state  mach  number  contours  in  the  pitch  plane 
of  symmetry  obtained  using  streamwise  flux  split  (Eq.(6))  and  normal  flux  split  (Eq.(6)).  respec¬ 
tively.  It  is  clearly  seen  that  the  normal  flux  split  yields  a  much  sharper  bow  shock  definition 
near  the  nose  and  in  the  windward  region  where  the  shock  is  roughly  aligned  with  ^^constant  surfaces. 
However,  both  the  streamwise  and  normal  flux  split  result  in  shock  smearing  in  the  downstream  por¬ 
tion  of  the  leeside.  This  is  because  the  bow  shock  there  is  no  longer  aligned  with  either  the  c 
i  surfaces  as  could  be  seen  from  che  grid  in  Fig.  2.  It  is  worth  noting  that,  with  the  normal  flux 
split,  a  simple  grid  adaptation  where  the  grid  points  are  allowed  to  move  on  the  ^  lines  can  solve 
this  problem.  In  general,  a  formulation  in  which  flux  splitting  is  utilized  in  both  the  streamwise 
and  normal  directions  may  be  more  suitable  for  general  hypersonic  flow  problems. 

3.2  Boundary  Conditions 

At  ^  =  0  (body  surface),  the  viscous  no-slip  condition  is  imposed.  The  normal  momentum  equation 
is  used  to  compute  the  surface  pressure.  In  addition,  either  an  adiabatic  wall  condition  or  a  pre¬ 
scribed  wall  temperature  are  specified.  At  <;  =  (outer  boundary),  the  bow  shock  can  either  be 

fitted  or  captured.  In  the  bow-shock-capturing  calculations,  the  boundary  values  are  fixed  at  its 
free  stream  values.  With  the  bow  shock  fitted,  its  location  as  well  as  the  flow  variables  behind  it 
are  determined  from  the  shock  fitting  procedure  of  Ref.[lOl.  The  shock  is  allowed  to  move  along  the 
curved  c  lines.  The  original  clustering  is  maintained  by  redistributing  points  along  s  lines  after 
each  time  step  to  adjust  for  the  bow  shock  movement. 

In  the  present  study  only  cases  with  bilateral  symmetry  are  considered,  and  the  boundary  conditions 
in  the  meridional  direction  rf  enforces  symmetry  conditions  at  the  r;  -  0  (leeward)  and  r?  -  (wind¬ 

ward)  planes.  The  symmetry  is  imposed  through  the  use  of  reflection  points  on  the  opposite  sides  of 
the  leeward  and  windward  planes . 

At  ^  =  0.  either  axis  ("C-O"  mesh)  or  inflow  ("H-0"  mesh)  boundary  conditions  are  imposed.  At  the 
axis  the  boundary  conditions  are  obtained  by  extrapolating  and  then  averagirig  the  flow  variables  from 
the  surrounding  points.  When  upwind  differencing  is  used  in  the  streamwise  direction,  the  flow  vari¬ 
ables  at  the  first  set  of  grid  points  away  from  the  axis  is  obtained  by  interpolation  to  avoid  inte¬ 
grating  the  equations  of  motion  at  these  points.  This  interpolation  step  is  not  needed  vhen  central 
differencing  is  used  in  the  streamwise  direction.  At  the  inflow  boundary,  all  the  flow  variables  are 
specified.  At  ^  (outf low  boundary)  an  extrapolation  formula  consistent  with  supersonic  outflow 

is  used. 

All  the  boundary  conditions  are  implemented  explicitly  in  the  code.  While  the  use  of  explicit 
boundary  conditions  with  an  implicit  scheme  does  cause  some  degradation  of  the  convergence  rates,  the 
use  of  explicit  boundary  conditions  allows  the  user  to  tre'at  different  flow  problems  by  merely  chang¬ 
ing  the  boundary  conditions  routines  without  changing  the  rest  of  the  code. 

4.  RESULTS 


The  current  grid  generation  and  flow  solution  procedures  have  been  used  to  simulate  the  hypersonic 
flow  field  around  the  shuttle  orbiter  and  a  generic  wing-body  configuration. 

4 . 1  Shuttle  Orbiter 

Figure  5a  shows  an  overall  view  of  the  mesh  generated  for  the  orbiter  while  Fig.  5b  sho-s  the  de¬ 
tails  of  the  grid  near  the  body  surface.  The  three  dimensional  mesh  is  displayed  by  shoring  the  sur¬ 
face  grid  (c  -0).  the  grid  in  the  plane  of  symmetry  (r/  =  0  and  rj  )  and  the  grid  at  the  exit 

plane  (  (  -  )•  It  is  seen  that  the  grid  is  well  behaved  and  is  body  normal.  In  generating  the 

mesh,  an  estimate  for  the  bow  shock  location  was  made  and  the  appropriate  values  for  the  cell  volume 
were  chosen  to  result  in  an  outer  boundary  location  suitable  for  shock  capturing  computations.  The 
boundary  procedure  corresponding  to  Fig.  la  ("C-O"  me8h)is  used  where  the  two  relations  y  -  y(r)  and 
2  -  2(r)  are  employed  at  the  axis.  At  the  outflow  ooundary  the  relation  x  -  const nvt  is  employed. 

The  value  of  the  constant  is  determined  from  the  surface  grid  The  grid  is  compromised  of  54  points 
along  the  body,  6l  points  in  the  cross  section  and  45  points  in  the  outward  direction. 

The  flow  conditions  are  -  7.9  and  q  2-^  degrees,  and  a  constant  wall  temperature  of  540  de¬ 

grees.  The  Reynolds  number  (based  on  the  orbiter  total  length)  is  1.46'10'\  The  flow  was  assumed 
to  be  laminar.  These  flow  conditions  correspond  to  the  wind  tunnel  experimental  data  of  Ref.  [11] . 
The  calculations  were  performed  using  the  streamwise  flux  split  option.  The  result  of  the  computa¬ 
tions  in  the  region  where  the  wing  shock  interacts  with  the  bow  shock  are  shown  in  Figs.  6  and  7. 

Figure  6  shows  the  pressure  contours  at  a  typical  cross  section.  The  pressure  and  mach  number  con¬ 

tours  in  i  T]  ~  constant  plane  passing  by  the  wing  tip  are  shown  in  Fig.  7.  The  general  features  of 
the  flow  field  near  the  surface  is  indicated  in  Fig.  8  which  depicts  the  simulated  oilflow  pattern. 

Lines  of  cross  flow  separation  are  clearly  visible  on  the  upper  wing  and  on  the  top  part  of  the  or¬ 

biter.  Also,  a  line  of  axial  flow  separation  is  observed  on  the  top  surface.  Fig.  9  show  the  vari¬ 
ation  of «the  surface  pressure  along  the  windward  plane  of  symmetry  and  in  a  cross  plane  at  r  /  =  .796. 
The  experimental  data  at  !</  =  .8  is  also  shown,  and  it  seen  that  there  is  a  good  agreement  between  the 
computed  results  and  the  data.  The  steady-state  computations  required  about  7  MW  of  core  memory  and 
took  about  8  hours  of  CRAY  2  time. 
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■i.2  Generic  V.ing-Body  Geometr)'^ 

The  flow  about  a  generic  wing  body  configuration  was  also  computed.  The  flow  conditions  for  this 
case  are  2o.  o  -  S  degrees,  and  a  constant  v;all  temperature  of  3000  degrees  A  specific  heat 

ratio  of  1.2  was  chosen  to  simulate  the  real  gas  effects  at  high  freestream  Mach  number 

In  order  to  facilitate  the  solution  at  this  high  Mach  number,  a  segmentation  procedure (Ref  [l2j) 
in  wljich  the  flow  field  is  divided  into  two  regions  is  used.  The  boundary  between  the  to  adjacent 
regions  is  carefully  located  beyond  the  rounded  nose  where  the  outer  inviscid  flow  is  supersonic 
and  the  boundary  layer  is  attached.  This  ensures  the  absence  of  any  upstream  influence  between  the 
two  regions.  This  division  enables  the  use  of  shocr.  fitting  in  the  nose  region  where  the  shock  is 
strongest,  while  shock  capturing  is  used  in  the  downstream  section.  The  use  of  shock  capturing  in 
the  second  segment  avoids  the  tedious  process  associated  with  guessing  the  initial  bo-  shock,  shape 
for  the  shock  fitting  procedure. 

Tne  grid  in  the  second  segment  was  first  created  with  the  outer  boundary  located  far  a-ay  from  the 
body.  Then,  the  local  bow  shock  slope  at  the  end  of  first  segment  was  used  as  guide  for  determining 
a  more  appropriate  location  for  the  outer  boundary.  The  grid  points  were  then  redistributed  in  the  .• 
direction  to  reflect  this  new  location  as  explained  earlier.  The  boundary  procedure  corresponding  to 
Fig.  lb  ("H-Q”  meahlis  used  where  the  relation  r  constant  are  employed  at  the  inflow  and  the  out¬ 
flow  boundaries.  The  surface  and  resulting  computational  grid  (at  the  symmetry  plane  and  exit  plane) 
are  shown  in  Fig.  10.  The  grid  consisted  of  -45  points  in  the  streamwise  direction,  92  points  in  the 
meridional  direction  and  only  26  points  in  the  outward  direction  It  is  seen  that  the  grid  is  smooth 
and  body  normal  everywhere  except  at  £  where  one  of  the  orthogonality  equations  as  replaced  by 

the  relationship  x  constant  to  ensure  stable  marching. 

The  computation  was  firot  performed  with  the  original  flux  split  formulation  until  steady  state  was 
reached.  Then,  the  normal  flux  split  option  was  activated  to  produce  a  better  defintion  for  the  bow 
shock.  The  implicit  viscous  terms  on  the  left  hand  side  of  Eq.(5)  were  neglected  as  mentioned  be¬ 
fore.  This  forced  a  reduction  in  the  time  step  by  an  order  of  magnitude  thus  slowing  do/.n  the  con- 
'Mergence  considerably.  Figure  11  show  the  Mach  number  in  a  cross  plane  near  the  end  of  the  -/ehicle. 
The  pressure  contours  on  the  body  surface  are  shown  in  Fig.  12  It  is  seen  that  there  is  a  pressure 
rise  near  the  nose  and  near  the  wing  tip. 

CONCLUDItlG  REMARKS 

The  hyperbolic  grid  gi;neration  scheme  allows  the  generation  of  a  three  dimensional  body  normal  mesh 
suitable  for  viscous  flow  computations-  The  limited  outerboundary  control  is  suitable  for  hyper¬ 
sonic  applications.  A  aeth-  for  solving  the  viscous  hypersonic  flow  field  around  realistic  config¬ 
urations  on  the  CRAY2  comp-vwi  was  presented.  Flu:<  splitting  was  used  in  the  streamwise  and  normal 
directions.  The  normal  flu::  splitting  results  in  a  sharper  bow  shock  and  avoids  the  a::is  singularity 
problem  but  requires  more  iterations  because  of  the  e::plicit  treatment  of  the  viscous  terms 
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Fig.  I  Mesh  topologies  for  hypersonic  flow  computations. 
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Fig.  2  Cosiputatlonal  grid  around  the  shuttle  nose. 


Fig.  6  Pressure  contours  In  a  ^  constant  plane  near 
the  end  of  the  orbiter. 


Fig.  10  Conpucatioual  grid  for  a  generic  wing  body 
configuration. 


Fig.  11  Mach  niaber  contours  in  a  ^  constant  plane 
near  the  end  of  the  vehicle. 
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For  prediction  of  steady  supersonic  flow  fields  two  nuaerical  aethods  for  solution  of  the  three-diaensional 
Euler-  and  parabolized  Navier-Stokes  (PNS-)  equations  are  considered.  Both  are  based  on  a  Finite-Voluae  dis¬ 
cretisation  (FVD]  of  the  governing  c<M)servation  laws  and  because  of  the  special  properties  of  steady  super¬ 
sonic  flows  cost-effective  space-aarching  integration  techniques  can  be  applied.  Both  aethods  are  described 
and  results  for  inviscid  and  viscous  flows  are  presented. 

In  view  of  the  upcoaing  european  space  trasportation  activities  the  siaulation  of  hypersonic  flows  past  coa- 
plex  blunted  lifting  vehicles  requires  also  efficient  aethods  for  solution  of  the  full,  not-reduced  Navier- 
Stokes  equations.  These  are  needed  to  provide  solutions  for  super-  and  hypersonic  flow  fields  with  large  sub¬ 
sonic  regions  and  also  to  get  accurate  initial  conditions  for  the  space  aarching  codes  developed.  A  relaxation 
procedure  for  the  steady  fora  of  the  not-reduced  Navier-Stokes  and  the  Euler  equations  is  described  and  soae 
first  results  are  presented. 


1.  Introduction 

The  new  strong  interest  in  efficient  aerodynaaic  prediction  aethods  for  super-  and  hypersonic  flows  has  been 
stiaulated  by  soae  new  european  projects  and  advanced  concept  studies  in  the  field  of  high  speed  aissiles  and 
aerospace  transportation  systeas.  Basically  in  the  low  supersonic  flow  regiae  iaportant  aerodynaaic  quantities 
can  be  predicted  with  soae  success  by  considering  inviscid  coaputational  aethods.  However  in  the  high  super¬ 
sonic  or  even  hypersonic  region  the  flow  field  is  influenced  in  an  Increasing  aanner  by  viscous  and  real  gas 
effects  as  well  as  by  non-equil ibriua  cheaistry  phenoaena,  so  that  the  full  conservation  laws  have  to  be  taken 
as  the  starting  point  for  t^  developaent  of  valuable  nuaerical  prediction  tools.  Especially  froa  the  theore¬ 
tical  siaulation  of  flow  fields  around  vehicles  during  reentry  extreae  reliable  results  are  required  concern¬ 
ing  theraal  and  structural  loads.  On  these  answers  the  design  of  the  necessary  theraal  protection  systeas  and 
the  vehicles  payload  will  critically  depend.  Also  these  reentry  vehicles  will  fly  for  aost  part  of  their 
reentry  trajectory  with  high  angle  of  attack  so  that  strong  streaawise  vortex  systeas  on  the  wing  leeside  will 
be  generated  which  under  soae  circuastances  can  interact  with  existing  shock  systeas  resulting  in  extreae 
local  theraal  loads. 

To  aeet  these  requireaents  on  prediction  quality  aethods  based  on  the  parabolisation  of  the  Navier-Stokes 
equations  are  offered  as  a  coaproaise  between  accuracy  and  costs.  However  these  aethods  are  built  around  the 
assuaption  of  a  steady  supersonic  flow  field  with  the  particular  property  of  propagating  all  waves  and  distur¬ 
bances  downstreaas.  Essentially  this  fact  is  used  as  key  assuaption  for  construction  of  any  space-aarching 
aethod.  Therefore  any  physical  phenoaena  acting  upstreaa  will  be  the  cause  for  soae  probleas  in  a  space-aarch¬ 
ing  integration  procedure.  Soae  of  these  upstreaa  effects,  like  those  originated  froa  subsonic  regions  of 
supersonic  boundary  layers  can  be  overcoae  by  special  algorithaic  treataents.  But  recirculation  regions,  if 
presetit  in  the  flow  field,  will  effectively  suppressed  in  a  non-iterative,  one-sweep  space-aarching  method. 
What  can  be  siaulated  with  soae  success,  however,  are  streaiavise  or  vortex  separation  processes  which  occur 
frequently  In  flows  past  bodies  at  high  angle  of  attack. 

Even  with  the  restrictions  aentioned  space-eiarching  aethods  for  integration  of  the  parabolized  Navier-Stokes 
equations  are  attractive  tools  in  teras  of  storage  and  costs.  Only  data  planes  perpendicular  to  the  integra¬ 
tion  direction  (which  approximately  should  be  parallel  to  the  main  flow  direction)  have  to  be  considered  thus 
the  effort  to  solve  three-dimensional  probleas  is  reduced  to  that  needed  to  solve  two-dimensional  time-depen¬ 
dent  probleas.  Moreover,  by  space-aarching  methods  the  necessary  spatial  resolution  of  a  three-diaensional 
flow  process  can  be  achieved  without  running  into  storage  problems. 

Most  of  the  successful  applications  of  PNS-aethods  for  more  complex  geometries  follow  the  solution  approach  of 
Vigneron  et  al  [1]  and  Schiff  and  Steger  [2}.  Some  notable  examples  are  computations  of  flows  around  simple 
reentry  lifting  bodies  [3],  around  the  US-Space  Shuttle  assuming  ideal  gas  [4]  and  real  gas  behaviour  [S,6]  as 
well  as  flow  siauletions  pest  a  complex  fighter  configuration  [7].  In  all  these  works  cited  PNS-aethods  are 
used  which  are  based  on  a  finite-difference  discretisation  of  the  conservation  laws.  The  aethods  presented  in 
this  study  are  developed  as  finite-volume  schemes. 

In  the  following  sections  the  aethods  are  described  in  more  detail  and  results  for  the  inviscid  and  viscous 
schemes  are  presented.  As  test  cases  for  the  inviscid  code  the  flow;  around  two  different  forebodies  are  con¬ 
sidered.  Hypersonic  flows  along  a  compression  ramp,  around  cones  a»  incidence  and  around  on  a  ogive-cylinder 
configuration  are  chosen  to  demonstrate  the  capabilities  of  the  PNS-code. 

As  aentioned  previously  every  space-aarching  solution  depends  essentially  on  the  quality  of  the  initial  con¬ 
ditions  provided.  Only  for  pointed  bodies  free  stream  values  defined  in  the  cross-plane  at  the  very  tip  are 
sufficient  as  initial  conditions.  For  blunt  bodies  initial  solutions  have  to  be  supplied;  e.g.  by  not-reduced 
Navier-Stokes  aethods.  For  computation  of  steady  flows  an  iaplicit  LU-scheae  of  Jameson  and  Yoon  [8]  seems  to 
be  a  promising  method  with  soae  potential.  The  approach  can  be  viewed  as  a  deferred  correction  method,  where 
the  iaplicit  operator  only  approximates  the  corres;x>nding  flux  jacobians  to  first  order  in  space.  However,  the 
LU-factors  have  the  property  of  diagonal  dominance  and  therefore  are  well  conditioned  allowing  a  relaxation 
type  solution  of  the  steady  equation  set.  First  results  are  the  flow  around  a  hemisphere-cylinder  and  the  flow 
around  a  reentry  type  lifting  vehicle. 
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2.  Gov«rn1iif  EquAtions 

Th«  proper  starting  point  for  dovolopaant  of  a  Finlte-voluM  spaca-aarching  Mthod  is  tha  intagral  fora  of  tha 
sta«U^  ^wAta  cor.s«rvatioA  lava 


^  (Av  -t-  B)  *  nds  •  0  (1) 

Thara  S  Is  tha  surfaca  bounding  a  fixad  voluaa  In  spaca,  vhare  A  raprasants  a  cartain  proparty  convactad  with 
tha  aass  valocity  v  and  6  danotas  a  flux  assoclatad  with  A. 

Fro«  (1)  tha  spacific  consarvatlon  laws  for  aass,  aowantua  and  anargy  ara  racovarad  by  substituting  A  and  B  by 
following  quantitias 


continuity: 

A  =  P 

aoaentua: 

> 

ill 

enargy: 

*  =  £(<,4  -  p«  ♦  ^  p  |v-v ) 

B  ■  0 

B  -  0  (2) 

8  ■  -0*^  ♦  a 


In  usual  notation  p,  ^  and  g,  ara  introducad  as  tha  aass  dansl^^y,  tha  aass  velocity  vector  and  tha  heat  flux 
vector;  whereas  o  danotas  tha  strass  tensor,  tha  specific  total  energy  par-uni t*vo1uae  and  a  the  aass- 
spaciflc  Internal  anargy. 

To  Assure  a  general  applicability  of  tha  nuaaricat  aathod  it  Is  convenient  to  express  the  conservation  laws  in 
taras  of  a  generalized  curvilinear  coordinate  systaa  (x*.x*,xM  «  (E>n,t)  which  is  related  to  the  base 
cartesian  coordinate  fraae  (x**,x^',x")  *  (x,y,z)  by  soaa  aapping.  The  tensor  notation  applied  follows 
essentially  that  introducad  in  [9]. 

The  noraal  surface  vector  n,  dS  of  a  surfaca  alaaant  belonging  to  a  coordinate  surface  x'^  >  const  can  be 
written  as 


dS*'  -  n<'‘'dSt*'>  .  dsj;. 

where  dS^i  danotas  the  cartesian  coaponents  of  tha  noraal  surface  vector.  As  an  exaapla  tha  continuity 
equation  can  then  be  written  in  taras  of  vector  coaponents  as 

^  pv*'  dSfi  ■  0 

To  get  a  direct  f inita-voluae  discretisation  for  a  alaaantary  voIum  dV,  bounded  by  successive  surfaca 
eleaents  dS^  and  dS^  belonging  to  the  general  coordinate  surface  tha  aaan  value  theoraa  of  integral 

calculus  has  to  be  applied,  resulting  In: 


pv*  dS! 


3 

I 


[7^  «sj[,] 


(3| 


Her*  th«  d«U«  operator  should  be  understood  es  dj,  4s!|i3  -  [•••].-  [■■■],■  It  should  be  noted  that  the 
relation  represents  an  exact  eoyality  and  the  order  of  the  discretisation  error  is  deterained  by  the 
definition  of  the  aaan  value  and  by  the  accuracy  in  evaluating  the  coaponents  of  the  noraal  surfaca  vector 

The  above  procedure  leading  to  a  f inite-voluae  discretisation  of  the  continuity  aquation  can  be  repeated  in  an 
analogous  way  for  tha  aquations  of  aoaantua  and  energy.  Dropping  below  tha  bars  indicating  a  aaan  value  one 
gets,  after  splitting  the  stress  tensor  in  a  viscous  and  a  pressure  contribution  o  «  -pi  4-  o,  the  following 
equations 


{Ji4k  c(pv,,  v»'.  p«;;  - ;;;)  a*’  .  o 

J,*k  cicEtot  ♦  01  5!’  -  0 


(4) 

(5} 


The  systca  of  equations  (3-S)  is  closed  by  assuaing  a  perfect  gas 


p  «  (r-l)  pa 


(6) 


the  validity  of  Fourier's  law  of  heat  conduction,  where  X  denotes  the  coefficient  of  heat  conduction  and  c 
the  specific  heat  at  constant  voluae  '' 


2 


(7) 


and  by  assuaing  a  Nawtonian  fluid 
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0  -  (-P  aj.  +  0  a* 

5 » -Ju  V?;  a ♦  v  [v?;a;.+  (vt.).X' 

«p«nueni.e  cr  tne  visc^-ity  u  Is  taken  according  to  Sutherland's  fornola. 


(8) 


3.  Space-aarching  schaaes 
3.1  PNS-Mathod 

The  steady  state  conservation  laws  (3-6)  are  valid  in  the  entire  flow  regiae  and  show  matheaatically  for  sub¬ 
sonic  flows  an  .elliptic  bahavtour,  aeaningt  that  waves  are  carried  up-  and  downstreaas.  However  a  stable 
space-aarching  integration  can  on't./  be  assured  for  hyperbolic-parabolic  systems  of  equations,  which  requires 
the  suppression  of  any  elliptical  influenc^^  icting  into  the  integration  direction.  To  achieve  this  goal  ob¬ 
viously  all  viscous  and  diffusive  terms  affecting  the  main  floi>  direction  have  to  be  neglected. 

Assuming  that  the  main  flow  direction  is  approximately  in  parallel  the  c  'iir.ite  x'  =  4  (along  which  inte 
gration  should  be  performed)  and  that  the  coordinate  surfaces  x'  *  const,  are  parallel  to  the  cartesian  sur¬ 
faces  x^'  Ex  >  const.,  then  some  metric  simplifications  are  possible  and  the  conditions  for  elimination  of 
the  viscous  terms  in  (4)  and  (8)  can  be  expressed  as 


(4j  coj!  «s}.])  a‘’  =  0  (9.) 

vij  S}.  =0  (i’  =  (9b) 

Corresponding  conditions  for  the  ent..^  equatiwn  (5)  and  Fourier's  law  read: 

4)  t(-»  JI  V*'  +  q*')  4S},]  =  0  |9cl 

e,,8},  =■  0  (9d| 


It  can  be  shown  [1],  that  the  necessary  conditions  (9a-d)  are  not  sufficient  even  in  the  inviscid  limit 
(u«X)  *  0,  where  complex  eigenvalues  appear  for  subsonic  flow  (Ha<l}.  The  reason  for  that  behaviour  is  the 
upstream  influence  of  pressure  waves  in  subsonic  flow  regions.  Therefore  the  success  of  a  space-marching 
method  is  crucial  dependent  upon  the  modeling  and  the  approximations  of  the  strearmvise  pressure  gradient.  A 
possible  remedy  for  that  is  the  total  neglect  of  the  streamwise  pressure  gradient  which  from  the  mathematical 
point  of  view  fulfills  the  requirements  for  a  stable  space  integration  procedure.  However  accurate  results  can 
be  expected  only  for  some  hypersonic  flow  problems  [10]. 

In  first  order  boundary  layer  theory  one  of  the  basic  assumptions  is  that  of  a  zero  normal  pressure  gradient 
across  the  boundary  layer.  This  idea  is  carried  over  to  a  space-marching  approach,  widely  known  as  'sublayer 
approximation*  which  was  refined  and  extended  to  implicit,  non-iterative  schemes  by  Schiff  and  Steger  [2].  In 
the  development  of  that  technique  one  argue'  a  basic  assumption  of  boundary  layer  theory  taken  as  valid 

for  the  whole  viscous  layer  should  at  least  be  a  very  good  approximation  for  only  the  subsonic  portion  of  a 
supersonic  boundary  layer.  So  the  local  streamwise  pressure  gradient  from  the  supersonic  side  of  the  sub- 
sonic/supersonic  boundary  is  transferred  to  the  subsonic  zone  and  therefore  a  constant  value  is  taken  for  the 
whole  subsonic  layer.  However,  this  model  seems  to  generate  a  conistency  problem.  The  flux  jacobians  indeed 
possess  also  for  subsonic  velocities  real  eigenvalues  but  not  linearly  independent  eigenvectors,  which  should 
be  assured  for  hyperbolic  systems  of  equations. 

Consequently,  using  the  'sublayer  technique*  in  a  space-marching  integration  procedure  some  lower  bound  on  the 
integration  step  size  has  to  be  observed  [2,11]. 

A  somewhat  other  approach  is  taken  by  Vignefon  et  a1  [1].  They  ask  for  that  portion  w  of  the  streamwise 
pressure  gradient  which  is  allowed  to  be  considered  in  a  space-marching  procedure  with  the  intend  of  avoiding 
any  complex  eigenvalues  which  would  indicate  an  elliptic  behaviour.  Taking  the  cartesian  components  of  the 
velocity  vector  v,  as  u,v  and  w  then  under  the  metric  simplifications  introduced  the  flux  vector  £  correspond¬ 
ing  to  the  x‘-coordinate  can  be  written  as 


i  =  i  +  p 

i  =  6s}i(pu,  pu*  +  up,  puv,  puw,  fE^Q^+p)u)^  (10) 

£.  «  «s}.(0,  (I-«)p,  0,  0,  O)’^ 


In  [1]  it  is  shown,  that  complex  eigenvalues  for  (Ma^  «  u/c)  <  1 
(c-speed  of  sound)  are  always  prevented  by  the  relation. 


'  •  1  .  |F-lt  H.» 


)M4,<1| 


(11) 
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There  a  is  a  paraaieter  (a<l)  supplied  for  security.  The  experience  has  shown  that  instabilities  in  non-iter¬ 
ative  space-marching  schemes  do  not  occur  If  g  is  taken  as  zero.  In  comparison  to  the  'sublayer-approximation* 
a  step  size  limitation  do  not  exist.  This  fact  is  of  some  importance,  because  the  start  of  the  integration  is 
possible  from  the  very  tip  of  a  pointed  body  by  providing  only  the  free  stream  values  as  initial  data.  It  is 
♦his  particuUr  proiserty  which  has  lead  to  the  application  of  the  'Viqneron-technique'  in  the  space-marching 
method  presented. 


3.1.1  Numerical  Scheme 

For  the  numerical  solution  of  the  PNS-equations  (3-5)  an  implicit  Beam-Warming  scheme  is  adopted.  The  develop¬ 
ment  of  the  scheme  is  most  easily  presented  by  writing  (3-5}  with  the  corresponding  parabolisation  require¬ 
ments  (9)  in  symbolic  form 

4ii  ♦  *  ^*  *£  ■  ^’  '  ® 

There  the  vectors  £,£.  and  G  denote  the  inviscid  flux  vectors  according  to  the  generalized  coordinate  direc¬ 
tions  x‘  =  5,  X*  =  n  and  x”  «  5.  whereas  the  viscous  and  diffusive  fluxes  in  the  cross-plane  directions  x»  and 
x'  are  gathered  into  the  vectors  F^  and  6^.  As  illustrated  in  Fig.  1,  the  space-marching  scheme  solves  for  the 
flow  variables  in  the  cross-plane  x‘  =  i<rl  and  the  corresponding  finite  volume  is  defined  by  the  coordinate 
planes  x*  (i,i  +  l);  x*  (j,j+ll  and  x*  ♦  (k,k+l).  For  the  flux  difference  across  the  cell  one  may  write  e.g. 
a  Then  an  integration  scheme  of  at  most  second  order  (B  *  1/2)  in  x'-direction  reads 


(ii+l-ii)  ♦  tl-e)  [A,  (F-F^)  ♦  A,  (G-G^)]^ 

+  B  CA,  IF-F^)  ♦  A,  +  l  =  - 

By  defining  the  solution  vector  as  £  «  (p,  pu,  pv,  pw,  ^tot^^*  linearized  with  respect  to  £.  Taking 

inlj  account  the  'V igneron-spl itt ing'  (10)  linearization  results  in  the  following  relations. 

ii.l  =  a*  +0(«q| 

if.i  - 

f.i.1  *  a,.!  ♦  0  (Sq>) 

Shi  •  ai+i  ♦  0  i«qM 

£v  HI  =  +  0  |«q>l 

Sv  HI  *  Sv,  ♦  ohi  ♦«>(«<?■) 


In  (14)  is  fact  is  exploited  that  the  inviscid  and  viscous  flux  vectors  are  homogeneous  function  to  first  and 
zeroth  degree  (e.g.:  li  «  A-  M-  »  0),  supposing  linearization  of  the  viscous  flux  vectors  is  done 

'  i ♦ 1  i+l 

according  to  C12].  In  reading  the  functional  matrices  e.g.  Aj  ^  «  Oi/9£)j  \  it  is  understood  that  the  upper 
index  indicates  the  position  in  x‘-direction  at  which  the  metric  is  evaluated  whereas  the  lower  index  points 
out  where  the  expressions  of  dependent  variables  are  formed. 

Using  (14)  the  scheme  (13)  reads 

|>5I 

♦  <81*  aj-ijl  -  *t4.F  +A.GJi  ♦  t4.(L-£^l  <■  4,(G-S^)]j  .  0 
Numerically  more  suitable  is  the  delta-formulation  of  (15).  By  defining  Bg  «  £^^2  -  £^  one  arrives  at 

{Ai*‘  t  t  [4,(8j**^^-«'t'^^l*4,(c|*'^^-N't>/2|])  5^ 

'  '  l‘®l 

-  -[(Ri  -*i  )ai-£i]-C4.1F-F,-D,Hq,(G-6^-D,|], 


By  choosing  the  values  of  the  solution  verlables  et  the  cell  surfaces  by  the  simple  algebraic  mean  according 
to  £^  ■  ‘/,  (£^_v#  ♦  Ai+i/  )*  «  finite-volume  PNS-space  marching  scheme  is  similar  to  a  central  difference 
scheme  with  the  consequeh6e  that  (16)  has  to  be  supported  by  some  artificici  dissipation  fluxes.  The 
construction  of  the  dissipation-operetors  0^  and  corresponding  to  the  coordinates  x*  and  x*  is  essentially 
that  of  Jameson  et  al  [13].  There  coupled  second  and  fourth  order  conservative  operators  are  used  adaptively. 
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At  shocks  the  fourth  order  dissipation  is  turned  off  continucously,  degrading  the  nuaerical  Method  to  first 
order  accuracy.  However  in  flow  regions  with  saooth  pressure  variations  and  appropriate  Metrics  the 
f inite-voluMe  scheMe  Maintains  a  leading  second  order  discretisation  error.  Details  about  the  adJustMent  of 
the  dissipation  operators  can  be  found  in  [14]. 

It  St-:  Id  be  p^'nt::!  out,  Chat  the  success  of  the  f inite-voluMe  PNS'method  is  crucicl  dependent  upon  the 
proper  treatMent  of  the  flux  diffences  in  x’-direction.  This  is  expecially  true  for  the  flux-vector  ^  intro* 
duced  in  (10)  according  to  Vigneron  [1].  It  turns  out  (15)  that  the  Metric  variation  of  the  cell  faces 
along  the  integration  direction  should  not  be  neglected  in  considering  the  vector  P.  Only  the  portion 
can  assuMed  to  be  zero  for  an  ieplicit,  non-iterative  f inite-voluMe  PNS-Method. 

The  solution  of  (16)  is  accoMplished  using  the  delta-foreulation  of  the  approxiMate  factorization  algorithM 
after  BeaM  and  WarMing  [15].  According  to  [15]  the  iMplicit  operator  in  (16)  is  approximated  by  a  product  of 
one-dimensional  operators. 


a, 

l  L.3 

«a  =  RHS(161 

L, 

+  n, 

L, 

*  n, 

A11  necessary  boundary  conditions  are  formulated  implicitly.  To  improve  the  stability  of  the  scheme  also  the 
second  order  dissipation  operator  is  included  implicitly.  The  results  presented  below ‘^a re  calculated  with  the 
choice  of  B^l,  th.::  degrading  the  scheme  to  first  order  accuracy  into  the  integration  direction. 

3.2  Euler-Method 

for  an  inviscid  steady  supersonic  flow  the  corresponding  conservation  laws  (3-5)  are  purely  hyperbolic  in  the 
main  flow  direction.  Because  in  an  inviscid  flow  steep  gradients  like  those  present  in  viscous  shear  layers 
have  not  to  be  resolved,  explicit  integration  methods  can  also  be  applied  cost-effectively.  Additionally  it  is 
possible  to  solve  directly  for  the  flux  vector  £,  which  avoids  those  linearization  errors  present  in  any  non¬ 
iterative  one-sweep  PNS-method.  So  the  scheme  is  conservative  with  respect  to  the  flux  vector  £. 

A  second  order  3-stage  scheme  is  applied  which  can  be  considered  as  a  fix-point  iteration  procedure.  In  symbo* 
lie  form  the  Euler-cquations  can  be  written  analogeously  to  (11)  as 


A.  E  +  S(q)  *  0 

S(q)  =  A,(F-0,|  +  A,(6-JEt,) 

T-he  upper  ind«x  indicates  the  integration  stage  the  scheme  takes  the  form 
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Because  the  flux  vector  £  is  integrated  directly  as  a  dependent  variable,  at  each  stage  of  the  scheme  the  flux 
vector  ^  has  to  be  decoded  to  get  the  primitive  variables  which  are  needed  to  form  the  fluxes  representing  the 
operator  S|q).  An  explicit  scheme  like  (19)  has  to  observe  a  stability  conditions  which  limits  the  maximum 
integration  step  size.  The  corresponding  CFL-condition  reads 


W  S;  S-‘  Q)  s  z 

where  denotes  the  spectral  radius  of  the  indicated  matrix  products, 
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4.  Method  for  Steady  Compressible  flow 

Most  of  the  methods  for  numerical  solution  of  the  steady-state  compressible  conservation  laws  are  based  on 
time-marching  integration  procedures.  In  most  implicit  schemes  the  time  coordinate  is  used  as  a  means  to 
provide  some  sort  of  diagonal  dominance  in  the  coefficient  matrices  which  result  after  discretisation  of  the 
implicit  operator  chosen.  In  advanced  explicit  methods  time  and  space  discretisation  have  been  separated  to 
allow  the  application  of  efficient  integration  schemes  developed  for  ordinary  differential  equations  [13]. 

Without  using  the  time  coordinate  in  implicit  schemes  diagonal  dominance  can  also  be  assured  by  suitable  im¬ 
plicit  operators,  which  in  general  however  possess  a  worse  discretisation  error  compared  to  those  for  which 
the  method  is  designed.  This  feature  leads  almost  automatically  to  a  approximate  Newton-iteration  method, 
where  the  stable  implicit  operator  only  approximates  the  true  Jacobians  to  some  order. 


r 
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An  approach  belonging  to  the  latter  class  of  deferred-correction  relaxation  scheaes  is  that  of  Jaaeson  and 
Yoon  C8»  16],  where  the  iaplicit  operator  is  inverted  by  a  particular  variation  of  the  syaaetric  over-relaxa- 
tion  algoritha,  called  LU-SSOA  aethod.  Soae  key  features  of  the  scheae  are  developed  below. 

Defining  the  descrete  residual  of  13-51,  resulting  froa  a  cell-centered  finite  voluae  scheae,  analogeously  to 
the  representation  in  (11)  as 


i  •  A.  (i-£^)  ♦  (F-F^)  ♦  (S-G^) 


(20) 


Then  a  Newton  iteration  would  read 


M  n  n  n 
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L  where  the  upper  index  indicates  the  iteration  count  and  5^  is  defined  as  In  general  the  formation 

E  and  invertion  of  the  functional  aatrix  dR/dg.  is  too  costly,  so  that  an  approximate  form  has  to  be  found  such 

w  that  the  invertion  is  easy  and  stable.  A  choice  which  has  been  found  beneficial  [17]  resembles  that  of  flux- 

V  vector  splitting.  Recause  the  particular  construction  only  influence^  ^he  implicit  operator  a  rather  crude 

I  choice  fulfills  the  requirements  for  diagonal  dominance  of  the  coefficient  matrices.  An  appropriate  approxima- 

I  tion  to  the  functional  matrix  in  eq.  (21)  could  be: 


(•3?)  *  ♦  O^B  ♦  D^C  “  L  D-'  U  {22) 

4s  n,  Cs  «  s  s 

where  the  difference  operators  0^  etc.  are  defined  as* 

0^  A  “  A^A*  +  7^A+ 


and  A,  and  7^  are  the  usual  forward  and  backward  difference  operators,  respectively.  The  experience  shows  that 
in  pr Tnciple^only  the  invisctd  flux  jacobians  have  to  be  introduced  into  the  implicit  operator,  also  for  vis* 
cous  calculations.  The  optimal  choice  is  currently  under  investigation. 

Now  the  flux  jacobians  A*^  and  A~  etc.  are  defined  in  such  a  way  that  they  possess  only  non-negative  and  non- 

»  « 

positive  eigenvalues 
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That  is  achieved  by  defining  r^  as  a  value  which  has  to  be  equal  or  larger  than  the  spectral  radius  of  R. 

By  sweeping  forward  and  backward  through  the  field  it  turns  out  that  the  functional  matrix  defined  in  (22)  can 
further  be  approximated  by  the  factorization  L  U  of  strictly  lower,  diagonal  and  upper  matrices.  So  the 
basic  scheme  can  be  written  as 


(L  D-'  U)  «a"  . 

with 

L  =  V,  A*.V„B^+V,c'*-A'-B"-C' 

®  *  Ca  *  ’’B  *  ''€>  I 

U  =  A,A‘  +  4.fl”+4,C”+A'*+B'*.C''' 

«  W  n,  Vs  s  e  s 


To  solve  (24)  the  following  cost-effective  variation  is  possible,  which  avoids  the  explicit  computation  of  the 
Jacobian  matrices.  The  particular  steps  are 


*a),j,k  *  Slio.k  *3i.j.k 

*a?,j,k  *  fii|j,k  •*^i,j,k'*ii.l,j,k'*£.f  .j+l,k'*£i,j.k+ll 


(26) 


where 


«i*  *  E*<i)  -  i*  fa") 
«£*  =  i*(ii  -  i*  la" I 


The  experience  with  such  a  scheme  and  variations  thereof  will  be  reported  elsewhere.  However  it  should  be 
noted  that  full  vectori2ation  along  planes  i  >  J  ♦  k  »  const,  is  possible. 

S.  Results 

S.l  Spece*-Merch1ng  Computations 
tnviscid  Flow: 

As  a  test  case  for  a  typical  pointed  body  the  NASA-^forebody  4  [18]  was  chosen^  which  has  the  advantage  of  an 
analytically  defined  shape.  The  flow  at  Ma.  ~  1.7  and  an  angle  of  attack  a  =  '5*  presents  some  difficulties 
for  inviscid  supersonic  space-marching  schemes,  because  a  negative  angle  of  attack  produces  in  a  region 
(04x50,4)  near  the  nose  subsonic  values  for  the  velocity  components  in  integration  direction.  A  purely  super¬ 
sonic  space-marching  scheme  fails  completely  in  such  situations.  For  that  reason  the  method  described  above 
was  modified  to  aiiow  for  so-called  marching  subsonic  regions  by  including  the  *Vigneron-approximation* 

(10-11),  which  assures  a  hyperbolic  system  of  equations.  In  Fig.  2  the  geometry  of  the  forebody,  the  wall 
pressures  at  the  upper  and  lower  side  in  the  symmetry  plane  and  the  Mach-number  distribution  in  that  plane  are 
depicted.  In  comparison  to  the  experimental  data  the  numerical  results  show  an  excellent  agreement  apart  from 
some  small  deviations  present  at  the  nose  region  (04x4  0.2).  As  indicated  in  the  Mach-number  distribution 
the  finite-volume  space-marching  scheme  presented  captures  all  discontinuities.  So  problems  are  avoided  in 
such  situations  where  the  outer  bow  shock  is  interfered  by  shock  systems  produced  at  a  geometrical  disconti¬ 
nuity. 

As  an  expai^le  for  a  realistic  configuration  where  such  a  problem  can  occur  in  principle  a  fighter  aircraft 
forebody  is  considered  (Fig.  3).  At  Ha,  »  1.6  and  a  »  0*  the  Mach-number  distribution  in  the  symmetry  plane 
shows  beside  the  outer  bow  shock  a  second  shock  originated  by  the  canopy-fuselage  intersection  and  a  strong 
expansion  process  in  the  upper  portion  of  the  canopy.  A  more  complete  insight  is  provided  by  corresponding 
Mach-number  distributions  of  selected  cross-sections.  The  flow  features  at  stations  x  *  const,  just  in  front 
and  behind  the  canopy-fuselage  intersection  show  a  distinct  horseshoe  structure  of  the  canopy  shock,  which 
extends  below  the  intersection  line.  At  this  point  it  should  be  emphasized  that  a11  space-marching  computa¬ 
tions  were  started  from  a  plane  at  very  nose  tip  with  freestream  values  as  initial  data. 

Viscous  Lamintr  Flow: 

The  implicit  finite-volume  space-marching  scheme  was  tested  first  at  quasi  two-dimensional  geometries  and  for 
laminar  flow  conditions.  For  that  reason  the  supersonic  flow  past  a  flat  plate  was  considered  to  get  some 
insight  into  the  performance  of  the  code.  The  specific  parameters  chosen  are: 

Ma,  ■  3;  Re  *  I0*/m,  Pr  =  0.71;  ■  293  K;  adiabatic  wall 

For  comparison  computations  were  also  done  using  a  time-dependent  finite-volume  Navier-Stokes  (TNS)  method 
developed  by  Haase  et  al  [19].  To  simulate  two-dimensional  conditions  in  the  three-dimensional  PNS-code  sym¬ 
metric  side  conditions  were  applied.  Additionally,  in  order  to  guarantee  same  conditions  concerning  spatial 
resolution  an  identical  mesh  structure  normal  to  the  plate  was  adopted. 

Fig.  4  shows  at  two  different  stations  x  *  const,  the  resulting  velocity  and  density  profiles  for  both 
methods.  Remarkable  deviations  can  not  be  identified  for  the  station  near  the  leading  edge  (x  «  0.05  m)  nor 
for  the  station  (x  «  0.41  m)  further  downstreams.  This  should  be  noticed  because  the  PNS-method  presented  do 
not  need  an  initial  solution  provided  by  a  TNS-method. 

Considering  for  that  case  the  pressure  and  skin  friction  coefficients  c-  and  c^  as  functions  of  plate  length 
(Fig.  5)  only  small  differences  between  the  TNS  and  PNS-method  arc  visible  for  x  <  0.001  w.  The  open  symbols 
representing  the  result  of  the  TNS-code  indicate  indirectly  the  strcamwise  grid  point  density  of  the  TNS-mcsh 
at  the  leading  edge.  The  slight  oscillations  of  the  PNS-method  at  the  leading  edge  are  effects  of  the  initial 
conditions,  the  insufficient  mesh  resulution  in  normal  direction  at  the  leading  edge  as  well  as  strong 
pressure  gradients  in  normal  direction,  which  appear  as  a  result  of  the  strong  viscous-inviscid  interaction  in 
that  region  leading  to  the  formation  of  an  oblique  shock  wave  emerging  from  the  leading  edge.  An  improvement 
of  that  behaviour  can  be  achieved  by  adjusting  the  free  scaling  parameters  of  the  dissipation  operators. 

As  a  second  two-dimensional  test  case  the  laminar  hypersonic  flow  past  a  compression  corner  is  considered. 

This  problem  is  an  interesting  case  for  PNS-methods  because  for  the  specific  flow  parameters 

M».  *  14.1;  =  1.04-10®,  Pr  .  0.72,  .  72.2  K,  .  297  K;  corner  angle  IS* 

A  recirculation  bubble  in  the  corner  region  was  not  observed  in  corresponding  experiments  performed  by  Holden 
and  Moselle  [20].  Also  available  for  that  flow  problem  are  theoretical  solutions  obtained  by  a  TNS-[21]  and  a 
PNS-method  [22]. 

Fig.  6  illustrates  the  flow  topology  and  the  principal  flow  phenomena  together  with  the  pressure  distribution 
predicted  by  the  finite-volume  PNS-method.  Clearly  to  recognize  are  the  leading  edge  shock  wave  and  the  forma¬ 
tion  of  the  bended  corner  shock  wave  as  a  result  of  the  interaction  with  the  incoming  disturbed  flow  field. 


17-8 


In  Fig.  7  the  wall  pressure  coefficient  (defined  as  c_  *  P^/(pU*„))  as  well  as  the  heat  transfer  coefficient 
(defined  as  =  (-\  f^J^/IpCpU.AT),  AT  *  -  T^)  fire  presented  as  functions  of  body  length.  Also  depicted 

are  the  experimental  and  theoretical  data  fro*  C20,21,22].  It  is  obvious  that  almost  the  same  pressure  vana* 
tions  are  obtained  for  the  flat  plate  region  from  all  theoretical  methods  available.  This  differs  considerably 
along  the  wedge  region,  where  deviations  are  more  pronounced.  However  the  result  from  the  PNS-code  of  Lawrence 
et  al  C22]  seems  to  be  the  best  fit  to  experimental  data.  Another  impression  is  obtained  by  considering  the 
corresponding  heat  transfer  predictions.  Obviously  the  present  PNS-method  and  the  TNS-method  of  Hu^'g  and  Mac- 
Cormack  C2l]  yield  identical  results  along  the  flat  plate.  The  PNS-method  [22]  shows  better  agreement  with 
experimental  data  there,  but  some  inconsistencies  are  noticed  for  x/L  >  1.5,  which  also  was  pointed  out  in 
[22].  In  comparison  the  TNS-method  [21]  and  the  present  scheme  show  an  similar  asymptotic  behaviour  for 
x/L  >  1.6. 

However  compared  to  the  TNS-result  both  PNS-codes  overpredict  considerably  heat  transfer  in  the  region  just 
behind  the  corner,  which  is  due  to  the  total  suppression  of  upstream  influence  being  common  to  all  non-itera¬ 
tive  one-sweep  PNS-methods.  The  reason  for  the  systematic  deviation  of  all  theoretical  results  from  experi¬ 
mental  data  along  the  flat  plate  is  up  to  now  not  settled. 

An  important  test  case  for  any  three-dimensional  PNS-code  represents  the  flow  around  a  pointed  cone  at  high 
angle  of  attack.  Suitable  experimental  data  were  provided  by  Tracy  [23],  who  has  investigated  cones  with  10* 
half  angle  for  angles  of  attack  0*  $  a  s  24*  and  Ha.  *  8. 

The  observed  experimental  flow  topology  after  Tracy  [23]  is  shown  for  a  *  12*  and  24*  in  Fig.  8  The  data  are 
presented  in  a  plane  r  =  contt.  of  a  spherical  coordinate  system  centered  at  the  cone  tip.  Such  con\cal  coor¬ 
dinate  systems  are  beneficial  for  inviscid  cone  flow  simulations,  because  these  flows  show  an  exact  conical 
behaviour.  In  contrast  the  present  PNS-computations  are  performed  along  cross-planes  x  =  const,  perpendicular 
to  the  cone  axis,  so  that  corresponding  figures  show  some  distortion.  Between  both  geometrical  representa¬ 
tions  exist  the  simple  relation  r^/r^^^  *  tan  ((f^@/rQ^J  •  0j./tan  0«,  where  Tq  determines  the  distance  of  a 
point  in  the  r  *  const,  plane  to  the  cone  tip  and  the  normal  distance  to  the  cone  axis.  With  0^.  as  the 
cone  half  angle  the  corresponding  conditions  in  the  x  ^  const-plane  are  obtained. 

Fig.  9  shows  the  coordinate  systems  in  the  olanes  x  ®  const  for  both  angles  of  attack.  The  half-plane  meshes 
consisted  in  circumferential  direction  of  91  equally  spaced  points  and  81  points  in  normal  direction.  To 
achieve  a  high  solutici  quality  concerning  shock  wave  and  boundary  layer  resolution  a  procedure  for  generating 
a  solution-adaptive  grid  [24]  was  applied.  Therefore  the  global  features  of  the  flow  process  are  directly 
visible  in  the  structure  of  the  grid  system.  In  comparison  to  the  experimental  data  concerning  shock  layer 
thickness  the  agreement  for  both  cases  is  excellent. 

A  look  on  the  static  pressure  distribution  (Fig.  10)  illustrates  tl  at  the  use  of  solution  adaptive  grid 
systems  produces  a  solution  quality  which  is  essentially  equivalent  to  'shock-fitting*  methods.  In  Fig.  11  the 
corresponding  Mach-number  distributions  are  presented.  For  a  »24*  as  a  result  of  a  vortex  separation  process  a 
large  viscous  region  develops  at  the  leeside  which  is  well  captured  by  the  PNS-method  presented.  Comparing  the 
circumferential  wall  pressure  distributions  at  the  same  stations  (Fig.  12)  an  excellent  agreement  between 
experimental  and  theoretical  data  can  be  stated.  Proceeding  to  the  pitot  pressure  surveys  the  same  good  agree¬ 
ment  is  recognired  (Fig.  13  a,bl.  It.  should  be  noted  that  the  deviations  between  prediction  and  experiment  for 
a  ■»  24*  and  2  *  0.6*  (inch)  are  the  result  of  a  plotting  error  and  in  reality  the  agreement  for  this  particu¬ 
lar  distance  z  (z  being  the  normal  distance  to  the  cone  surface)  is  comparable  to  the  other  curves.  The  com¬ 
parison  between  the  results  of  the  present  PNS-method  and  the  experimental  data  of  Tracy  are  completed  by 
Fig,  14,  where  the  heat  flux  ratio  O/Q-  (Oq  *  heat  flux  at  corresponding  station  and  0*0)  is  depicted  as  a 
function  of  the  circumferential  angle  #.  More  details  concerning  PNS-results  of  this  test  case  can  be  found  m 
[14]. 

As  an  example  of  a  more  realistic  missile  configuration  an  ogive-cylinder  geometry  was  also  considered.  The 
flow  parameters  specified  are: 

Ha,  =  4;  Re  *  3.4-lOVm;  Pr  =  0.71;  T^^^^  ==  223  K;  --  370  k;  a  =  4*;  laminar  flow 

Because  an  appropriate  turbulence  model  was  not  included  at  that  time  the  flow  was  assumed  to  be  laminar, 
which  in  reality  certainly  will  not  be  the  case.  However  concerning  vortex  separation  processes  the  performan¬ 
ce  of  the  code  for  high-Reynolds-number  flow  could  be  tested.  The  resulting  mesh  structure  in  the  symmetry 
plane  is  depicted  in  Fig.  15.  There  the  varying  strength  of  the  shock  wave  which  is  weakened  in  streamwise 
direction  can  directly  be  observed.  An  impression  of  the  pressure  field  in  the  symmetry  plane  around  the  nose 
is  provided  by  Fig.  16.  U  shows  the  high  solution  quality  achievable  with  adaptive  mesh  systems,  even  for  the 
very  tip  region. 

The  effects  of  the  leeside  vortex  separation  process  on  the  pressure  distribution  is  illustrated  in  Fig.  17. 
Separation  starts  behind  the  ogive-cylinder  juction  x  >  0.3  m  and  is  well  developed  for  x  >  1.0  m.  The  pres¬ 
sure  peaks  arising  behind  the  established  pressure  plateaus  indicate  the  development  of  secondary  separation. 
Overall  the  pressure  distributions  predicted  show  some  significant  features  known  from  turbulent  flows  around 
such  configurations  which  is  promising  for  future  turbulent  simulations.  More  details  concerning  this  case  can 
be  found  in  [14]. 


S.2  Steady  Compressible  Flow  Method 

The  modified  LU-SSOR  method  described  in  chapter  4  has  been  validated  by  considering  the  three-dimensional 
flow  around  a  hemisphere-cylinder  configuration.  In  the  past  this  flow  problem  was  investigated  experimentally 
by  Hsieh  [25],  Peake  and  Tobak  [26]  and  more  recently  by  Lim  and  Meade  as  cited  in  [27].  Theoretical  studies 
have  been  conducted  e.g.  by  Pulliam  and  Steger  [28],  kordulla  and  MacCormack  [29]  and  also  by  Ying  et  al  [27], 
where  a  more  complete  list  of  related  works  can  be  found. 


The  specific  flow  parameter  chosen  are: 

Ma.  ■  1.2;  Reg  *  445000;  Pr  *  0.71;  Tg^^^  *  300  K;  o  «  19*;  adiabatic  wall;  laminar  flow 
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The  spherical  type  coordinate  syste*  used  consisted  of  49  points  in  the  strea«wise  direction,  25  points  in 
ci rcuaferential  direction  for  the  half  plane  and  49  points  noraal  to  the  body.  In  Fig.  18  and  Fig.  19  the 
static  pressure  and  Mach-nuaber  distribution  in  the  syaaetry  plane  is  shown  together  with  an  enlarged  aap 
around  the  nose.  There  need  for  a  better  resolution  of  the  bow  and  leeside  shock  wave  becoaes  evident.  Froa 
the  highly  structured  Mach-nuaber  field  at  the  leeside  behind  the  sphere-cyl inder  junction  it  can  be  deduced 
that  a  coaplex  interacting  flow  field  establishes  which  clearly  requires  a  aesh  refineaent.  However  the  velo¬ 
city  vector  fields  (not  shown  here)  of  successive  stations  in  that  region  indicate  the  occurence  of  owl  eyes 
iaaediately  behind  the  junction.  Also  the  primary  and  secondary  separation  lines  are  well  captured  considering 
the  relative  coarse  aesh  system  used.  In  Fig.  20  the  axial  pressure  distributions  along  the  leeside  and  the 
90*-line  are  depicted.  The  present  results  are  close  to  those  of  Ying  et  al  [27]  for  the  leeside,  however  show 
some  remarkable  differences  along  the  90*-1ine.  The  reason  for  these  deviations  are  not  clear,  because  the 
results  of  [27]  are  based  on  a  slightly  more  refined  aesh.  However  to  get  more  insight  into  this  particular 
flow  problem  computations  with  more  optimal  grid  systems  are  planned. 

In  a  first  effort  the  code  was  also  applied  to  hypersonic  flow  problems  around  a  reentry  lifting  body.  The 
geometry  considered  was  a  late  configuration  of  the  HERMES  space-shuttle  shown  in  Fig.  21.  However  up  till  now 
only  the  portion  of  the  vehicle  in  front  of  the  upward  bended  outer  wing  panels  which  is  approximately  70  %  of 
the  vehicles  length,  was  considered  in  the  simulations.  The  particular  case  presented  is  an  inviscid  flow  at 
Me,  =  8  and  a  «  20*  assuming  ideal  gas  behaviour.  The  mesh  system  used  consisted  of  approximately  300  000 
point . 

The  resulting  Hach-number  distribution  in  the  symmetry  plane  is  shown  in  Fig.  22.  As  can  be  seen  the  bow  and 
canopy  shock  waves  are  well  captured  and  appear  sufficiently  sharp  represented.  Looking  at  the  corresponding 
distributions  in  cross-sections  near  the  outer  wing  panels  the  development  of  cross-flow  shocks  above  the  wing 
and  the  upper  fuselage  can  be  observed  (Fig.  23).  It  is  obvious  that  some  needs  exist  for  the  simulation  of 
the  complete  vehicle  in  a  broad  parameter  range  to  draw  the  right  conclusions  concerning  these  flow  phenomena 
in  the  context  of  good  aerodynamic  design. 


6.  Conclusions 

The  development  of  two  space-iaarching  methods  for  prediction  of  inviscid  and  viscous  steady  supersonic  flow 
fields  was  described.  Both  oiethods  rely  on  a  finite-volume  discretisation  of  the  corresponding  conservation 
laws  and  have  shown  to  be  stable  and  robust.  It  was  illustrated  that  both  schemes  give  accurate  results  which 
are  in  excellent  agreement  with  available  experimental  data. 

Also  presented  was  a  new  method  for  solution  of  the  compressible,  not-reduced  conservation  laws  for  steady 
inviscid  and  viscous  flows,  which  appears  as  a  promising  method  for  simulation  of  super-  and  hypersonic  flows. 
Further  developments  will  be  reported  elsewhere. 
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fig.  $  :  PNS  spAtt*  marching  resuiu  for  supenonic  Dow  past  a  flat  plate 
Streamwiae  «irir>  Diaion  and  waO  pressure  coeffioeois 
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fig.  9  :  Flow  topology  and  PNS'pressure  distribution  for  Dow  aJoQf  a  1 5^  hypersonic  compression  ramp 


fig.  7  :  Wall  pressure  coeScicDt  (left)  and  beat  transfer  coefficxol  (right)  along  compression  ramp 
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F»9.  9  :  Solution-adaptive  coordinate  system  for 
PNS  space-marching  scheme 


Fig.  10  :  Suiic  pressure  distribution 
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Fit-  11 :  Macfa-number  distribution 


Fig.  12  :  Circumferemia]  w’aD  pressure  distribution 


Fig.  22  :  Mach-oumber  distributioD  in  symmctr)'  plane  aroisd 
HERMES  space  shuttle 
(  Ma  **  8  .  a  =  20*  jnviscid  flow  ) 


Fig.  23  :  Mach-number  distribution  in  cross  section  at 
X  -  1 1.2  m  for  HERMES  space  shuttle 
(  Ma  =®  8  .  a  =  20*  onviscid  flow  ) 
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L'lrifluence  du  modfele  utilia^  pour  representer  lea  effets  de  qaz  r6el  it  etudi^e 

pour  dea  calcula  de  couche  licnite  aur  un  hyperboloide  equivalent  ^  la  ligne  de  aymetrie 
mtradoa  de  la  navette  spatiale,  pour  le  vol  STS  2.  Le  module  utilise  eat  celui  de 
Straub  qui  ne  prend  en  compte  que  cinq  esp^cea  et  suppose  I’equilibre  thermodynami- 
que.  L'etude  montre  1 ' importance,  non  seulement  de  la  catalycite  de  poroi  maia  auaai,  dea 
viteaaea  de  reactions  choiaiea  et  de  la  temperature  de  paroi  sur  le  flux  de  cbaleur  pa¬ 
rietal  et  aur  I'epaisaeur  de  deplacement.  Le  coefficient  de  frottement  parietal  eat  p fu 
aenaible  au  modeie  de  qaz  reel.  Oe  plus,  li  eat  possible  de  reduire  le  nombre  de  reac¬ 
tions  chimiquea  conaiderees  et  de  aimplifier  lea  termes  de  diffusion,  afin  de  gagner  du 
tempa  de  calcul  sans  que  cela  ne  det6riore  trop  la  prediction. 


ABSTRACT 

A  sensitivity  study  of  the  real  gas  model  has  been  performed  in  boundary  layer  coin- 
putations  on  an  hyperboloid  equivalent  to  the  Space  Shuttle  windward  symmetry  plane  ;  for 
the  STS  2  reentry.  The  real  gas  model  is  due  to  Straub  and  accounts  for  only  five  chemical 
species  while  assuming  thermodynamic  equilibrium.  The  study  has  brought  into  evidence 
the  dependance  of  both  wall  heat  flux  and  displacement  thickness,  not  only  upon  the  wall 
catalycity  but  also  upon  the  selected  reaction  rates  and  the  wall  temperature.  The  skin 
friction  coefficient  is  insensitive  to  the  real  gas  model.  Moreover,  only  a  few  chemical 
resctiona  can  be  selected  and  the  diffusion  model  can  be  simplified  to  save  comput at i ona 1 
time  Without  drastic  changes  in  the  prediction. 


i  -  iNTffOOdCriQN 

Les  vitesses  de  rentrde  de  vdhicules  tels  que  les  navettes  spatiales  dans  I'atmosph^re 
dtant  hypersoniques,  i'enthalpie  d'arr^t  est  dlevde.  Dans  la  couche  de  choc,  entre  la  paroi 
du  vdhicule  et  I'onde  de  choc,  les  vitesses  restent  moddrdes.  L’dnerqie  cindtique  amont  ost 
transformde  en  dnergie  thermique  ;  des  niveaux  de  temp^rat<»re  importants  existent  dans  la  cou¬ 
che  de  choc.  U'autre  part,  du  fait  de  I'aititude,  la  pression  reste  faible  m6me  en  aval  du 
choc.  L'air  k  haute  temperature  sous  une  faible  pression  a  alors  tendance  <>  se  dissociei  et 
ingme  k  s'loniser.  Une  partie  de  I’dnergie  est  ainsi  "stockee  sous  forme  chimique".  L'dtude 
de  i'ecoulement  doit  alors  prendre  en  compte  ces  effets  de  gaz  reels. 

Un  des  probiemes  importants  lory  de  la  rentree  d’un  vehicule  hypersonique  esl  \'echauf- 
feinent  de  celui-ci  et  done  l'6valuation  des  flux  de  chaleur  parietaux.  Tant  que  I'lnter- 
action  visqueuse  reste  faible,  le  flux  de  chaleur  peut  etre  calcuie  par  une  approche  de 
type  couche  limite.  Du  fait  des  faibley  valeurs  de  la  pression  k  haute  altitude,  le  nom¬ 
bre  de  Reynolds  est  mod^r6  ;  I‘6coulement  reste  laminaire  durant  la  majeure  partie  de  la  ren- 
trde. 


Afm  de  pouvoir  pr^dire  l'6coulement  autour  du  v6hicule  et  p r mci pa  1  emen t  les  flux  de 
chaleurs  parietaux,  nous  avons  done  d^velopp^  des  m^thodes  de  calcul  de  couche  limite  laminaire 
hypersonique,  prenant  en  compte  les  effets  du  gaz  r^el.  Nous  nous  sommes  alors  int6ress6b  tout 
particulifereinent  k  I’lnfluence  du  mod&le  utilise  pour  d^crire  les  effets  de  gaz  r^el. 


li  -  COUCHE  LIMITE  LAMINAIRE  HYPERSONIQUE 


de  gaz. 


Rappelons  bn^vement  les  Equations  r^gissant  un  ^coulement  de  couche  limite  d'un  melange 


Soit  p  la  masse  volumique  de  I’esp^ce  I,  la  masse  volumigue  du  melange  est 
J  c  T  r 

On  d^finit  alors  la  concentration  massique  de  I’espfece  I  C.  =  — i,  telle  que  ,  C 


u  -  1  ‘^r 

=  1 .  On  note 


le  nombre  de  moles  de  I'esp^ce  I  par  unit^  de  volume  et  n  = 


Le  bilan  de  masse  de 
chimique  de  i'espdce 


esp^ce  I  fait  apparaltre  le  taux 


I 


I  I 

le  nombre  total  Je  moles. 


de  production  ou  de  destruction 


et  le  flux  de  diffusion  Qj  de  cette  espfece  au  sem  du  melange 
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Enfin,  on  admet  qua  chaque  eepfece  se  comporte  comma  un  gaz  parfait. 

p^  =  Oj  "ji^T  oil  R  eat  la  conatante  des  gaz  parfaits.  Compte  tenu  de 
la  loi  da  Dalton  at  de  la  definition  da  la  naase  molaire  du  melange,  on  a 

R 

p  =  P  ~  T 
M 


III  -  REPRESENTATION  DES  EfFETS  DE  GAZ  REELS 

III.l.  Coefficienta  de  transport 

Las  equations  regiaaant  I'ecoulament  da  couche  limite  font  intervenir  divers  coefficients 
de  transport  (viscosite  dynamique  p,  conductibilite  thermique  X  mais  auasi  diffusion  polynaire 
D^j,  diffusion  thermique  theoria  cinetique  des  gaz  permet  de  calculer  ces  coefficients 

de  transport  au  pnx  de  calculs  relativam^^nt  coOteux  (ref.  1).  De  nombreuses  formulas  appro- 
chees  ont  done  ete  proposees  par  differents  auteurs  pour  calculer  ces  coefficients  de  trans¬ 
port  (ref  2-5).  Una  formulation  particulierement  simple  a  ete  proposes  par  Straub  (ref  6j 

dans  la  cas  ou  I ' on  ne  retient  que  cinq  especes,  b  savoir  N2,  O2*  NO,  N  et  0.  Rappelons  que 

les  coefficients  de  transport  du  melange  se  calculent  e  partir  des  integrales  de  collision  entre 
particul^*" .  Straub  remarque  que  tau’Cw  iri  molecules  con3id6r6es  ont  des  masses  molaires  voi- 
sines  et  qu'il  en  est  de  meme  pour  les  atomes.  Le  calcul  des  integrales  de  collision  est  ainsi 
ramene  au  cas  d'un  melange  atomes/moiecules.  Des  formulas  simplifiees  sont  ensuite  proposees 

pour  evaluer  la  viscosite,  la  conductibilite  thermique  et  les  coefficients  de  diffusion  ther¬ 

mique.  En  ce  qui  concerne  les  diffusions  polynaires,  des  simplifications  de  type  moiecule/ato- 
me  permettent  de  ne  calculer  que  sept  coefficients  differents  au  lieu  de  vingt.  Le  defaut  de 
cette  simplification  eat  de  ne  plus  verifier  la  nullite  de  la  somme  des  flux  de  diffusion  des 
especes . 


111. 2.  Fonctions  thermodynamipues 

L'equation  d'energie  fait  intervenir  les  enthalpies  de  chaque  espece  et  le  coefficient 

9hi 

de  chaleur  masaique  fiq6  Cpf  =  £  Cj  C^j  =  I  Cj  I-®  calcul  de  ces  fonctions  thermodyna- 

miques  demands  la  connaissance  de  la  fonction  de  partition  de  I’energie  entre  lea  differents 
modes  en  fonction  de  la  temperature  pour  chaque  espfece.  Straub  et  al  (ref.  7)  proposent  d'uti- 
iiser  la  representation  de  Schafer  (ref.  6)  dans  laquelle  les  differents  modes  (translation, 
excitation  eiectronique,  rotation,  vibration)  et  les  couplages  entre  ces  modes  sont  pris  en 
compte.  Une  representation  polynomiale  approchee  permettant  de  reduire  le  temps  de  calcul,  a 
ete  proposes  par  Gordon  et  He  Bride  (ref.  9). 

Rappelons  pour  finir,  qu'en  plus  des  enthalpies  de  chaque  esp^ce  et  du  coefficient  de 
chaleur  massique  fige,  la  connaissance  des  proprietes  thermodynamiques  de  chaque  espece  per¬ 
met  de  calculer  les  constantes  d'equillbre  des  reactions  chimiques  qui  peuvent  se  produire 
entre  ces  especes. 

111. 3.  Moufele  chimiQue 

Si  on  ne  considere  que  des  reactions  6  deux  corps  qui  sont  les  plus  probables,  on 
peut,  avec  les  cinq  especea  considereea,  former 

-  des  reactions  oe  dissociation  pour  les  molecules 

N2  +  H  ^  2N  +  M 
O2  +  H  ^  20  ♦  M 
NO  •t'  M  N  0  M 

ou  II  represents  1 ' une  quelconque  des  cinq  esp^ces  conaiderees. 

-  des  reactions  d'echange 

+  0  ^  NO  +  N 
O2  +  N  ^  NO  0 

-  une  reaction  de  formation  directs  du  monoxyde  d’azote 

N2  +  ©2^  2  NO 

qui  est  peu  probable  et  done  negligee  dans  la  majorite  des  modules. 
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Parmi  cea  reactions,  il  eat  clasaique  <Je  ne  retenir  que  lea  trois  r^actiona  pr^pond^rantes 
connuea  aous  le  di  pfocaadus  de  Zeld'ovich  : 

O2  +  ^2^^  *  ^2 

^2  0  ^NQ  M 

O2  +  N  ^  NO  ♦  0 

Glotz  (ref.  10)  prapoae,  dana  une  4tude  sur  1 ' hyperboloide  AGARO , d ' a joute r  au  proceaaua 
de  Zeld'ovich  lea  deux  reactions  suivantea 

O2  +  02^=^20  +  O2 

O2  +  Q  50 

Lea  conatantea  d'6quilibre  dea  reactions  chimiques,  d^duites  dea  fonctiona  thermody- 
namiquea  obbenuea  par  apectrom^trie,  sont  connuea  avec  une  bonne  precision.  En  revanche, 
lea  viteaaea  de  rdactions  sont  difficilea  b  meaurer,  et  1 ' on  observe  une  importante  disper¬ 
sion  dana  lea  valeurs  propoa^ea  da.ns  la  litt^rature.  Nous  avons  utilise  deux  Jeux  de  viteaaea 
de  r^actiona  ;  le  premier  eat  celui  utilise  par  Straub  (refs  7,  10)  et  le  second  eat  laau 
d'un  travail  de  revue  r6cemment  ^dit^  par  Gardiner  (ref.  11).  La  principale  difference  entre 
ces  deux  jeux  de  conatantea  porte  sur  la  dissociation  de  I'oxygfene  qui  eat  environ  mille  foia 
plus  rapide  dans  le  module  utilise  par  Straub. 


IV  -  CONDITIONS  DE  L'  ETUDE 


IV. 1.  Cas  test 

Nous  avons  etudie  I’influsnce  de  la  representation  des  effets  de  gaz  reel  dana  le  cas 
Ue  la  rentr6e  de  la  navette  spatiale  lors  du  vol  STS2.  Les  points  de  voi  sont  docuf>.ent  .  dans 
la  reference  12.  Ils  sont  compris  entre  92.35  km  et  kl .61  km  d'altitude  et  correspondent  e» 
des  nombres  de  Mach  de  27.9  b  9.15.  On  s'interesse  tout  pa rticul i ferement  b  la  ligne  de  sy- 
metrie  mtrados  de  la  navette  qui  est  une  des  parties  de  la  navette  ou  le  flux  de  chaleur  est 
important.  Vu  la  forme  de  la  navette,  cette  liqne  de  sym6trie  peut  6tre  approch6e  par  un  arc 
J '  hypci uole .  Le  calcul  est  done  effectu4  sur  un  hyperbololde  de  revolution,  b  incidence  nulie, 
Equivalent  k  la  ligne  de  symEtrie  intrados.  Les  caractEristiques  sur  I'hyp  ’•boloi'de  Equiva¬ 
lent  pour  chaque  point  de  la  trajectoire  sont  donnEes  dans  la  rEfErence  12  et  rappelEes  sur 
le  tableau  1. 


IV. 2.  Conditions  in’tials^ 

Une  condition  initiale  est  nEcessaire  pour  daaarTer  le  calcul  de  couche  limite.  Les 
Equations  de  couche  limite  sont  done  rEEcrites  E  1‘aide  de  la  transformation  de  Levy-Lees- 
Dorodnitsyn.  Cn  faisant  des  hypothEses  de  similitude  sur  les  profils  de  concentration  de 
Vitesse  et  d'enthalpie  (ou  de  tempErature) ,  on  peut  dans  le  cas  du  point  d’arrEt,  transfor¬ 
mer  lea  Equations  de  couche  limite  en  un  jeu  d'Equations  di f fErent lel 1 es  ordinairts  couplEes. 

La  rEsolution  de  ces  Equations  par  une  mEthode  pseudo-instationpiaire ,  fournit  les  profils  de 
concentration, Vitesse  et  tempErature  au  point  d’arrEt.  Cette  solution  permet  d ' initialiser  le 
calcul  de  couche  limite  en  un  point  en  aval,  proche  du  point  d'arrEt,  ou  la  vitesse  extEneure 
n'est  pas  nulie  et  pour  lequel  on  admet  que  les  profils  de  similitude  obtenus  restent  valables. 

IV, 3.  Conditions  aux  limitea 

A  I'extEneur  de  la  couche  limite,  la  seule  donnEe  nEcessaire  est  la  pression.  Ceile- 
ci  est  obtenue  E  I 'aide  de  Ja  formula  de  Newton  modifiEe 


P  =  Pq,  +  (1  -  "I)  P«,  v£  sin^  0^ 

P«/  V„  sont  les  presaions,  masse  volumique  et  vitesse  E  I'lnfini  amont,  e  le  rr-pport 

des  masses  volumiques  avant  et  aprEs  choc  pris  Egai  E  0.1  et  0  I'angle  entre  la  vitesse  m- 
fini  amont  et  la  tangente  E  la  parol.  ^ 

La  condition  pour  I'Equation  d'Energie  est  de  retrouver  E  I'extEneur  de  la  couche  limite 
1  enthalpie  d’arrEt  de  I'Ecoulement  E  I'infini  amont.  En  ce  qui  concerne  les  concentrations,  on 
suppose  I'Equilibre  chimique  E  I'extErieur  de  la  couche  limite  au  point  d’arrEt.  Les  concentra¬ 
tions  E  I'extEneur  de  la  couche  limite  en  aval  du  point  d'arrEt  sont  slors  obtenues  en  rEsol- 
vant  E  I'extEneur  I'Equation  pour  lea  concentrations  dans  l^nuelle  on  a  annjlE  les  termes  de 
diffusion  ;  on  assure  ainsi  le  raccord  entre  la  couche  limite  et  un  Ecoulement  extErieur  non 
visqueux . 

A  la  paroi,  on  3  la  condition  de  non-glissement  pour  les  composantes  du  vecteur  vitesse. 
Pour  I'Equation  de  I'Energie,  on  oeut  impoeer  la  tempErature  E  la  paroi  ou  le  flux  de  chaleur 
panEtal.  Toutes  les  comparaisons  prEsentEes  ci-dessous  seront  faites  E  tempErature  de  paroi 
imposEe.  La  condition  E  la  paroi  pour  lea  concentrations  dEpend  de  la  nature  chimique  du  ma- 
tEnau.  La  surface  peut  avoir  une  forte  interaction  avec  le  gaz  et  catalyser  les  rEactions  chi- 
raiquee  entre  les  espEces,  par  example  dans  le  ces  d’une  paroi  mEtallique.  Le  cas  extrfime  est 
la  paroi  t^otalement  catalytique  au  contact  de  laquelle  le  gaz  retourne  E  I’Equilibre  chimique. 

La  paroi  peut  ausal  avoir  une  faible  interaction  avec  le  gaz,  par  example  dans  le  cas  d'une  pa¬ 
roi  en  silice.  Le  cas  extrfime  eat  la  paroi  non  catalytique  qui  n'interagit  pas  avec  I'Ecoulement  : 
les  espEces  adsorbEes  E  la  paroi  sont  eneuite  libErEes  sans  modification  chimique  ;  le  flux  de 
chaque  espEce  E  la  paroi  est  nul. 
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1 V . 4 .  Schema  num^rique 


Lea  6quationb  de  couche  limite  sent  int^qr^es  4  I'aide  d'une  m^thode  de  voiuir.es  finis 
selon  un  schema  hybride  (ref.  13).  Afin  de  stabiliaer  les  calcula,  les  termes  aourcea  de^  Equa¬ 
tions  doivent  §tre  traitEa  de  fagon  implicite  ;  celS  conduit  ^  itErer  aur  le  terme  de  production 
des  esp^ces  pour  assurer  la  conservation  de  la  masse  (l  u)j  =  0.). 


V  -  ETUDE  PARAHETRIQUE 

U  .  1 ,  Introduction 

Nous  auons  EtudiE  1‘influence,  sur  les  caractEristiques  de  la  couche  limite,  des  hypotheses 
faites  sur  la  representation  des  effets  de  qaz  rEel  .  Nous  nous  sommes  mtEressEs  non  seulement 
4  I'lnfluence  du  modEle  sur  le  flux  de  chaleur  pariEtal,  mais  aussi  sur  I'Epaisseur  de  dEplace- 
ment  qui  intervient  dans  le  cas  d'un  couplage  Ecoulement  visqueux/Ecoulement  non  visqueux,  ainsi 
que  sur  le  coefficient  de  frottement  pariEtal  qui  contribue  it  la  tralnEe  de  I'engin.  Comme  les 
nombres  de  Reynolds  reatent  faiblea.  le  coefficient  de  frottement  reate  ElevE.  On  observe  qu‘il 
est  quasiment  insensible  au  modEle  de  gaz  rEel. 

Sur  les  planches  donnant  I'Evolution  du  flux  de  chaleur  pariEtal  en  fonction  de  I'abscis- 
se,  nous  avons  portE  les  flux  de  chaleur  mesurEs  en  vol  sur  la  navette.  II  convient  de  noter 
que  ces  flux  mesurEs  ne  sont  donnEs  qu'i  titre  indicatif.  En  effet,  ai  la  forme  d ’ hyperbo loide 
assure  bien  la  mime  loi  de  pressioo  sur  1  ‘  hyperbololde  que  sur  la  liqne  de  syrn^trie  mtrados  de 
la  navette,  par  centre,  la  divergence  des  lignes  de  courant  due  it  la  variation  du  rayon  de  I'hy- 
perboloide  de  rEvolution,  ne  reprEsente  pas  a  prion  la  divergence  des  lignes  de  courant  de 
part  et  d'autre  de  la  ligne  de  symEtne  intrados  de  la  navette  ;  or  on  salt  que  ces  effets  tri- 
dimensionnels  peuvent  modifier  de  fagon  notable  les  flux  de  ct’aleurs  pariEtaux.  Enfin  la  mE- 
thode  de  calcul  utilisEe  ne  prend  pas  en  compte  le  phEnomune  d'avalement  d'entropie. 

V . 2 .  Influence  de  la  catalycitE  de  paroi 

La  figure  1  reprEsente  les  flux  au  point  d'arrEt  en  fonction  du  temps  lors  de  la  rentrEe. 

La  figure  2  montre  1‘Evolution  du  flux  de  chaleur  le  long  de  I'enqin  pour  un  point  de  la  tra- 
jectoire  proche  du  maximum  de  flux  de  chaleur.  En  paroi  totalement  catalytique,  la  recombinai- 
son  des  espEces  E  la  paroi  Etant  exothermique,  il  y  a  une  importante  libEration  d'Energie  qui 
se  traduit  par  une  augmentation  (en  valeur  absolue)  du  flux  de  chaleur  pariEtal.  Une  autre  fa- 
gon  simple  d'expliquer  la  diffErence  entre  les  flux  de  chaleurs  est  d'Ecnre  'f'p  "" 

I'enthalpie  de  frottement  h^.  peut  Etre  approchEe,  en  hyp  rsonique,  par  I'enthalpie  d'arrSt,  suit 
hf  =  .  CP  T. 


L'enthalpie  de  paroi  h  est  Eqale  Cp  Tp  dans  le  cas  d’une  paroi  froide  totalement 
catalytique  pour  laquelle  il  y  a  recombinaison  des  molEcules  E  la  paroi.  Dans  le  cas  d'une 
paroi  non  catalytique,  le  gaz  Etant  partiellement  dissociE  E  la  paroi,  I’enthalpie  de  paroi 
est  plus  importante  et  done  le  flux  de  chaleur  est  plus  faible.  On  voit  done  I'lntErSt  d'une 
paroi  non  catalytique  (ou  1 ‘ inconvEnient  d'une  paroi  mEtallique)  pour  dimmuer  les  flux  de 
chaleur  pariEtaux  et 1 ' Echau f f ement  de  I'engin.  Il  convient  toutefois  de  noter  que  cette  ana¬ 
lyse  est  trEs  simplifiEe  car  elle  suppose  que  le  coefficient  de  flux  de  chaleur 
E 

C.  s  - ^ -  ne  dEpend  pas  de  la  catalycitE  de  la  paroi.  Une  telle  analyse  ne  devra 

e  e  p  » 

done  etre  considErEe  que  comme  une  explication  qualitative  et  non  un  moyen  prEdictif. 


L'lnfluence  de  la  catalycitE  de  paroi  sur  I'Evolution  de  I'Epaisseur  de  dEplacement 

est  plus  difficile  E  interprEter.  I'Epaisseur  de  dEplacement  eat  dEfinie  par  6,  =  /  Cl  -  — )  dy 

^  o 

Comme  le  profil  de  vitesse  moyenne  est  peu  affectE  par  la  catalycitE  de  paroi,  la  variation  de 
I'Epaisseur  de  dEplacement  dEpendra  surtout  du  profil  de  masse  volumique  ,  p n ncipa lemen t  au 
voisinage  de  la  paroi.  En  paroi  totalement  catalytique,  la  libEration  d'Energie  due  E  la  re- 
combinaison  des  espEces  E  la  paroi  tend  E  Elever  la  tempErature  dans  la  rEgion  procne  de  la  pa¬ 
roi.  D’autre  part,  la  recombinaison  des  atomes  E  la  paroi  et  la  diffusion  des  molEcules  formEes 
E  la  oaroi  conduisent  E  une  augmentation  de  la  masse  molaire  moyenne  M.  Si  I'on  se  rEfEre  E 
I ' Equation  d ' Etat 


P 


T 


on  a  done  deux  eff®t»  contradictoires.  On  ne  peut  en  dEduire  un  effet  systEmatique  de  la  cataly¬ 
citE  de  paroi  sur  I'Epaisseur  de  dEplacement. 

V . 3 .  Influence  des  vitesse^  des  rEactions  chimiques 

Les  vitesses  de  rEactions  chimiques  Etant  mai  connues,  il  est  important  de  connaltre  1  in¬ 
fluence  de  ces  vitesses  de  rEaction  sur  la  prEdiction  de  1 ' Ecoulement .  Nous  avons  cons^dErE  dif- 
fErentes  donnEes.  Le  premier  modEle,’  utilisE  par  Straub  (ref.  7,  IQ)  correspond  a  I'Etat  des 
connaissances  li  y  a  dix  aos.  I.e  second  modEle,  tirE  du  iivre  de  Gardiner  (ref. 11)  est  beaucoup 
plus  rEcent.  Enfin  un  cas  limite,  currespondant  E  des  vitesses  de  rEactions  infimes,  est  de 
supposer  1 ' Ecoulement  E  I'Equilibre  chimique.  Happelons  que  dans  le  cas  d'un  calcul  E  I’Equiii- 
bre  chimique,  la  catalycitE  de  paroi  ne  joue  pas.  Dependant  I’Ecoulement  Etant  E  I'Equilibre 


18-6 


chimique  au  voiuinage  de  la  paroi,  on  peut  comparer  le  calcul  a  1'^quilj.bre  chimique  k  un  calcul 
en  parojL  totalement  catalytique. 

La  figure  3  repr^aente  I'^volulion  du  flux  de  chaleur  au  point  d'arrdt,  en  fonction  du 
temps  lots  de  la  rentr^e,  pour  les  difftfrents  modules  chimiques  coneid^r^a.  Lea  figures  4  a  7 
donnent  I'^volution  du  flux  de  chaleur  le  long  de  I'engln  pour  diff^renta  points  de  la  tra- 
jectoi re . 

Dans  le  caa  de  la  paroi  totalement  ca t a  1  y t ique  i  le  flux  de  chaleur  parietal  est,  en  ma- 
Jeure  partie,  dQ  4  la  recombinaison  des  esp^ces  au  voisinage  de  la  paroi.  On  retrouve  le  mfime 
flux  de  chaleur  pour  les  deux  Jeux  de  vitease  de  reaction  utilises.  Les flux  de  chaleur  obtenus 
auec  I'hypothfeae  d'^coulement  k  I'^quilibre  chimique  sont  trfea  proches  de  ceux  obtenus  en  pa¬ 
roi  totalement  catalytique.  La  difference  provient  sans  doute  du  fait  que  l*hypoth6se  d'^cou- 
lement  k  I'equilibre  chimique  aupprime  tout  phenomfene  de  diffusion  des  espfeces  et  impose  un 
rapport  azote/oxygene  constant  en  tout  point. 

Dana  le  cas  de  la  paroi  non  catalytique,  on  note  une  forte  influence  du  module  chimique 
utilise.  La  paroi  etant  froide  par  rapport  au  reste  de  1 ' ecoulement ,  k  son  voisinage,  les  tem¬ 
peratures  aont  faibles  et  les  reactions  chimiques  au  sein  de  I'ecoulement  recombinent  les  ato- 
mes.  Le  mod61e  de  Straub  ayant  des  vitesses  de  reaction  beaucoup  plus  61ev6es  recombinera  mieux 
lea  atomes  si  bien  que  le  niveau  de  dissociation  k  la  paroi  sera  plus  faible,  et  done  aussi 
I'enthalpi  de  paroi.  Si  I'on  garde  I'analyse  simple  <^p  "  moins  le  gaz  sera  disso- 

cie  k  la  paroi,  plus  le  flux  sera  grand  en  valeur  absolue.  On  retrouve  bien  sur  les  planches 
3^7  que  le  module  de  Straub  donne  beaucoup  moms  d'effet  de  catalycite  que  celui  de  Gardiner, 
excepts  aux  plus  hautes  altitudes  (tr^s  faible  density).  Avec  le  module  de  Gardiner  on  trouve 
des  effets  de  catalycite  sur  tout  I'engin  mgme  aux  plus  basses  altitudes,  ce  qui  n'est  pas  le 
cas  avec  le  module  de  Straub. 

Cn  ce  qui  concerne  la  prediction  de  I'epaisseur  de  deplacement,  on  est  toujours  rame- 
ne  au  probieme  d'evolution  du  profil  des  masses  volumiques.  Comme  pour  les  effets  de  cataly¬ 
cite  de  paroi,  les  vitesses  de  reactions  vont  jouer  de  fagon  sntagoniste  sur  les  profils  de 
temperature  et  de  masse  molaire  moyenne  si  bien  qu'une  tendance  generale  ne  peut  etre  degagee. 

La  figure  8  peut  donner  une  idee  de  I'lnfluence,  tant  du  module  chimique  que  de  la  catalycite 
de  paroi,  sur  la  prediction  de  I'epaisseur  de  deplacement. 

Le  modfele  chimique  propose  par  Gardiner  etant  le  plus  c.redible,  nous  ne  ferons  la  suite 
de  cette  etude  parametrique «  la  plupart  du  temps,  qu'avec  ce  modble  afin  d'alieger  la  presen¬ 
tation  des  resultats.  Les  conclusions  auxquelles  nous  aboutinons  seraient  analogues  si  I'on 
utilisait  le  modeie  de  Straub. 

V . 4 .  Influence  du  nombre  de  reactions 


Ciotz  (ref.  10)  a  montre  qu'avec  le  modfele  chimique  de  Straub,  I'on  obtenait  les  mfemes 
resultats  en  ne  prenant  en  compta  que  cinq  reactions  chimiques  p reponderantes .  Nous  avons  ve- 
rifie  ce  resultat  dans  le  caa  de  la  rentree  de  la  navatte  (ref.  14). 

Oans  ie  cas  du  modeie  chimique  de  Gardiner,  nous  avons  cherche  k  reduire  le  nombre  de 
reactions  utiles.  Pour  celd,  nous  avons  etudie  la  contribution  de  cheque  reaction  chimique 
au  taux  de  production  des  differentes  especes  pour  pluaieurs  profils  de  couche  limite  le  long 
de  la  trajectoire.  Nous  avons  axnsi  pu  definir  un  syst^me  de  dix  reactions  chimiques  donnant 
sur  toute  la  trajectoire,  une  prediction  identique  au  systeme  complet.  Ces  dix  reactions  com- 
prennent  les  cinq  choi^ies  par  Glotz  plus  les  reactions  de  dissociation  suivantes  : 


N^  ♦  H^=&2N  ♦  M  M  s  N 

NO  +  M  ^±tN  +  0  +  M  HeN^NO 


le 

resultats 
reactions 
d  '  arret ,  s 


systems  des  cinq  reactions  propose  par  Glotr  ou  le  processus  de  Zeld'ovich  Oonnent  des 
identiques  et  fort  proches  de  ceux  obtenus  avec  le  modeie  complet  ou  le  modeie  k  dix 
comme  le  montrent  les  figures  9  et  10.  La  difference,  visible  au  niveau  du  point 
'estompe  rapidement  lorsque  I'on  progresse  le  long  de  I'engin. 


V . 5 .  Influence  de  la  temperature  de  paroi 

Reprenons  notre  formule  simplifiee  ^  —  h  -  h_  avec  h_  =  h 

^  P  p  f  f  le 


2 


Lors  de  la 


rentree,  pour  les  points  de  vol  considerds,  la  vitesse  infini  amont  d6crolt  de  7300  ms"  li 

2960  ma  ^  ;  I'enthalpie  d'arret  de  I'ecoulement  passe  de  2,8  10^  J.kg”^  k  4.4  10^  J.kg"^,  Dans 
le  cas  d'une  paroi  froide  totalement  catalytique,  les  atomes  etant  totalement  recombines 

li  la  paroi,  I'enthalpie  de  paroi  est  egale  a  Cp  Tp  soit  0  10^  J.kg"^  pour  une  paroi  k 

800  K  ou  1,3  10^  J.kg  pour  une  paroi  k  1300  K.  I'enthalpie  de  paroi  est  faible  devant  I'en- 
thalpie  de  frottement  aux  qrandes  vitesses  tandis  qu ' en  fin  de  rentree  elles  sont  du  m6me 
ordre  de  grandeur.  Une  mcdi f icat ion  de  la  temperature  de  paroi  sera  done  d'autant  plus  sensible 
sur  le  flux  de  chaleur  que  la  vitesse  infini  amont  sera  ^aible. 


Dans  le  cas  d'une  paroi  non  catalytique,  I'ecoulement  est  dissocie  k  la  paroi 


thalpie  de  paroi  est  plus  importante  et  la  difference  h 


1  • 


plus  sensible  k  une  augmentation 


de  la  temperature  de  paroi.  Oe  plus,  une  elevation  de  la 
un  accroissement  du  niveau  de  dissociation  k  la  paroi  et 
pie  de  paroi.  Le  flux  de  chaleur  sera  done  plus  sensible 
non  catalytique  qu'en  paroi  totalement  catalytique. 


temperature  de  paroi  peut  entralner 
done  une  sur-ninmentation  de  I'enthal- 
k  la  temperature  (Je  paroi  en  paroi 
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Les  Figures  11  et  12  confiroient  ces  r^sultats  sur  I'lnfluence  de  la  temperature  de  paroi. 
La  figure  12  mantre  que»  pour  les  vitesses  les  plus  faibles,  en  prenant  deux  valeurs  extremes 
de  la  temperature  de  paroi  lors  de  cette  phase  de  rentree,  I'effet  de  temperature  de  parol  e:>t 
du  mgme  ordre  de  grandeur  que  I'effet  de  catalycite. 

En  ce  qui  concerne  I'epaisseur  de  d6placement,  I'effet  de  temperature  de  paroi  e'st  le 
mSme  que  dans  le  cas  d'un  gaz  parfait.  L ' augmen ta ti on  de  la  temperature  de  paroi  entraine  une 
diminution  de  la  masse  volumique  et  done  une  augmentation  de  I’epaisseur  de  deplacement. 

U.6.  Influence  du  modfele  de  diffusion 

Le  module  de  Straub  pour  le  calcul  des  coefficients  de  transport  a  I'avantage  de  ne  cal- 
culer  que  sept  coefficients  de  diffusion  polynaire  differents.  En  cont repart le ,  la  somme  des 
diffusions  des  especes  n'est  pas  nolle  avec  cette  simplification.  La  formulation  proposee  par 
Obermeier  et  al  (ref.  &)  permet  de  calculer  les  uinqt  coefficients  de  diffusion  polynaire 
pour  un  coOt  de  calcul  raisonnable  ;  la  somme  des  flux  de  diffusion  est  alors  quasiment  nuJ- 
le.  Les  calculs  e^ffectu^s  avec  le  module  d'Obermeier  montrent  une  variation  minime  du  flux 
de  chaleur  parietal  au  point  d'arrdtt  les  predictions  devenant  rapidement  identiques  en  aval 
du  point  d'arrdt. 

Une  autre  strategic  est  d'essayer  de  simplifier  le  calcul  des  termes  de  diffusion  afin 
de  diminuer  le  temps  de  calcul.  Une  premiere  simplification  est  de  neqliqer  la  diffusion  ther- 
mique.  Les  flux  de  chaleur  au  point  d’arrgt  augmentent  faiblement  en  paroi  totalement  cataly> 
tique  et  diminuent  faiblement  en  paroi  non  catalytique  (figure  13).  Ces  differences  dispa- 
raissent  rapidement  en  aval. 

Une  seconde  simplification  est  de  representer  le  flux  de  diffusion  des  especes  i  I'aide 
d'une  loi  de  Fick 


"i.y 


!5l 

3y 


ou  le  coefficient  de  diffusion  0  est  le  meme  pour  toutes  les  eyp6ces  afin  d'assurer  la  nuHite 


de  la  somme  des  taux  de  diffusion.  On  peut  alors  definir  un  nombre  de  Schmidt  S 


■pTT 


Nous 


avons  effectue  nos  calculs  pour  un  nombre  de  Schmidt  de  0.510.  On  observe  encore  une  augmenta¬ 
tion  du  flux  de  chaleur  en  paroi  totalement  catalytique  et  une  l^gfere  diminution  en  paroi  non 
catalytique  (figure  13).  Cette  difference  s'estompe  toujours  tr6s  rapidement  en  aval. 


II  convient  toutefois  de  noter  que  I'emploi  d’une  loi  de  Pick  impose  en  tout  point  de 
I’ecoulement  un  rapport  oxygene/azote  constant.  Les  profils  de  concentration  qui  etaient  peu 
modifies  par  la  non-prise  en  compte  de  la  diffusion  thermique  sont  plus  sensibles  ^  cette 
modification  de  la  diffusion  (figure  lA).  Cependant  I'evolution  de  I'epaisseur  de  deplacement 
n'est  gu^re  modifide  par  ces  simplifications. 


V.?.  Autres  simplif loations  du  module 

L'ensemble  des  resultats  de  calcul  mgntre  que  le  nombre  de  Prandtl  P 


ne  vane 


pratiquement  pas  au  sein  de  I'ecoulement  et  quelque  soit  le  point  de  vol  considdre.  L’hypo- 
these  d'un  nombre  de  Prandtl  constant  egal  h  0.725  permet  d’eviter  le  calcul  du  coefficient 
de  conductibilite  thermique  sans  affecter  les  rdsultats. 


Une  autre  modification  possible  est  I'emploi  de  polyndmes  pour  repr^senter  les  Fonctiony 
de  partition  de  I'dnergie  de  chaque  esp^ce.  Cette  modificatinr  nermet,  el)e  aussi,  d'aH^ger 
le  temps  de  calcul  sans  modifier  les  r^sultats. 


VI  -  CONCLUSIONS 


Rappelons  d'abord  I'lnt^rit  de  la  formulation  proposee  par  Straub  pour  ^valuer  les 
coefficients  de  transport  d'un  melange  gazeux  de  fagon  simple. 

L'dtude  param^trique  a  permis  de  verifier  I'lmportance  pour  la  determination  du  flux 
de  chaleur  parietal,  de  la  catalycite  de  paroi,  du  choix  du  jeu  de  vitesses  de  reactions 
chimiques  dans  le  cas  d'une  parol  non  catalytique,  et  de  la  temperature  de  paroi  lorsque  la 
Vitesse  amont  est  moderee.  Oe  plus,  nous  avons  pu  montrer  que  I'on  peut  obtenir  une  predic¬ 
tion  sa t IS f a  1 sante  en  ne  prenant  en  compte  qu ' un  nombre  r6duit  de  reactions  chimiques,  voire, 
en  bimplifiant  le  module  physique,  au  prix  certes  d’erreurs  un  peu  plus  importantes.  Le  tableau 
2  resume  les  di f f erentps  s imp! i f ica t i ons  apportees  d  la  description  des  effets  de  ga^  reel,  le 
flux  au  point  d'arret  en  paroi  non  catrlytique  etant  le  plus  sensible  aux  variations  du  module. 
La  reduction  du  nombre  des  reactions  chimiques  permet  de  diviser  le  temps  de  calcul  par  quatre, 
la  simplification  du  module  physique  apporte  encore  un  gain  d'un  facteur  deux.  Ces  valeurs 
ne  sont  bien  entendu  donnees  qu'A  litre  indicatif  et  dependent  de  la  methode  numenque,  du 
materiel  utilise  et  du  degre  de  vectorisation. 

L'lnfluence  du  module  stjr  la  prediction  de  I'epaisseur  de  deplacemetit  ne  peut  etre 
analysee  de  fagon  simple.  En  revanche,  la  prediction  du  coefficient  de  frottement  parietal 
est  insensible  aux  modifications  de  la  representation  des  effets  de  gaz  reel. 

L“s  auteurs  tierment  i  remercier  Serge  Grunwald  pour  son  travail  sur  les  couches  limites 
^  I'equilibre  chimique  lors  de  son  stage  de  DEA. 
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Tableau 

1  -  Trajectoire  de  rentr4e  STS2  et  definition  de  1 '  hyperboloi'oe  de 
^  incidence  nulle  equivalent  4  la  liqne  de  symetne  intrados  Cd 

revolution 
'aprfea  ref. 

12)  . 

T 

S 

Altitude 

Km 

U. 

kffl/s 

kg/m^ 

atm 

K 

Mach 

Incidence 

H  angle 
au  sommet 
des  asymp¬ 
totes 
deg 

Rayon 

de 

nez 

m 

200 

92.35 

7.5o 

2.J34i<J0‘* 

1.128x10“* 

324 

27.90 

40.4 

41.15 

1.296 

250 

85.74 

7.53 

6.365«10'^ 

3.587x10“* 

199 

26.60 

41.0 

41.70 

1.522 

330 

77.91 

7.42 

2.335x10"^ 

1.316x10“* 

199 

26.30 

40.2 

40.80 

1.286 

460 

74.98 

7.20 

3.815x10“* 

2.142x10“* 

198 

25.50 

40,0 

40.75 

1.276 

480 

74.62 

7.16 

4.055x10“* 

2.280x10“* 

198 

25.40 

40.3 

41.00 

1.289 

540 

73.33 

7.03 

4.794x10“* 

2.831x10“* 

200 

24.80 

40.4 

41,10 

1.295 

650 

71.29 

6,73 

6.824x10“* 

3.965x10“* 

205 

23.40 

39.4 

4U.20 

1.253 

770 

68.67 

6.31 

9.669x10“* 

5.992x10“* 

219 

21.30 

30. S 

39,20 

1.207 

830 

66.81 

6.05 

1.216x10“'’ 

7.925x10“* 

230 

19.90 

41.4 

42.20 

1.342 

1000 

60.56 

4.99 

2.621x10“'’ 

1.877x10“'’ 

253 

15.70 

42.0 

42.75 

J,368 

1120 

52.97 

5.87 

6.762x10“'’ 

5.025x10“* 

262 

11.70 

38.3 

39.00 

1.204 

1215 

47.67 

2.96 

1.344x10“* 

9.900x10“* 

260 

9.15 

34.8 

35.50 

1.056 

Tableau  2  -  Comparaison  des  diffdrentea  repr^sentationa  des  effets  de  gaz  r^el. 


Crreur  aur  )e  flux  de  chaleur  au  point 
d'arrSt.  en  paroi  non  catalytique. 


Module 

Moyenne 

Max 

Temps  U.C 

Compiet 

0. 

0. 

1, 

10  reactions 

0.06  % 

0.14  % 

0.62 

5  reactions 

1.'*  S 

4  % 

0.35 

3  reactions 

2.4  % 

4.3  Si 

0.26 

Diffusion  thermique  negligee 

3.3  % 

5.8  Si 

Nofflbre  de  Prandtl  P=  0,725 

4.8  % 

7.4  % 

0.19 

Nont)re  de  Schmidt  5=0.518 
(Uvis  L  r  1,4) 

9  % 

11.7  !5 

0.16 

Fonctions  thermodynamiques 

9  S 

11.7  % 

0.13 

sous  forme  polynomiale 


ON  THE  NUMERICAL  SIMULATION  OF  THREE-DIMENSIONAL 
HYPERSONIC  FLOW 


by 

S.  RledeXbauch/  W.  Wetzel^  W.  Kordulla  and  H.  Oertel  jr. 
DFVLR  Institute  for  Theoretical  Fluid  Mechanics, 
Bunsenstr.  10,  D-3400  Gottingen,  FRG 


SUMMARY 

The  present  paper  reports  on  the  first  steps  towards  the  numerical  simulation 
of  hypersonic  flows.  Intentionally,  the  ideal-gas  assumption  is  used  to  validate 
the  methods  by  comparing  results  with  experimentally  observed  or  theoretically 
obtained  data  in  cold  hypersonic  flows  about  simple  geometries.  The  approaches 
cover  the  continuum  as  well  as  the  gaa-kinetic  flow  regime.  An  implicit 
finite-difference  method  with  bow-shock  fitting  is  employed  to  integrate  the 
time-dependent  Navier-Stokes  eguations,  while  the  gas-kinetic  flow  is  simulated 
by  approximations  to  Boltzmann's  equation.  The  Direct-Simulation  Monte-Carlo 
method  is  preferred  to  the  Molecular-Dynamics  approach  because  of  its  larger 
computational  efficiency.  Results  are  compared  with  experimental  data  for  the 
laminar  flow  past  a  blunted  cone  at  M  ~  10.6  and  past  a  hemisphere  at  M  =  4.15. 
The  decay  of  Oseen's  vortex  at  Kn  =  0.1,  and  the  gas-kinetic  flow  past  a  cylinder 
at  M  =  5.48  with  Kn  =  0.1  and  0.3  have  been  simulated,  and  results  are  shown  in 
comparison  with  theoretical  data.  As  an  application  to  more  realistic  config¬ 
urations  the  three-dimensional  laminar  flow  past  the  nose  of  a  typical 
spacecraft  and  the  gas-kinetic  flow  in  the  symmetry  plane  of  the  flow  past  the 
same  configuration  is  being  discussed.  The  next  steps  will  Include  reai-gas 
modelling.  For  hot  hypersonic  flows  experimental  data  are  badly  needed  for  com¬ 
parison  purpose. 

1.  INTRODUCTION 

Because  of  the  development  or  planing  of  new  spacecrafts  such  as  Hermes  {)], 
Hotel  (2)  or  Sanger  (3),  or  the  planning  of  future  supersonic/hypersonic  air¬ 
planes  (4,5,6]  there  is  renewed  interest  in  the  understanding  of  hypersonic 
flows.  It  is  well  known  that  the  development  of  the  US  Space  Shuttle  took  mainly 
place  in  wind  tunnels  or  by  means  of  other  experimental  investigations.  The  expe¬ 
riences  gained  in  free-flight  as  compared  with  the  experimental  and  theoretical 
design  are  described  in  (7J.  These  experiences  show  that  quite  a  few  flow  phenom¬ 
ena  lack  basic  understanding,  and  require  further  studies.  In  contrast  to  the 
past  design  of  the  Space  Shuttle,  the  Hermes  vehicle  is  plaiined  to  be  designed 
with  the  help  of  advanced  numerical  methods  in  order  to  reduce  the  expensive  and 
time-consuming  experimental  investigations.  This  will  provide  a  major  thrust  to 
develop  new,  more  efficient  numerical  methods,  or  to  apply  existing  methods  to 
more  complicated  and  realistic  configurations.  This  tendency  will  be  supported 
by  the  activities  associated  with  forthcoming  super-  and  hypersonic  airplanes, 
see  e.g.  [5,6].  Present-day  supercomputers  such  as  CRAY-XMP,  FUJITSU-VP200  or 
CYBER-20S  enable  to  simulate  viscous  three-dimensional  flows  past  fairly  compli¬ 
cated  configurations  based  on  the  assumption  of  perfect  gases,  see  e.g.  [ 8  to 
15J .  The  numerical  simulation  of  3-D  viscous  flows  with  reactions  is  more  diffi¬ 
cult,  see  e.g.  [16  to  20],  due  to  the  increased  stiffness  of  the  equations,  and 
due  to  the  lack  of  accurate  physical  modelling. 

The  numerical  simulation  of  hypersonic  flows  in  three  dimensions  is  quite  a 
challenge  for  a  variety  of  reasons,  see  also  [21].  In  addition  to  the  well-known 
difficulties  associated  with  the  determination  of  transition  and  with  the 
modelling  of  turbulence  in  compressible  flows  at  moderate  temperatuies,  one 
encounters  problems  associated  with  real  gas  effects  and  with  the  approximation 
of  dilute  gases.  In  [22,23]  experimental  devices  are  discussed  which  are 
required  in  order  to  better  analyze  real  gas  effects  at  high  temperatures,  and  to 
provide  the  necessary  physical  input  or  the  verification  for  the  numerical  simu¬ 
lation.  One  major  task  of  the  numerical  simulation  is  the  prediction  of  integral 
quantities  such  as  forces  and  moments  acting  on  the  hypersonic  venicle.  The  anal¬ 
ysis  of  the  development  of  the  Space  Shuttle  Programme  seems  to  indicate  that 
these  integral  quantities  are  dominated  by  Mach  number  and  real  gas  effects  [  21  ]  . 
The  other  major  task  in  hypersonic  flow  predictions  is  to  accurately  determine 
the  aerothermodynaraic  load  of  the  vehicle  due  to  heat  transfer.  Here  viscous 
effects  must  be  considered,  in  addition.  Real  gas  effects  introduce  new  time  sca¬ 
les  or  length  scales  into  the  problems  resulting  in  an  increased  stiffness  of  the 
nonlinear  equations.  For  finite-rate  chemistry  there  is  a  lack  of  accurate  rate 
constants  at  high  temperatures. 

The  range  of  the  hypersonic  flow  regime  can  be  classified  according  to  the 
^'alue  of  the  ratio  of  the  mean  free  path  of  the  particles  and  the  characteristic 
length  of  the  considered  problem,  denoted  by  the  Knudsen  number  Kn.  In  the  con¬ 
tinuum  flow  range  at  very  small  Kn,  up  to  Kn  =  0.01  *  0.1,  the  Navier-Stokes 
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equations  can  generally  be  used  to  describe  flows,  see  figure  1,  [24,25].  This 
is  true  for  atmospheric  flight  in  altitudes  up  to  roughly  100  km. 

The  other  limiting  case,  for  very  large  Kn,  corresponds  to  the 
free*molecular-f low  regime  governed  by  Boltzmann's  equation  where  the  colli¬ 
sions  of  molecules  are  rare,  and  can  therefore  be  neglected.  The  flow  regime 
between  the  two  limiting  cases  is  called  transitional,  see  figure  1.  In  the  tran¬ 
sitional-flow  regime  the  mean  free  path  of  the  molecules  is  of  the  order  of  the 
characteristic  length  of  the  body  in  question.  In  order  to  determine  the  transi¬ 
tional  flow  an  approximation  is  required  for  Boltzmann's  equation,  see  e.g.  [25 
to  30).  One  often  and  successfully  used  gas-kinetic  approximation  for  dilute 
gases  is  the  Direct-Simulation  Monte-Carlo  approach.  When  approaching  the  con¬ 
tinuum-flow  regime,  i.e.  with  decreasing  Knudsen  number,  the  computational 
effort  associated  with  gas-kinetic  flow  simulations  becomes  larger  and  larger. 
This  happens  because  the  larger  density  of  the  gas  can  only  be  simulated  properly 
if  the  number  of  cells  is  increased  as  well  because  the  dimension  of  such  a  cell 
should  be  of  the  order  of  the  mean  free  path  of  the  particles  involved.  Although 
the  entire  regime  could  be  treated  by  such  a  technique,  current  computer  capetbil- 
itiea  forbid  its  use  for  continuxim  flows.  Navier-Stokes  solutions  may  be  used, 
on  the  other  hand,  for  low-density  flows,  provided  appropriate  boundary  condi¬ 
tions  are  employed  allowing  for  slip  flow  and  a  jump  in  temperature. 

The  present  paper  discusses  work  at  the  DFVLR-Institute  for  Theoretical  Fluid 
Mechanics  done  as  a  first  step  towards  the  numerical  simulation  of  hypersonic 
flows.  This  first  step  is  based  on  the  assumption  Chat  the  flow  is  thermally  and 
calorlcally  perfect.  Thus  cold  hypersonic  flows  can  be  treated,  and  numerical 
tools  can  be  developed  by  verification  with  available  experimental  data.  For  the 
consideration  of  real-gas  effects  .he  corresponding  physical  models  must  be 
developed,  and  corresponding  experiments  have  to  be  conducted  for  validation 
purpose.  The  simulation  of  hypersonic  flows  is  approached  from  both  sides,  from 
the  continuum-flow  as  well  as  from  the  gas-kinetic-flow  regime,  st-e  figure  1. 
Figure  1  displays  a  typical  flight  envelope  of  a  spacecraft  such  as  e.g.  Hermes. 
The  flow  can  be  considered  continuum  throughout  most  of  the  flight  since  it  takes 
place  in  altitudes  less  than  90  km.  Only  for  those  situations  where  the  speed  of 
more  than  7  km/sec  is  required,  the  transitional  flow  regime  is  entered.  Figure  1 
also  indicates  the  flow  regimes  where  the  perfect-gas  assumption,  corresponding 
to  cold  h*'*^ersonic  flow,  can  be  made,  and  where  the  internal  degrees  of  freedem 
are  exci  ec  and  reactions  start  to  occur. 
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Figure  1;  Sketch  of  the  range  of  hypersonic  flow  regimes  with  corresponding 
speeds,  altitudes  and  Knudsen  number  ranges,  including  the 
flight  envelope  of  a  typical  spacecraft. 


In  the  following,  the  integration  of  the  time^dependent  Navier-Stokes 
equations  in  finite*‘diffetence  formulation  will  be  discussed  first,  followed  by 
a  presentation  of  the  direct  gas-kinetic  simulation  using  the  Monte-Carlo  tech¬ 
nique.  As  a  first  application  of  these  methods  the  results  for  the  computation 
of  the  flow  in  the  nose  region  of  a  realistic  spacecraft  are  described  assuming 
that  the  Ideal-gas  model  holds  in  spite  of  the  chosen  realistic  free  stream  flow 
conditions.  The  paper  is  concluded  by  some  remarks  pointing  out  the  importance 
of  experimental  verification  ir  the  development  of  numerical  simulation  tech¬ 
niques  . 


2.  SIMULATION  OF  VISCOUS  CONTINUUM  FLOW 
2 . 1  GOVERNING  EQUATIONS  AND  ALGORITHM 

The  governing  equations  for  time-dependent  viscous  flows  are  discussed  e.g. 
in  [31,32] .  The  formulation  used  here  is  based  on  the  differential  formulation  in 
strong  conservation- law  form  which  allows  to  capture  flow  discontinuities  such 
as  shock  waves.  This  property  is,  hov'ever,  used  only  for  shock  waves  embedded  in 
the  flow  field  while  the  bow  shock  wav«.  is  fitted,  thus  forming  one  boundary  of 
the  computational  domain.  A  detailed  dls-russion  of  the  equations  and  the  used 
algorithm  is  contained  In  [33],  and  will  t.ierefore  only  be  summarized  here. 

The  equations  are  baaed  on  the  assumption  of  ideal  gases  using  constant  spe¬ 
cific  heats.  The  flows  treated  are  laminar  with  the  viscosity  coefficient  being 
determined  with  Sutherland’s  law  although  this  is  not  accurate  over  the  temper¬ 
ature  range  encountered  in  some  computations.  The  heat  transfer  coefficient  is 
related  to  the  viscosity  coefficient  via  the  definition  of  the  laminar  Prandtl 
number  which  is  assumed  constant  as  is  usual  in  supersonic  flows.  In  the  case  of 
hypersonic  flow  at  high  temperature  these  assumptions  have  to  be  revised  com¬ 
pletely,  and  additions'  C'^’ations  w’ '  1  tc  be  added  if  reactions  take  place 

see  e.g.  ( 20 ] . 

The  time  dependent  equations  have  been  derived  using  the  thin-layer  approxi¬ 
mation  which  is  quite  common  in  ideal-gas  flow  simulations  for  high  Reynolds  num¬ 
bers  in  order  to  reduce  the  computational  effort.  Owing  to  this  approximation  all 
surface-tangential  diffusion  terms  are  neglected  based  on  the  argument  that  only 
the  wall-normal  direction  can  be  resolved  properly  on  present-day 


Figure  2:  Perspective  view  of  some  surfaces  of  a  grid  for  the  simulation  of 
the  laminar  flow  past  a  blunted  cone  at  M«  =  10.6,  Re  =  110  000, 

TO  =  1 1  : 1  K,  Tw  «  300  K,  a  =  15®.  The  grid  corresponds  to  the  con¬ 
verged  solution  with  fitted  bow  shock  wave. 
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supercomputers.  Although  the  thin-layer  approximation  has  been  verified  for 
quite  complicated  flows,  see  e.g.  [34],  it  needs  to  be  checked  for  flows  with 
reactions,  or  if  an  extremely  fine  resolution  becomes  possible  in  more  than  the 
wall-normal  direction. 

The  used  solution  algorithm  is  originally  based  on  the  implicit 
Beam-and-Warming  scheme  as  applied  in  a  modified  version  to  axisymmetric  super¬ 
sonic  and  hypersonic  flows  past  blunt  bodies  in  [35,36].  The  extension  to  three 
dimensions  in  [33]  takes  advantage  of  the  work  in  [37]  which  reduces  dramatically 
the  computational  effort  associated  with  the  inversion  of  the  implicit  operator 
in  three  dimensions.  Instead  of  approximately  factoring  the  multi-dimensional 
implicit  operator  into  one-dimensional  fi-.ctors,  the  surface-tangential  flux 
differencing  is  done  in  an  explicit  fashion.  Hence  only  one  one-dimensional 
implicit  operator  remains  to  be  inverted.  This  advantage  is  achieved  at  the 
expense  of  having  to  reduce  the  time  step  considerably  if  the  surface-tangential 
grid  resolution  needs  to  be  improved,  e.g.  near  the  nose  of  the  body  or  in  regions 
with  embedded  shocks.  In  such  cases  it  may  become  necessary  to  take  recourse  to  a 
more  implicit  or  even  fully  implicit  solution.  The  hybrid  explicit- imolicit 
scheme  exhibits  another  advantage  for  u.'e  on  computers  with  small  main  memory  in 
that  less  storage  is  needed  because  only  one  level  of  the  solution  vector  needs 
to  be  stored.  A  black-and-red  pattern  relaxation  scheme  is  used  for  the  solution. 

The  initial  conditions  used  are,  in  general,  post-shock  conditions  requiring 
small  time  steps  in  the  beginning,  and  increasing  these  within  about  100  steps  to 
the  final  value.  Alternatively,  for  steady-state  problems  some  artificial  vis¬ 
cous  layer  could  be  introduced  near  the  body  surface  to  enhance  taking  large  time 
steps  from  the  very  beginning  on.  Note  that  constant  time  steps  are  being  used 
thr^'ughout  the  entire  computational  domain.  Usually,  for  solutions  at  angle  of 
attack  the  flow  field  is  established  gradually,  starting  with  a  solution  at  an 
angle  of  attack  of  0®.  Most  crucial  is  an  appropriate  initial  guess  of  the  shape 
of  th'»  bow  shock  wave,  in  particular  for  more  complicated  shapes  (see  below). 
This  may,  however,  be  due  to  the  use  of  explicit  boundary  conditions  at  both  the 
moving  bow  shock  and  the  surface  of  the  body.  Therefore,  these  conditions  are 
currently  being  transferred  to  an  implicit  treatment  which  is  non-triviaJ 
because  of  the  moving  grid.  The  formulation  of  the  boundary  conditions  at  the 
fitted  shock  wave  uses  the  Rankine-Hugoniot  relations  and  assumes  the  pressure 
behind  the  shock  wave  Lo  le  known  from  a  calculation  based  on  the  values  of  the 
previous  time  step.  At  the  surface  no-slip  conditions  and  adiabatic  walls  or 
prescribed  wall  temperatures  are  currently  used.  Flow  symmetry  is  assumed  to 
reduce  the  computational  effort  because  the  computations  are  generally  carried 
out  on  a  CRAY- IS  without  dedicated  input/output  device. 

2 . 2  VALIDATION  OF  THE  METHOD 

The  validation  of  the  code  in  three  dimensions  has  been  carried  out  in  several 
steps,  for  cold  hypersonic  flows  as  was  mentioned  earlier.  First,  it  was  made 
sure  that  the  axisymmetric  flow  is  recovered  as  was  obtained  previously  with  tne 
code  for  axisymmetric  flow  (without  separation).  Then,  different  grids  have  been 
used  for  the  same  axisymmetric  problem  [33  ]  ,  One  is  based  on  cylindrical  coordi¬ 
nates  with  a  singula-  axis  at  the  nose,  the  other  avoids  the  singular  axis  by 
wrapping  a  surface  around  it.  Both  solutions  give  the  same  answer  if  the  mesh 
spacii.gs,  and  the  interpolation  at  the  singular  axis  in  the  first  approach  are 
chosen  appropriately  (33).  The  mesh  with  singular  axis  is  currently  preferred  in 
spite  of  the  difficulties  associated  with  the  interpolation  because  it  imposes 
less  restrictive  time-step  limitations  due  to  the  coarser  mesh  near  the  nose. 

Because  the  accuracy  of  the  prediction  of  heat  transfer  is  most  important  for 
the  design  of  hypersonic  vehicles,  experimentally  observed  heat  transfer  data 
for  model  configurations  were  sought  for  '•omparison  purpose.  While  hot  hyperson¬ 
ic  flow  data  are  virtually  not  available  at  all,  those  for  cold  hypersonic  flows 
in  well  documented  form  seem  to  have  been  established  only  in  the  sixties,  see 
e.g.  [ 38  to  40 ]  . 

The  laminar  flow  past  a  blunted  cone  at  Mach  number  10.6  with  Reynolds  number 
110  000  based  on  nose  radius  for  the  free-stream  stagnation  temperature  1111  K 
and  prescribed  wall  temperature  of  300  K  was  chosen  as  one  test  case  (38,39) 
because  pressure  distributions  and  heat  transfer  data  are  given.  Figure  2  shows 
several  surfaces  of  the  mesh  used  for  this  flow  simulation  at  an  angle  of  attack 
of  15®  in  perspective  view.  The  mesh  dimensions  in  longitudinal,  circumferential 
and  wall-normal  directions  are  63  x  25  x  41.  Note  that  the  external  grid  surface 
corresponds  to  the  fitted  bow  shock  wave  as  is  obtained  for  the  converged  sol¬ 
ution.  Measurements  are  given  only  at  locations  more  than  about  1.5  nose  radii 
downstream  of  the  nose.  Figures  3  and  4  show  the  excellent  agreement  of  predicted 
with  experimentally  observed  distributions  of  pressure  coefficients  and  heat 
transfer  (referenced  to  che  heat  transfer  at  the  body  nose  at  zero  incidence). 
The  ratio  of  the  heat  traiisfer  passes  slightly  the  theoretical  value  of  one  at 
the  stagnation  point  at  angle  of  attack  which  can  be  corrected  by  improving  the 
resolution  of  the  grid  near  the  nose.  Figure  5  displays  the  lines  of  constant 
Mach  number  in  the  symmetry  plane  for  the  same  flow  conditions.  The  location  of 
the  subsonic  flow  domain  near  the  stagnation  point  is  indicated  as  well.  The 
location  of  the  bow  shock  wave  can  be  estimated  well  as  the  external  boundary  of 
the  domain  of  the  iso-line  plot. 


Figiire  3:  Comparison  of  predicted  and  experimentally  observed  pressure 
distribution  on  a  blunted  cone  (o  :  experiment,  Cleary).  Legend 
see  fig.  2 . 
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Figure  4:  Comparison  of  predicted  and  experimentally  observed  heat  trans¬ 
fer  data  (o  :  experiment  Cleary).  Legend  see  fig.  2. 


It  remains  to  show  that  the  heat  transfer  is  well  predicted  also  in  the  neigh¬ 
borhood  of  peak  values,  near  the  stagnation  point.  It  is  hard  to  find  correspond¬ 
ing  experimental  data  for  cold  hypersonic  flows.  Therefore  fiaure  6  shows  a 
comparison  for  supersonic  flow  conditions  in  terms  of  adiabatic  wall  te.mper- 
atures  near  the  nose  of  a  hemisphere.  Free-stieam  conditions  are  M-  =  4.  15, 

Re  =  1  500  000  and  TO  =  309  K.  The  deviation  of  the  experimentally  determined 
stagnation  temperature,  as  referenced  to  the  free-stream  stagr.ation 
temperature,  from  the  theoretical  value  of  one  indicates  the  error  involved. 
This  shows  that  the  predicted  values  aie  well  witliin  the  band  width  of  the  exper¬ 
imental  error  range. 


2 . 3  IDEAL-GAS  FLOW  PAST  A  REALISTIC  SPACECRAFT  NOSE 


As  an  application  to  more  realistic  body  shapes  half  of  the  laminar  flow  pasn 
the  nose  of  a  Hermes-like  vehicle  has  been  simulated  with  Y  =  1.4  for  a  point 
within  the  possible  flight  corridor  (M«  =  12.2,  ReL  =  141  200,  L  =  1  m,  T«»  =  266.6 
K),  see  figure  7.  Tlte  external  grid  surface  cu-incides  with  the  Lo».  surface 
for  an  angle  of  attack  of  10®.  The  flat  windward  surface  of  the  body  can  clearly 
be  seen.  Because  the  desired  wall  temperature  is  not  known,  adiabatic-wall  boun¬ 
dary  conditions  have  been  employed.  Starting  with  a  solution  at  zero  incidence, 
based  on  a  mesh  with  40  x  41  x  41  points,  flow  fields  have  been  obtained  up  to  an 
angle  of  attack  of  20®.  As  indicated  earlier,  the  estimation  of  the  initial  shock 
shape  is  most  difficult,  because  the  solution  is  rather  sensitive  with  respect  to 
the  shock  position.  Note  that  the  authors  are  well  aware  of  the  discrepancy  of 
the  high  temperatures  near  the  stagnation  point  (of  the  order  of  8200  K)  and  the 
ideal-gas  flow  assus^tion.  For  an  angle  of  attack  of  10®  figure  8  shows  the  lines 
of  constant  Mach  number  in  the  symmetry  plane  of  the  body  including  the  trace  of 
the  sonic  surface  near  the  stagnation  point.  Note  the  flat  windward  surface  which 
becomes  obvious  in  figure  9  where  a  cross-sectional  plot  of  the  isobars  is  pre¬ 
sented  Including  the  cross-sectional  shape  of  the  body  at  the  downstream  end  of 
the  computational  domain.  The  used  mesh  is  indicated  in  the  same  figure,  with 
the  trace  of  the  bow  shock  wave  indicated  by  the  outmost  coordinate  lines.  The 
carpet  plot  of  the  pressure  clearly  Indicates  a  typical  cross-sectional  local 
maximum  of  the  pressure  near  the  lower  "corner"  of  the  body  before  the  flow 
expands  around  the  shoulder  with  a  fairly  small  radius  of  curvature. 

The  solutions  with  roughly  67000  grid  points  could  be  obtained  with  an 
in-core  version  of  the  code  on  the  CRAY-IS  computer  owing  to  the  reduced  storage 
requirements  of  the  hyi;;ii.d  explicit- implicit  scheme.  Currently  the  mesh  sensi¬ 
tivity  of  the  solution  is  investigated  by  running  the  code  on  a  CRAY-2  computer 
with  the  mesh  dimensions  In  the  surface  tangential  directions  being  doubled. 
From  the  cross-sectional  view  of  the  mesh  in  figure  9  it  seems  that  more  resol¬ 
ution  is  needed  near  the  "corners".  And  actually  a  flow-adaptive  solution  would 
be  moat  appropriate. 


Figure  7:  Perspective  view  of  some  surfaces  of  the  finite-difference  grid 
used  for  the  flow  simulation  past  a  typical  spacecraft  nose. 

M-  =  12.2;  a  =  10®;  ReL  =  141  200;  L  =  Im;  T-  =  266.6  K;  adiabatic; 
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3  .  GAS-KINETIC  FLOW  REGIME 
3 . 1  SOLUTION  METHODS 

For  sufflciontZy  dilute  geeee  the  fluid  is  considered  to  consist  of  sn  ensem¬ 
ble  of  discrete  particles.  The  motion  of  these  particles  and  the  corresponding 
collisions  are  described  by  Boltzmann's  equation.  There  is  a  single  dependent 
variable,  the  distribution  function,  but  there  are  seven  independent  variables, 
the  time  and  the  coordinates  of  the  position  vector  and  the  velocity  vector.  This 
explains  why  it  is  usually  avoided  to  integrate  the  equation  in  three  dimensions, 
even  if  the  collision  term  in  Boltzmann' s  equation  is  simple,  describing  the  var¬ 
iation  of  the  distribution  function  as  a  consequence  of  the  collisions  of  the 
particles. 

As  an  alternative  to  the  numerical  integration  of  Boltzmann's  equation  two 
simulation  approaches  have  been  investigated.  One  is  the  Direct-Simulation 
Monte-Carlo  technique  (DSMC),  suggested  by  Bird  [41] ,  and  the  other  is  the  Molec¬ 
ular-Dynamics  approach  (MD),  see  e.g.  [29,3C,42].  In  these  approaches  the  dis¬ 
tribution  function  is  directly  represented  by  the  particles  in  the  phase  space 
where  every  particle  is  defined  by  the  position  and  the  velocity  vector.  The  flow 
simulation  is  possible  with  some  thousands  of  model  particles  which  represent 
the  roughly  lE+19  particles  per  cubic  centimeter  existing  in  reality.  This  is 
possible  because  Boltzmann's  equation  can  be  normalized  such  that  it  is  inde¬ 
pendent  of  the  number  of  particles  [43],  if  the  product  of  particle  density  and 
cross  section  of  the  particle  remains  constant. 

In  the  MD  simulation  approach  the  calculation  starts  with  defining  the  posi¬ 
tion  and  the  velocity  of  the  particles  within  the  chosen  control  volume.  Usually 
statistical  assumptions  are  employed  for  this  purpose.  Once  the  initial  condi¬ 
tions  have  been  defined,  e.g.  based  on  Maxwell's  distribution  for  the 
velocities,  the  motion  of  the  particles  is  determined  completely  (deterministic 


Figure  8:  Lines  of  constant  Mach  number  in  the  symmetry  plane  near  the  nose 
of  a  typical  spacecraft  {♦  +  ♦  :  sonic  surface)  Legend  see  fig.  7. 
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Figure  10:  Sketch  of  the  control  volume  for  the  simulation  of  the  decay  of 
Oseen’s  vortex  flow,  with  initial  velocity  distribution. 


Figure  11:  Comparison  of  predicted  and  analytical  velocity  distribution  for 
Oseen's  vortex  decay  for  Kn  =  0.1.  :  init5al  condition,  — —  : 

analytic  solution,  xx  :  MD  result,  oo  ;  DSMC  result. 
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Figure  12:  Sketch  of  the  discretisation  of  the  flow  simulation  with  the  DSMC 
method. 
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The  DSMC  method  ia  similar  to  the  MD  approach  in  so  far  as  the  paths  of  many 
particles  are  determined^  and  the  macroscopic  cjuantities  are  obtained  by  sampl¬ 
ing  the  microccopic  quantities.  The  difference  between  both  methods  originates 
from  tlie  creatment  of  the  collisions  where  statistical  assumptions  are  employed 
in  the  DSMC  approach.  Because  this  results  in  less  computational  effort,  the  DSMC 
method  is  preferred,  in  general. 

The  computational  domain  in  the  DSMC  approach  is  first  partitioned  into  dis¬ 
crete  cells.  The  size  of  a  cell  has  to  be  chosen  such  that  the  variation  of  the 
flow  properties  within  that  cell  are  small  i.e.  of  the  order  of  the  mean  free 
path.  With  the  initial  position  and  velocity  of  the  particles  known,  as  in  the 
case  of  the  MD  method,  the  DS>k:  method  consists  of  two  steps  which  are  repeated  as 
oftsn  as  needed.  In  the  first  step  of  the  simulation  the  particles  are  moved 
according  to  their  individual  velocities  for  a  time  step  At,  chosen  such  that  it 
ia  small  compared  with  the  mean  collision  time.  Thereby  the  motion  is  determined 
without  regard  of  possible  interactions  with  neighboring  particles.  Collisions 
with  walls  are  handled  in  the  same  way  as  was  indicated  for  the  MD  method.  The 
next  step  then  consists  of  computing  for  each  cell  representative  collisions 
between  two  particles  which  are  chosen  in  a  random  manner.  These  two  particles, 
however,  may  or  may  not  collide  depending  on  the  collision  probability  which  is 
proportional  to  the  product  of  relative  velocity  and  cross  section.  If  the  two 
particles  collide,  the  momentum  and  energy  conservation  equations  are  used  to 
determine  the  new  velocity  components.  This  procedure  is  continued  until  the 
time  increments  Ate,  the  time  between  collisions,  sum  up  to  the  prescribed  At  for 
all  cells.  Because  the  particles  do  not  actually  collide  in  the  DSMC  method,  the 
impact  parameters  -  for  a  given  interaction  potential  -  are  not  determined  by  the 
geometric  consideration  as  is  the  case  in  the  MD  approach.  The  Monte~Carlo  method 
makes  use  of  the  fact  that,  in  particular  for  the  hard-sphere  model,  there  does 
not  exist  a  preferred  spatial  direction  for  the  impact  parameters,  so  that  they 
can  be  determined  in  a  random  way. 

Many  physical  models  are  available  to  numerically  describe  the  interaction  of 
particles  due  to  both  repulsing  and  attracting  forces.  The  usefulness  of  such 
models  have  been  shown  by  comparison  with  experimentally  observed  data.  For 
engineering  purpose  it  is  not  necessary  to  know  very  well  the  interaction  poten¬ 
tial.  In  (441  An  efficient  model,  the  so-called  "variable  hard  sphere  (VHS) 
model"  is  proposed.  This  model  has  the  advantage  of  the  hard-sphere  model,  i.e. 
the  isotropy  of  the  Impact  parameters.  On  the  other  hand  the  VHS  model  takes  into 
account  the  dependence  of  the  cross  section  upon  the  relative  velocity  of  the  two 
colliding  particles  (44]. 

The  kinetic  theory  for  gases  consisting  of  molecules  with  internal  energy  is 
very  complex  owing  to  the  multi-dimensional  phase  space,  and  to  the  complicated 
exchange  of  energy  between  internal  and  translatory  energy  modes  of  molecules, 
in  the  case  of  inelastic  collisions.  Therefore  it  is  very  difficult  to  determine 
exact  physical  models.  As  an  alternative  phenomenological  models  have  been 
developed:  the  Borgnakke/Larsen  model  has  proven  to  represent  a  valuable  tool 


Figure  13:  Velocity  profiles  along  the  stagnation  streamline  of  the  flow 
past  an  adiabatic  circular  cylinder  for  Kn  =  0.1  and  0.3  (DSMC). 
The  lines  are  taken  from  (46]  and  the  symbols  represent  present 
results  (the  shock  location  predicted  by  continuum  is  included  as 
well ) . 
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for  engineering  applications  |45].  The  main  feature  of  this  statistical  model  is 
that  part  of  the  collisions  is  treated  completely  inelastic.  The  remaining  col¬ 
lisions  are  considered  fully  elastic,  and  are  determined  as  if  the  considered  gas 
was  monatomic.  This  model  will  lead  to  the  Maxwell  distribution  in  the  case  of  a 
gas  in  equilibrium,  where  translatory  and  internal  temperature  coincide.  It  is 
currently  being  implemented  in  the  DSMC  method. 

Concerning  the  gas-kinetic  flow  simulations,  the  simulation  of  the  decay  of 
the  Oseen  vortex  and  of  the  hypersonic  flow  past  a  cylinder  are  discussed  as  part 
of  a  validation  procedure.  Then  first  results  are  presented  for  the  flow  in  t>'e 
symmetry  plane  of  the  nose  region  of  a  spacecraft  based  on  simplifying  assump¬ 
tions.  Note  that  the  methods  are  formulated  for  three  dimensions,  where  the  third 
dimension  exhibits  in  moat  cases  a  length  of  one  mean  free  pat^  because  of  the 
lacking  computer  resources.  Hence,  all  two-dimensional  results  presented  have 
been  obtained  in  a  quasi-three-dimensional  fashion. 

3.2  VALIDATION  OF  THE  DSMC  METHOD 

As  first  test  case  which  is  being  used  to  determine  the  parameters  character¬ 
istic  for  both  gas-kinetic  flow  simulation  approaches,  the  decay  of  Oseen' s  vor¬ 
tex  has  been  chosen.  This  flow  allows  to  check  the  sensitivity  of  the  DSMC  method 
with  respect  to  the  conservation  of  angular  momentum  which  becomes  important 
whenever  vortical  flows  are  simulated,  see  (29,30].  The  advantage  of  this  test 
case  is  that  there  is  an  analytic  solution  of  the  Navier-Stokes  equations  to  com¬ 
pare  with. 

The  control  volume  for  the  simulation  of  the  vortex  decay  exhibits  a  circular 
shape  with  radius  R,  see  figure  10.  The  characteristic  length  scale  L  of  the 
problem  is  chosen  to  be  the  distance  between  vortex  core  and  initial  location  of 
the  maximum  of  the  velocity.  At  the  boundary  of  the  control  volume  specular  dif¬ 
fusion  is  imposed  which  is  certainly  not  consistent  with  the  condition  of  air  at 
rest  (which  would  rather  require  diffuse  reflection).  This  way,  however,  the 
total  amount  of  angular  momentum  within  the  control  volume  must  remain  constant. 
Tlius  the  conservation  properties  of  the  considered  method  can  be  checked  direct¬ 
ly.  Knowing  that  the  boundary  condition  is  physically  incorrect,  care  is  taken 
that  the  influence  of  that  condition  does  not  penetrate  further  in  the  direction 
of  the  vortex  core  than  R/2 .  This  is  achieved  by  choosing  the  simulation  time 
appropriately.  The  interaction  between  the  particles  is  modelled  with  the  help 
of  the  hard-sphere  model. 

Figure  11  shows  for  Kn  =  0.1,  which  is  close  to  continuum  conditions,  a  com¬ 
parison  of  results  for  the  «D  and  the  DSMC  methods  with  the  analytic  solution  in 
terms  of  velocity  distribution.  The  ratio  of  particle  diameter  and  average  dis¬ 
tance  between  particle  centers  is  a  measure  of  the  degree  of  rarefaction.  This 
ratio  is  0.4  in  the  case  of  the  MD  method,  where  10  000  particles  are  employed  for 
the  simulation.  Four  independent  runs  have  been  made,  and  the  corresponding 
results  have  been  averaged.  In  the  case  of  the  DSMC  method  211  000  particles  have 
been  used.  The  circular  computational  domain  has  been  partitioned  into  cells 
such  that  the  radial  extent  of  each  box  is  roughly  0.8  of  the  mean  free  path  of 
the  particles,  see  the  sketch  in  figure  12.  This  choice  of  parameters  leads  to 
good  agreement  of  the  predicted  with  the  analytical  solution,  see  figure  11.  As 
expected,  only  near  the  external  boundary  some  systematic  disagreement  is  recog¬ 
nized.  The  average  change  in  angular  momentum  per  collision  of  the  particles  was 
less  than  0.0002  for  both  gas-kinetic  simulation  approaches. 

After  having  calibrated  the  DSMC  technique  only  this  one  was  used  in  the  fol¬ 
lowing  because  of  its  superior  computational  efficiency.  As  another  test  case 
the  adiabatic  hypersonic  flow  normal  to  a  cylinder  is  simulated,  the  fluid  being 
Argon.  The  calculations  have  been  performed  with  the  VHS  interaction  model  after 
Bird  for  Kn  =  0.1  and  0.3  and  a  free-stream  Mach  number  of  5.48.  Diffuse 
reflection  with  complete  thermal  accommodation  served  as  boundary  conditions. 
The  correlation  for  the  recovery  temperature  at  the  surface  of  a  cylinder  in 
dilute  gases  (46)  has  been  used  to  determine  the  wall  temperature.  Since  the  out¬ 
er  boundary  was  far  enough  away  from  the  cylinder,  the  toal  number  of  particles 
within  the  computational  domain  was  kept  constant:  the  number  of  particles  leav¬ 
ing  the  domain  were  replaced  by  the  same  number  entering  based  on  a  random 
distribution.  In  1974,  a  similar  investigation  was  carried  out  [47).  Therein, 
however,  the  inverse  12th-power-law  potential  was  used  to  simulate  the  flow  of 
Argon.  Figure  13  shows  the  distribution  of  the  velo^'ity,  as  referenced  to  the 
most  probable  velocity  cm  of  molecules  in  equilibrium,  along  the  stagnation 
streamline  in  comparison  with  the  results  in  (47) .  The  bow-shock  stand-off  dis¬ 
tance  is  referenced  to  the  radius  R.  An  additional  comparison  is  the 
continuum-flow  approximation  from  [47)  which  has  been  plotted  as  well  into  fig¬ 
ure  13.  In  figure  13  one  recognizes  the  bow-shock  wave  building  up  in  front  of 
the  body  with  reduced  Kn,  with  the  shock  thickness  decreasing  towards  the  contJr- 
uum-flow  limit.  For  Kn  =  0.1,  the  figures  14  and  15  show  lines  of  constant 
temperature  and  constant  density  for  the  nearly  adiabatic  cylinder  walls.  The 
curved  shock  wave,  the  thickness  of  which  is  of  the  order  of  the  body  radius,  is 
clearly  seen. 
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Figure  14:  Lines  of  constant  temperature  for  the  flow  past  a  circular  cylin-^ 
der.  M-  =*  5.48,  adieU^atic  wall,  Kn  =  0. 1 . 


Figure  15:  Lines  of  constant  density  for  the  flow  past  a  circular  cylinder. 
M-  «  5.48,  adiabatic  wall,  Kn  =  0. 1 . 


3 , 3  GAS-KINETIC  FLOW  PAST  A  REALISTIC  SPACECRAFT  NOSE 

In  the  following  first  simulations  of  the  flow  past  the  nose  of  a  realistic 
spacecraft  are  discussed.  The  flow  conditions  are  chosen  from  realistic  reentry 
parameters.  The  Knudsen  number  is  roughly  O.OS,  where  the  mean  free  path  corre¬ 
sponds  to  an  altitude  of  95  km  and  where  the  characteristic  length  is  the  average 
nose  radius  in  the  symmetry  plane.  The  free-stream  Mach  number  is  25.5  and  the 
prescribed  wall  temperature  is  chosen  1043  K.  The  calculation  of  the  collisions 
is  again  based  on  the  hard-sphere  model  for  monatomic  gases.  The  boundary  condi¬ 
tions  on  the  vehicle  is  based  on  diffuse  reflection  and  complete  thermal  accommo¬ 
dation.  It  is  obvious  that  the  high  free-stream  velocity  would  lead  to  real  gas 
effects  including  chemical  reactions.  These  are  currently  neglected  as  was  men¬ 
tioned  earlier.  Figure  16  shows  lines  of  constant  Mach  number  in  the  symmetry 
plane  of  the  flow  past  the  typical  spacecraft  nose.  A  thick  shock  layer  is  seen 
wrapped  around  the  nose.  Note  that  the  solution  i»s  rather  sensitive  to  the  size 
of  the  cells.  Also,  the  S2une  boundary  conditions  as  for  the  flow  past  the  cylin¬ 
der  has  been  applied  at  the  external  boundary  of  the  computational  domain,  see 
figure  16.  This  assumption  will  be  checked,  in  future.  These  calculations  are 
currently  being  repeated  on  a  CRAY-2  based  on  the  complete  three-dimensional 
shape  of  the  vehicle  nose.  Future  investigations  will  include  real  gas  effects, 
and  will  look  into  the  influence  of  the  boundary  conditions  on  the  flow  simu¬ 
lation. 
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4.  CONCLUDING  REMARKS 

The  present  paper  describes  results  of  the  first  steps  made  In  the  direction 
of  numerically  slmulsting  realistic  hypersonic  flow  fields  past 
three-dimensional  confi^rations.  In  order  to  cover  the  entire  hypersonic  flow 
regime  methods  are  needed  for  continuum  as  well  as  for  gas-kinetic  flow  simu¬ 
lations.  The  results  intentionally  concern  simple  configurations,  and  are  based 
on  ideal-flow  assun^tiona  to  validate  the  methods.  For  such  cold  hypersonic 
flows  it  is  not  easy  to  find  recent  detailed,  well  documented  experiments  which 
allow  to  check  the  performance  of  the  methods  with  respect  to  e.g.  heat  transfer 
which  is  of  major  importance  in  the  design  of  hypersonic  vehicles.  The  exper¬ 
imental  situation  is  even  worse  in  the  case  of  hot  hypersonic  flows  where 
reactions  occur,  and  of  flows  where  continuum  flow  prevails  but  where  rarefied 
flow  effects  must  be  considered  at  solid  surfaces,  or  of  flows  with  recombination 
taking  place  at  surfaces-  Realistic  physical  modelling  is  required  in  these  sit¬ 
uations,  and  needs  to  be  incorporated  in  the  existing  flow  simulation  methods  and 
codes.  The  only  way  to  gain  confidence  into  the  usefulness  of  such  modelling  is 
by  comparing  the  computational  results  with  experimentally  observed  data.  To 
achieve  this  for  hot  hypersonic  flow,  high-enthalpy  facilities  are  badly  needed 
which  can  simulate  properly  hypersonic  free  flight. 

Here,  ideal-gas  assumptions  allowed  to  check  the  performance  of  codes  in  the 
cold  hypersonic  flow  regime  based  on  fairly  simple  configurations.  In  the  con¬ 
tinuum-flow  regime  an  implicit  finite-difference  method  has  been  verified  by 
comparing  predicted  and  experimentally  observed  surface  pressure  and  heat  trans¬ 
fer  data  for  the  flow  past  blunted  cones  and  past  hemispheres.  In  the 
gas-kinetic-flow  regime  the  Direct-Simulation  Monte-Carlo  (DSHC)  approach  is 
preferred  to  the  more  accurate  Molecular-Dynamics  method  because  of  the  larger 
computational  efficiency.  It  is  shown  that  the  DSMC  is  as  good  as  the  other 
approach  even  with  respect  to  the  conservation  of  angular  momentum  in  vortical 
flow,  if  the  parameters  of  the  method  are  chosen  appropriately.  As  further  test 
the  flow  past  a  cylinder  has  been  chosen.  Finally  the  flow  about  the  nose  of  a 
typical  spacecraft  has  been  simulated  with  realistic  free-streeun  conditions  at 
M»  =  12.2  (continuum)  and  25.5  (gas-kinetic  flow).  It  is  noted  that  due  to  the 
limitations  with  respect  to  the  available  computer  resources  the  gas-kinetic 
flow  simulation  actually  considers  only  one  layer  of  flow  encompassing  the  sym¬ 
metry  plane  of  the  body.  Currently  computations  are  under  way  on  a  CRAy-2 
computer  to  perform  fully  three-dimensional  simulations  and  to  study  the  mesh 
dependency  of  the  solutions. 

The  next  steps  in  the  development  of  the  simulation  codes  will  concern  the 
modelling  of  real  gas  effects  and  their  implementation,  including  the 
gas-surface  interaction.  The  modelling  of  transition  and  turbulence  in  hyper¬ 
sonic  flows  is  as  important  as  in  the  conventional  compressible  flows.  All  these 
features  are  necessary  ingredients  for  the  successful  application  of  prediction 
methods  in  the  design  of  hypersonic  vehicles.  When  extending  the  work  to  realis¬ 
tic,  more  complicated  configurations,  flexible  grid  generation  methods  are 
required. 


X 


Figure  16:  Lines  of  constant  Mach  number  in  the  gas-kinetic  flow  past  a  typ¬ 
ical  spacecraft  nose .  M«»  —  25.5,  Tw  —  1043  K,  Kn  —  0 . 08 ,  o  =  0 
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SUMMARY 

Nuaerical  experlaents  of  hypersonic  flows  beneath  a  cone-delta-wing  coabination  have 
been  carried  out  by  solving  the  coapressible  Navier-Stokes  equations  using  an  assuaptlon 
of  local  conicity.  An  laplicit  aethod  is  coabined  with  a  aultigrid  scheae  in  the  solution 
procedure  to  achieve  fast  convergence  to  the  steady  state.  Detailed  flow  field  results 
provide  further  insight  into  the  coaplex  flow  structures  due  to  interaction  between  the 
cone  shock  and  the  wing  shock  and  the  interaction  of  the  resulting  flow  with  the  wing  or 
cone  boundary  layer.  Flow  field  pictures  rave's!  phenoaena  of  value  in  the  design  of 
hypersonic  lifting  vehicles,  such  as  the  inteiference  surface  pressure  and  the  high  local 
wall  heating.  Coaparlaons  with  experlaentai  data  and  conical  Euler  solution  are  also 
aade . 


LIST  OF  SYMBOLS 


B  State  vector 

Cp  surface  pressure  coe  f  f  ic  1  ent .  (  Pm- p. )  /  ( 1  /  2  )  p.Vg.  *  ,  at  r 

Cp  specific  heat  at  constant  pressure 

e  total  internal  energy 

F  0  direction  flux  vector 

G  ♦  direction  flux  vector 

a  source  tera  vector 

k  theraal  conductivity 

M  Mach  nuaber 

n  noraal  direction 

Pr  Prandti  nuaber,  Cpu/k,  0.72 

p  pressure 

q  heat  transfer  rate 

Re«,r  Reynolds  nuaber,  PaV«r/u« 

r  radial  coordinate,  aeasured  froa  cone  vertex 

Sj  vector  in  governing  equations 

St  Stanton  nuaber.  t  da  I /p«V«cp  ( Ta-T,i ) 

T  teaperature 

t  1 1  ae 

U  conservative  vector 

u  velocity  in  r  direction 

V  resultant  velocity.  ( u ' ♦v* ♦w* ) ‘ ^ * 

v  velocity  in  0  direction 

w  velocity  in  e  direction 

«  ang 1 e  of  at  tack 

7  ratio  of  specific  heats,  1.4 

e  coordinate,  conical  angle 

u  viscosity 

p  density 

T^j  stress  tensor 

«  coordinate,  c 1 rcuaf erent i ^.1  angle,  aeasured  froa  windward  syaaetric  surface 

A, 6  Increaent 

A4-.a_  forward  and  backward  finite  differencing  operator,  respectively 
A  delta  wing  leading  edge  sweep  angle 

Subscr 1 pt  8 

c  cone  surface 

i,j  value  at  (r,Oi,ej) 

t  derivative  to  tlae 

w  wall  value 

o  stagnation  value 

i.i.i  pertaining  to  r.o.e.  direction 

•  free-streaa  value 

e.e  derivative  to  e,  ♦.  respectively 

Superscipts 
n  t i ae  1  eve  1 

T  transpose 
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1.  IMTtODUCTIOl 

A  aajor  step  toward*  UBderatandlng  the  flow  over  general  hyperaonic  vehicle  shapes 
can  be  wade  by  nuaerlcally  predicting  the  flows  over  a  slwpllfled  yet  representative 
shape.  The  cone-delta-wing  cowblnation  is  such  a  shape  in  that  siwpl if Ication  arises  froa 
assualng  a  locally  conical  flow.  l.e..  gradients  in  a  radial  direction  can  be  ignored. 

In  early  studies  it  had  been  expected  that  the  interference  effects  on  the  windward 
side  of  a  wing-body  coabination  in  high  speed  flows  would  favour  lifting  effectiveness. 
Lack  of  knowledge  of  3-D  shock-shock  and  shock-boundary  layer  interactions  and 
difficulties  In  predicting  the  resultant  separation,  vortex  flow  and  reattachnent . 
however,  did  not  alloir  the  full  exploitation  of  this  benefit.  Purtheraore  undesirable 
high  local  heating  peaks  were  generated  as  a  result  of  these  Interactions. 

Atteapts  aade  two  decades  ago  to  understand  these  coaplicated  flows  involved  surface 
aeasureaent  in  supersonic  and  hypersonic  flow  beneath  such  siaple  geoaetr i es [  1 -3 ]  .  The 
saali  scale  of  experiaents  and  the  large  scatter  in  the  data,  however,  was  so  as  to  sake 
It  difficult  to  predict  accurately,  especially  near  the  wing-body  Junction,  the  details 
of  the  surface  pressure  signature  due  to  the  vortex  flows  generated  by  the  interactions 
and  the  resultant  high  local  wall  heating  rates. 

Work  has  been  undertaken  by  the  authors  to  further  the  knowledge  of  this  conplex  flow 
field  using  nunerlcal  experiaents  by  conputer  slaulation.  The  unsteady  coapresslble 
Navler-Stokes  equations  are  solved  using  a  locally  conical  flow  ^ssuaption-  The 
efficiency  of  the  MacCornack  lapllclt  finite  difference  Bethod[4]  Wft»  iaproved  by 
coablnlng  it  with  a  aultigrid  acceleration  for  steady  state  so  1 ut i ons [ 5 ]  . 

In  this  paper  the  nunerlcal  aethod  is  outlined  before  giving  detailed  nunerlcal 
results  for  the  hypersonic  flow  beneath  a  cone -de 1 ta-wlng  coabination  chosen  to  have  the 
saae  shape  as  that  used  in  the  experlaent  by  Meyer  and  Vall[l].  Coaparisons  with  these 
experiaental  results  were  aade  where  possible.  The  nunerlcal  results  for  the  above  cases 
have  been  plotted  out  In  detail  to  allow  an  understanding  of  the  flow  field  and  its 
effects  cn  surface  paraaeters.  An  Euler  solution  is  also  given  to  coapare  with  the 
Navler-Stokes  solution. 


2.  GOVERNING  EQUATIONS  AND  NUMERICAL  METHOD 

2.1.  The  Locally  Conical  Navier-Stokes  Equations  and  the  Conical  Euier  Equations 

The  three -d  laena i ona  1  unsteady.  coapresslble  Navler-Stokes  equations  are  first 
written  in  weak  conservation  fora  for  a  spherical  polar  coordinate  aysteair . d . » )  .  For 
supersonic  and  hypersonic  viscous  flows  around  conical  bodies,  it  can  be  assuaed  that  the 
gradients  in  the  radial  direction  are  auch  aaaller  than  those  In  the  crossflow  direction. 
The  validity  of  this  "locally  conical"  approxlaation  downstreaa  froa  the  nose  region  has 
been  well  established  through  experlaent  and  coaputatlon  even  though  a  relatively  large 
viscous  region  existsCe.g.  see  reference  6  and  references  therein].  Applying  this 
approxlaation,  i.e.  3/ar  »  0.  to  all  fluid  quantities  In  the  above  equations,  results  in 
the  following  "locally  conical'*  Navler-Stokes  equations. 
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Si^  «  (0  .  Ti  I  .  Ti  ,  TJ  ,  -qj  +  UT J  ,+VTl  j+WTJ  ,  ) 


2pu 


H  » 


T  1  j 
T|2 
T  J  1 
''  t  i 
^  f  t 

T  S  I 

Qz 


8 1  nO 


2pu* -pv* -pw* -(t,,*pI*(t,,*p)+(t,,+p) 
3puv-ctge (pw* ♦p I ♦ctg©(T , ,+p) -2t I j 

3pUWVctg9pVW-Ctg9T, j-2t  I  ) 
2u(pe+p)-tt(T,, ♦p) -vT I , -WT , , 


-  -p-{2/3)(tt/Re»,i*M  2u+V9*  vctge*w^/8  i  n©  ) 

-  2  (  u/Re,  {. )  (  V9*u  )  *T  ,  I 

-  2(o/Re«,_j.)(w0/8in©*u*vctg©)+Tii 

-  T,,  «  (  w/Re,  ,  j. )  ( -v  +  ue) 
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The  fluid  propertiea,  denelty  p.  velocity  coapoaente  u.v.w.  Internal  enersy  e. 
preaaure  p.  teaperature  T  and  the  vlecoelty  u.  In  the  above  equatlone  have  been 
nottdlaenelonlsed  vlth  reepect  to  p«.  V*.  V.*.  .  Tq-T.  and  m..  The  tlae  t  hae  been 

nondlaenalonlzed  by  r/V«  correapondlngly .  Note  that,  for  vlecoue  floa.  a  length  acale 
dependence  reaalna  and  la  contained  in  the  Reynolda  nuaber.  Re« , r>p«V«r/M* .  which 
deteralnea  the  location  of  a  croaaflow  plane,  r,  In  which  a  aolutlon  la  coaputed. 

The  preaaure  la  given  by 

P  -  ()r-l)p[e-U**v*+w*)/2l 

and  vlacoalty  la  accounted  for  by  the  Sutherland  foraula. 

lit  the  above  locally  conical  Navier-Stokea  equatlona  1  the  vlacouc  effecta  are 
neglected,  l.e.  u  -  0,  conical  Euler  equatlona  reault  with 
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In  contraat  to  the  locally  conical  Navler-Stokea  equatlona  no  length  ecale  dependence 
reaalna  In  the  conical  Euler  equatlona.  which  Indlcatea  that  for  high  apeed  flowa  around 
conical  ahapea  conical  Euler  equatlona  deecrlbe  atrlctly  conical  invlacid  flow  and  the 
nonconlclty  la  all  Introduced  by  the  vlecoue  effecta. 


2.2.  An  Inpliclt  Scheae  with  Multigrid  Acceleration 

The  baalc  integration  acheae  eaployed  in  tbla  work  la  the  two-atep  Inpliclt  aethod 
propoaed  by  NacCoraack ( 4 ] .  Me  apply  it  to  Eq.  (1)  In  the  following  fora. 

Predictor : 

4U“,J  .  -4t(A.Pl , j/48  ♦  4,Gl,j/A«  .  Mi,j) 

(  I  -  (4t/4e)4.  |a”  I  1  (  I  -  (4t/4»)A.|B"neu7yy  -  AO” ,  J 

..IfTT  n  -  „n  ♦ » 

^l.j  •  *  *Ul.J 

Corrector: 


*  A-of^j/A*  ♦ 

.irrr 


C  I  ♦  (At/A«)A.|A'  lit  I  ♦  (At/A*)A.|B° 

Ujj  -  (l/2)(uJ,j  *  uY^j  *  BHitj) 


n»oi!j 


Ai.irn- 

*“1 .  j 


For  further  acceleration  of  the  convergence  to  the  ateady  atate.  a  anltigrld  acheae 
la  coablned  with  the  above  iapllclt  aethod  In  the  aolutlon  procedure.  Coaraer  grlda  are 
defined  by  aucceaalve  deletion  of  every  other  line  In  each  coordinate  direction.  The 
aultlgrld  atrategy  uaed  here  la  by  aawtooth  cycling.  The  coarae  grid  acheae  la  a  one-atep 
Lax-Vendrof f  explicit  acheae  expreeaed  aa  diatrlbutlon  foraulae  in  finite  voluae 
Integration  fora  by  Nl[7].  In  thla  application,  the  diatrlbutlon  foraulae  can  be  written 
aa 


^^l.J  "  (1/4)(AU  4-  At(  AP/AO  *  A6/Ae  +  AB))^ 

+  (1/4)[AU  4-  At(-AF/A9  ♦  AO/Ae  *  AHMb 

+(1/4)[aU  >  At(  AF/A9  -  AQ/Ae  ♦  AB)Jc 

♦(1/4)(AU  +  At(-AF/A«  -  AO/Ae  ♦  Afl))d  (3) 

where  a,b.c  and  d  repreaent  the  four  control  voluaea  aurroundlng  the  grid  point  (l.J). 

Baaed  on  phyaical  arguaent[8],  the  coarae  grid  acheae  involvea  only  Invlacid 
Jacoblana,  the  reault  of  which  aakea  the  procedure  wore  efficient.  Therefore,  In  Eq.(3). 
we  have 

AF  -  OFi/aU)AU,  AG  -  (2Gi/aU>AU,  AH  -  (dHi/dU^AD 

For  atabllity  a  local  variable  tine  atep.  which  la  deteraxned  by  the  local  Invlacid 
atablllty  condition,  la  uaed  in  the  coarae  grid  acheae. 

At  -  CFL  Bln[(A9/(  |v|4^c),  BlDeAe/(|w|4^c)].  CFL  a  1 

The  reatrlctlon  and  prolongation  operatora  are  raapectively  full-weighting  average 
and  bilinear  interpolationa . 

The  efficiency  of  the  above  nuaerical  procedure  waa  atudled  In  Ref. (6).  Coaparlaon 
with  the  correapondlng  NacCoraack  explicit  aethod  and  effect  of  the  aultlgrld  acheaea  on 
convergence  were  Inveatigated  there. 
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3.  RB80LTS  AMD  D1SC088I0I 

The  coDA-dslta'iilaf  configuration  tented  experlnentally  by  Meyer  and  Vall[l]  in 
choeen.  Pig.  1  ahown  the  aketch  of  the  geoaetry  and  the  solution  plane.  The  conditions 
are 


4 

i 

i 


N.  -  12.66.  Re.  -  3.78  x  10*.  T©  -  1800  K.  Tw/Tq  -  0.16.  Pq  -  3.685  *  10'  N/a*  . 

Oq  -  12* .  A  »  60* 

The  coaputatlon  la  aade  at  the  spherical  plane  of  r  -  3.7in  corresponding  to  the 
experiaental  aeasureaent.  The  aesh  of  66x66,  illustrated  in  Pig.  2.  is  stretched  in  both 
0  and  e  dlrectlona  in  such  a  way  as  to  ensure  sufficient  resolution  of  the  viscous 
effects.  A  three-level  aultigrid  procedure  Is  used.  The  Initial  flow  field  is  set  to  the 
flow  properties  at  Infinity. 

The  boundary  conditions  supplied  are:- 

a) on  the  wall:  u«v«w«0:  constant  (isothernal  wall) 

b) outer  boundary:  free  streaa  values 

c) syaaetric  plane:  reflection  condition 

Por  conical  Euler  solutions  the  wall  no-slip  boundary  condition  a)  Is  replaced  by 
tangency  condition  with  v  -  0  on  the  cone  surface  and  w  >  0  on  the  wing  surface. 

3.1.  Angle  of  attack  «  •  0* 

According  to  invlscid  flow  theory,  flow  at  zero  angle  of  attack  is  quite  siaple.  In 
this  case  the  free  streaa  Is  aligned  with  the  surface  of  the  wing  so  no  shock  wave  is 
generated  by  the  wing.  Part  of  the  wing  captures  the  high  positive  pressure  of  the  cone 
shock  layer  and  this  so-called  “invlscid  interferenc*  pressure"  produces  an  Inr^rferenr^ 
1  if ^  on  the  Wing . 

Unfortunately  this  is  not  the  case  In  practice.  Viscous  effects  coapllcate  the  flow 
field.  Pigs.  3-8  show  the  nuaerlcal  results  for  this  case.  Pig.  3  presents  the  crossflow 
velocity  vectors  at  each  grid  point  and  Pig.  4  gives  a  closer  view  near  the  Junction. 
Pigs.  6  and  6  show  the  crossflow  Mach  nuaber  and  pressure  contours  (These  contours  are 
plotted  in  the  rectangular  coaputatlon  grid  instead  of  the  curved  physical  grid  due  to 
lack  of  appropriate  graphic  software).  Pigs.  7  and  8  coapare  the  surface  pressure  and 
heat  transfer  with  the  experiaental  data  respectively. 

The  high  pressure  field  of  the  cone  shock  layer  Interacts  with  the  wing  boundary 
layer,  which  results  in  separation  on  the  wing.  This  is  the  aajor  feature  of  the  flow 
interaction,  which  Is  clearly  shown  in  Pigs.  3-6.  The  separated  flow  froa  the  wing  foras 
a  very  strong  vortex,  which  reattaches  first  on  the  cone  surface  at  A,  and  then  on  the 
wing  surface  at  At.  Plow  reattachaent  creates  high  local  heating  rates  on  the  surface  as 
seen  In  Pig.  6.  A  secondary  vortex  between  the  wing  and  the  priaery  vortex  is  easily 
observed  with  reattachaent  at  A».  The  thick  viscous  layer  beneath  the  wing  interacts  with 
the  oncoalng  flow  and  a  weak  shock  wave  foras  froa  the  wing  leading  edge.  The  outer  edge 
of  the  viscous  layer  ead  the  weak  shock  wave  are  clearly  illustrated  in  Fig.  5.  This  weak 
shock  wave  again  Interacts  with  the  cone  shock  wave  and  a  resulting  strong  Internal  shock 
wave  appears  clearly  outside  the  priaery  vortex  to  decelerate  further  the  high  speed  flow 
passing  through  the  weak  wing  shock  and  deflecting  it  into  the  prlaary  vortex.  The 

internal  shock  curves  inwards  because  of  the  influence  of  the  wall  as  shown  in  Figs.  6 
and  6.  A  shear  layer  resulting  froa  the  slip  surface  is  seen  lying  between  the 

shock-shock  interaction  point  and  the  reattachaent  point  Ai  in  Pig.  6.  which  divides  the 
flow  processed  by  the  cone  shock  froa  that  by  the  wing  shock. 

with  the  flow  field  pictures  in  aind,  the  surface  pressure  distribution  and  the  heat 

transfer  to  the  wall  becoae  understandable.  Coaparison  with  the  data  of  Meyer  and  Vail’s 
surface  pressure  aeasureaent  is  aade  in  Pig.  7.  The  pressure  spike  at  At  predicted  by  the 
nuaerlcal  results  aligns  qualitatively  with  aeasureaents  at  zero  angle  of  attack  as 
reported  In  [3].  Unfortunately  Meyer  and  Vall[l]  failed  to  give  data  in  this  region  due 
to  difficulties  in  aeasureaent  near  the  Junction.  The  peaks  in  heat  transfer  corresponds 
to  the  reattachaent  points.  At,  A^  and  Ay  while  the  valleys  to  the  separation  points,  S,. 
9,. 

9.2.  Angle  of  attack  «  -  9* 

Figs.  9-14  illustrate  the  results  of  the  nuaerlcal  siaulatlon  of  the  case  at  an  angle 
of  attack  of  6’  using  the  saae  set  of  illustrations  as  for  the  «  •  O’  case.  At  this  saall 
angle  of  attack,  a  nuaber  of  its  features  as  described  for  aero  angle  of  attack  are  seen, 
but  the  effects  on  the  surface  paraaeters  on  the  wing  are  aore  accentuated  due  to  the 
interaction  being  sore  directed  towards  the  wing.  In  the  crossflow  Mach  contour.  Pig.  11, 
the  "three-shock  configuration"  is  well  represented  and  instead  of  a  slip  surface  the 
shear  layer  between  the  shock-shock  interaction  point  and  the  reattachaent  point  Ai  is 
clearly  seen.  The  shock  resulting  froa  the  shock-shock  interaction  further  interacts  with 
the  wing  boundary  layer  and  another  internal  shock  eaerges  close  to  the  Junction  due  to 
influence  of  the  wall.  This  internal  shock  directs  the  strong  crossflow  to  roll  through 
the  Junction  into  a  strong  priaery  vortex  beneath  the  wing. 

Significant  is  the  appearance  of  a  vortex  roiling  up  froa  the  cone  surface,  which  is 
not  seen  la  the  xero  angle  of  attack  case.  This  vortex  is  seen  aore  proalnently  in  the 
«  •  16*  case  to  be  described.  It  is  seen  froa  Pig.  13  that  the  predictions  of  the  surface 


r 
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pressure  distribution  agree  well  Mltb  the  seasuresents  of  Meyer  and  Vail[l}-  In  Pig.  14 
the  heat  transfer  distribution  agrees  qualitatively  with  the  experiaental  results,  which 
was  stated  to  be  lawinar,  in  identifying  the  peaks  and  the  valleys  but  the  level  is 
obviously  lower  than  the  experlwental  data  on  the  cone  surface.  At  this  stage  this 
discrepancy  is  not  understood. 

3.4.  Angle  of  attack  «  -  IS* 

Pigs.  lS-20  have  an  equivalent  sequence  as  in  the  a  -  o’  and  5*  cases.  Pigs.  15-17 
show  crossflow  features  of  the  flowfield.  At  this  high  incidence,  the  flow  structure  is 
clearly  different  froa  those  at  zero  and  5*  angle  of  attack  cases.  Proa  the  crossflow 
velocity  vector  plot  (Pigs.  IS  and  IS),  there  is  observed  a  narrow  separation  region 
beneath  the  wing  and  the  high  energy  flow  reattaches  on  the  wing  first  Instead  of  on  the 
cone  as  in  the  previous  cases.  The  aaln  strean  of  this  flow  passes  through  the  corner 
then  reattaches  on  the  cone  surface.  It  aeets  the  cone  boundary  layer  and  rolls  up  into  a 
vortex.  When  the  high  energy  flow  passes  through  the  corner,  a  snail  part  of  it  divides 
and  foras  a  saall  vortex  near  the  Junction.  A  secondary  separation  on  the  cone  surface 
beneath  the  prinary  one  can  be  identified  in  Pigs.  16  and  20. 

At  this  angle  of  attack,  the  wing  shock  wave  becoaes  stronger  and  the  difference  in 
strength  and  intersection  angle  between  the  two  shock  waves  is  reduced.  The  two  shock 
waves  appear  to  aerge  into  each  other  and  the  Interaction  only  results  in  weak 
coapression  waves  and  a  shear  layer.  The  coapresslon  waves  interact  with  the  wing 
boundary,  while  the  shear  layer  Joins  into  the  process  of  rolling  up  of  the  prinary 
vortex . 

The  coaparison  of  the  wall  pressure  distribution  is  given  in  Pig.  19-  The  two  high 
pressure  peaks  near  the  corner  represents  the  two  reattachnent  points  of  the  high  energy 
atr«,aa.  Peaka  in  heat  transfer  distribution,  Pig.  20.  exhibit  all  the  four  reattachnent 
points.  At,  Aj,  A|,  A4,  on  the  wall,  two  on  the  wing  and  two  on  the  cone  surface,  while 
the  valleys  in  heat  transfer  distribution  are  associated  with  the  separation  points,  S| , 
$2.  S),  S4.  These  peaks  and  valleys  are  clearly  results  of  the  flow  structure  shown  in 
Fig.  lS-16.  The  decrepancy  with  experiaental  data  appears  larger  in  the  level  of  heat 
transfer  distribution  at  this  higher  angle  of  attack. 

3.4.  Euler  solution 

To  Illustrate  the  Inportance  of  viscous  effects  it  is  usful  to  coapare  the 
Navler-Stokes  solution  with  the  Euler  solution.  Pigs.  21-24  show  solution  of  the  conical 
Euler  equations  for  the  S*  angle  of  attack  case,  it  is  not  surprising  to  find  that  no 
vortex  exists  in  the  Invlscid  solution.  The  delta  wing  shock  layer  is  auch  thinner  than 
that  in  the  viscous  solution.  The  three  shock  configuration  is  clearly  shown  with  a 
resulting  shock  reflected  on  the  wing  surface.  The  totally  different  flow  structures 
produced  by  Navier-Stokes  tolutione  and  Euler  solutions  Indicate  the  strong  viscous 
effects  in  this  problea. 


4.  COMCLaSIOHS 

Nuaerlcal  siaulatlon  of  hypersonic  flow  beneath  a  cone-de 1 t a -w i ng  coablnation  has 
been  generated  by  solving  the  coapreeslble  Navler-Stokes  equations  using  "locally 
conical"  assuaptlon.  Illustrations  derived  froa  these  solutions  and  coaparisons  with 
surface  weasurewents  and  conical  Euler  solukioos  have  resulted  In  the  following 
concl ue 1  one . 

1)  Nuaerlcal  slaulatlons  can  provide  considerable  detail  within  the  flow  field  and  help 
understanding  of  the  coaplex  flow  procesaes. 

2)  Various  types  of  vortex  flows  resulting  froa  the  shock-shock  and  shock-boundary  layer 
Interactions  doalnate  the  flow  beneath  the  coablnation.  The  coaparison  of  the  results 
with  those  froa  a  conical  Euler  analysis  indicates  further  that  the  windward  flow  is 
governed  by  viscous  effects. 

3)  Surface  pressure  peaks  near  the  Junction  are  features  at  low  angle  of  attack  cases  and 
very  high  aerodynaalc  heating  rates  are  observed  In  all  cases  around  the  strong  vortex 
reattachaent  points.  The  flow  behaviour  appears  quite  sensitive  to  the  angle  of  attack, 
showing  large  difference  between  results  at  0’  and  15*  angles  of  attack. 

4)  Reasonable  agreewent  with  surface  preaeure  aeasureasnta  provides  validity  of  the 
locally  conical  assuaptlon  and  the  nuaerlcel  aethod,  while  the  decrepancy  with  the 
aeasureaent  in  the  level  of  heat  traafer  distribution,  especislly  at  high  angle  of 
attack,  needs  to  be  studied  further. 

5)  The  results  give  iwportant  guidance  to  design  of  high  speed  vehicles  of  the  coaplex 
nature  of  aerodynsaic  loading  and  heating  on  surfacea. 
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Summary 

A  technique  has  been  developed  for  obtaining  approximate  solutions  of  the  inviscid,  hypersonic  fiow  on  a  blunt  body 
with  a  spatial  marching  scheme.  The  scheme  introduces  the  Vigneron  pressure  gradient  approximation  into  the  momentum 
equation  in  the  direction  along  the  body  surface.  The  resulting  governing  equations  are  hyperbolic.  With  a  specified  shock 
wave  these  equations  are  solved  at  the  stagnation  streamline  with  an  iteration  procedure  and  are  solved  in  the  downstream 
direction  with  a  marching  scheme.  The  complete  Euler  equations  are  solved  with  the  numerical  scheme  when  the  fiow 
is  supersonic.  A  global  Iteration  procedure  is  required  to  obtain  the  shock  wave  location.  The  approximate  results  from 
the  spatial  marching  technique  are  compared  with  the  complete  solution  of  the  Euler  equations  for  flow  over  a  sphere. 
The  two  results  are  shown  to  be  in  approximate  ^reement  and  the  spatial  marching  technique  provides  useful  engineering 
predictions  while  requiring  considerable  less  computational  time. 

1  Introduction 

In  the  nose  region  of  a  hypersonic  reentry  vehicle,  the  flow  behind  the  shock  wave  is  subsonic  and  the  steady-state 
Euler  equations  describing  the  inviscid  flow  are  elliptic.  To  avoid  solving  a  system  of  nonlinear  elliptic  partial  differential 
equations  with  a  relaxation  method,  the  standard  solution  method  solves  a  finite-difference  form  of  the  time-dependent 
Euler  equations.  This  approach  requires  hundreds  of  time  steps  to  obtain  the  steady-state  solution  for  the  inviscid  case 
but  can  require  thousands  of  time  steps  when  extended  to  viscous  flows.  A  faster  and  more  robust  technique  is  needed  for 
engineering  design  codes,  especially  when  real  gas  properties  are  included. 

Another  technique  for  solving  the  blunt  body  problem  is  the  thin  viscous  shock  layer  approach  of  Davisllj  where  the 
normal  momentum  equation  is  simplified  in  order  to  allow  a  marching  solution  to  be  used.  For  an  ogive  in  supersonic  flow. 
Biottner|2|  has  shown  that  the  thin  viscous  shock  layer  approach  is  not  as  accurate  as  a  parabolized  method  where,  in  the 
tangential  momentum  equation,  the  pressure  gradient  is  held  constant  across  the  shock  layer  and  equal  to  the  value  at  the 
shock  wave.  The  standard  solution  technique  used  downstream  on  reeentry  vehicles  where  the  flow  is  supersonic  (except 
in  the  boimdary  layer)  has  become  the  parabolized  Navier-Stokes  approach. 

The  purpose  of  this  paper  is  to  present  a  new  approach  for  solving  the  subsonic  nose  region  with  a  spatial  marching 
technique.  With  global  iteration  on  the  pressure  field,  the  method  can  be  modified  to  provide  the  complete  solution  of 
the  Euler  equations.  For  8upers<mic  flow  regions,  the  solution  is  obtained  with  one  spatial  marching  sweep.  The  present 
work  considers  inviscid  flow  but  the  procedure  can  be  extended  to  viscous  flows.  When  the  method  is  developed  further, 
one  code  should  be  able  to  solve  the  complete  fiow  field  on  a  hypersonic  vehicle.  The  initial  solutions  obtained  would  be 
approximate  but  with  a  reasonable  number  of  global  iterations  the  complete  solution  of  the  Navier-Stokes  equations  should 
be  obtainable. 

3  Theoretical  Development 
3.1  General  Solution  Procedure 

A  spatial  marching  solution  technique  is  obtained  by  introducing  the  Vigneron  condition  for  the  pressure  gradient  in  the 
momentum  equation  in  the  direction  along  the  body  surface.  The  Vigneron  condition  requires  part  of  the  pressure  gradient 
to  be  specified  depending  on  the  local  Mach  number.  When  the  Mach  number  is  zero,  the  complete  pressure  gradient  is 
specified  while  for  supersonic  flow  the  complete  Euler  equations  are  solved  without  any  approximation  for  the  pressure 
gradient.  The  Euler  equations  then  become  hyperbolic  in  the  subsonic  as  well  as  the  supersonic  flow  regions.  The  elliptic 
nature  of  the  proble'u  still  remains  in  the  boundary  conditions  at  the  shock  wave  and  a  marching  technique  requires  that 
a  shock  shape  be  specified  initially  where  the  fiow  is  subsonic.  After  each  marched  solution  along  the  body,  an  iteration 

*Thii  work  performed  at  Sandia  National  Laboratories  supported  by  the  U.  S.  Department  of  Energy  under  Contract  No.  DE-ACXM-TSDPOOTSQ. 
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on  thp  ahoJc  r,a.c  location  is  required  until  tl^  assumed  shock  location  is  the  same  as  the  calculated  location.  Beyond 
the  sonic  line  where  the  flow  is  completely  supersonic,  the  complete  Euler  eqtiations  are  solved  with  a  single  downstream 
march.  The  initial  conditions  for  the  marching  solution  are  obtained  from  the  solution  of  the  governing  equations  along 
the  stagnation  streamline  where  ordinary  differential  equations  result.  The  elliptic  properties  of  the  problem  also  occur  m 
the  solution  of  these  equations  as  downstream  information  on  the  shock  shape  and  pressure  held  if*  ueeded. 

The  present  solution  procedure  was  introduced  into  a  previously  developed  code  for  solving  inviscid  supersonic  flow 
for  the  case  of  axisymmetric  flow  of  a  perfect  gas.  Significant  changes  and  improvements  have  been  made  in  the  original 
code.  A  surface  coordinate  system  was  used  in  the  previous  work  and  is  used  in  the  present  investigation.  This  coordinate 
system  is  more  appropriate  when  considering  viscous  flows  where  the  boundary  layer  terms  are  more  readily  included  and 
higher-order  terms  can  be  neglected.  In  addition,  with  surface  coordinates  the  Vigneron  condition  fur  pressure  gradient 
is  used  only  in  the  momentiim  equation  along  the  body  surface.  There  are  several  choices  for  the  dependent  variables 
available.  The  ones  used  in  this  study  are  the  velocity  components  along  and  normal  to  the  body  surface,  the  pressure 
and  the  gas  temperature.  The  governing  partial  differential  equations  are  locally  linearized  and  then  are  written  in  finite 
difference  form  using  a  box  scheme.  The  difference  equations  for  the  governing  equations  plus  the  boundary  conditions 
at  the  wall  and  shock  wave  give  a  system  of  equations  that  matches  the  number  of  unknown  dependent  variables.  No 
numerical  boundary  conditions  are  required.  This  system  of  equations  is  of  block  tridisgonal  form  except  the  shock  layer 
thickness  appears  as  an  additional  unknown.  This  modified  form  of  block  tridiagonal  equations  is  also  readily  solved.  The 
governing  equations  are  reduced  to  ordinary  differential  equations  at  the  stagnation  streamline  and  an  iteration  procedure 
Is  used  to  obtain  the  solution  of  the  nonlinear  governing  equations.  This  solution  is  used  to  provide  initial  conditions  for  the 
marching  solution  along  the  body.  At  each  marching  step  along  the  body,  the  solution  is  also  iterated  until  the  nonlinear 
difference  equations  are  satisfied.  The  8<^ution  provides  a  new  value  of  the  shock  layer  thickness  that  miist  match  the 
assumed  value  for  a  converged  solution. 

As  a  test  of  the  validity  and  accuracy  the  spatial  marching  technique,  the  hypersonic  inviscid  flow  over  a  sphere  at 
Mach  number  of  8.0  has  been  obtained.  The  spatial  marching  results  are  compared  with  the  complete  solution  of  the  Euler 
equations  to  evaluate  the  present  approach. 


3.3  Governing  Coneervation  Equations 


The  inviscid  flow  equations  are  written  in  surface  coordinates  with  s  the  distance  along  the  surface  from  the  st^nation 
point  and  n  the  normal  distance  away  firom  the  surface.  The  velocity  components  are  ti  and  u  and  are  in  the  s  and  n 
coordinate  directions,  respectively.  The  Euler  equations  are  written  in  the  following  form: 


s-Momentum 


(2.1) 


n-Momentum 


dv  ,,  dv  ,  ,,,, 


(2.2) 


Continuity 

^(rpu)  d(rHpv) 
ds  dn 


(2.3) 


Energy 


dHr 
“  dt 


+  Hv 


dHr 

dn 


=  0 


(2.4) 


where  the  metric  term  H  =  I  +  Kn  and  the  radial  distance  r  =  r,  +  n  coe  The  variable  ic  i»  the  surface  curvature,  r, 
is  the  radial  distance  from  the  body  axis  to  the  surface  of  the  body  and  9,  is  the  angle  between  the  body  surface  and  the 
body  axis.  The  total  enthalpy  Hr  is  written  in  terms  of  the  pressure  p,  the  density  p.  and  the  total  energy  e  which  gives 
Ht  =  {e  +  p)/p  =  h  +  j(u’  +  o’)  and  for  a  perfect  gas  the  specihc  enthalpy  h  =  p/p- 

The  variables  are  nondimensionalised  with  the  heestream  velocity  freestream  density  and  reference  length  L. 
The  pressure  is  made  nondimensional  with  New  coordinates  are  introduced 


i  =  »/L  and  17  =  (n/L)/F  (2.5) 

where  F  =  nt^^/L  is  the  nondimensional  distance  from  the  body  to  the  shock  along  a  surface  normal.  The  Dondimensional 
transformed  governing  equations  become 


(-Momentum 

(2.6) 

17- Momentum 

(2.7) 

Continuity 

diFrpu)  ,  a(rp^)  „ 
a(  '  an 

(2.8) 

Energy 

^  a  Hr  BHt  „ 

(2.9) 

where  0  =  vH  —  urfF^  and  the  metric  term  H  ^  i  +  ktiF.  The  foregoing  governing  equations  can  be  used  to  solve 
for  four  dependent  variables  and  the  ones  used  in  this  investigation  axe  the  u  and  v  velocity  components,  the  pressure 
p,  and  the  temperature  T.  The  temperature  is  nondimensionaliaed  with  V^/cp  and  for  a  perfect  gas  is  obtained  from 
T  =  h  (:^)p/p-  Therefore,  wherever  the  density  p  spears  in  the  governing  equations,  it  is  determined  &om  and 
replaced  witn  tnis  relation. 

The  foregoing  Euler  equations  are  elliptic  when  the  fiow  is  subsonic  and  hyperbolic  for  supersonic  flow.  There  are 
several  techniques  to  change  the  properties  of  these  equations  so  that  a  marching  solution  technique  can  be  used  when  the 
flow  is  substmic.  The  presmt  approach  is  to  modify  the  pressure  gradient  term  {dp/d^)  in  the  s-momentum  equation  with 
the  Vigneron  condition  which  is  expressed  as 


^  =p^  =UP{  + (1 -«)pj  (2.10) 

The  pressure  gradient  is  assumed  known  while  the  other  part  of  the  pressure  gradient  p(  is  obtained  as  part  of  the 
solution  procedure.  It  h^  been  shown  by  Vigneron  ct  al.[3|  for  the  Cartesian  form  of  these  equatic^  and  by  Prabhu  and 
Tannehill  (4|  for  the  equations  in  generalized  coordinates  that  u  can  be  chosen  so  that  the  eigen^^ues  are  real  and  positive 
as  long  as  there  is  no  reverse  flow.  For  this  situation  the  equations  are  hyperbolic  and  can  be  solved  with  a  marching 
teciinique.  For  the  present  set  of  equations  with  the  Mach  number  —  u/u  and  speed  of  sound  o^  ^  'TP/P^  Vigneron 
condition  becomes 

(jj  = 'yMpil  +  -  i)Ml\  where  0  <  <  1  (2.11) 

When  the  Mach  number  is  zero,  the  pressure  gradient  is  completely  specified  by  pj.  When  the  Mach  number  >  1, 
then  w  =  1  and  the  pressure  gradient  is  completely  determined  from  the  solution.  In  the  present  solutions  the  part  of  the 
pressure  gradient  that  is  specified  is  evaluated  at  the  shock  wave  since  the  pressure  is  known  at  this  location.  The  specified 
pressure  gradient  is  assumed  to  rem^  constant  across  the  shock  layer  at  constant  i  values.  With  the  Vigneron  condition 
emplc^ed,  the  resulting  solution  will  be  an  approximate  solution  to  the  complete  Euler  equations.  It  appears  feasible  to  use 
a  global  iteration  procedure  to  include  the  complete  pressure  field  into  the  final  results.  This  item  has  not  been  considered 
in  this  p^>er.  The  present  paper  is  concerned  with  an  evaluation  of  the  results  obtained  from  the  approximate  form  of  the 
Euler  equations. 

2.3  Boundary  conditions 

At  the  body  surface  the  velocity  normal  to  the  surface,  v,  is  zero.  At  the  shock  wave  the  steady  Rankine-Hugoniot 
relations  provide  equations  to  determine  the  dependent  variables.  These  relations  for  the  present  coordinate  system  and 
for  a  perfect  gas  have  been  developed 'm  previous  work  [2J  and  are  given  below 


«.»  =  «oo  +  (»«,  -  Wrt)ff 

".I.  =  !«'»(«'’+  i/p.»)  +  U. 

»(1  -  l/prt)(T]/(l  +(t’) 

1-1  ] 

7+1  1  A/„  /  [ 

2-rWn’»J 
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s- 

II 

+ 
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8 

where  c  =  (7  - 

(2.12) 


In  the  above  relations,  the  freestream  velocity  components  are  obtained  fiom 

Uoo  —  (^T  =  coetffc  and  Vo©  = -G*  =  -  sin  (2.13) 

where  the  nondimensional  body  radius  is  C  =  r>/L  and  G*  is  the  derivative  of  G  with  respect  to  The  velocity  component 
in  the  freestream  that  is  normal  to  the  shock  is  written  as  a  normal  Mach  number  and  is  obtained  from  the  relation 

W.oo  =  -  (7U.*)/ Vl  +  (r>  (2.14) 

where  <7  =  tao(^«j^  -  ^k)  =  F{/(1  +  kF)  and  is  the  shock  angle  relative  to  the  body  axis.  If  the  flow  properties  7  and 
Mot  are  specified,  the  body  properties  k  and  9^  are  given,  and  the  shock  shape  (F*  and  F()  is  assumed;  then  the  dependent 
variables  at  the  outer  boundary  can  be  determined  from  the  foregoing  shock  relations. 

An  analytical  approximation  for  the  shock  wave  shape  is  presently  being  used  and  is  written  as 

F  =  +  +  +  (2.15) 


In  the  solutions  that  will  be  presented,  the  coefficients  have  been  adjusted  until  the  assumed  shock  l^er  thkkness  F 
obtained  firom  this  relation  is  appronmately  the  same  as  that  obtained  frcmi  the  solution  of  the  governing  equatiems.  An 
automated  iteration  procedure  for  the  shock  layer  thickness  is  not  considered  in  this  paper. 
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3.4  Body  Gaomstry 

The  body  geometrical  relatioiis  are  developed  for  an  arbitrary  caee  aird  are  then  gpecialiied  for  a  8{diere.  It  is  aesumed 
that  the  radius  of  the  body  rs  is  specified  as  a  function  of  body  axial  distance  r.  In  the  governing  equations,  G{()  —  ri,/L  is 
needed  as  a  function  of  the  surface  distance  (  =  t/L.  The  nondimensional  radial  distance  becomes  r  =  G  +  fij^I  -  (O')’. 
The  derivatite  of  the  body  nditu  with  respect  to  surface  distance  is 


The  surface  curvature  is 


II  • 

*-(s) 

S-‘A 

_  dtfl  _ 
dz 

(2.16) 

(2.17) 


For  a  si^iere  with  radius  R/f  the  axial  distanc-e  z  is  related  to  the  distance  along  the  surface  (  by  the  relation  z  = 
A)v[l  -  cos(f/Aw)]  and  the  radial  distance  is  r  =  G(1  +  rfF/Rs)-  The  body  radius  is 


G  =  ^/R%-  {Rs  -  zy  =  RsBm{^/Rs)  =  Rs  coB0h  (2.18) 

while  the  derivatives  are 

f^=(Rs-z)IG  and  g  =  -  [l  +  /G  (2.19) 

In  the  foregoing  relations  the  reference  length  is  taken  as  the  nose  diameter  which  gives  L  =  2Rn  and  Rf/  =  1/2  for  the 
nondimensional  equations.  In  addition,  the  curvature  is  ic  =  1/Aiv  =  2. 


2.6  Govaraing  Equations  at  the  Stagnation  Point 

Initial  conditions  along  the  stagnation  streamline  are  required  to  start  marching  the  solution  away  from  the  stagnation 
point.  The  partial  differentia]  equations  are  reduced  to  a  set  of  ordinary  differential  equations  along  the  stagnation 
streamline.  Assumptions  are  required  to  obtain  a  closed  set  of  equations  due  to  the  elliptic  properties  of  this  problem.  The 
nondimensional  distance  between  the  body  and  the  shock  wave  and  the  geometrical  relations  near  the  stagnation  point  are 
expanded  as  follows: 


G  =  «  +  - 


and 


1, 


(2.20) 


where  F(  =  0  and  F((  is  the  second  derivative  of  F  at  the  stagnation  point.  The  dependent  variables  are  expanded  as 
follows  with  S  =  i/Rs  where  Rh  is  the  nondimensional  nose  radius: 


“  =  Ui  (q)  sin  #  +  «,(!,)  sin’ 8  H - 

e  =  i'i(i))co8# +  o,(q)cos#sin’9  + ■ 

P  =  Pi(i?)co8’P +  pi(ij)sin’?-i - 

T  =  ri(f»)  cos’# +  T,(q)  sin’ »  + 


=  U|(C/ffw)  +  ■  •  • 

=  o,ii-i(e/ft^)’)  +  .. 

=  p,|i -(«/««)’) +p,(e/««)’  +  - 

=  r,ii-(f/«^)’l  +  ... 


(2.21) 


The  first  and  second  order  terms  are  given  in  the  the  first  form  of  the  expansion.  Several  forms  of  the  above  expansions 
have  been  used  by  various  authors  as  follows: 

1.  Ho  and  Proetein[S|:  Use  the  second  form  of  the  expansion  in  Equation  (2.21)  which  is  the  last  column  and  use  the 
first  order  terms  except  second-order  pressure  term  is  retained. 

2.  Kao[6]:  Uses  cos’#  =  1  in  the  pressure  and  temperature  expansions.  Includes  pj  term  in  first  truncation  solution. 

3.  ContifT):  Uses  above  expansions  and  neglects  p,  in  the  first  truncation. 

The  radial  coordinate  becomes  r  =  (H  and  gives  the  relations  r,/r  =  kF/H  and  frj/r  =  1  -i - which  are  needed. 

Introduce  the  above  expansions  with  ui  =  Rwu,  into  the  gorverning  equations  (2.6)  to  (2.9)  to  obtain  the  following  governing 
equations  at  the  stagnation  point  where  V|  =  «,  p,  =  p  and  Ti  =  T: 


Fu\  +  (F/p)  -  (ff/eX’l/f'g  +  FufVK  =  0 

(2.22) 

(2.23) 

2Fpu,-i-^-KH(r,/r)p«  =  0 

(2.24) 

(2.25) 
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where  0  =  vH.  The  dependent  varu^«  a  =  0  at  the  stagnation  point  and  is  replaced  with  the  velocity  gradient  as  an 
unknown.  In  the  foregoing  equations  the  elliptic  character  of  the  equations  and  boundary  conditions  are  displ^red  by  the 
terms 

\^=PU  “d  Fin  =  Pu  (2-26) 

in  the  (-momentum  equation.  These  tenns  require  information  away  from  the  stagnation  point  and  across  the  shock  layer 
in  order  to  be  evaluated.  Hie  second  derivative  of  pressure  at  (  =  0  frt»D  the  above  expansion  gives 

Pti  =  -2[p,(f|)  -  (2.27) 

With  Rft  =  1/2,  Pj  =  0  and  Mqo  =  oo,  the  above  equation  becomes  =  -16/(7  +  !)• 

Pressure  and  velocity  behind  the  shock  wave  are  evaluated  by  expanding  the  variables  near  the  stagnation  point  which 
gives 

^  =  URn  + 

Vao  =  — 

o  =  2(7, (-(-■■■  (2.28) 

AC.  =  Mill-4(1-<T,)Y+  ■•] 

where  =  |/'jj/{i  +  kF).  The  first-order  expansion  coefiScients  in  equations  (2.21)  for  the  region  behind  the  shock  wave 
become  the  following  from  the  Rankine-Hugoniot  relations  (2.12): 

U|(l)  —  (1  —  (1  +  Vi)<ri] 

Ml)  =  -[(-r-l)A/i  +  2]/[(T+l)Mi] 

p,(l)  =  [27Mi-(-,-l)]/[',(T  +  l)Mi]  (2.29) 

^1(1)  -  -h/(if- i))pivi 

At  the  stagnation  point  these  relations  determine  the  dependent  variables  behind  the  shock  wave.  Once  a  shock  wave  is 
specified,  can  be  determined  and  ax  and  can  be  determined  behind  the  shock  wave.  The  second  derivative  of  the 
pressure  gr^ent  behind  the  shock  becomes  (P({)m  =  —16(1  -  ffi)*/(7  +  1)-  The  variation  of  p(^  across  the  shock  l^r 
can  be  determined  by  introducing  an  equation  the  second  truncation  but  this  approach  is  not  readily  handled  in  the 
solution  procedure.  Two  procedures  have  been  investigated  to  approximate  p^^  as  follows: 

1.  The  sec<md-order  truncati<m  term  p*  is  neglected  and  with  pi  —  p  the  value  of  is  obtained  from  the  expansion 
expression  (2.27). 

2.  The  stagnation  solution  is  obtained  by  assuming  p^^  is  the  same  for  all  t)  and  equal  to  shock  wave  value.  This 
technique  is  consistent  with  Vignerod  pressure  gradient  approximation  and  is  the  approach  that  is  used. 

The  boundary  conditions  for  the  governing  equations  at  the  stagnation  point  are  v  =  0  at  the  body  surface  and  the 
Rankine-Hugoniot  conditions  (2.29)  behind  the  shock  wave.  This  gives  five  boundary  conditions.  Since  the  governing 
equations  are  first-order,  four  boundary  conditions  are  sufficient  to  solve  this  system  of  equations  for  the  four  dependent 
variables  u,  v,  p,  and  T  across  the  shock  layer.  However,  the  shock  layer  thickness  F  appears  in  the  governing  equations 
and  is  unknown.  Therefore,  the  additional  bcatndary  condition  gives  the  necessary  relation  which  allows  the  value  of  F  to 
be  determined. 

3  Numerical  Solution  Procedure 

3.1  Linearisation  of  Steady  Shock  Wave  Relations 

Before  the  governing  equations  are  considered,  the  shock  wave  equations  (2.12)  are  linearized  such  that  the  unknown 
variables  ai^>ear  linearly.  The  shock  wave  relations  are  of  the  form  W  -  W{u«„  v„,7,  A/ooiO,  A/«„).  The  freestream 
velocity  ccmiponents  and  v<jo  are  a  function  of  G'  =  sin  and  are  known  from  the  body  geometry.  The  ratio  of  specific 
heats  7  and  the  freestream  Mach  number  Af„  are  also  known  from  the  freestream  flow  conditions.  The  shock  slope  relative 
to  the  body  surface  o  is  a  function  of  the  shock  a«ve  shape  which  is  unknown  and  the  surface  ciuvature  k  which  is  known 
from  the  body  geometry.  The  shock  shape  must  be  determined  as  part  of  the  solution.  This  depaidence  on  unknowns  is 
expressed  as  <r  =  a(F,  F().  The  ncnmal  Mach  Mn„  is  a  function  of  Af«„  Uoo,  Vooi  and  in  terms  of  unknowns  has  the  form 
Afiioo  =  JW»oo(o’).  Therefore,  the  shock  wave  relations  are  of  the  form  W  =  fV(a,Afncc)  —  ^(F,F()  and  are  linearised  so 
that  the  unknows  F  and  Ff  appear  linearly. 

Rather  than  using  the  dependent  variables  in  the  sohitkm  inocedure,  the  delta  fonn  of  the  dependent  variables  is  used 
and  is  expressed  in  vector  noUtion  as  AW  =  jAu  At»  Ap  A!^’’.  The  increment  or  delta  form  of  a  variable  is  defined  as 
follows:  Au  =  u  —  u  where  u  is  the  new  vahie  of  the  variaUe  and  a  is  the  initially  assumed  value  of  the  variable  or  the  value 
of  tihe  variable  from  a  previous  iteration.  In  addition,  the  shock  layer  thickner^<  F  and  ahock  l^yer  thirlcmvi  derivative  F( 
are  written  in  delta  form  which  gives  AF  =  f  -  ^  and  AF;  =;  F(  - 

As  a  first  step  in  the  linearization  of  the  shock  wave  relations,  consider  the  linearisation  of  a  and  the  normal  Mach 
number  relation  (2.14)  which  gives 

Aa  =  aAF(  —  bAF  where  a  =  1/(1  +  kF)  and  6  =  /ufa 
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AA/.oo  = where  0  —  {9M^ao/y/l  +^*  +  A/ooUoo)/v^i  (3.1) 

The  next  step  is  linearisation  of  the  dependent  variables  which  gives  =  W^k  +  <dA(r  +  BAMnoo  where  A  =  dWjda 
and  B  =  With  given  values  the  ^ock  l^r  thickness  F  and  shock  wave  slope  F^  along  with  specified  flow 

conditions  and  body  gecMmetry,  the  shock  equations  can  be  used  to  determine  the  flow  variables  behind  the  shock  wave 
and  are  denoted  as  ptk%  aad  The  dependent  variables  behind  the  shock  wave  may  initially  have  some  other 

values  p^,  and  T^.  The  new  value  q(  the  variable  can  be  expressed  as  and  the  delta  form 

becomes  AW^  =  >lAo + BAM^g^  +  (W  -  W*).  The  foregoing  linearisations  of  a  and  Mnoo  ^  used  to  obtain  the  linearized 
Rankine-Hugoniot  shock  relations 

AWgk  +  dAF  +  cAFf  =  5 


(3.2) 


where 


AW^: 


Aurt 

rrfii 

rs.i 

Avm 

d  = 

dt 

S  = 

s. 

«'.» - 

<t. 

cs 

s. 

p-n  ~  Pi. 

ATw. 

Ld.J 

U 

[s,\ 

For  itubaonlc  flow  behind  the  shock  w^ve,  the  shock  layer  thickness  derivative  F(  is  held  fixed  and  AF^  =  0.  Therefore, 
equation  (3.2)  is  rewritten  as 

AW^  +  X)AF  =  S  where  D  =  d  (3  3) 

Although  a  new  value  of  the  shock  layer  thickness  F  is  determined  as  the  solution  is  marched  along  the  body,  the  shock 
layer  thickness  derivative  F^  is  held  constant  in  the  shock  relations.  After  the  complete  solution  is  obtained  in  the  subsonic 
flow  region,  a  new  shock  wave  location  is  determined  and  the  solution  is  marched  again  along  the  body.  When  the  assumed 
shock  thickness  F  is  the  same  as  the  calculated  shock  layer  thickness,  a  solution  has  been  obtained  to  the  Euler  equations 
with  the  Vlgneron  pressure  gradient  approxiination. 

For  mperaonlc  flow  behind  the  shock  wave,  the  shock  slope  is  calculated  from 


-(F^^  +  F^^_()  =  (F,  -  F,_i)/Af  and  linearization  gives  AFf  =  (2/AOAF 


(3.4) 


The  coefficient  D  in  equation  (3.3)  becomes  D  =  d  +  2e/A(.  In  this  case  the  shock  wave  location  is  determined  as  the 
solution  is  marched  along  the  body  and  no  global  iteration  is  required.  If  the  subsonic  solution  does  not  have  a  completely 
converged  shock  wave  location,  the  supersonic  soluti<m  will  be  influenced. 


3.2  Difference  Equations  at  Stagnation  Point 

The  governing  ordinary  differential  equations  (2.22)  to  (2.25)  are  written  in  difference  form  with  a  mid'point  scheme 
which  u  consistent  with  the  properties  of  a  system  of  first-order  equations.  Since  the  governing  equations  are  nonlinear, 
the  initial  step  is  a  local  linearization  of  the  equations  so  that  the  unknown  dependent  variables  appear  in  Imear  form. 
Rather  than  solving  for  the  dependent  variables,  the  delta  form  of  the  dependent  variables  AW  is  used.  In  addition,  at 
the  stagnation  point  the  shock  stwdoff  distance  AF  is  unknown  and  must  be  included  in  the  linearization  process.  The 
shock  wave  slope  AF^  is  z«ro  and  does  not  enter  the  problem  at  the  stagnation  point.  The  linearization  of  a  typical  term 
is  performed  as  follows: 

^  +  t^A^  +  ^Ath,  and  A4>  =  HAv  +  nrjvAF  (3.5) 

The  governing  equations,  are  replaced  with  diff^nce  equations  at  the  point  ;  +  1/2  where  Arjj  —  —  rjj  .  In  the  above 

relation,  nondifferentiated  variables  such  as  ^  and  A^  are  evaluated  with  the  averaging  relation 


w,+i/a  =  (wj+i  +  «'>)/2  (3.6) 

while  the  derivatives  and  Au,  use  the  mid-point  difference  relation 

(«»,)>ti/2  =  (w>+i  *  Wj)/Arij  (3  7) 

The  four  governing  equations  in  difference  form  and  using  vector  notation  become 

RyAWy  +  CyAWy+i  +  dyAF  =  5y  >  =  1, 2,  ■  ■ ,  J  -  1  (3.8) 

where  Cj  and  By  are  4  x  4  matrices  and  dy  is  a  column  matrix  with  4  elements.  The  dependent  variables  Wj^j  at  the  shock 
wave  are  known  from  the  shock  conditions  while  at  the  body  surface  the  velocity  normal  to  the  surface  Vy^i  =  0. 

The  difference  equations  (3.8)  for  the  governing  equations  and  boundary  conditions  are  rewritten  in  block  tridiagonal 
form  which  can  be  easily  solved.  In  the  system  of  equations  below  the  last  equation  normally  does  not  occur,  but  with  a 
slight  modification  of  the  usual  tridiagonal  solver  U»  added  equation  is  readily  handled.  The  system  of  difference  equations 
requiring  solution  at  the  stagn^ion  point  are 


5iAW|  +  (7|AWj AF  =  Si  (3.9) 

AyAWy_,  ByAWy  +  CyAWy+,  +  DyAF  =  Sy  J  =  2, 3,  ,  J  -  1  (3.10) 

AWj+DjAF  =  Sj  (3.11) 

fj-iASVj.i  +  fjAWj  +  DAF  =  S  (3.12) 


The  four  difference  equations  above  each  represent  four  equations  as  follows: 
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1.  The  boundary  approximationd  (3.9)  consist  of  the  following: 

The  boundary  condition  v  =  0. 

The  S'lnomentum,  n-momentum.  and  energy  equations  at  j  =  3/2. 

2.  The  difference  equations  (3.10)  consist  of  the  following; 

The  s-momentum,  n-momentum  and  energy  equations  at  j  +  1/2. 

The  continuity  equation  at  j  —  1/2 

3.  The  boundary  approximations  (3.11)  consist  of  the  linearized  Rankine-Hugoniot  relations  which  are  given  in  equation 
(3.3). 

4.  The  last  difference  equation  is  the  continuity  equation  evaluated  at  J  —  1/2.  The  continuity  equation  coefficients  are 
/j-i  =  third  row  of  Bj-i,  fj  =  third  row  of  Cj_i,  D  =  third  element  of  and  S  =third  element  of  Sj-i. 

If  a  shock  wave  shape  (f^^)  is  assumed,  then  the  above  difference  equations  ran  be  iterated  to  obtain  the  solution  of  the 
dependent  flow  variables  tii,  v,  p,  and  T.  The  shock  layer  thickness  F  also  appears  in  the  Rankine-Hugoniot  relations  and 
is  treated  as  an  unknown.  In  addition,  as  the  solution  is  iterated  the  shock  layer  thickness  F  in  the  governing  equations  is 
treated  as  an  unknown  and  is  obtained  in  the  solution  procedure. 


3.3  Difference  Fbrm  of  the  Complete  Eqtietlona 

The  governing  equations  (2.6)  to  (2.9)  are  replaced  with  a  box  difference  scheme  centered  at  the  point  (t  +  +  ^)  and 

where  and  Arj  —  .  The  dependent  variables  W  and  shock  wave  parameters  F  and  F^  are  unlmown 

at  i  +  I  and  known  at  t  but  the  shock  wave  parameters  are  held  fixed  where  the  flow  is  subsonic.  The  r;-derivative  terms 
are  handled  in  the  same  manner  as  previously  described  for  the  stagnation  point  case.  The  terms  must  be  averaged  and 
this  is  illustrated  as  follows:  ^ 

<txh  = 

The  first  term  in  the  bracket  is  linearized  as  done  previously  for  the  stagnation  point  problem  while  the  second  term  is 
evaluated  directly  and  is  known.  The  (-derivative  terms  are  evaluated,  for  example  as 

FuW(  =  i  J 

The  derivative  terms  are  evaluated  with  mid-point  relations  which  give* 


1  Wui  - 

1  2  / 

\  2  ), 

[  Ae 

The  unknowns  in  this  expression  are  F.+i,  u,+i,  and  and  these  variables  occur  nonlinearly.  The  resulting  linearized 
relation  in  delta  form  is 

Fuw(  =  +  (fu/AOi.  j  Aw  +  5“.+ jW(Af  (3.13) 

The  dependent  variables  that  result  from  the  differencing  and  linearization  of  the  various  terms  in  the  go\'Gming  equations 
are  the  flow  variables  Au,  Av,  Ap,  and  AT  at  the  grid  points  j  +  1  and  j  and  the  shock  shape  parameters  AT  and  AT^ 
and  all  quantities  are  at  t  +  1.  After  further  differencing  of  all  the  terms  in  the  governing  equations  and  linearizing  the 
resulting  difference  relations,  the  difference  equations  for  the  governing  equations  become 


BjAWj  +  CjAWj^i  +  djAF  +  CjAF^  =  Sj  >  =  1. 2.  ,  J  -  1 


(3.14) 


This  equation  is  the  same  form  as  that  obtmned  at  the  stagnation  point  except  AT(  now  appears  as  an  additional  unknown. 
As  discussed  previously,  AF^  =  0  in  the  subsonic  flow  region  and  AF(  =  (2/A()AF  in  the  supersonic  flow  region.  With 
these  relations  used  in  the  above  difference  equations  (3.14),  the  resulting  equations  are  combined  with  the  boundar}' 
condition  v  =  0  and  linearized  shock  relations  to  obtain  the  tridiagonal  equations  (3.9)  to  (312).  At  each  marching 
step  along  the  body,  the  tridi^onal  difference  equations  are  iterated  several  times  which  reduces  the  unknown  dependent 
variables  in  delta  form  to  very  small  values. 

In  the  nose  repoa  where  the  flow  is  subsonic,  the  shock  wave  parameters  F  and  Ft  are  fixed  in  the  shock  relations  as  the 
solution  proceeds  along  the  body.  The  shock  wave  is  then  moved  and  new  v''lue8  of  F  and  F^  are  assumed.  This  iteration 
is  performed  until  the  assumed  shock  parameters  closely  match  the  values  calculated  from  the  marching  solution. 


4  Numerical  Results 

The  numerical  procedure  described  above  has  been  implemented  into  a  computer  code-  Numerical  predictions  have 
been  obtained  for  hypersonic  flow  at  Afoo  =  fl  over  a  sphere  to  illustrate  the  present  solution  technique  and  accuracy  of 
the  approximate  solutions  to  the  Euler  equations.  Presently  the  shock  wave  shape  is  approximated  with  an  even  degree 
pc^ynomial  as  given  by  Equation  (2.15)  where  thi«e  terms  are  used  and  the  coefficients  are  adjusted  to  give  close  agreement 
between  the  assumed  and  calculated  shock  wave  location.  The  assumed  and  cdculated  shock  layer  thickness  F  as  a  function 
of  the  Dondimensional  distance  along  the  sphei^  surface,  s/D  =  (  and  D  =  sphere  diameter,  is  given  in  Figure  1.  Although 


Figure  2:  Comparison  of  assumed  and  calculated  derivative  of  the  shock  layer  thickness  dFfd^  aloi^  the  sphere  for  Mac 
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Figure  3:  Comparison  of  the  shock  layer  thickness  F  obtained  from  marching  code  and  from  an  unsteady  Euler 

code.  Flow  over  a  sphere  with  Moo  —  8- 

thp  curve  and  symbol  appear  identical,  there  are  slight  differences  when  the  shock  slopes  dFjdi  are  compared  in  Figure  2. 
A  converged  solution  for  the  apprmcimate  governing  equations  is  obtained  when  the  assumed  and  calculated  shock  slopes 
dFjdi  are  identical  and  the  present  result  is  close  to  a  converged  solution.  For  this  case  the  coefficients  in  the  shock  wave 
polynomial  are  Fq  =  0.074646,  F^  =  0.300,  F4  =  1.000,  and  Fg  =  1.000.  This  solution  was  obtained  with  Ar?  =  0.1  and 
=  0.025.  For  this  case  the  complete  Euler  equations  are  solved  when  ^  >  0.425  and  all  of  the  flow  is  supersonic. 

The  present  spatial  marching  code  results  are  compared  with  steady-state  results  from  an  inviscid  time  dependent 
code(3l  where  the  complete  Euler  equations  are  solved.  The  time  dependent  code  solution  is  considered  the  exact  solution 
for  this  blunt  body  problem  while  the  spatial  marching  code  gives  an  approximate  solution  due  to  the  Vigneron  condition 
for  the  pressure  gradient.  This  comparison  Is  made  in  Figures  3  to  5.  As  shown  in  Figure  3.  the  spatial  marching  code 
predicts  a  slightly  thicker  shock  layer  near  the  sts^ation  point  as  a  result  of  the  Vigneron  condition  for  the  pressure 
gradient.  There  is  a  7.4  %  difference  in  the  two  results  at  the  stagnation  point  and  the  difference  is  less  at  other  locations 
along  the  body.  The  derivative  of  the  shock  layer  thickness  is  nearly  the  same  from  the  two  solutions  as  shown  in  Figure 
4.  The  flow  properties  near  the  shock  wave  for  the  two  cases  are  also  nearly  the  same  since  these  properties  are  obtained 
from  the  Rankine-Hugoniot  relatioiu  which  are  mainly  dependent  on  the  value  of  dF/d^.  The  pressure  ratio.  PblVoo^  along 
the  sphere  surface  is  given  in  Figure  5  with  results  from  the  two  codes  given. 

5  Concluflions  and  Future  Work 

The  results  of  this  investigation  show: 

1.  A  spatial  marching  technique  has  been  developed  to  solve  the  inviscid  blunt  body  problem  to  obtain  approximate 
solutions.  When  the  complete  solution  procedure  is  developed  for  the  Euler  equations,  it  is  anticipated  that  the 
spatial  marching  code  will  be  as  much  as  an  order  of  m^nitude  faster  than  a  time  dependent  code. 

2.  The  results  obtjuned  from  the  inviscid  governing  equations  with  the  Vigneron  pressure  gradient  approximation  are  in 
reasonable  agreement  with  the  complete  Euler  equation  results.  This  approach  provides  a  good  engineering  prediction 
procedure  for  the  hypersonic  blunt  body  problem. 

3.  Further  work  is  required  to  improve  the  iteration  procedure  used  to  move  the  shock  wave  and  to  add  a  global  iteration 
procedure  for  the  pressure  so  that,  if  desired,  the  complete  Euler  equations  can  be  solved. 
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SUMMARY 

The  developmeai  of  reusable  re-entry  vehicies  and  hypersonic  missiles  require  the  control  of  aeroihermal  problems.  To  that  end  it  ts 
necessary  to  develop  new  aerothermal  prediction  methods  and  to  ^ange  and  extend  existing  methods,  which  have  been  developed  for  sub- 
and  supersonic  flow  problenTs. 

In  this  paper  we  discuss  the  integration  of  the  three-dimensional  unsteady  and  steady  Euler  equations  in  the  regime  of  hypersonic 
now  (4  <  30). 

The  formulation  of  the  Euler  equations  in  quasi-conservative  form  and  the  use  of  a  third  order  upwind  biased  discretization  formula 
guarantees  an  accurate  and  robust  algorithm  with  good  shock  capturing  capabilities.  It  is  found,  that  with  a  procedure,  where  the  strong 
bow  shock  is  fitted  and  the  imbedded  shocks  are  cafMured.  more  accurate  flow  fields  with  less  grid  points  can  be  achieved.  Results  are 
shown  for  flow  fields  around  blunted  cones  with  half-an^es  between  d  =  0°  and  20°  and  angles  of  attack  between  a  s  u°  and  30°  for 
free  stream  Mach  numbers  up  to  M.  -  30  Also  shown  are  results  for  a  numerically  defined  forebody  at  M«  -  and  a  =  30°. 

At  hypersonic  Mach  numbers  real  gas  effects  become  impcHtant  for  M.  ^  4.  We  discuss  the  generalization  of  the  basic  equations  and  of 
(he  upwind  algorithm  to  deal  with  a  general  equation  of  slate.  Eor  air  the  equilibrium  equation  of  slate  can  be  calculated  through  existing 
Mother  -  fit  routines.  The  results  of  ideal  gas  cakulattons  with  isentropic  exponent  y  =  1.4  .xnd  y  1.2  are  compared  with  real  gas  calcu¬ 
lations  using  the  effective  y  approach  and  the  full  equations  for  a  blunted  cone  at  M.  ~  IS. 

1  INTRODUCTION 

The  construction  of  reusable  re-entry  vehicles  requires  the  simulation  of  hypersonic  flow  around  complex  geometries  In  (his  flow 
regime  the  numerical  simulation  is  of  particular  importance  smee  the  flow  conditions  cannot  be  reproduced  fully  in  existing  experimental 
facilities.  The  full  simulation  has  to  take  into  account  the  strong  compression  of  air  causing  high  temperature  and  real  gas  effects  In  air 
different  phenomena  lead  to  departure  from  ideal  gas  behaviour  m  different  temperature  regimes  f) .  2/: 

a)  T<  500  °C; 

-  for  low  enough  pressure  air  is  a  calorically  perfect  gas  (constant  specific  heats) 

-  at  higher  pressures  van  -  der  -  Waals  forces  occur  and  a  general  equation  of  state  has  to  be  used.  This  regime  is  not  of 
particular  importance  for  actual  flight  txmditkms. 

b)  500  *C  £  T  £  2000  °C 

The  excitation  of  vibronic  degrees  of  freedom  causes  the  specific  heats  to  become  temperature  dependent  The  thermal  equation 
of  state  is  not  changed  (Z  *•  1)  (thermally  ideai  gas) 

c)  2(X)0  *C  £  T  <  dOOO  'C: 

Dissociation  of  oxygen  (2000  •C-5000  *C)  and  nitrogen  (5000  “C-^000  °C)  occurs  and  a  general  equation  of  state  has  to  be 
used- 

d)  T  >  8000  °C; 

The  different  ^>ecies  begin  to  ionize  and  a  plasma  forms.  In  typrcal  re-entry  rra;ectones  the  temperature  normally  does  not  reach 
8000  and  therefore  ionisation  has  not  to  be  taken  into  account  for  these  calculations. 

The  typical  re-entry  trajectory  of  the  space  shuttle  touches  the  outer  regions  of  the  atmosphere  at  a  height  of  100  km  [if  reaching  a 
maximum  Mach  number  of  about  M«  =  30  (Fig.  1)  /3.  2b/.  With  increasing  height  the  Reynolds  member  decreases,  leading  to  laminar 
flow  above  60  km.  In  this  region  the  bow  shock  is  smeared  out  by  viscous  effects  and  the  boundary  layers  are  rather  thick.  At  the  body  a 
slip  boundary  condition  must  be  imposed  as  the  mean  firee  path  of  the  molecules  becomes  comparable  to  the  dimensions  of  the  vehicle. 
The  relaxation  times  for  the  rotational  and  translational  degrees  of  freedom  are  so  short  that  local  equilibrium  can  be  assumed  for  them. 
The  characteristic  limes  for  the  relaxation  of  vibration  and  for  chemical  reactions  are  comparable  to  typical  flight  times  over  the  shuttle  at 
a  height  H  >  50  km.  Nonequilibrium  effects  have  to  be  taken  into  account  in  this  re^on. 

A  complete  numerical  simulation  of  the  flowfield  in  the  upper  atmosphere  around  a  re-entry  body  requires  the  solution  of  the 
3-D-Navier-Stokes  equations  including  slip  boundary  conditions  and  chemical  nonequiibrium  effects.  In  spite  of  the  rapid  increase  of  com¬ 
puter  power  and  memory  during  the  last  decades  suwl«  a  simulation  would  require  at  least  1-3  orders  of  magnitude  more  in  speed  and 
'iientory  than  exists  today  /4/.  On  the  other  hand,  the  solution  of  3-D-Euler  equations  arround  complex  geometries  is  well  within  reach  of 
today’s  supercomputer  technology  and  the  u^  of  a  general  equatiem  of  state  increases  the  CPU  time  per  step  by  only  30  %  compared  to 
ideal  gas.  Combinarron  of  a  J-O-Euler  code  with  boundary  layer  codes  with  inclusion  of  real  gas  effects  extends  the  region  of  applicability 
up  to  M.  =  15  (H  »  60  km)  without  increasing  the  computer  requirements  beyond  current  limits. 

The  shu(t)e-)ike  configurations,  to  which  the  code  shall  be  applied,  are  rather  blunt.  For  blunt  bodies  non-equilibrium  eflects  are 
less  important  than  for  sharp-nosed  bodies  /5/.  Therefore  (he  range  of  applicability  of  the  equilirium  code  is  greater  for  shuttle-like  than 
for  rocket-like  configurations. 

In  this  paper  we  describe  a  split-matrix  finite  difference  algorithm  to  solve  the  3-D  instationary  Euler  equations  in  quasi-conservative 
form.  We  discuss  the  thermodynamic  equations  necessary  for  the  inclusion  of  real  gas  effects.  We  derive  the  generalization  of  the  algo¬ 
rithm  to  deal  with  a  gas  in  equilibrium  with  a  general  equation  of  state.  2-D  and  5-D  calculation  of  hypersonic  ideal  gas  flow  around 
simple  blunt  forebodies  and  around  a  sharp-nosed  rocket  are  presented.  We  show  a  comparison  of  ideal  gas  flow  around  a  blunted  cone  at 
M.  s  15,  a  =  0°  with  real  gas  calculations,  where  the  real  gas  effects  are  approximated  on  different  levels  of  accuracy  (full  equilibrium, 
effective  y.  y  *  const.  <  1.4). 


2.  THERMODYNAMIC  FORMULATION 


The  basic  equations  governing  the  invisctd  flowfield  describe  the  conservation  of  mass,  momentum  and  energy.  If  one  chooses  the 
conservative  variables 

o'  =  (P.  pu.  pv,  P»  .  e)' . 

these  equations  can  be  written  as  ft}: 

30  aF  .  30  3H  _ 

at  ai  ay  az 

F  *  (pu,  +  p,  puv,  puw.  u(c  -f  p))^ 

G  =  (pu.pvu.pv*  +  p.pvw,  v(e  +  p))’^  (I) 

H  =  (pw.  pwu,  pwv,  (>w^  +  p,  w(c  +  p))^ 
p;  density 

u.  V,  w:  cartesian  velocity  components 
e:  total  energy  per  unit  of  volume 
p:  pressure 

This  system  of  equations  is  closed  by  a  relation  between  the  pressure  and  the  dependent  variables  Q.  which  has  to  be  derived  from 
the  thermodynamic  equation  of  slate.  In  thermodynamic  equiUbritm  there  are  only  two  independent  variables.  Therefore  there  must  be 
two  equations  connecting  the  four  variables  p  (pressure),  p  (density).  T  (temperature)  and  e  (thermodynamic  energy  per  unit  of  mass) 
These  equations  arc  the  caloric  and  the  thermal  equations  of  state. 

The  thermal  equation  of  state  for  real  gas  can  be  written  as  /6/. 

p  =  pRTZ(p.  T)  (21 

Z  compressibility  factor 
R;  gas  constant  at  T  — *  0 

For  non-dissociating  and  noci-ionizing  gases  we  have  Z  «  I  if  the  pressure  is  low  enough  that  von-der-Waals-cffccis  arc  not  impor¬ 
tant.  In  this  case  the  thermal  equation  of  state  for  ihemially  ideal  gas  can  be  applied; 

p  =  pRT  (.^) 

The  caloric  equation  ol  si  x  connects  the  internal  energy  r  to  the  density  and  temperature  and  can  be  written  in  general  as 

e-f(p.T)  (4) 


In  a  dilute  non-dissociating  and  i.-m-ionizing  gas  the  energy  does  not  depend  on  the  density  and  we  have 
f  =  f(T) 

f(T)  =  R  f  c.(T)  dT 

Cv(T):  Specific  heat  at  constant  volume 
Below  SOO  ’C  the  specific  heat  in  air  is  independent  of  temperature: 
c,  =  5/2 
e  =  Rc»T 


(5) 


(6) 


and  air  behaves  as  thermally  and  caloricaliy  ideal  gas  ("perfeci  gas").  Above  500  X  molecular  vibration  can  be  excited,  leading  to 
a  temperature  dependence  of 

The  thermal  and  caloric  equations  of  state  can  be  combined  to  give  the  desired  expression  connecting  the  pressure  with  density  and 
energy: 


p  =  p  R  T(p.  f)  Z  (p.  r)  =  p  (p.  f)  (7) 

The  internal  energy  t  can  be  written  in  the  flow  variables  through 

e  »—  -  0.5  (u^  -i-  +  w')  (8) 

Q 


For  perfect  gas  eq.  (3)  and  (6)  can  be  a  mbined  with  the  result 
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If  we  use  the  perfe^'*  jis  relations 

Cp  =  Cv  +  1 

and 

y.  isentropic  exponent 

we  get  the  familiar  result 

p  =  (y  -  1)  (e  -  j  p(u-  +  ir  +  «r))  =  (y  -  Dpt 

The  velocity  of  sound  for  real  gases  m  the  variables  p.  q  is  given  by  pj 

,  t  3p  ,  0h/^)p 

\  |s  l/p  -  (dh/3p)^ 

h  =  f  +  p/p:  specific  enthalpy 

If  we  define 


(10) 


(12) 


(13) 


y,  =  |3  (In  p)/3  (In  g)), 

we  have  (14) 

tr  =  y,  p/o 

For  perfect  gases  Yc  ^nd  y  =  Cp/c»  are  identical,  but  this  is  not  true  for  real  gases,  where  y^.  is  the  more  useful  quantity.  If  we  use 
the  variables  f.  p.  the  velocity  of  sound  c  becomes 

=  +  Op/3e), 

If  the  chemical  composition  of  a  mixture  of  diatomic  and  monatomic  gases  is  frozen,  y,  (and  y)  can  have  values  between  <  y  < 
3/2  depending  on  the  ratio  of  diatomic  and  monatomic  species  and  on  the  degree  of  excitation  of  molecular  vibration. 

The  implementation  of  equilibrium  gas  equation  of  state  in  a  huler  flow  code  requires  the  knowledge  of  p(p.  c).  and  also  of  Op/ 

and  (3p/3r)p  if  the  velocity  of  sound  is  needed  by  the  algorithm.  For  air  the  pressure  p(p.  r)  can  be  extracted  from  tables  /8-10/  or 

from  (MoUi«f-)f»t  routines  The  derivatives  can  then  be  calculated  numerically.  For  application  of  the  code  to  nozzle  flow  one  can 

use  a  program  like  that  in  /U/  to  generate  a  table  of  pressures.  Chemically  frozen  flow  can  be  treated  as  ideal  gas  if  one  uses  the 
appropriate  value  of  p  and  subtracts  out  the  frozen  amount  <'‘f  internal  energy  €i  from  e. 

The  implementation  of  the  full  equilibrium  thermodynamics  should  be  preferable  to  the  use  of  an  effective  y  /13/  since  in  the  latter 
case  the  derivatives  of  y  are  not  treated  physically  correct.  The  use  of  a  constant  effective  y  <  1.4  may  be  sometimes  justified  especially  if 
one  is  interested  in  pressure  only  (\5.  16/  and  if  execution  time  is  critical.  In  practice  the  full  equilibrium  Euler  code  with  a  sophisticated 
fit  routine  /1 3/  needs  approximately  30%  more  execution  time  than  the  corresponding  ideal  gas  code 

The  real  gas  effects  in  hypersonic  flow  change  the  pressure  only  by  a  small  amount.  For  M,  »  the  shock  front  and  the  streamli¬ 
nes  behind  the  shock  are  nearly  parallel  to  the  body.  In  this  limit  the  momentum  of  the  gas  normal  to  the  body  surface  is  zero  behind 
the  shock  and  the  pressure  is  given  by  Newtonian  impact  theory  /I7/.  Since  the  argument  leading  to  Newtonian  theory  does  not  depend 
on  the  equation  of  state  used,  it  should  hold  for  ideal  as  well  as  for  real  gases.  The  main  effect  of  the  real  gas  effects  is  the  “swallowing" 
of  compression  energy  by  internal  degrees  of  freedom  (vibration,  dissociation).  This  leads  to  a  decrease  of  the  temperature  and  to  an 
increase  of  density  behind  (he  bow  shock  in  comparison  to  the  ideal  gas  case. 


3.  ALGORITHM  FOR  SOLLTION  OF  THE  3-D  INSTATIONARY  FULER  EQUATIONS 


The  basic  equations  governing  (he  inviscid  flow,  eq  (I),  have  to  *‘c  rewritten  in  generalized  coordinates  to  be  applicable  to  complex 
configurations.  We  introduce  the  coordinates 


|  =  |(x.y.  z.  t) 
T]  =  7{x.y.  z) 

C  =  c(x.  y.  z) 


(16) 


If  shock  fitting  is  applied,  the  £  coordinate  is  time  -  dependent  and  (^  -  0,  |  ~  I)  corresponds  to  the  body  and  the  shock 
surfaces,  respect  vely.  In  a  typical  grid  the  coordinate  ri  is  roughly  along  the  body  axis  and  ^  represents  a  polar  angle.  The  dependent 
variables  are  not  transformed  into  the  new  coordinate  system,  i.e.  cartesian  velocity  components  (u.  v,  w)  =  (v,,  v^  v,)  are  used.  Eq.  ('1 
can  then  be  written  in  the  generalized  coordinates: 


O.  +  AOf  BO,  +  COc  =  0 


(17) 
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with 

K  =  a  k.  +  b  k,  +  c  k,  +  k, 

K  =  (A,B.C>futk  =  («.»^.5) 
and 


(18) 


3F 

-3fr  ■ 


‘~3?r ' 


3H 

~3ir 


A  quasilinear  form  (eq.  17)  of  the  Euler  equations  can  be  derived  for  any  set  of  dependent  variables  O  (e.g.  the  primitive  variables 
Q,  u,  V,  w.  p).  If  one  uses  the  conservative  variables  O  =  (p.  pu.  pv,  pw.  e)  the  formulation  of  the  equations  is  called  quasiconservative. 
In  this  case  shock  waves  can  be  captured  with  the  correct  gain  in  entropy  and  with  the  correct  jumps  in  pressure  and  density,  as  is  shown 
later- 


The  matrices  K  in  eq.  (17)  for  ideal  gas  can  be  found  in  (6}  for  time  independent  metrics.  If  one  uses  a  time  dependent  grid 
necessary  for  shock  fitting,  the  term  k,  I  (I  =  identity  matrix)  has  to  be  added  to  K  from  /6/.  The  eigenvalues  of  the  matrices  are  given 
by 


^l/2/J  —  Uk 

=  U»  +  c  j  '^k  I  (20) 

As  =  U»  -  c  I  Vk  I 
where 


«  k.u  +  k^v  +  k,w  +  kj 

I  Vk  I  =  (k,-  +  k,’  +  k,-')''^ 

k  =  («. n.  ;) 

and 

y  p  'A 

c  =  I - 1  (Ideal  gas) 

(Note  the  term  k,  in  Ui  for  time-dependent  grid) 
We  can  diagonalize  the  matrices  K: 

K  =  Tfc/lkT*-' 
with 

A,  0 

A- 

0  A^ 


(22) 


(2?) 


are  the  nghthand  eigenvectors  and  are  the  lefthand  eigenvectors  of  K.  Since  K  has  three  identical  eigenvalues  A,  s  A;  «  Ai. 
(he  eigenvectors  corresponding  to  these  eigenvalues  are  not  unique.  They  can,  however,  be  chosen  so  (hat  they  are  linearly  independent 
and  one  explicit  form  of  (he  eigenvector  matrices  Tk  and  Tk*'  can  again  be  found  in  /6/.  The  eigenvector  matrices  are  identical  for  time- 
dependent  and  time-independent  grids. 

The  scheme  used  for  the  integration  of  the  Euler  equations,  is  based  on  the  split  matrix  algorithm  (ISj.  The  diagonal  matnx  is  split 
according  to  the  sign  of  the  eigenvalues 


/Ik'  =  min  (/Ik.  (1) 


(24) 


and  (he  corresponding  matrices  K*  are  formed 
K*  =  Tk/1/  Tk  ‘ 

K  »  K*  +  K 


(25) 


We  then  write  eq.  (17)  as 

Or  +  A*0|*  +  A  Oi'  +  B*Q,‘  +  B  O,  +C’0/  +  C  O/  =0  (26) 

Stability  of  the  algorithm  (without  the  addition  of  damping  terms)  is  achieved  if  the  derivatives  Ok  and  Ok  are  discretized  such, 
that  the  major  portion  of  the  stencil  is  on  the  upwind  side.  The  discretization  we  use  is  an  upwind-biased  formula  [22/ 

(Oml2  ~  bO-ntl  +  30m  20mll)  ^ 
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which  is  third  order  accurate.  The  formula  is  unconditionally  stable  as  long  as  no  shocks  are  present  in  the  flowfield.  To  avoid  osdllations 
at  shocks  a  non-linear  artificial  diffusion  term  d  of  the  MacCormack  type  (19}  is  applied 

d  =  d(  +  d,  +  dj  (3.18)  (28) 


dk  =  a,^k'(|U,|  +c>-^ 


Ok  =»  0.5 


This  term  is  small  in  regions  of  smooth  flow  and  becomes  large  near  discontinuities.  An  explicit  first  order  algorithm  with  local 
timesteps  (except  at  a  fitted  shock)  is  used  for  the  time  integration  to  the  steady  shock. 

At  subsonic  inflow  or  outflow  boundaries  one'dimensionaJ  characteristic  boundary  conditions  with  the  primitive  variables  are  used 
(6J.  At  impermeable  wall  k-boundaries  the  boundary  condititm  is 

Uk  =  0 

and  the  corresponding  flux  matrix  becomes  singular.  That  may  cause  problems  in  some  cases  and  therefore  the  discretization  for  the  flux 
matrix  splitting  is  done  halfway  between  the  boundary  point  and  the  first  meshpoint  above  it  [2lJ. 

Since  we  want  to  use  this  scheme  with  a  general  equation  of  state  to  include  equilibrium  real  gas  effeas.  we  have  to  rederive  the 
flux  matrices  K  together  with  their  eigenvalues  X  and  left  and  right  hand  eigenvectors  T^.  T^'’.  To  this  end  we  assume  that  we  have  the 
pressure  p  as  a  function  of  density  and  internal  energy  e  as  it  can  be  calculated  for  equilibrium  air  e  g.  from  Mollier-type  fits  (Wj.  To 
derive  the  generalized  matrices  we  start  the  fluxes  eq.  (1).  which  are  valid  in  the  real  gas  case  and  use  the  general  relation  (8)  which 
connects  the  internal  energy  (  to  the  total  energy  e. 

The  calculation  of  the  matrices  K  with  their  eigenvectors  and  eigenvalues  is  straightforward,  but  very  tedious  when  carried  out  by 
hand.  The  derivation  was  very  much  facilitated  through  the  use  of  the  REDUCE  package  (20).  which  is  able  to  manipulate  analytical 
expressions 

The  generalization  of  the  flax  matrices  K  is 


0R  *  p,  (U*  4-  V-  ♦  W*’  +Cr- 

e*  =  k.u  +  k.v  +  k,w- 


Us  eigenvalues  arc  as  in  the  ideal  gas  case,  bm  with  the  real  gas  speed  of  sound  cr  insened  instead  of  the  ideal  gas  one: 

'^l/2/J  =  Uk 

^4  =  Uk  +  CR  |Vk|  (31) 

=  Ufc  -  Cr  I  Vk  I 
In  the  ideal  gas  limit  we  get 


The  notation  has  been  chosen  to  correspofKl  as  closely  as  possible  to  the  one  in  ref.  ,'6/.  Note,  however,  that  the  expressions  ^  and 
y  in  /6/  cannot  be  simply  replaced  by  pR  and  (p,  +  1). 
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The  eigenvectors  of  K  are  again  degeoerace  because  of  three  identical  eigenvalues.  A  form  trf  the  T^.  Tk  which  is  as  dose  as 
possible  to  these  in  [6}  is 


k. 

k. 

k. 

1 

1 

uk. 

“t.-ffk. 

uk,  +  ek. 

(u+c,k.) 

(>1-C,k,) 

vk,  +  gi. 

vk. 

uk.-pk. 

(v+c,k,) 

(v-c.k,) 

»k.  -ffk, 

«*,  +tfk.  j 

(•’3'Ck.) 

(»'-c.k.) 

+  p(vk,  -  wk,) 

+  j<wk.  -  uk.) 

fc,E  +  p(ufc,  -  vkj 

+  c*^) 

k,(l-  —  (wk,-vM 

Ct  P 

P  c»^ 

-k.  A 

yi-  ♦« ) .  J_ 

C*  P 

P  ca 

— +k,  ^ 

P  Cn 

k^l.  + J-(,k.-«k,) 

P 

P  ca 

P  c,' 

k. 

Ck 

-k.  A 

ca 

tf(C|,k,  -  up,) 

^c»k,  -  vp,) 

0ic^i,  -  wp,) 

^P, 

Apii+Ca^) 

-  /J(c,k,  +  up.) 

-  /J(c«k,  +  v^,) 

-  ^(CRk,  +  w^,) 

/*p. 

^  {»»P) 

'  I  P  J 

k,»M|Vki 

^ 

0  •  l/2e.2 


(35) 


This  completes  the  formulation  necessary  for  calculation  of  supersonic  flow  with  shock'capturing. 

In  the  hypersonic  flow  regime  the  anticipated  strength  of  the  bow  shock  is  such,  that  even  in  fully  conservative  schemes  errors  may 
occur  in  the  flow  variables  behind  the  shock  especially  if  the  shock  contour  is  not  alined  with  a  coordinate  line.  Therefore  and  since  the 
anticipated  shape  of  reentry  bodies  is  sufflciemly  simple,  a  d>ock  fitting  procedure  should  be  applied.  Imbedded  shocks,  which  are  usually 
much  weaker,  can  be  captured  without  problems.  With  ^ock  fitting  (where  applicable)  usually  a  much  smaller  number  of  mesh  points  is 
needed  to  achieve  the  same  level  of  accuracy,  which  is  very  important  in  3-0  calculations  because  of  the  limitation  of  computer  resources 

The  Rankine-Hugoniot  equations  of  the  shock  moving  with  velocity  D  are 


p  (u.  -  D)  =  p.  (u^  -  D) 
p(u»  -  D)  u,  =  p,  (u^  -  D)  u,. 
p  +  p(u.  -  D)*  =  p,  +  p.  (u^  -  D)^ 


(36) 


e  +  — ^  +  -y  (u,  -  D)^  =  c,  +  P"  +  — j— (u^  -  D)^ 

D:  velodty  of  shock 

u,:  flow  velocity  normal  to  ^tock 

u flow  velodty  tangential  to  shock 

In  addition  to  these  5  equations  we  need  one  equation  describing  the  influence  from  the  flowfield  behind  the  shock.  This  equation 
depends  on  the  timestepping  scheme  one  uses.  To  derive  this  equation  one  multiplies  the  discretized  eq.  (26)  by  the  left  eigenvectors  T^'. 
picks  out  the  equation  corresponding  to  eigenvalue  ^4  ami  oillecu  all  terms  belonging  to  the  new  time  level.  We  arrive  at  an  equation  of 
the  form 


Z 


t  *  0}‘*’'=  R 


(37) 


R  contains  ail  terms  coming  from  previous  time  levels  and  derivatives  other  than  The  components  of  the  flow  norma!  and 
tangential  to  the  shock  surface  are 


u,  =  (ll«.  +  vf.  +  w|,K|V4| 
u ,  =  u  - 


(38) 


I 
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The  6  equatioQs  can  be  solved  so  that  only  (»e  equation  containing  the  function  p(^,  s)  remains  to  be  solved  numerically.  'Hicse 
equations  are 


O  •  p.  (u^  -  D) 

R-  -  R(Q  -  0-) 

A  -  (Oq.  -  R.)  +  OD  -  p. 

‘  *s 

B - L  (R  -  o,^)  -  OD  +  p.  +  O'/p. 

t  45 


The  equation  which  has  lo  be  solved  for  D  numerically,  is 

p(p<D),<(D))-p.-'5^£<i-  -fc-).o  I*’* 

c-  p<D) 

The  S'yi  of  the  square  root  expression  of  has  to  be  chosen  such  that  p/p.  >  1  is  satisfied.  A  Newton  algorithm  is  used  to 
solve  cq.  (40)  very  efficiently. 

In  the  Implementation  if  the  equilibrium  real  gas  effects  a  modified  version  of  the  subroutine  TGAS  fll/  is  used,  which  calculates 
p(p,  e)  and  also  Cr  and  p,.  The  flow  variables  are  normalized  such  that  p>  -  1.  p,  -  I  and  for  the  gas  in  front  of  the  shock  ideal  gas 
with  y  s  1.4  is  assumed  for  simplicity. 

For  comparison  the  real  gas  program  can  be  run  in  an  “effective  y"  mode,  where  the  y  *  h/r  from  TGAS  corresponding  to  the 
local  density  and  internal  energy  is  calculated,  but  ideal  gas  relations  are  applied  to  calculate  p.  c%  and  p,. 

In  contrast  to  ideal  gas  calculations,  with  real  gas  the  flowfield  depends  on  the  (dimensional)  values  of  p«.  p«.  For  flow  around  a 
reentry  vehicle,  the  flight  path  with  the  corresponding  velocities  can  be  used  to  find  p!.  pH  and  M.  at  height  H.  In  this  way  a  one 
parameter  set  of  flowfields  can  be  calculated  along  a  specified  trajectory. 


4.  RESULTS 

The  split  matrix  algorithm  with  ideal  and  real  gas  with  the  provision  of  shock  fitting  and  shock  captunng  has  been  incorporated  in 
the  code  EULSPLIT.  The  3-D  code  has  also  been  vectori^d  on  a  Fujitsu  VP200  resulting  in  a  acceleration  factor  around  IS. 

The  shock  capturing  capabilities  of  the  qussiconservative  algorithm  is  demonstrated  in  fig  2.  Shown  are  isobars  of  flow  about  a 
sphere  at  M«  =  4.0  calculated  on  an  unclustered  (32  x  33)  grid.  A  comparison  of  the  pressure  on  the  surface  with  the  'alues  from 
Lyubimov  and  Rusanow  [26}  is  displayed  in  fig.  2b. 

In  supersonic  flow  about  rocket-like  and  shuttle-like  bodies  at  moderate  angles  of  attack  a  large  part  of  the  flowfield  is  purely 
supersonic  in  the  direction  of  the  body  axis.  In  these  parts  of  the  flowfield  we  use  a  space-marching  code  with  shock-fitting  /23.  24/.  This 
code  applies  the  progonka  process  to  the  quasioonservative  formulation  of  the  Euler  equations  and  can  capture  imbedded  shocks  correctly 
[26}.  For  a  sharp-nosed  bcKfy  the  space-marching  code  can  be  used  to  generate  also  a  conical  solution  at  the  nose.  Typical  results  are 
shown  in  Fig.  3. 

Displayed  are  3-D  views  of  the  body  and  shock  contours  of  flow  at  M.  »  4.5,  0  =  6”  about  a  rocket-like  configuration.  Stream¬ 
lines  on  the  body  and  isobars  on  the  body  and  in  the  planes  of  symmetry  are  also  included.  In  this  case  inclusion  of  real  gas  effects  does 
not  change  these  results  appreciably  due  to  the  weaknes  of  the  conical  shock. 

The  combination  of  the  (idealgas)  EULSPLIT  code  with  the  space  marching  procedure  has  been  applied  to  a  simplified  shuttle-like 
geometry  similar  to  that  used  in  /27,  28/  at  freestream  conditions  M.  =  8.0.  o  »  30’’  (Fig.  4a).  The  instationary  code  was  applied  up  to 
Z/L  »  0.14  on  a  (17  x  5c  x  19)  grid.  Figs.  4b.  c  display  tsolincs  of  pressure  and  mach  number  on  the  surface  and  in  the  symmetry  planes. 
The  contours  reveal  clearly  the  influence  of  the  changes  in  the  curvature  of  the  body  geometry  and  the  strong  expansion  in  crossflow 
direction  at  91  —  130”  in  the  front  part  of  the  nose.  The  mach  number  contours  reveai  the  formation  of  the  entropy  layer  on  the  iuv  side. 
The  subsonic  bubble  extends  to  about  Z/L  0.07.  Also  shown  are  the  streamlines  on  the  nose  calculated  ftom  the  flowfield  [21].  The 
flowfield  around  the  afterbody  0.14  <  Z/L  <  0.5  has  been  calculated  with  the  space  marching  code.  Figs.  4c  .f  shows  the  body  and  shock 
contoun  and  pressure  isolines  on  the  body.  A  (17  x  73)  grid  was  used  in  the  marching  planes.  The  crossflow  expansion  <p  ~  130”  can 
be  resolved  much  better  with  this  finer  grid. 

Rg.  5  contains  a  3-D  view  of  the  mach  number  isolines  of  flow  about  a  blunted  cone  (d  »  10”)  at  M,  «  15.  a  »  10”.  In  the  luv 
symmetry  plane  and  in  the  outflow  plane  the  layer  with  high  mach  number  gradients  is  seen  to  be  forming.  Its  origin  are  the  regions, 
were  the  blunt-body  dominated  part  of  the  shock  merges  with  the  conical-type  part. 
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Fig.  6  diapUyi  pretMtre  and  mach  number  isoUnes  of  idenl  gas  fiow  about  a  blunted  cone  (d  >  20^)  at  M.  »  30  and  a  «  30*.  In 
this  case  the  flow  stays  subsonic  on  the  whole  luv  side  symmetry  line  of  the  body. 

With  this  analytically  defined  body  geometry  the  kinks  in  the  isolines  at  points,  where  the  body  curvature  is  discontinuous,  is  nicely 
seen.  Note  also  the  strong  entropy  layer  visible  on  the  luv  side  in  the  macfa  number  contours.  Also  shown  b  the  pressure  distribution  on 
the  body  in  the  symmetry  planes.  There  is  a  small  undershoot  on  the  luv  side,  whereas  on  the  lee  side  the  pressure  monotonously 
approaches  its  a^mptotic  value. 

The  equilibrium  real  gas  algorithm  has  been  tested  with  the  blunted  cone  (d  =  1S‘)  at  M«  »  IS.  a  «  0*  corresponding  to  a  height 
of  about  60  km  on  the  reentry  trajectory.  The  flowfieid  has  been  calculated  with  ideal  gas  assumption  with  y  »  1.4  and  with  y  »  1.2. 
which  is  chosen  to  be  consistent  with  flow  about  a  pointed  cone  with  d  «  15*  (IS,  16/.  The  real  gas  catailations  were  done  with  the  full 
equilibrium  couc  and  '«t!i  ♦hr  cffcrnvc  y  ossumplk'n  /13/.  where  thf  density  _nd  energy  dependent  y  =  i  p/(of\  from  the  routine  TOAS 
was  used  and  p.  p,  and  4  have  been  calculated  using  ideal  gas  relations.  Fig.  7a  shows  a  comparison  of  the  sutk  pressure  on  the  body  in 
the  stagnation  point  region  and  in  the  expanstoo  re^on  for  all  four  models.  Around  the  sugnatioo  point  the  pressure  is  virtually 
unchanged  by  real  gas  effects  as  bas  been  expected  since  newtonian  theory  should  be  applicable.  In  the  aft  region  of  flow  again  the 
pressure  is  similar  for  the  ideal  gas  (y  «  1.4  and  y  «  1.2)  and  the  equilibrium  calculations.  In  this  region,  however,  the  pressure  calculated 
with  the  effective  y  model,  is  only  50%  of  the  correct  equilibrium  value.  Therefore  the  effective  y  approach  should  not  be  used,  since  it 
leads  to  physical  inconsistencies  in  regions  of  flow  with  strong  gradents.  Fig.  7b.  c  show  a  comparison  of  isolines  of  static  temperature  of 
ideal  gas  flow  and  equilibrium  air.  From  these  pictures  we  can  also  see.  that  the  shock  contour  moves  towards  the  body  if  real  ga*  effects 
are  included  Fig.  7d  displays  the  distribution  of  static  temperature  along  the  body  contour  The  stagnation  temperature  is  overestimated  by 
130  %  using  ideal  gas  assumption  in  this  case. 


5.  CONCLUSIONS 

In  this  paper  we  have  presented  the  thermodynamic  equations  needed  for  the  simulation  of  inviscid  equilibrium  flow  with  a  general 
equation  of  state.  A  quasiconservative  split-matrix  algorithm  capable  of  capturing  shocks  correctly  has  been  generalized  to  include  equilib¬ 
rium  real  gas  consistently.  The  real  gas  generalizations  of  the  flux  matrices  with  their  eigenvalues  and  eigenvectors  have  been  derived.  The 
results  shown  are  flowfields  about  sharp  nosed  and  blunted  bodies  at  freestream  mach  numbers  ranging  from  M.  =  4.0  up  to  M.  =  30 
with  ideal  gas  and  equilibrium  air  assumptions. 
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Fig.  4:  Row  about  a  simplified  shuttle  geometry  at 


Fig.  4d:  Streamlines  in  nose  region 


Fig.  4e:  Body  and  shock  contour  of  aft  body 


23-1 


COMPUTATION  OF  PLOW  PAST  CONICAL  HYPERSONIC  WINGS 
USING  A  SECOND  ORDER  GODUNOV  METHOD 
by 

R.  HillleT 

Departaeot  of  Aeronautics,  Imperial  College, 
London,  SW7  2By, 

England 


SUMMARY 

This  paper  presents  coaputatlons  of  Invlscld  hypersonic  flow  past  flat  plate 
delta  wings  using  a  second  order  Godunov-type  scheme*  The  governing  equations  are 
written  in  an  unsteady  conical  form  and  then  time-marched  to  a  final  conical  steady 
state.  The  core  of  the  calculation  la  a  generalised  Rlemann  problem  which  Is  used 
to  determine  the  flux  transfers  at  the  Interfaces  between  computational  cells. 
Results  are  presented  for  wings  with  shock  waves  both  attached  at  and  detached  from 
the  leading  edges.  The  leeward  surface  flows  support  embedded  shock  waves  and 
separated  vortex  flows  and  the  likely  Influence  of  real  viscous  effects  on  these  Is 
discussed . 

1.  INTRODUCTION 

There  is  now  considerable  Interest  In  modelling  the  flow  field  past  hypersonic 
wings,  operating  over  a  wide  range  of  Incidence,  sweep  and  Mach  number.  Despite 
advances  in  prediction  methods,  the  simple  delta  wing  still  remains  a  very 
challenging  problem  and  Is  therefore  chosen  as  the  subject  of  study  here.  For 
sufficiently  low  sweep  or  angle  of  Incidence  or  high  enough  Mach  number,  the  shock 
wave  will  attach  at  a  sharp  leading  edge  so  that  Che  leeward  and  windward  surfaces 
become  Independent  of  each  other.  When  the  shock  wave  detaches  from  the  leading 
edges  the  leeward  surface  flow  In  particular  becomes  more  complicated.  There  Is  then 
a  strong  acceleration  around  the  edge,  usually  from  conically  subsonic  to  supersonic 
so  that  the  compression  surface  remains  independent  of  thw  leeward  surface  flow. 

The  conically  supersonic  Inflow  on  the  leeward  surface  must  eventually  turn  parallel 
to  the  wing  axis  of  symmetry,  and  the  resulting  compression  generally  coalesces  to 
form  an  embedded  shock  wave.  Staobrook  and  Squire  (1964)  presented  a  correlation 
for  thin  wings,  in  terms  of  the  Mach  number  and  flow  deflection  relative  to  the 
wing  leading  edge,  to  dlaelngulsh  between  those  leeward  surface  flows  which 
separated  at  the  leading  edge  and  those  where  there  was  a  fully  attached  supersonic 
Inflow  at  the  leading  edge,  with  vortex  separation  further  Inboard  and,  usually,  an 
associated  embedded  shock.  Numerical  prediction  of  these  vortex  separations  Is 
difficult.  Squire  (1983)  and  Newsome  (1986).  amongst  others,  have  shown  that 
although  Euler  codes  may  predict  leeslde  separations  and  vortex  flows,  the 
calculated  location  of  separation  may  not  be  very  reliable.  In  turn  Navler-Stokes 
codes  clearly  are  dependent  upon  transition  and  turbulent  models  which,  at  best,  are 
not  properly  understood  for  three-dimensional  hypersonic  flows. 

There  Is  a  need  therefore  for  further  study  by  both  Euler  and  Navler-Stokes 
methods  together  with  a  careful  parallel  programme  of  experimental  work.  The  paper 
presented  here  provides  inviscid  calculations  by  a  Godunov  type  Euler  scheme. 

Godunov  schemes  have  been  used  extensively  for  a  wide  variety  of  problems  In 
unsteady  gas  dynamics,  and  have  produced  impressive  results  for  multiple  shock 
flows,  shock-vortex-sheet  interactions  etc.  (e.g.  Glowacki,  Kuhl,  Glaz  and  Ferguson, 
1985;  Colclla  and  Woodward,  1984),  They  have  been  used  less  extensively  in  purely 
aeronautical  applications,  although  results  have  been  presented  for  blunt  bodies 
(Colella  and  Woodward,  1984),  cascade  aerodynamics  (Eldelman,  Colella  and  Shreeve, 
1984)  and  slender  supersonic  missiles  using  a  space-marching  variant  of  the  method 
(Wardlaw  and  Davis,  1986). 

This  paper  uses  a  method  which  Is  based  essentislly  upon  the  second-order 
algorithm  developed  by  Ben-Artxl  and  Falcovltr  (1983,  1984).  The  purpose  is  to  show 
how  the  algorithm  Is  simply  extended  to  deal  with  conical  flow  fields,  and  to 
present  initial  results  for  flat  delta  wings.  Future  work  Is  planned  both  to 
introduce  a  general  mesh  routine,  in  order  to  handle  non-simple  section  shapes,  and 
also  to  introduce  a  Navler-Stokes  (initially  laminar)  option  to  the  code. 

2.  METHOD  OF  SOLUTION 

The  basic  approach,  which  follows  that  of  Newsome  (1986)  and  Bluford  (1979),  Is 
to  write  the  equations  in  an  unsteady  conical  form,  which  is  then  time-marched  from 
an  impulsive  start  to  a  final  steady  state.  The  Intermediate  time-dependent  conical 
flow  is  not  required  generally  and  indeed  It  has  no  actual  physical  counterpart.  In 
the  present  formulation,  the  flat  delta  wing  lies  in  the  x-z  plane  and  moves  at 
constant  velocity  UooCosa  in  the  direction  of  negatlve-x  aa  shown  In  figure  la.  At 
time  •  0  the  wing  apex  lies  at  the  origin  of  coordinates  x  -  y  ■  z  •  0.  An  initial 
fluid  velocity  Ug^slna  is  applied  In  the  y-dlrectioo  throughout  the  flow  field  which 
simulates  an  overall  incidence  of  a  therefore.  The  time-dependent  Euler  equations 
are  then  transformed  by  setting 
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with  a  correspondlag  set  for  the  f-^sweep. 

For  convealeoce  during  the  coaputstloos  the  term  U^cosa  was  usually  set  to  unity, 
the  Hach  nunber  being  specified  by  epproptletely  setting  the  axabient  speed  of  sound. 
It  should  also  be  noted  that  the  velocity  coaponeots  u  and  v  In  the  flui  tern  of 
equation  (2)  can  be  replaced  by 

V*  -  (V  -  y  u)/(l  t  y2)' 

■  V  cjsQ  -  u  ain6, 
and  U  •  (u  +  yv)/(l  +  jF2)i 

•  u  0080  +  V  sin0  ( 3) 

where  0  Is  the  angle  between  the  surface  y  "  constant  and  the  plane  of  the  wing. 
V*  is  then  the  velocity  noraal  to  the  surface  y  "  constant  and  U*  Is  the  component 
of  velocity,  In  this  surface,  which  is  also  parallel  to  the  syanetry  plane  of  the 
flowfield  (see  Figure  lb). 

The  flu*  vector  E  can  therefore  be  re-written  as 

E  "  ^P(V  -8in0)/co50 

jo(U*-V*tan0)(V*-8in0)  -  py 
i  p *0 (U* tan0*V*) (V*-s in6) 

I  Ow ( V* - 8 i n0) /co80 
[  {e<V*-sin6)  *■  pV*}/co80 


which  was  the  fom  used,  since  for  an  unsteady  conical  flow  it  is  most  appropriate 
to  consider  flux  velocities  resolved  noraal  to,  and  In  the  plane  of,  the  surface 
7  *  constant* 

Referring  to  figure  2,  the  update  of  equation  (2)  from  t**  to  t**^^  for  cell  j  Is 
aanlpulsted  to  give 


U-I}  -  e”!|)  At/t” 

(l+At/t“)  -  7^_jj  (l+4t/t")  ^  (l*4t/t") 


where  At  Is  the  time  step,  n  -f  }  indicates  that  a  quantity  is  evaluated  at 
mld'^time-step  and  j  and  j  i  |  respectively  represent  quantities  calculated  as  cell 
averages  and  cell  interface  values. 

The  special  feature  of  the  Godunov  scheme  is  the  use  of  a  Riemann  problem 


to  calculate  the  flux  E. 


Here  the  method  of  Ben-Artzi  and  xalcovltz  (1983, 


1984)  la  followed.  At  the  commencement  of  a  time  step  it  is  assumed  that  cell 
average  values  are  known  and  also  that  spatial  gradients  have  been  specified.'  At  a 
cell  Interface,  therefore,  there  are  generally  discontinuities  in  the  variables  and 
their  space  derivatives  as  shown  in  figure  3a  for  density  (say).  Over  the  subsequent 
time  step  the  resulting  wave  field  generates  both  ‘'left"  and  "right"  facing  waves, 
either  of  which  may  be  a  shock  wave  or  a  rarefa'^tion  wave,  and  a  contact  surface 
which  denotes  the  trajectory  of  the  fluid  particle  initially  at  the  interface 
(figure  3b).  The  waves  may  take  any  position  relative  to  th*'  Int  rface,  depending 
upon  whether  the  general  motion  is  to  the  left  or  right  and  whether  it  is  subsonic 
or  supersonic.  At  the  interface  Che  flow  properties  change  with  time  (figure  3c). 

We  therefore  calculate  the  Eulerian  time  derivative  at  each  interface  at  the 
commencement  of  the  Riemann 

problem,  denoted  by  ^  say,  so  that 


‘’i  *  ‘'i  *  T  ITT). 

The  term  o”  (say)  Is  the  value  at  the  cell  immediately  after  the 

wav  r  i  nee  r  S'"  w  1  u.;  commences,  and  depends  only  upon  the  initial  values  of  the 
varlabi.es  either  slo^  of  the  interface  and  not  <^0  their  spatial  gradients. 
Furthermore  since  the  vonical  model  obviously  treats  the  surface  "y  •  constant  as  the 
initial  surface  of  dtscou*-lnui  Ly ,  this  first  order  Riemann  problem  must  be  solved 
for  specified  jump  conditions  in  p,o  and  V*,  the  velocity  normal  to  the 
discontinuity.  An  iterative  technique  (Chorin,  1976)  wa  used  for  this,  starting  with 
a  guess  based  upon  an  acoustic  solution.  Oeneraiiy  this  provided  convergence  after 
only  one  iteration,  since  the  specification  of  initial  linear  distributions  across 
cells  ensures  that  discontinuities  In  variables  at  the  Interface  are  usually  small. 
Once  this  solution  has  been  completed,  the  Interface  values  of  U*  and  u  are 
easily  determined,  since  they  are  advected  as  passive  scalars;  that  is  their 
required  values  are  simply  the  initial  values  from  either  left  or  right  of  the 
Interface,  depending  upon  whether  the  contact  surface  moves  to  the  right  or  left 
respectively. 

The  second  order  procedure  follows  closely  that  of  Ben  Artzl  and  Faicovitz 
(1984,  1985),  in  this  paper  we  make  0(At)  estimates  of  time  derivatives,  comprising 
their  so-called  El  scheme.  In  common  with  the  first  order  solution,  the  essential 
feature  of  the  analysis  Is  the  matching  of  pressure,  and  normal  velocity  V*  at  the 
contact  surface  for  both  the  left  and  right  hand  flows,  whilst  permitting 
discontinuities  across  it  in  w,  U*  and  p.  The  characteristics  from  the  y-spllt 
Euler  equations  (eqns  2)  give 


- 1 - r  ^  *  - -  i:~T  I  dt 

X(l+y2)*  (l*y^)*  J 


dy  _  2. 
dt  X 


and 


A 


v-y ( u  +  U^cos  a) 
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These  characteristic  equations  are  theu  usc-i  to  determine  the  time  derivatives 


the  contact 

surface,  giving 

(8a) 

(Jfi 

(8b) 

.  Ac.  ''c* 

^  (1+72) 

(8c) 

i»i 

•  0 

(8d) 

where  V*  is  the  appropriate  normal  velocity  for  the  contact  surface  value  deduced 
from  the  first  order  Riemann  problem  and  the  coefficients  a.,  b^,  c.,  82*  b,,  C2 
are  given  in  Appendix  1.  Finally  the  Eulerian  time  derivati  es  at  the  intefface  are 
then  obtained  from  the  Lagrangian  derivatives  of  equations  8,  again  outlined  in 
Appendix  1.  The&<  time  derivatives  depend  upon  the  Initial  spatial  gradients  within 
the  computational  cell,  which  itself  is  deduced  here  from  a  simple  formulation. 

First  a  central  difference  estimate  is  made  for  the  gradient.  If  this  results  in  a 
cell  Incetface  value  which  is  extremum  compared  with  the  nei^  <  bou  ri  n^t  cell  average 
values,  the  absolute  gradient  is  then  reduced  until  the  extremum  is  just  removed. 
This  was  sufficient  to  produce  stable  solutions  for  most  cases  although  slight 
oscillations  were  noted  inboard  *f  the  leading  edge  for  the  attached  shock  case  so 
that  a  further  small  reduction  in  gradient  in  regions  of  strong  compression  was  then 
introduced.  The  gradients  for  the  velocity  components  were  determined  by  applying 
the  routine  above  to  the  Cartesian  components  u,  v  and  w,  which  were  then  ^ 
appropriately  resolved  to  give  the  gradients,  at  cell  interfaces,  of  V  and  U  . 

If  both  left  and  right  waves  of  the  Riemann  problem  lie  on  the  same  side  of  the 
interface  (see  Figure  3b)  we  do  not  need  to  follow  tne  above  procedure.  Instead  the 
interface  variables  and  gradients  are  taken  for  the  upwind  side  of  the  interface  and 
simply  substituted  into  the  Euler  equations  to  give  the  interface  time  derivatives. 
The  source  term  of  equation  4  was  evaluated  in  a  like  manner,  using  the  cell 
gradients  and  cell  average  values  to  estimate  the  values  for  the  half  time  step. 

3.  TWO-DIMENSIONAL  CONICAL  FLOWS 

CoQunov-type  schemes  show  their  best  discontinuity  resolution  when  waves  are 
stationary  relative  to  the  mesh,  which  is  the  case  with  all  the  problems  studied 
here,  and  also  when  they  are  aligned  with  the  coordinate  surfaces.  This  is 
Illustrated  nere  by  the  two-dimensional  problem  of  a  flat  plate  aerofoil  shown  in 
Figure  4  for  M®  •  4.0  and  a  ■  15^.  This  shows  e xce 1 len t  agr e erne nt  with  exact 
results,  even  for  a  fairly  coarse  mesh  representation,  for  both  the  compression 
surface  and  expansion  surface  flows. 

4.  FLAT  PLATE  DELTA  WING  -  ATTACHED  SHOCK  WAVE 

For  attached  shock  flows  the  basic  case  chosen  was  a  50°  sweep  wing  with 
Mqo  *=  4.0,  a  *  13  since  this  has  been  used  as  a  test  case  for  a  variety  of 
numerical  schemes.  It  was  computed  using  a  rectangular  mesh  with  40  cells  to  the 
semi-span,  and  since  the  windward  and  leeward  surfaces  are  ae r odynaml ca 1 1 y 
independent  of  each  other  the  data  were  obtained  in  two  separate  runs.  Figures  S(a) 
and  5^b)  show  cross-plane  Isobar  distributions  for  the  two  surfaces  respectively; 
the  mesh  size  Is  also  Illustrated  on  the  Figures. 

Figures  6  and  7  present  the  corresponding  spanwise  pressure  distributions. 
Considering  the  compression  surface  first,  the  constant  pressure  outer  region  agrees 
very  closely  with  the  exact  cblique  shock  value  shown.  There  is  a  slight  pressure 
overshoot  (1%)  immediately  Inboard  of  the  leading  edge  which  indicates  that  the 
gradient  reductions  applied  to  the  second  order  scheme  are  not  quite  sufficient.  It 
is  easy  to  modify  these  further  because  the  reduC'lons  were  fairly  small,  but  it  has 
to  be  a  matter  of  numerical  experlmeut  to  determine  the  most  appropriate 
formulation.  It  should  be  noted  that  one  cause  of  such  over8hoo«.8  is  the 
operator-split  approach  to  the  handling  of  oblique  shock  waves,  and  it  may  be 
possible  to  devise  a  more  refined  approach  along  the  lines  (say)  of  Davis  (1984). 
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Further  Inboard  the  conatant  pressure,  conically  supersonic  Inflow  changes  to  a 
non-uniform  conically  subsonic  region  at  56<5!l  span  according  to  exact  Invlscid 
theory,  which  la  resolved  well  by  the  computations.  The  pressure  distribution  in  the 
central,  oon-unlforo  region  agrees  very  closely  with  Invlscid  computations  of  South 
and  Klunker  (1969)  and  Voskresenkii  (1965).  Roe  (1972)  has  produced  a  theoretical 
result  for  the  spanwlse  pressure  gradient  at  the  outer  limit  of  the  non-uniform  zone 
and  this  Is  also  included  on  the  Fignre.  The  present  computations  appear  to 
underestimate  this  gradient  somewhat,  as  did  also  the  results  of  South  and 
Voskresenkii.  The  mismatch  doubtless  arises  because  of  a  combination  of  numerical 
smearing  In  the  code  (although  Figure  4  shows  how  well  gradient  discontinuities  can 
be  captured)  and  the  local  nature  of  Roe’s  result.  It  is  intended  to  explore  this 
point  by  refined  mesh  computations. 

On  the  leeward  surface  Figures  5  and  7  show  that  the  Prandt 1 -Me y e r  expansion  at 
the  leading  edge  is  smeared  over  several  cells.  This  mainly  arises  because  the  mesh 
ratio  d7‘/dsr  of  0.25  means  that  the  expansion  fan  does  not  clear  the  surface  row  of 
cells  until  the  third  cell  inboard  from  the  leading  edge  is  reached.  The  asymptotic 
pressure  value  then  agrees  very  closely  with  the  exact  result  of  p/r:^  ■  0.146. 

Based  upon  the  flow  coodltlgns  behind  the  leading  edge  the  Mach  cone  from  the  wing 
apex  makes  an  angle  of  4.37°  (i.e.  ^  •  0.091)  to  the  centreline.  The 

computations  show,  however,  that  this  Mach  cone  does  not  terminate  the  uniform 
pressure  region;  rather  an  embedded  shock  wave  forms  at  z/T^  ^  *  0.16,  which 
abruptly  turns  the  flow  parallel  to  the  axis. 

5.  FLAT  PLATE  DELTA  WING  -  DETACHED  SHOCK  WAVE 

The  case  considered  here  has  a  74.6°  sweep,  operating  at  M*  ■  3.51,  ^  •  14.7°, 
and  has  been  computed  for  several  mesh  densities.  Cross  plane  isobars  are  shown  in 
Figures  8(a)  and  (b)  for  meshes  of  square  cells  with  20  and  30  cells  (meshes  A  and  B 
respectively)  to  the  semi-span.  In  Figure  8(c)  mesh  C  has  40  rectangular  cells  to 
the  semi-span,  but  stretched  to  concentrate  them  near  the  surface  and  close  to  the 
leading  edge  as  shown  in  part  by  the  velocity  vector  plot  of  Figure  9.  The 
predicted  pressure  distributions  for  the  compression  surface  are  shown  in  Figure  10 
and  these  are  compared  with  experimental  data  (Hillier,  1973)  for  a  flat  compression 
surface  wing  with  sharp  leading  edges.  Results  from  all  mesh  densities  agree 
closely  with  the  experimental  data.  Meshes  A  and  B  show  slight  oscillation  near  the 
leading  edge  which  probably  arises  because  of  the  close  proximity  of  the  shock  wave 
to  the  edge.  This  oscillation  disappears  for  the  finest  mesh  C. 

Prediction  of  leeward  surface  flows  is  much  more  difficult  because  of  the  wide 
range  of  flow  regimes  which  may  be  encountered.  The  particular  wing  Incidence, 
sweep  and  Mach  number  chosen  here  were  selected  to  provide  a  case  where  leading  edge 
separation  is  expected  (Squire,  1985;  Sxodruch,  1978),  although  no  experimental  data 
are  available  for  this  case.  \i  Is  generally  recognized  that  Euler  fodes  can 
predict  separation  at  sharp  edges  (see,  for  example,  Rizzi  and  Eriksson,  1983) 
although  the  precise  controlling  mechanism  Is  unclear.  The  more  difficult  case 
would  be  when  the  flow  remains  attached  at  the  leading  edge,  conically  supersonic, 
and  undergoes  an  embedded  shock-induced  separation  further  inboard.  This  will 
always  depend  upon  the  leeward  surface  boundary  layer,  viscous  or  numerical,  and 
also  on  the  vortlclty  convected  around  the  leading  edge  from  the  curved  shock  wave 
on  the  compression  side. 

Figure  9  shows  the  conical  velocity  vector  plot  for  mesh  C  (noting  that  the 
vector  length  is  not  directly  proportional  to  the  velocity  magnitude).  This  shows 
that  a  separation  commences  just  inboard  of  the  leading  edge  at  about  911  semi-span. 

Similar  vector  plots  for  meshes  A  and  B  gave  separation  positions  at  about  80%  and 
85%  semi-span  respectively.  Thus  mesh  refinement  tends  to  a  leading  edge 
separation,  which  Is  Indeed  the  expected  result  for  this  case.  The  flow  also 
remains  separated  up  to  the  centreline,  for  all  mesh  densities,  which  Is  consistent 
with  the  general  data  of  Szodruch  (1978). 

Figure  11  shows  the  corresponding  spanwise  surface  pressure  distributions  for 
the  three  meshes,  illustrating  the  point  above  that  mesh  Independence  has  not  been 
achieved  near  the  leading  edge.  The  other,  main,  prominent  feature  of  the  lee 
surface  flow,  seen  best  by  the  isobar  plots  of  Figure  8,  is  the  cross-flow  shock 
wave  located  at  about  30%  semi-span.  This  extends  into  the  upper  region  of  the 
separation  zone  but  clearly  cannot  penetrate  down  to  the  surface  because  of  the 
reversal  in  cross  flow  direction.  Figure  11,  for  mesh  C  say,  shows  the  diffused 
pressure  rise  at  the  surface  associated  with  the  shock  wave,  but  now  of  course  it 
forms  the  favourable  pressure  gradient  driving  the  reversed  flow  near  the  surface. 
This  figure  also  shows  a  relatively  large  pressure  increase  just  Inboard  of  the 
leading  edge,  at  about  95%  semi-span.  This  opposes  the  conical  inflow  and  clearly 
is  associated  with  the  invlscid  separation  of  the  flow, 

6.  CONCLUDING  REMARKS 

The  generalised  Riemann  problem,  as  developed  initially  by  Ben-Artzi  and 
Falcovitz,  has  been  extended  to  conical  flows.  Computations  for  both  detached  and 
attached  shock  waves  show  sharp  and  stable  capture  of  the  main  bow  shock  wave 
together  with  leeward  surface  embedded  shocks.  The  detached  shock  case  predicts 
separation  close  to  the  leading  edge.  This  is  consistent  with  other  experimental 
observations  and  is  unlikely  to  be  affected  significantly  by  real  viscous  effects. 
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APPENDIX  I 


The  time  derivatives  of  pressure  p  and  normal  velocity  V  along  the  trajectory 
of  the  contact  surface  are  given  by  ^ 


a  ,  (  iEc.') 

h,(4^)  =  c, 
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where  X  -  t.  U^c  oso<  and  A  =  ^/(!  * 

Oy  A  *  V*  -  sln^.  U^coso(. 

The  above  coefficients  are  all  evaluated  using  the  initial  data  at  the  interface 
iamediately  oefore  the  wave  interaction  commences.  Thus^i.  •  Qi.  (say)  are  the  initial 
density  and  speed  of  sound  on  the  left  of  the  interface,  is  the  initial  pressure 

gradient  on  the  left  etc.  O  and  y  (where  tan9  •  y)  are  evaluated  at  the  interface 
position. 


The  time  derivatives  of  density  at  the  contact  surface  is  given  by 


II 

B 

U4 

(A3) 

where  a^  is  the  speed  of  sound  at  the  contact  curface  evaluated  from  the  first  order 
Riemann  problem.  Note  that  the  density  and  speed  of  sound  are  discontinuous  across 
the  contact  surface  so  that  equation  A3  must  be  evaluated  on  the  correct  side,  that  is 
the  left  side  for  a  right-moving  contact  surface  and  vice  versa. 


The  time  derivatives  of  U  and 
and  8d,  that  is 

dujc  -  O 

TT 

dUc’^  _  A,  V*ccse 

it  ~  X 

where  V  is  the  normal  velocity  of  the  contact  surface. 


at  the  contact  surface  result  from  equations  8c 


If  we  consider  here  a  right  moving  contact  surface,  the  required  time  derivatives 
(Eulerlan)  at  the  interface  are  related  to  the  time  derivatives  along  the  contact 
surface  by 

^  X  <A6) 


where  Q 


(p./m. 


u  .  CM  ) . 


The  Eulerian  space  and  time  derivatives  of  ^  and  V 
equations  which  g^ves 


it 


Ac  f  -L 
LA  dt 


U/^  cos  9 


are  also  related  by  the  Euler 
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/^p\ 

^  A,  (  A  ^  At  Ue*COS0  1 

(fls) 

ut/i 

dt 

Jt  X  J 

To  6v«Iuate  else  derivatives  of ^ »  U  and  iu  at  che  Interface,  again  for  a  -moving 

contact  surface,  we  use  the  requlreaent  ;hat  derivatives  in  the  direction  of  che  tzit~  iaiC.in.Q 
(acoustic)  wave  are  continuous  as  it  is  crossed,  that  is 


Coabined  with  equation  A6  this  gives  for  the  required  tiae  derivative 


^  Cflc  - 

X  ll^y/L 


A 

fle  lit 
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The  tiae  derivative/  ]  can  be  expressed  in  teras  of  the 

\>^L 

froa  che  Euler  equations,  to  give  the  final  explicit  evluation  of 
a  contact  surface  follow  identically. 


initial  gradients 

Equa t ions  for 


(‘4- 


This  analysis  has  been  presented  briefly  of  necessity,  and  final  results  can  be  written 
in  a  fairly  coapact  fora.  A  acre  detailed  version  of  che  derivation  is  being  prepared  by 
the  author  as  an  laperial  College  Aero.  Dept.  Report  and  will  be  available  shortly. 


Figure  10.  Configuration  of  Figure  8.  Spanwlse  pressure  distribution  o 
compression  surface.  All  meshes.  Experimental  data  (  •  ). 
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SUMMARY 

Research  activity  in  the  aerothermodynamics  branch  at  the  NASA  Ames  Research  Center  is  reviewed.  Advanced 
concepts  and  mission  studies  relating  to  the  next  generation  aerospace  transportation  systems  are  summari  'ed  and  directions 
for  continued  research  identified.  Theoretical  and  computational  studies  directed  at  determining  flowfields  and  radiative  and 
convective  heating  loads  in  real  gases  are  described.  Included  are  Navier-Stokes  codes  for  equilibrium  and  thermo-chemical 
nonequilibrium  air.  Experimental  studies  in  the  3.5  foot  hypersonic  wind  tunnel,  the  ballistic  ranges  and  the  electric 
arc  driven  shock  tube  are  described.  Tested  configurations  include  generic  hypersonic  aerospace  plane  configurations, 
aeroassisted  orbital  transfer  vehicle  shapes  and  Galileo  probe  models. 


INTRODUCTION 

Current  research  activity  In  the  Aerothermodynamics  Branch  at  the  NASA  Ames  Research  Center  is  outlined  and 
described.  Focused  activity  is  directed  toward  orbiting  high  altitude,  high  drag  aerobraking  vehicle  configurations  such  as 
aeroassisted  orbital  transfer  vehicles  (AOTVs),  and  toward  high  lift  irans-atmospheric  vehicles  (TAVs),  for  the  purpose  of 
maturing  the  enabling  technology  necessary  for  the  design  of  such  vehicles.  Research  efforts  arc  divided  into  four  distinct 
area.s:  I)  advanced  mission  and  concept  studies,  2)  computational  aerothermodynamic  flowfield  code  development,  3) 
thermo-chemical  non-equilibiium  reacting  models  and  4)  code  validation  experiments.  These  four  research  areas  are 
considered  syncrgistically  to  extend  the  slate-of-lhc-art  in  aerothermodynamic  technology. 

Advanced  mission  and  concept  studies  identify  the  thermal-control  requirements  for  design  optimized  aeromaneuvering 
performance  for  space-based  applications  and  low-Earth  orbit  sorties  involving  large  multiple  plane  inclination  changes. 
Heating  analyses  for  hypersonic  low  density  viscous  flows  including  real  gas  chemistry  and  surface  catalysis  are  considered. 
The  predicted  aerothermodynamic  heating  characteristics  are  correlated  with  thermal-control  and  flight  performance  car 
pabilities-  Mission  payload  capability  for  delivery,  retrieval  and  combined  operations  is  determined  for  round  trip  sorties 
extending  to  polar  orbits.  The  results  help  to  identify  technology  issues  required  to  develop  prototype  operational  systems 
and  provide  guidance  and  direction  for  development  of  computational  aerothermodynamic  flow  codes. 

The  design  of  the  next  generation  aerospace  transportation  systems  will  be  driven  by  considerations  such  as  fully 
reusable  systems,  maximum  payload-to>total-weight  ratios  and  high  altitude  aeromaneuverability  to  achieve  orbital  plane 
change  and  cross  range  capability.  These  considerations,  and  others,  will  be  finely  tuned  to  effect  designs  for  economically 
viable  vehicles  such  as  rapid  response  transatmospheric  vehicles  (TAVs)  and  space  freighter  concepts  like  the  aeroassisted 
orbital  transfer  vehicle  (AOTV). 

In  the  past  heavy  reliance  was  made  using  ground  ba.sed  test  facilities  such  as  shock  tubes,  arc  jets  and  ballistic  ranges, 
in  conjunction  with  engineering  design  and  analysis  codes,  to  achieve  closure  on  designs  of  such  vehicles  as  the  Apollo, 
the  Space  Shuttle,  and  the  Galileo  probe.  Many  of  these  vehicles  were  expendable,  “one-shot",  vehicles  that  use  ablative 
heal  shield  materials.  The  space  shuttle,  a  reusable  non-acromaneuverlng  vehicle,  employs  reusable  tiles  but  must  undergo 
considerable  refurbishment  between  missions.  To  design  fully  reusable  aeromaneuvering  vehicles  will  require  design  tools 
significantly  improved  over  those  used  in  the  past,  and  design  tolerances  will  need  to  be  much  tighter  to  avoid  unnecessary 
weight  penalties  that  can  drive  the  cost  beyond  economic  viability. 

Ground  based  test  facilities  can  provide  valuable  insight  for  the  design  and  understanding  of  aerospace  vehicles.  Such 
facilities,  however,  cannot  simulate  all  of  the  conditions  that  will  be  encountered  in  planned  missions  of  the  future.  Shown 
in  Fig.  1  is  the  flight  domain  for  a  variety  of  aerospace  vehicles  for  typical  missions  in  terms  of  flight  Reynolds  number 
and  flight  Mach  number.  Superposed  are  regimes  which  can  be  simulated  by  typical  ground  based  test  facilities.  The  high 
altitude,  high  speed  regime  is  the  most  difficult  to  simulate,  yet  it  is  this  regime  that  will  be  encountered  by  vehicles  of 
the  future.  Flight  tests  can,  and  are  being  planned,  such  as  the  aeroassist  flight  experiment  (AFK),  to  provide  data  in  this 
regime.  But  these  tests  are  expensive  and  can  provide  only  a  limited  amount  of  data.  To  augment  this  data  and  to  optimize 
cost  effective  designs,  reliance  must  be  made  on  advanced  computational  techniques.  Both  ground  based  and  flight  tests 
can  provide  valuable  data  to  validate  these  computational  methods.  The  computational  methods  can  then,  in  turn,  be  used 
to  extrapolate  our  understanding  and  analysis  in  to  regimes  not  covered  by  existing  facilities. 

Over  the  past  decade  and  a  half,  during  the  hiatus  in  hypersonic  research,  we  have  seen  great  advances  in  three  key 
areas  that  are  now  being  synthesized  to  develop  advanced  computational  techniques  to  a  mature  technology  to  enable  the 
design  of  the  next  generation  aerospace  transportation  systems.  The  first  of  these  is  the  development  of  inexpensive  raw 
computing  power.  In  the  early  TOs  scientific  computers  were  of  the  IBM  300  and  CDC  6600  class.  The  IBM  370  scries 
and  CDC  7600  machines  were  just  becoming  available.  Since  that  time  we  have  seen  the  Cray  I  and  Cray  2  computers, 
the  CDC  Cyber  205  and  the  Fujitsu  VP200  and  VP400  and  Hitachi  S  810.  Coming  along  are  the  ETA  10  and  the  Cray 
3  supercomputers.  These  computers  arc  faster  in  terms  of  computing  speed  and  larger  in  terms  of  high  speed  memory  by 
orders  of  magnitude  and,  at  the  same  time,  cost  orders  of  magnitude  less  per  unit  of  computing  power  than  a  computer  of 
a  decade  and  a  half  ago. 

During  the  same  period  a  new  and  powerful  tool  in  aerodynamics  was  developed;  computational  fluid  dynamics 
(CFD).  Numerical  algorithms  have  been  refined  to  efficiently  solve  the  Reynolds  averag^  Navier-Stokes  equations  for  three- 
dimensional  steady  and  unsteady  compressible  flows  at  transonic  and  supersonic  si>eed8  in  an  ideal  gas.  Associated  with 
this  are  sophisticated  discretization  schemes  to  describe  complex  geometries  and  flowfields.  To  extend  the  CFD  capability 
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to  the  hypersonic  flight  regime  experienced  by  aerospace  vehicies  it  is  necessary  to  include  *real  gas’'  effects.  Typically  this 
involves  the  description  of  chemical  reactioiu,  thermo-chemical  nonequilibrium  and  radiative  transport  phenomena. 

At  the  very  high  temperatures  associated  with  high  altitude  hypervelocity  flight  there  is  a  paucity  of  experimental 
data  defining  collision  cross-sections  and  transition  probabilities  necessary  to  accurately  describe  the  chemical  exchange 
processes  involved.  To  this  end  recent  advances  in  computational  chemistry  can  be  used  to  fill  this  critical  gap.  A  recent 
survey  describing  the  capability  of  computational  chemistry  and  the  impact  on  the  analysis  of  orbital  transfer  vehicles  is 
given  by  Cooper  et  al'.  The  combination  of  CFD  and  real  gas  chemistry,  along  with  n  udern  high-speed  computers  form 
the  synergistic  basis  of  computational  aerothermodynamics  (CAT).  Three  excellent  recent  review  articles  on  computational 
aerothermodynamics  are  given  hy  Anderson^,  Graves  and  Hunt’  and  Lewis^. 

The  particular  phenomena  addressed  by  computational  aerothermodynamics  is  the  prediction  of  aerothermal  loads. 
These  include  effects  such  as  aerodynamic  forces,  convective  and  radiative  heating  rates,  gas/surface  interactions  and  surface 
catalytic  effects,  thermal  protection  systems  with  active  cooling  and  plasma  layers  and  their  effect  on  communications  and 
power  supply.  These  phenomena  are  critical  to  designing  vehicles  that  are  to  be  adequately  protected  from  the  very 
high  thermal  loads  that  will  be  encountered  during  hypervelocity  flight  and  that  are  to  be  aerodynamkaliy  stable  and 
maneuverable.  Existing  ground  based  test  facilities  will  be  used  to  perform  critical  experiments  designed  to  provide  data 
for  real  gas  computer  code  validation. 


ADVANCED  MISSION  AND  CONCEPT  STUDIES 

In  conceptual  studies  extending  over  the  past  two  decades^  the  potential  of  aeroassisted  technology  for  enhancing 
orbital  operations  and  planetary  missions  has  been  widely  recognized.  This  technique  calls  for  using  the  aerodynamic 
forces  produced  by  gracing  passes  through  the  upper  atmosphere  to  achieve  the  transition  to  local  orbit  by  deceleration  or 
directional  change;  earlier  methods  relied  exclusively  on  propulsion  power.  The  propellant  saveo  by  eliminating  the  costly 
propulsive  maneuvers  not  only  makes  possible  missions  that  are  otherwise  impractical  but  also  substantially  increases 
payload  capability.  Exploratory  studies^  have  indicated  that  two  classes  of  aeroassisted  orbital-transfer  vehicles  (AOTVs) 
can  satisfy  a  broad  range  of  Earth-centered  space  transport  missions. 

Acrobraking  AQTVb 

One  design  is  useful  primarily  as  a  space  freighter  for  transporting  large  payloads  when  time  is  not  a  constraint  in 
the  mission  requirements.  This  ’^aerobraking”  vehicle  performs  its  orbit-change  maneuvers  by  aerodynamic  drag  in  the 
far-outer  extent  of  the  atmosphere  to  alleviate  surface  heat  fluxes  and  pressure  forces,  which  minimizes  the  weight  penalties 
for  the  aeroassist  apparatus.  Extensive  design  and  mission-performance  analyses  for  operations  encompassing  cislunar  space 
have  been  given  by  Menees  et  al’*^  and  Davies  and  Park*^  for  an  AOTV  design  in  this  category.  A  typical  near-Earth 
orbital  transfer  mission  would  be  between  a  geosynchronous  and  an  equatorial  low  earth  orbit.  The  location  of  a  space 
station  at  geosynchronous  orbit  (GEO,  3S,841  km  altitude)  is  a  future  certainty  because  of  its  many  scientific,  commercial, 
and  strategic  applications.  Consequently,  low-cost  orbital-change  maneuvers  between  GEO  and  low  Earth  or  Space  Shuttle 
orbits  (LEO,  400  km  altitude)  for  personnel  and  material  transport  will  be  a  future  requirement  of  high  frequency.  The 
advant  iges  of  aerobraking  provide  substantial  savings  in  propulsion  fuel  mass  for  this  mission.  This  is  illustrated  in  Fig.  2  by 
the  schematic  of  a  typical  mission  profile  for  a  single-pass,  aerobraked  orbital  transfer  vehicle  (AOTV)  maneuvering  between 
GEO  and  equatorial  LEO.  Multiple  passes  are  possible  and  appropriate  for  unmanned  missions  for  which  turnaround  time 
is  unimportant,  but  a  single  pass  in  appropriate  for  manned  missions.  The  constraints  on  the  mission  are  a  re-entry  mass 
of  12  tons  (to  conform  with  other  studies)  and  the  use  of  a  liquid  rocket  engine  with  a  specific  impulse  of  420  s  to  make 
the  AOTV  reusable  and  refuelable.  The  mission  scenario  is  as  follows:  1)  the  AOTV  with  initial  mass  of  30  tons  (the 
apprmcimate  capacity  of  Space  Shuttle  cargo  bay)  is  inserted  into  equatorial  LEO;  2)  a  propulsive  thrust  of  2395  ro/s  is 
required  to  transfer  from  the  circular  LEO  to  an  elliptical  orbit  with  apogee  at  GEO  and  perigee  at  LEO;  3)  this  consumes 
a  propulsion  fuel  mass  of  about  of  the  initial  AOTV  mass;  4)  a  propulsive  thrust  of  1456  m/s  is  required  to  achieve 
the  circular  GEO  from  the  elliptical  transfer  orbit;  5)  this  maneuver  consumes  an  additional  30%  of  the  AOTV  mass;  6) 
a  payload  of  5.5  tons  is  picked  up  for  transfer  to  LEO  so  that  a  re-entry  mass  of  12  tons  will  be  obtained  subsequently; 
7)  a  retropropulsive  thrust  of  1490  m/s  is  required  for  transfer  to  an  elliptical  orbit  with  perigee  in  Earth's  atmosphere  to 
take  advantage  of  aerodynamic  braking;  8)  this  maneuver  expends  30%  of  the  remaining  AOTV  mass  in  fuel  sJid  provides 
the  desired  re-entry  mass  of  12  tons;  9)  aerodynamic  braking  occurs  with  the  AOTV,  achieving  a  new  elliptical  orbit  with 
apogee  at  LEO;  and  10)  a  final  small  propulsive  thrust  of  90  m/s  is  required  for  insertion  into  LEO,  which  burns  a  fuel 
mass  of  only  2.5%.  Thus,  aerobraking  conserves  essentially  all  of  the  fuel  mass  that  would  be  required  for  return  to  LEO 
using  all-propulsive  maneuvers,  which  is  about  45%  of  the  AOTV  mass  (the  difference  between  propulsive  thrust  for  steps 
2  and  10). 

Several  design  concepts  have  been  considered  for  orbital  transfer  vehicles  including  a  conical  lifting-brake’’**,  a  raked 
elliptic-cone”'*’,  a  raked  sphere-cone*^,  a  lifting  body*’,  and  a  ballute.  These  five  concepts  have  recently  been  reviewed 
and  critiqued  by  Park*^.  Historical  backgrounds,  and  the  geometrical,  aerothermal  and  operational  features  of  the  de¬ 
signs  are  considered  as  are  the  technological  requirements  for  the  vehicle  (namely,  navigation,  aerodynamic  stability  and 
contiol,  afterbody  flow  impingement,  nonequiltbrium  radiation,  convective  heat-transfer  rates,  mission  abort  and  multiple 
atmospheric  pa-sses,  transportation  and  construction,  and  the  payload-to-vehicle  weight  requirements).  These  issues  are 
delineated  and  recent  advances  that  have  been  made  in  them  are  summarized.  Each  of  the  five  design  concepts  are  critiqued 
and  in  Table  I  are  rated  on  these  issues.  The  highest  and  the  lowest  ratings  are  given  to  the  raked  sphere-cone  and  ballute 
designs,  respectively.  A  fairly  in-depth  aeroelastic  analysis  of  the  bottom  rated  ballute  concept  is  given  by  Park*^  which 
identifies  critical  concer  ns  with  aerodynamic  stability. 

The  highest  rated  sphere-cone  concept  is  described  in  detail  by  Davies  and  Park*^  and  is  illustrated  in  Fig.  3.  To 
position  the  thrust  line  correctly,  the  two  rocket  engines  must  exhaust  Forward  through  an  opening  in  the  aerobrake  as  seen 
in  Fig.  3a.  The  thrust  line  in  each  of  the  two  engines  passes  through  the  approximate  center  of  gravity  (c.g.)  at  take-off 
(see  Fig.  3c)  so  that,  in  case  one  engine  fails,  there  would  be  no  unduly  large  yawing  moment.  The  engines  have  telescopic 
extensions  that  serve  two  purposes:  preventing  spilling  of  rocket  exhaust  gas  behind  the  aerobrake,  and  increasing  nocsle 
area  ratio  and  thereby  thrust.  Two  hinged  hatches  must  be  provided  on  the  aerobrake  for  the  telescopic  engines  and  these 


are  indicated  in  Fig.  3c.  Similar  hatches  are  already  incorporated  into  the  Space  Shuttle  for  its  landing  gear.  Two  sets 
of  fuel  tanks  exist  in  this  design:  the  main  tanks  within  the  heavily  armor>protected  command/control  module,  and  the 
auxiliary  tanks  dbpersed  behind  the  aerohrake  as  seen  in  Ftg.  3b.  The  fuel  in  the  auxiliary  tanks  will  be  used  first;  the 
fuel  in  the  main  tanks  (comprising  5-10%  of  the  total  fuel  capacity)  will  be  kept  as  a  reserve.  The  heavy  oxygen  tanks  are 
located  on  the  central  yaw  plane  to  minimize  their  effect  on  the  trim  angle.  The  tanks  for  the  much  lighter  liquid  hydrogen 
are  located  symmetrically  on  the  central  pitch  plane  so  that  possible  imbalance  in  the  amounts  of  hydrogen  in  the  two  tanks 
would  not  greatly  affect  the  trim  angle  of  attack.  In  case  one  engine  fails,  oxygen  can  be  shifted  from  one  auxiliary  fuel 
tank  to  the  other  to  realign  (in  tiie  yaw  plane)  the  c.g.  with  the  thrust  line  of  the  functioning  engine.  The  toroidal-shaped 
main  oxygen  tank  inside  thu  command/control  module  has  four  compartments.  Large  adjustments  in  the  c.g.,  if  needed 
during  operation  of  the  rocket  engines  or  during  atmospheric  flight,  can  be  made  by  shifting  liquid  oxygen  among  these  four 
compartments.  Fine  adjustments  in  the  c.g.  during  the  atmospheric  flight  can  be  performed  by  gimballing  the  engines. 

On  the  base  side  of  the  aerobrake,  the  command/control  module  and  the  auxiliary  fuel  tanks  are  covered  by  a  shroud 
(see  Fig.  3a)  made  of  lightweight  heat  shield  material.  The  shroud  serves  three  purposes;  first,  it  thermally  protects 
the  auxiliary  fuel  tanks  aiid  the  command/control  module  from  the  l)ot  recirculating  flow  in  the  base  region;  secondly,  it 
protects  the  tanks  from  possible  meteoroid  bombardment;  and  thirdly,  it  is  used  as  a  radiating  surface  for  the  thermal 
control  of  the  components  it  encloses.  The  cargo  bay  has  a  two-part  shield  (seen  open  in  Fig.  3c)  which  also  serves  three 
purposes.  First  it  thermally  protects  the  payload;  secondly,  it  protects  the  cargo  from  meteoroid  bombardment;  and  thirdly, 
in  case  of  failure  of  one  engine,  it  can  serve  as  a  ballast  (that  is,  by  opening  one  shield,  the  c.g.  shifts  in  the  yaw  plane 
which  brings  the  c.g.  closer  to  the  thrust  line  of  the  functioning  engine). 

nigh  Lift  AOTVs 

The  other  generic  AOTV  design  is  a  very  high-lift  "aeromaneuvering”  vehicle.  This  is  an  essential  op^'rat  nal  re¬ 
quirement  if  time-constrained,  aeroassisted  maneuvers  are  to  be  accomplished  between  low-Garth  orbits  (LEOs)  involving 
large,  multiple  plane-inclination  changes.  Such  high-lift  vehicles  serve  as  space  taxis.  They  achieve  rapid  response  from 
one  orbital  plane  to  another  but  have  the  inherent  liability  of  small  payload  fraction  because  of  I.>w  volumetric  efficiency. 

Results  were  given  by  Menees^'^,  Davies  and  Park’^'"  and  Brown’^  of  detailed  system  design  studies  for  configurations 
in  the  high-lift  AOTV  category.  These  were  the  first  studies  to  address  the  problem  of  rarefied-hypersonic  flow  over  a 
lifting  surface  at  incidence  with  the  inclusion  of  appropriate  viscous/inviscid  interaction  phenomena.  A  subsequent  work  by 
Menees^^  brings  together  the  diverse  (details  of  the  research  activities  at  NASA  Ames  Research  Center  for  high-lift  AOTVs 
and  is  an  adjunct  to  this  paper.  Special  emphasis  is  given  to  the  problems  of  hypervelocity,  low-density,  viscous  effects  on 
flow-field  dynamics  and  thermochemical  relaxation  effects. 

The  use  of  high-lift  vehicles  when  returning  from  low-Earth  orbit  has  many  advantages.  A  primary  benefit  of  lift 
is  the  ability  to  achieve  large  longitudinal  range.  Lift  also  provides  the  capability  to  maneuver  within  the  atmosphere. 
Maneuver  ability  enhances  mission  flexibility  and  increases  the  choice  of  landing  sites.  Lift  can  also  be  used  to  alleviate 
the  deceleration  loads  and  aerodynamic  heating  accompanying  atmospheric  entries.  The  resultant  moderation  of  the  entry 
environment  benefits  the  vehicle’s  occupants  and  permfts  lower  structural  and  thermal  protection  weights.  Skipping  flight 
paths  can  be  used  to  maximize  both  longitudinal  and  cr<^  ranges^*^  but  have  associated  with  them  adverse  deceleration, 
structural  load  factors  and  aerodvnamic  heating  factors  when  compared  with  gliding  flight  paths^*  Even  for  entry  angles 
of  less  than  10*’,  the  deceleration  loads  can  be  an  order  of  magnitude  higher  for  skip  flight  paths;  therefore,  the  crew  of  a 
skipping  vehicle  experiences  severe  physiological  stress.  To  withstand  the  increased  structural  loads,  such  major  components 
as  the  fuselage  and  wings  must  be  two  to  three  times  heavier.  Heating  rates  are  4  to  S  times  higher  and  require  heavier 
thermal  protection  systems. 

Airbreathing  TAVs 

The  developing  need  for  more  economical  access  to  space  has  spurred  renewed  interest  in  transatmospheric  vehicles 
(TAV)  in  both  the  United  States  and  Europe.  Such  a  transatmospheric  vehicle  would  have  responsive,  flexible  operational 
characteristics  approaching  those  of  aircraft  and  might  eventually  replace  the  Shuttle  by  providing  short  launch  notice  and 
turnaround  times.  The  TAV  would  be  able  to  take  off  and  land  from  ordinary  runways  and  operate  in  low-Earth  orbits. 
A  lower-speed  variant  of  such  a  vehicle  may  be  used  to  transport  passengers  or  high-value  cargos  to  any  location  on  the 
Earth  in  a  small  fraction  of  the  flight  time  of  current  jet  airliners. 

The  configurations  proposed  for  transatmospheric  vehicles  would  use  primarily  air-breathing  propulsion  systems 
(scramjets)  for  extended  period*  of  hypervelocity  flight  to  orbital  speed.  The  hypervelocity  flight  within  the  atmosphere 
subjects  the  vehicle  to  severe  aerodynamic  heat  fluxes  and  total  heat  loads.  Therefore,  the  thermal  protection  of  such 
vehicles  will  be  major  design  considerations.  A  TAV  using  air  breathing  propulsion  must  fly  in  the  denser  pa^-t  of  the  at¬ 
mosphere  to  achieve  adequate  acceleration  to  reach  orbital  speed.  The  elements  of  severe  aerothermodynamic  environment 
are,  therefore,  coupled  with  the  requirement  of  low  aerodynamic  drag.  To  achieve  low  drag,  the  vehicle  must  be  slender  and 
must  have  a  relatively  sharp  nose  and  wing  leading  edges.  Propulsion  and  aerodynamic  performance  of  typical  TAVs  were 
approximated  and  trajectory  and  angle  of  attack  histories  were  derived  which  allow  meaningfu*  computation  of  the  surface 
heating  rates  and  heat  loads^^'^^.  Heating  rates,  equilibrium  wall  temperatures  and  total  h'  loads  at  the  st^nation 
point,  along  a  postulated  wing  leading  edge,  and  on  the  windward  surface  centerline  of  the  vehicle  are  presented. 


The  combination  of  high  heating  rates  experienced  by  surfaces  with  small  curvatures  and  the  long  ascent  times  results 
in  large  total  heat  loads.  Therefore,  the  most  severe  heating  occurs  during  ascent  at  the  st^piation  point  and  wing  leading 
edges.  In  contrast,  atmospheric  entry  occurs  at  large  angles  of  attack,  since  high  drag  is  desirable  to  reduce  the  length 
of  the  heating  pulse.  A  comparison  of  total  windward  centerline  heating  loads  for  typical  ascent  and  entry  trajectories^^ 
are  shown  in  Fig.  4.  Temperatures  peak  around  1300*’  K  during  both  ascent  and  entry  and  radiative  cooling  should  be 
effective  over  large  areas  of  the  vehicle.  Ascent  peak  stagnation  point  and  wing  leading  edge  wall  temperatures  are  about 
3500**  K  and  2500**  K,  respectively.  Therefore,  some  form  of  active  cooling  may  be  required  for  these  regions  of  the  vehicle. 
The  corresponding  temperatures  during  entry  are  1000*’  K  lower. 
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COMPUTATIONAL  AEROTHERMODYNAMICS 


Computational  fluid  dynamirs  involves  the  numerical  simulation  of  the  equations  of  motion  for  an  ideal  gas;  these 
equations  are  the  conservation  of  mass,  momentum  and  energy.  In  their  most  general  form  these  equations  are  the 
compressible  Navier-Stokes  (NS)  equations.  For  turbulent  flows  the  range  of  length  scales  is  too  great  to  feasibly  be 
resolved  numerically,  and  so  these  equations  are  time  averaged  over  a  scale  small  with  respect  to  the  mean  motion  time 
scale  yet  large  with  respect  to  the  flne  scale  turbulent  structure.  These  small  scale  turbulent  transport  processes  are 
modelled  using  eddy  viscosity  and  eddy  conductivity  concepts.  Many  flowfields  have  been  well  simulated  for  a  variety  of 
shapes  and  flow  conditions  where  strong  viscous/inviscid  interactions  and/or  flow  separation  are  important  by  solving  these 
equations  in  a  time-like  manner  until  a  steady  state  is  asymptotically  achieved.  When  there  is  no  flow  reversal  and  the 
flow  in  the  streamwise  direction  is  supersonic  these  equations  can  be  simplified  by  neglecting  the  streamwise  viscous  terms. 
The  solution  to  these  simplified  equations,  referred  to  as  the  parabolized  Navier-Stokes  (PNS)  equations,  can  be  found 
by  efficient  streamwise  marching  techniques.  Further  simplification  can  be  achieved  when  viscous/inviscid  interactions  are 
weak  by  decoupling  the  viscous  and  inviscid  dominated  regions  from  one  another  and  simulating  the  regions  separately 
in  an  iterative  manner.  Kere  the  inviscid  Navier-Stokes  equations,  termed  the  Euler  (E)  equations,  and  are  solved  in  the 
inviscid  region  away  from  body  surfaces.  Neair  the  body  surface  the  viscous  dominated  boundary  layer  (BL)  equations  are 
solved.  A  fourth  simplification  which  can  be  used  for  strong  viscous/inviscid  interactions  is  the  viscous  shock  layer  (VSL) 
approximation.  The  VSL  equations  are  obtained  from  the  steady-state  NS  equations  by  retaining  terms  up  to  second 
order  in  the  inverse  square  root  of  the  Reynolds  number.  In  addition,  approximations  are  invoked  for  the  normal  pressure 
gradient  and  the  bow  shock  location. 

These  four  equation  sets,  Reynolds  averaged  NS,  PNS,  E  plus  BL,  and  VSL,  are  used  in  computational  aerothermo- 
dynamics  to  simulate  aerothermo  loads  for  a  variety  of  vehicles  and  flight  conditions.  Examples  of  each  will  be  described 
later  along  with  the  influence  of  real  gas  effects. 

Real  gas  effects  include  thermo-chemical  nonequilibrium,  where  finite  rale  processes  for  chemical  and  energy  exchange 
phenomena  occur,  and  radiative  transport.  To  account  for  chemical  reactions  conservation  equations  for  each  chemical 
species  must  be  added  to  the  flow  held  equation  set.  There  are  5  flow  field  equations;  one  continuity,  three  momentum  and 
one  energy  equation.  For  dissociating  and  ionizing  air  there  are  typically  9  species  (Nj,  O2  .  N,  O,  NO,  O'*’,  N"*^,  NO'*', 
e’).  The  inclusion  of  conservation  equations  for  each  of  these  species  nearly  triples  the  number  of  equations  to  be  solved. 
When  there  are  combustion  processes  or  gas/surface  interactions  or  ablation  products,  the  number  of  species  increases 
dramatically.  To  account  for  thermal  nonequilibrium  and  radiative  transport  there  are  additional  energy  equations  to 
describe  the  energy  exchange  between  the  various  energy  modes  (translational,  rotational,  vibrational,  electronic,  etc.)  To 
further  complicate  the  analysis  the  range  of  time  scales  involved  in  thermo-chemical  processes  is  many  orders  of  magnitude 
wider  than  the  mean  flow  time  scale.  This  is  the  single  most  complicating  factor  in  computational  aerothermodynamics.  A 
wide  variety  of  simplifleaCions  are  used  to  alleviate  problems  associated  with  widely  disparate  time  scales  and  are  discussed 
briefly  next. 

Many  flows  can  be  adequately  approximated  by  assuming  an  equilibrium  real  gas.  Here  the  reaction  rates  are  assumed 
to  all  be  fast  enough  that  the  gas  is  everywhere  in  local  equilibrium  and  the  thermo-chemical  state  of  the  gas  can  be 
defined  solely  by  the  local  temperature  and  pressure.  Reactions  are  allowed  to  occur  but  are  completely  uncoupled  from 
the  flowfleld  equations.  This  is  a  good  approximation  for  lower  altitudes  and  ran  be  used  for  a  major  portion  of  the  analysis 
of  such  vehicles  as  transatmospheric  vehicles,  fn  the  other  extreme  reactions  are  sometimes  so  slow  that  the  gas  can  be 
considered  frozen  in  a  particular  chemical  state.  This  phenomenon  typically  occurs  in  regions  of  rapid  expansion  such  as 
in  jets  or  base  regions  of  body  shapes,  but  can  sometime  be  used  behind  compressive  shocks  as  well. 

When  finite  rate  chemical  reactions  are  important  they  can  often  be  considered  to  be  in  thermal  equilibrium.  That 
is,  that  the  energy  modes  of  the  species  equilibrate  very  rapidly  compared  10  the  chemical  rale  processes.  Even  with  this 
simplification  the  time  scales  vary  over  an  extremely  wide  range,  resulting  in  a  “stiff"  behavior  of  the  complete  equation 
set  and  adding  to  the  difficulty  in  solving  the  flowfleld  and  species  equations  in  a  fully  coupled  manner.  In  these  cases  the 
species  equations  arc  often  effectively  uncoupled  from  the  flowfield  equations  and  solved  separately  in  a  “loosely"  coupled 
manner,  often  by  a  different  (typically  implicit)  numerical  technique. 

VSL  Methods 

Recent  applications  using  VSL  techniques  are  describe  in  Refs.  18  and  24  -  27.  Green  et  al*^’**’  obtained  VSL  solutions 
for  the  forcbody  of  the  Titan  atmosphere  entry  probe  which  is  planned  to  make  scientific  measurements  In  the  organic 
haze  layer  of  Saturn’s  largest  moon.  The  flow  was  assumed  to  be  in  local  thermo-chemical  equilibrium  and  corresponded 
to  an  entry  velocity  of  12  km/sec.  Both  radiative  and  convective  heating  analyses  were  performed  in  order  to  identify  the 
thermal  protection  system  (TPS)  requirements  and  associated  material  response  necessary  to  protect  the  probe.  Shown 
in  Fig.  5  is  the  convective  and  radiative  .<ttagnat>oR  point  heating  hwtorles.  The  chemical  species  distribution  predicted 
along  the  stagnation  streamline  in  the  forebody  shock  layer  at  a  time  corresponding  to  the  peak  heating  pulse  are  shown 
in  Fig.  6.  The  heating  pulse  occurs  in  the  hypersonic,  low-Reynolds  number  region  of  the  trajectory  and  at  the  stagnation 
point  the  peak  flux  is  2.5  MW/m^.  A  stagnation-point  convective  heating  correlation  was  developed  from  the  results  of 
this  sttidy  which  can  be  employed  in  approximate  heating  analyses. 

Balakrishnan  et  al^^  solved  the  radiative  VSL  equations  to  analyse  the  flijht  data  from  several  experiments  including 
Fire  II,  Apollo  4  and  PAET  and  compared  the  computed  results  with  radiometric  data  from  the  flight  tests.  Calculated  con¬ 
vective  heating  rates  were  found  to  compare  wvll  with  experiment,  but  self-absorbtion  and  thermochemical  nonequilibrium 
effects  precluded  good  agreement  with  the  radiative  heating  rates. 

In  an  attempt  to  account  for  thermochemical  nonequilibrium,  Brown*^  solved  the  VSL  equations  for  dissociating 
nitrogen  for  typical  flight  speeds  of  10  km/sec,  altitudes  of  80  km  and  bodies  with  nose  radii  from  1  to  50  cm.  A  two- 
species,  two-temperature  nonequilibrium  gas  modei^^'^^  was  assumed  and  comparisons  are  made  with  previous  theories, 
experimental  data,  and  results  baaed  on  the  thermodynamic  equilibrium  assumption.  Results  shown  in  Fig.  7,  in  which 
lieat-transfer  rate  coefficient  is  shown  as  a  function  of  rarefaction  parameter  Kr^,  indicate  that  the  inclusion  of  vibrational 
relaxation  has  little  effect  on  the  convective  heat-transfer  rate  for  a  fully  catalytic  surfaces  but  can  contribute  to  increased 
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heating-rates  to  catalytic  surfaces.  Preliminary  studies^'^  indicate  that  f>eak  heating  for  a  TAV  occurs  at  rarefaction 
parameter  values,  Kr^,  between  8  and  18  for  a  leading  edge  radius  of  10  cm.  If  low-catalytic  materials  are  used  for  thermal 
protection,  vibrational  nonequilibrium  effects  will  be  critical  in  the  structural  design. 

The  effect  of  thermochemical  nonequilibriumon  radiative  heating  has  been  addressed  by  Park^*’^^.  The  results  of  these 
studies  indicate  that  radiative  heating  loads  for  typical  AOTV  missions  are  of  the  same  order  as  Che  convective  heating 
loads. 

Euler  Methods 

Recent  applications  using  Euler  methods  are  described  in  Refs.  33-38.  A  total  variational  diminishing  (TVD)  numerical 
scheme  for  high  Mach  number  Oows  in  chemical  equilibrium  with  emphasis  on  improved  convergence  is  discussed  in  Refs. 
33-36.  Here  TVD  numerical  dissipation  and  real-gas  properties  are  added  to  one  dimensional  and  axisymmetric  codes  using 
the  Beam  and  Warming  central  difference  algorithm.  Solutions  are  generated  for  hemispheres  and  cylinders  at  Mach  15  and 
20km  altitude.  Equilibrium  solutions  were  generated  for  axisymmetric  and  2D  spheres  and  cylinders  at  Mach  numbers  up 
to  15.  The  altitude  (20km)  and  velocities  were  chosen  to  reflect  the  flight  regime  of  hypervelocity  atmospheric  aircraft.  The 
algorithm  uses  a  TVD  dissipation  operator  which  allows  strong  shocks  to  be  captured.  Real-gas  properties  are  provided 
by  the  Cordon  and  McBride^^  equilibrium  chemistry  package.  Particular  attention  was  devoted  to  achieving  quadratic 
convergence,  which  no  other  equilibrium  code  has  been  capable  of  duplicating.  Density  and  temperature  contours  show 
the  effect  of  real-gas  chemistry  on  shock  stand-off  distance  and  adiabatic  wall  temperature.  A  converged  solution  gives 
confidence  that  the  method  is  stable  and  correct.  In  the  one-dimensional  code^^  fully  coupled  finite  rate  chemistry  is 
considered  in  the  simulation  of  hypersonic  flow  through  a  strong  normal  shock. 

Yang^^  solved  the  two-dimensional  unsteady  Euler  equations  to  simulate  the  impingement  of  an  oblique  blast  wave  on 
a  two-dimensional  AOTV-Mke  configuration.  A  time  accurate  hybrid  upwind  algorithm  was  used.  Shown  in  Fig.  8  is  the 
geometry  and  computational  grid  used  for  the  simulation,  and  in  Fig.  d  are  computed  Mach  number  contours  for  a  Mach 
30  impinging  shock  at  15°  incidence  to  the  body.  These  results  were  computed  assuming  a  frozen  gas  with  7  =  1.1. 

Three-dimensional  simulations  for  equilibrium  air  are  describe  by  Balakrishnan  et  al^*.  Thermodynamic  properties  are 
evaluated  at  each  computational  grid  point  using  an  equilibrium  composition  method^  and  the  code  has  been  validated 
through  detailed  comparisons  with  tabulated  data  of  Ref.  40.  Results  were  computed  for  Mach  numbers  of  10,  15  and  20 
at  entry  altitudes  of  20  and  50  km  for  a  hemispherical  blunt  body  with  nose  radius  corresponding  to  the  Space  Shuttle. 

PNS  Methods 

Recent  applications  using  the  parabolized  Navier-Stokes  equations  are  described  in  Refs.  41-45.  Rakich  et  al^'  solved 
the  equations  in  three  dimensions  for  a  Space  Shuttle  configuration  in  ideal  air.  Balakrishnan^^  and  Prabhu  and  Tannehill^^ 
added  equilibrium  real  air  properties.  Shown  in  Fig.  10  is  a  comparison  of  computed  temperature  distributions  for  one 
cross  sectional  plane  for  both  ideal  and  equilibrium  air.  The  real  gas  temperatures  are  significantly  lower  than  the  Ideal 
gas  temperatures  at  these  flight  conditions.  Prabhu  has  extended  this  capability  to  include  chemical  nonequilibrium  in 
two  dimensions'^  and  three  dimensions^*.  The  gas  dynamic  and  species  concentration  equations  are  solved  In  a  coupled 
manner  using  a  noniterative,  implicit,  space-marching  finite-difference  method.  The  conditions  for  well-posedness  of  the 
space-marching  method  have  been  derived  from  an  eigenvalue  analysis  of  the  governing  equations.  Hypersonic  laminar 
flow  of  chemically  reacting  air  over  cones  and  wedges  has  been  simulated  and  the  results  validated.  Shown  in  Fig.  11  are 
computed  oxygen  and  nitric  oxide  species  concentrations  in  the  shock  layer  of  a  10°  cone  for  two  different  altitudes  and  a 
speed  of  8.1  km/sec.  The  results  compare  favorably  with  reacting  boundary  layer  results^®. 

Navier-Stokes  Methods 

Recent  applications  using  NS  methods  are  described  in  Refs.  47-52.  These  hypersonic  applications  are  based  on  two 
well  established  codes.  The  first,  the  ARC2D/ARC3D  codes,  have  been  applied  and  validat^  for  a  variety  of  complex 
configurations  and  flow  fields.  Equilibrium  air  properties  arc  included  to  enhance  the  codes  to  apply  to  hypersonic  flight. 
The  central  difference  Beam- Warming  algorithm  is  enhanced  by  adding  TVD  (total  variational  diminishing)  modifications 
so  that  strong  discontinuities  can  be  adequately  treated  in  an  upwind-like  manner.  The  second,  CSCM  (conservative  supra- 
characteristic  method),  is  an  upwind  scheme  developed  for  hypersonic  applications.  Equilibrium  air  properties  arc  included 
for  realistic  simulation  at  flight  conditions.  Shown  in  Fig.  12  are  computed  concentrations  of  nitrogen  for  a  Mach  20  flow 
of  equilibrium  air  over  a  hemisphere  forebody^*.  These  results  compare  well  with  the  results  of  Ref.  40. 

Of  particular  importance  in  the  simulation  of  complex  hypersonic  flowfields  is  the  ability  to  adapt  the  grid  to  the 
solution  itself.  Two  codes,  ADAPT2D  and  ADAPT3D  arc  especially  effective  as  practical  and  robust  methods  to  define 
solution  adaptive  grids  (Refs.  53-55)  These  codes  have  been  used  for  a  variety  of  flows,  both  steady  and  unsteady  and  in 
both  two  and  three  dimensions.  Use  of  thw  technique  significantly  improves  the  accuracy  and  efficiency  of  the  Navier-  Stokes 
methods.  An  application  of  the  CSCM  method  using  the  adaptive  grid  is  shown  in  Figs.  13  and  14  for  a  two-dimensional 
hypersonic  inlet  The  solution  adapted  grid  is  shown  in  Fig.  13  and  corresponding  computed  pressure  contours  on  this 
grid  are  shown  in  Fig.  14.  The  shock  reflection  along  the  lower  boundary  and  the  interaction  of  the  expansion  waves  with 
the  reflected  shock  are  the  major  features  of  th»  flow.  The  interaction  of  the  expansion  fan  with  the  reflected  shock  results 
in  a  curved  reflected  shock.  The  predicted  pressure  recovery  behind  the  reflected  shock  is  critkaily  dependent  on  accurate 
resolution  of  these  features.  Other  applications  using  solution  adaptive  grid'  with  Navier-Stokes  methods  are  described  in 
Refs.  56  and  57,  and  a  recent  survey  of  current  state-of-the-art  in  computational  aerothermodynamics  is  given  in  Ref.  58. 


NONEQUILIBRIUM  CHEMISTRY 

The  development  and  validation  of  acomputer  program  to  calculate  the  flow  of  nitrogen  and  air  in  thermal  and  chemical 
nonequilibrium  is  a  first  step  toward  the  longer  range  goal  of  predicting  multidimensional  flowfields  in  nonequilibrium  air 
and  for  hydrogen-air  combustion  processes.  This  predictive  capability  is  critical  to  designing  the  protective  heat  shield  for 
the  AOTV  where  radiation  heating  loads  are  expected  to  be  severe,  and  to  analysing  scramjet  engine  performance  for  the 
air  breathing  propulsion  system  of  TAVs.  Thernuxhemical  non-equilibrium  reacting  gas  models  have  been  considered 
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A  computer  program  identified  u  ‘^hock  Tube  Radiation  Program”  (STRAP)  (Ref.  29)  has  been  developed 
which  computes  one  dimensional  viscous  flows  of  nitrogen  and  air  in  a  constant-area  duct.  By  improving  existing  theories 
and  by  introducing  several  new  innovations,  dtlTerences  between  the  translational  and  rotational  temperature  and  the 
vibrational  and  electron-etectronk  temperature  are  considered  as  are  chemical  reactions  whose  rates  depend  on  those  two 
temperatures.  The  computed  nonequtlibrium  thermodynamic  properties  have  been  analysed  using  the  Nonequilibrium 
Air  Radiation  (NEQAIR)  (Ref.  60)  program  to  determine  the  spectral  radiation  characteristics.  The  resulting  radiation 
characteristics  are  compared  with  available  experimental  data.  Shown  in  Fig.  15  is  a  comparison  of  computed  and 
experimental  emission  intensity  spectra  for  air  behind  a  normal  shock  at  a  velocity  of  10  km/sec  and  pressure  of  0.1 
tort.  The  computations  were  performed  using  a  two-temperature  gas  mode)  in  which  the  translational  and  rotational 
temperatures  were  equal  to  one  another  but  different  from  the  vibrational  and  electron  temperatures  which  were  assumed 
equal  to  one  another.  The  point  behind  the  shock  where  the  comparison  is  made  is  nearly  halfway  between  the  onset  of  the 
shock  and  the  point  downstream  where  the  air  »  once  again  in  thermal  equilibrium.  Good  agreement  is  observed  between 
the  experimental  and  the  present  theoretical  data,  thus  validating  the  computations  and  the  computer  code. 

Lee^^  derived  the  basic  governing  equattons  for  the  low-density,  high-enthalpy  flow  regimes  expected  over  the  heat 
shields  of  proposed  AOTVs  by  combining  and  extending  existing  theories.  The  conservation  equations  are  derived  from 
gas  kinetk  principka  and  a  four-component  ionised  gas  consisting  of  neutral  molecules,  neutral  atoms,  singly  ionised 
ions,  and  electrons,  assuming  a  continuum  flow.  The  differences  among  translational-rotational,  vibrational,  and  electron 
temperatures  are  accounted  for  as  well  as  chemkal  nonequilibrium  and  electric-charge  separation.  Expressions  for  convective 
and  viscous  fluxes,  transport  properties,  and  the  terms  representing  interactions  among  various  energy  modes  are  explicitly 
given.  The  expressions  for  the  rate  of  electron-vibration  energy  transfer,  which  violates  the  Landau-Teller  realtion,  are 
derived  by  solving  the  system  of  master  equations  accounting  for  the  multiple-level  transitions.  Subsequently,  a  theoretical 
study  was  made^  of  the  electron-impact  vibrational  exitation  rate  processes  expected  in  the  AOTV  Row  fields.  Semi- 
empirical  quantum-mechankal  treatment  was  adopted  to  predict  the  vibrational  excitation  cross  sections  and  the  rate 
coefficients.  The  obtained  results  for  e~  collisions  with  Ns  showed  reasonable  agreement  with  available  experimental  data. 
The  solution  to  the  e~  N3  vibrational  rate  equation  revealed  the  unexpectedly  slow  process  to  equilibrium  which  is  the 
result  of  the  diffusion  characteristk  and  multiple-level  transitions  at  high-temperature  regions.  A  modified  Landau-Teller- 
type  rate  equation  and  a  corresponding  relaxation  time  are  suggested  which  are  suitable  for  nemerical  calculations  relevant 
to  AOTV  flow  fields. 


EXPERIMENTAL  PROGRAM 

Experimental  facilities  used  for  the  purpose  of  code  validation  include  the  Ames  3.5  foot  hypersonic  wind  tunnel  which 
is  used  for  testing  generic  high  lift  configurations  at  Mach  numbers  of  5,  7,  10  and  14,  the  pressurised  ballistic  ranges  which 
can  produce  flight  speeds  up  to  27  km/sec  and  is  used  to  test  AOTVs  and  planetary  probes  such  as  the  Galileo  probe,  and 
the  electrk  arc  driven  shock  tube  which  can  produce  nonequilibrlum  flows  at  speeds  up  to  13  km/sec.  Flight  experiments 
for  both  the  drag  brake  and  the  high  lift  configurations  are  planned  for  early  in  the  next  decade. 


Shock  Tube 

The  24-inch  BAST  Facility  was  operated  with  pressures  between  7  and  30  microns  of  mercury  to  simulate  flight 
altitudes  between  68  to  81  kilometers.  Test  firings  show  that;  (1)  shock  velocities  in  excess  of  13  km/sec  are  achieved  at 
densities  equivalent  to  altitudes  of  80  km.,  (2)  the  hot  driver  gas  emits  radiation  in  the  same  pattern  as  observed  In  previous 
higher  density,  slower  shock  speed  tests,  (3)  the  driver  gas  does  not  radiate  at  unu^tkipated  spectral  frequencies,  and  (4) 
there  is  no  significant  radiation  spectra  from  common  impurities  such  as  sodium  and  iron.  This  facility  will  be  used  to 
perform  basic  experiments  on  thermo-chemical  nonequilibrlum  with  particular  emphasis  on  vibrational  energy  excitation 
and  nonequilibrlum.  A  description  of  proposed  tests  and  instrumentation  is  given  by  Sharma  and  Park^^. 

Ballistic  Ranges 

Two  ballistic  range  facilities  at  Ames  Research  Center  support  hypersonic  research®^,  the  Hypersonic  Free  Flight 
Aerodynamic  Facility  (HFFAF)  and  the  Pressurized  Ballistic  Range  (PBR).  The  two  facilities  compliment  each  other;  each 
has  specific  advantages  for  certain  types  of  tests.  Together,  they  allow  testing  of  a  variety  of  models  over  a  wide  range  of 
test  conditions.  Bach  facility  and  associated  experiments  is  described  briefly. 

Hypersonic  Free  Flight  Aerodynamic  Facility 

A  photograph  and  schematic  of  this  facility  are  shown  in  Fig.  16.  The  test  section  is  23  m  long  and  has  16  orthogonal 
spark  shadowgraph  stations  evenly  spaced  (1.52  m)  over  its  length.  Kerr-cell  shutters  are  used  to  produce  a  sharp  model 
and  flow-field  image  on  the  film.  Four  deformable-piston,  light-gas  guns,  having  bore  diameters  of  0.71,  1.27,  2.54,  and  3.81 
cm,  are  available  for  launching  the  model  into  free  flight.  Each  of  these  guns  can  operate  to  muzzle  velocities  of  about  9 
km/sec.  A  shocktube  to  provide  a  countercurrent  flow  capability  is  available,  but  has  not  been  used  for  recent  tests. 

Tests  in  this  facility  can  be  conducted  from  1  atm  to  as  low  as  about  20  fim  Hg.  And  tests  can  be  conducted  in 
nontoxk  gases  other  than  air,  such  as  CO2,  Hz,  He,  Kr,  and  Xe. 

Pressurized  Ballistic  Range 

The  pressurized  ballistic  range  consists  of  a  large  tank  that  can  be  pressurized  or  evacuated  and  a  test  section  62 
m  long.  It  has  24  orthogonal  spark  shadowgraph  stations  irregularly  spaced  over  its  length.  The  station  spacing  ranges 
from  2.1  m  to  4.2  m.  All  of  the  optics  are  internal  to  the  tank,  which  imposes  a  limit  on  the  maximum  velocity  of  the 
model.  Many  tests  in  thk  facility  are  conducted  with  powder  gas  guns  rather  than  the  more  sophistkated  deformable-piston 
light-gas  guns.  The  advantages  of  this  facility  over  HFFAF  are  threefold:  long  model  trajectory,  pressures  up  to  about  6 
atm  and  highly  detailed  shadowgraphs. 

Galileo  Tests 


The  ballistk  ranges  at  Ames  have  supported  all  of  the  United  States’  probe  missions  to  other  planets.  These  include 
the  1976  Viking  Mission  to  Mara  and  the  1978  Pioneer  Venus  Mission.  Currently,  tests  are  being  conducted  on  the  Galileo 
probe.  The  Galileo  spacecraR  will  be  launched  in  the  near  future  and  will  arrive  at  Jupiter  two  years  later.  The  spacecraft 
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consists  of  two  major  components,  an  orbiter  which  is  to  orbit  Jupiter  numerous  times,  concentrating  on  close  encounters 
with  many  of  Jupiter's  moons,  and  a  probe,  to  enter  (and  descend  through)  the  atmosphere  of  Jupiter.  The  probe  will 
make  in  situ  measurements  as  it  descends  through  the  atmosphere  prior  to  its  eventual  destruction  due  to  extreme  external 
pressures. 

Although  the  probe  aerodynamics  were  needed  initially  for  design  purposes,  more  accurate  aerodynamics  are  needed 
in  support  of  the  Atmosphere  Structure  Experiment  carried  on  board  the  probe.  The  Atmosphere  Structure  Experiment 
is  designed  to  determine  the  state  properties  (t.e.,  density,  pressure,  temperature)  of  an  unknown  planetary  atmosphere 
as  functions  of  altitude  from  measurements  made  during  the  entry  and  descent  of  a  probe.  The  experiment  consists  of 
a  three-axis  accelerometer,  plus  pressure  and  temperature  sensors.  During  the  high-speed  portion  of  the  trajectory,  from 
an  entry  velocity  above  47  km/sec  to  sonic  speed,  direct  measurements  are  impractical  and  accelerometers  are  used  to 
determine  the  state  properties.  This  requires  the  precise  knowledge  of  the  probe  aerodynamics,  in  particular  the  vehicle 
drag  and  lift  coefficients  as  functions  of  Mach  number  and  Reynolds  number.  The  aerodynamic  characteristics  plus  the 
measured  decelerations  allow  the  probe  attitude  to  be  determined  and  the  atmospheric  density  to  be  deduced,  integration 
of  the  density  gives  the  pressure,  and  the  temperature  is  deduced  from  the  equation  of  state  (given  the  molecular  weight, 
which  is  measured  by  another  on-board  experiment).  The  Hallistir  range  facilities  are  well  suited  for  providing  the  accurate 
aerodynamic  data  over  a  wide  range  of  conditions. 

The  Galileo  probe  is  a  blunt,  45^  cone.  During  the  high-speed  part  of  the  entry,  severe  ablation  takes  place.  As  much 
as  40^  of  the  vehicle  mass  at  entry  is  expected  to  be  ablated  away,  mostly  in  the  nose  and  conical  regions,  and  even  the 
maximum  diameter  will  be  significantly  decreased.  Hence,  tests  must  be  conducted  not  only  of  the  entry  configuration  but 
of  hypothesised  ablated  configurations  as  well. 

A  typical  shadowgraph  of  a  Galileo  model  in  Right  obtained  in  HPPAF  is  shown  in  Pig.  17.  The  screw  on  the  model 
base  is  for  attachment  to  its  sabot  prior  to  launch.  The  vertical  wires  are  plumb  bobs  on  both  sides  of  the  facility  for 
reference  purposes  and  the  irregular  markings  are  imperfections  in  the  facility  windows  caused  by  past  impacts  of  various 
sorts. 

Low-Reynolds-Nurrd)er  Tests 

Ballistic  range  tests  are  currently  being  conducted  to  precisely  define  the  drag  characteristics  of  the  Galileo  probe 
at  Reynolds  numbers,  based  on  model  diameter,  of  about  500  to  250.  The  importance  of  obtaining  drag  data  at  these 
low  Reynol<b  numbers  is  due  to  the  fact  that  the  drag  coefficient  is  expected  to  increase  markedly  as  the  slip-flaw  and 
free-molecule-Aow  regimes  are  approached.  This  dramatic  increase  in  dr^  coefficient  occurs  below  a  Reynolds  number  of 
about  1000. 

The  importance  of  obtaining  drag  data  at  various  Reynolds  numbers  is  shown  in  Pig.  18.  Shown  are  Pioneer  Venus 
data  down  to  a  Reynolds  number  of  about  250.  The  drag  coefficient  increases  continuously  below  a  Reynolds  number  of  1 
million,  but  the  increase  becomes  most  draimatk  below  1000. 

AOTV  Tests 

Ballistic  range  tests  have  been  conducted  for  two  AOTV  configurations;  a  symmetric  configuration  and  raked  elliptic 
cone.  These  tests  were  conducted  to:  1)  Provide  experimental  aerodynamic  data  and  good  flow-field  definition  against 
which  cor  putational  aerodynamieists  could  validate  their  computer  codes,  2)  Define  bow  shock  wave  shape  and  shock 
standoff  distance,  3)  Investigate  flow  impingement  on  aftcrbody,4)  Compare  the  aerodynamics  of  several  configurations,  5) 
Investigate  how  minor  changes  in  corner  geometry  affect  the  flow  field,  6)  Determine  the  trim  angle  of  attack  of  a  trimmed 
vehicle. 

A  sh^owgraph  for  the  symmetric  configuration  in  Fig.  19  and  for  the  raked  elliptic  cone  in  Fig.  20.  These  flow 
visualizations  plus  drag  data  from  these  tests  are  used  for  computer  code  validation. 

3.5  Ft  HWT 

The  current  teat  program  in  the  3.5  Ft  hypersonic  wind  tunnel  is  focused  on  a  generic  all-body  (elliptic  cross  section, 
delta  planform)  hypersonic  aircraft  model.  This  configuration  is  representative  of  airbreathing  TAVs  now  being  considered. 
Flow-visualization  (shadowgraphs  and  surface  oil-flow  pattems),  surface  pressure,  surface  heat  transfer,  and  flow-field 
surveys  using  probes  and  non-intrusive  lasers  will  be  obtained  for  this  model  both  with  and  without  control  surfaces. 
Angles  of  incidencto  the  free  stream  will  be  varied  between  plus  and  minus  IS**  and  the  free-stream  Reynolds  number 
varied  between  1.5x10®  and  25x10*^.  Shown  in  Fig.  21  is  a  photograph  of  the  model  with  ail  control  surfaces  attached.  The 
model  has  a  half  angle  of  75®  and  is  one  meter  long.  There  are  two  nose  configurations:  a  sharp  noee  and  a  blunted  nose. 
The  simple  geometrical  configuration  is  easy  to  define  for  computer  flow  codes  and  can  be  readily  used  to  evaluate  a  wide 
variety  of  hypersonic  flow  codes. 

AFE 

A  forthcoming  NASA  flight  experiment  called  the  Aeroassist  Flight  Experiment  (AFE)  is  planned  for  early  in  the 
next  decade.  Ames  research  center  will  participate  in  this  experiment  by  assimilating  a  large  base  of  radiometric  data  for 
high-altitude,  high  velocity  thermochemically  nonequilibrated  flow  conditions.  The  AFE  will  be  carried  to  orbit  by  the 
Space  Shuttle  and  then  deployed  for  the  atmospheric  data  pass.  Accelerated  bv  an  18,000  pound  thrust  solid  rocket  motor, 
the  vehicle  will  enter  the  atmosphere  at  nearly  10  km/sec,  and  then  experience  approximately  500  seconds  of  aerodynamic 
deceleration  during  which  a  variety  of  flight  data,  including  radiative  and  convective  heating  rates,  will  be  gathered.  The 
vehicle  will  exit  the  atmosphere  at  orbiUl  speed  to  be  recovered  by  the  Shuttle  Orbiter  for  return  to  earth  for  post  flight 
evaluation.  As  a  preliminary  to  the  design  of  a  radiometer  for  this  experiment,  an  approximate  method  for  predicting  both 
equilibrium  and  nonequilibrium  radiative  surface  fluxes  has  been  developed®*.  Spectral  mults  for  one  tr^ectory  state,  a 
vel<Kity  of  10  km/sec  at  an  altitude  of  85  km,  are  shown  in  Fig.  22,  where  the  spectral  surface  flux  at  a  distance  of  20.9  cm 
behind  the  shock  front  is  plotted  as  a  function  of  wavelength  in  the  spectral  region  from  0.2  to  2.0  #im.  An  inspection  of 
the  figure  revels  that  the  spectrum  appears  to  be  composed  of  a  background  continuum  with  a  color  temperature  in  the 
range  of  7,000  K  to  8,000*  K  (based  on  a  flux  maximum  in  the  vicinity  of  0.4  #im)  on  which  is  superimposed  a  complex 
structure  of  molecular  bands  and  broadened  atomic  lines.  The  radiation  calculation  included  nine  species  (Oj,  Nj,  NO,  O, 
N,  N'*’,  O'*',  Nj^,  e  );  some  of  more  apparent  band-heads  and  lines  from  these  species  are  identified  in  the  figure.  The« 
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results,  and  others  like  them,  are  used  to  develop  the  instrument  pvameters  for  the  three  different  types  of  radiometm 
proposed  for  the  experiment. 

CONCLUDING  REMARKS 

Aerothermodynamic  research  underway  at  NASA  Ames  has  been  described.  Four  research  areas  are  considered  syn- 
ergistcally  in  an  effort  to  mature  the  enabling  technology  necessary  for  the  design  cff  the  next  generation  aerospace  trana- 
poration  systems.  These  four  ares  include  1)  advanced  mission  and  concept  studies,  2)  comput^ional  anothermodynamk 
Rowfield  code  development,  3)  thermo-chemical  non-equilibrium  reacting  gas  models  and  4)  code  validation  experiments. 
Research  in  these  areas  cmitinues  in  an  effort  to  improve  the  accuracy  and  efficieny  of  predictive  methods  and  our  under¬ 
standing  of  hypervelocity  flows  and  the  effect  on  aerospace  vehicles.  A  thorough  description  of  the  current  activity  can  be 
found  in  the  r^erences  cited  in  the  text  this  paper. 
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Fig.  6  Shock-layer  Structure  During 

Peak  Heating  along  Stagnation  Streamline:  Fig.  7  Convective  Heat-transfer  Rale  Correlation. 

Chemical  Species  Profiles. 


Fig.  8  Geometry  and  Grid  for  Two-dimensional  AOTV 
Flowfield  Simulation. 


Fig.  9  Computed  Mach  Contours  for  Two-dimensional 
AOTV  Shape.  ^  30,  o  =  15®,  7  -  1.1. 
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Fig.  10  Comparison  of  Equitibrium  and  Ideal  Air  Temperature  Distribution*)  at  Several  Cross-Sections  of  the  Space 
Shuttle  Orbiter.  Moo  ~  13,  H  —  55;8  km.  a)  Equilibrium  Air;  b)  Ideal  Air. 
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Fig.  11  Computed  Species  Mass^raclion  ProPles  in  the 
Shock  Layer  of  a  10^  Cone.  =  8.1  km/sec.  a) 

Oxygen  Mass  Fraction;  b)  Nitric  Oxide  Mass  Fraction. 


Fig.  12  Comparison  of  Nj  mole-fraction  contours  over 
Hemisphere  Nose.  M,x>  ^  20.  a)  CAGI2  Solution;  b) 
Solution  from  Ref.  40, 


Fig.  14  Computed  Isobars  for  Hypersonic  Inlet  usinB 
Solution  Adapted  Grid.  Moo  =  5.0. 


Fig.  13  Solution  Adapted  Hypersonic  Inlet  Grid 
wedge.  (Note  unequal  scales.) 
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VORTEX  FORMATION  OVER  DELTA,  DOUBLE-DELTA  AND  WAVE  RIDER 
CONFIGURATIONS  AT  SUPERSONIC  SPEEDS 

by 

Uwe  Ganzer  and  Joachiin  Szodruch 

Messerschmitt-Bbikow-Blohm  GmbH 
Unternehmensbereich  Transport-  und  Verkehrsflugzeuge 
D-2103  Hamburg  95  and  0-2800  Bremen  1,  FRG 


SUMMARY 


The  flow  field  of  the  thick  delta  wing  at  high  subsonic  and  at  supersonic  speeds  has  been  the  sub¬ 
ject  of  quite  a  variety  of  investigations  at  the  Technical  University  of  Berlin.  The  research  work 
started  as  early  as  in  the  late  60s  and  is  still  going  on  today.  It  was  triggered  off  by  the  Initiatives 
of  the  late  "Dietrich  Kuchemann-aiming"  at  a  hypersonic  transport  and  it  was  taken  as  a  contribution  to 
the  Eurohyp  activities. 

The  wing  configurations  investigated  at  the  Technical  University  of  Berlin  were  of  simple  shape: 
Delta  wings  with  straight  leading  edges  and  triangular  cross  sections  of  different  thickness.  The  inter¬ 
est  was  focussed  on  the  development  of  the  leeside  flow  with  changes  in  angle  of  incidence  and  main 
stream  Mach  number.  In  addition  to  that  similar  delta  wings  with  curved  leading  edges  and  also  with  a 
jump  in  leading  edge  sweep  were  investigated,  as  well  as  two  types  of  wave  riders. 

Besides  some  theoretical  work  mainly  wind  tunnel  test  were  made  applying  available  test  techniques:  Sur¬ 
face  pressure  measurements,  Pitot  measurements  in  the  flow  field,  flow  visualization  by  Schlieren, 
vapour  and  oilfilm  technique,  skin  friction  determination  using  oilfilm  interferrogramm  and,  finally, 
laser  velocimetry  (laser-two-focus-system).  The  experimental  investigations  were  particularily  challeng- 
ging,  because  of  the  small  models  of  generally  not  more  than  6  cm  span.  This  limitation  arose  from  the 
small  size  of  the  transonic  and  supersonic  wind  tunnel  (15  x  15  cm). 

The  paper  will  give  a  review  on  the  activities  and  a  brief  report  on  some  of  the  findings. 


1 .  INTRODUCTION 

About  three  decades  ago  -  at  the  end  of  the  50s  -  considerable  effort  started  at  various  West- 
european  research  institutions  to  explore  the  possibilities  of  hypersonic  transport.  Wave  rider  config¬ 
urations  were  found  to  be  the  most  promising  aerodynamics  shapes.  Such  wave  riders  are  in  general  delta 
wings  featured  by  a  rather  thick  cross  section.  At  the  Technical  University  of  Berlin,  the  basic  aerody¬ 
namics  of  these  configurations  have  been  investigated  for  many  years.  The  investigations  comprised 
simple  delta  wings  with  straight  leading  edges  and  double  delta  wings  •  both  with  triangular  cross  sec¬ 
tions  -  as  well  as  wave  rider  configurations.  Vortex-type  separations  at  the  leading  edges  are  the  main 
characteristics  of  these  delta  wings  at  subsonic  as  well  as  at  supersonic  speeds. 

The  origin,  location,  form  and  general  structure  of  the  vortices  depends  on  many  parameters  such 
as  Mach  number,  Reynolds  number,  sweep  angle,  angle  of  attack,  form  of  the  leading  edge  and  eventually 
body  shape  in  general.  The  effect  of  these  parameters  has  been  experimentally  investigated  at  the  super¬ 
sonic  facility  of  the  Technical  University  of  Berlin  and  various  wind  tunnels  at  other  research  insti¬ 
tutes.  The  experimental  tools  included  surface  and  flow  field  pressure  measurements,  Ldser-2-Focus  meas¬ 
urements,  skin  friction  measurements,  surface  and  flow  field  visualization  including  visualization  of 
skin  friction. 

The  paper  will  present  results  obtained  for  three  different  configurations: 

1)  The  simple  delta  wing  planform  with  triangular  cross  section  is  ideally  suited  for  a  description  and 
systemization  of  the  vortical  lee  side  flow  fields  as  they  occur  for  different  Mach  numbers,  angle 
of  attack  and  leading  edge  sweep. 

For  these  parameters  domains  of  vo»'t'cal  flows  can  te  defined.  Additionally  the  influence  of  Reynolds 
number,  present  only  at  certain  conditions,  will  be  exhibited.  Furthermore,  the  behaviour  of  free 
vortices  in  the  wake  of  delta  wings  was  studied  in  detail. 

2)  Double-delta  planforms,  either  increasing  or  decreasing  leading  edge  sweep  angle  in  downstream  direc¬ 
tion  allow  detailed  insights  into  the  interaction  of  two  or  more  vortex  flow  fields  emanating  from 
different  generators.  Theses  studies  lead  to  the  conclusion  that  vortex  interference  at  subsonic  and 
supersonic  speeds  is  different  due  to  Mach  number  and  compressibility  effects,  and  that  vortex  break¬ 
down  is  influenced  by  these  interacting  vortices. 

3)  Finally  wave  rider  and  more  sophisticated  hypersonic  vehicles  have  been  investigated  in  order  to 
study  the  configurational  influence  on  vortex  formation  and  eventually  on  the  performance.  Details 
of  the  flow  field  studies  over  a  Jones  wave  rider  with  vertical  stabilizer  and  representation  of  a 
fuselage  will  be  presented. 


2.  VORTICAL  FLOW  OVER  BASIC  DELTA  WINGS 

The  simple  delta  wing  planform  with  triangular  cross-section  is  ideally  suited  for  a  basic  descrip¬ 
tion  and  systemization  of  the  lee-side  vortex  flow  fields  as  they  occur  for  different  Mach  numbers, 
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angle  of  attack  and  leading  edge  sweep  angle.  For  these  parameters  doaulns  of  vertical  flow  fields  can 
be  defined.  This  classification  strictly  Is  valid  only  for  one  Reynolds  number  so  that  this  parameter 
needs  to  be  Included,  although  for  sharp  leading  edges  only  at  certain  flow  conditions  the  vortex  behav¬ 
iour  Is  affected  by  Reynolds  number  changes. 

Important  knowledge  concerning  vortical  flows  Is  gained  from  wake  studies  downstream  of  the  base  of 
delta  wings.  Finally  the'geometry  of  the  cross  section  of  the  delta  wing  can  alter  strongly  the  type  of 
vortical  flow  over  the  lee-side. 

In  the  following  a  detailed  description  on  these  four  topics  for  simple  delta  wing  configurations  at 
supersonic  speeds  Is  given. 


2 . 1  Classification  of  flow  fields 

In  a  first  attempt  to  systemite  the  compressible  1ee-s1de  flow  field  over  a  delta  wing  as  sketched 
In  Fig.  1,  It  Is  assumed  that  the  Reynolds  number  Is  fixed  and  the  boundary  layer  Is  either  fully  turbu- 
lent  or  fully  laminar.  Then  there  are  Mach  number,  angle  of  attack  and  leading  edge  sweep  angles  as  main 
variables.  For  essentially  conical  flow,  the  Mach  number  and  angle  of  attack  components  normal  to  the 
leading  edge  can  be  written  as 

Mn  =  M„  1-sin'A  •  cos'  (  a  ♦  p  ) 


an  =  tan 


tan  (  g  t  3  ) 
cos 


tan  3 
tan  A. 


These  relations  were  derived  In  (1).  In  case  of  flat  topped  delta  wings  (  3  =  0),  as  discussed  In  this 
section,  these  normal  components  reduce  to  those  originally  given  by  Stanbrook  and  Squire  [21.  Evalua¬ 
ting  available  experimental  results  Stanbrook  and  Squire  found  mainly  two  types  of  flow.  When  plotting 
these  findings  1n  a  diagram  with  an  vs  Mn,  regions  of  attached  and  separated  flow  at  the  leading  edge 
are  divided  by  the  so-called  “Stanbrook-Squire  Boundary",  abbreviated  to  SSB  in  the  ensuing  text.  Fig, 2 

Further  detailed  studies  at  the  Technical  University  of  Berlin  with  flat  topped  thick  delta  wings 
(thickness-to-chord  ratio  =  0.25)  lead  to  an  extended  an  -  Mn  diagram.  As  seen  in  Fig.  2  especially  to 
the  right  hand  side  of  the  SSB,  more  details  of  the  vortical  flow  have  been  found  and  thus  additional 
boundaries  could  be  Incorporated  [31.  These  results  were  supported  later  by  quantitative  skin  friction 
measurements  and  visualization  of  skin  friction  14).  One  example  for  a  type  of  flow  to  the  right  of  the 
SSB  Is  shown  In  Fjig.  3. 


2.2  Reynolds  number  Influence 

In  general  the  Reynolds  number  Influence  has  to  be  considered  for  each  Individual  type  of  flow  left 
and  right  of  the  SSB.  This  Is  because  for  example  the  vortex  at  leading  edge  separation  condition  Is 
fixed  and  thus  the  primary  vortical  flow  Is  not  expected  to  vary  with  Reynolds  number.  In  contrast  sec¬ 
ondary  separation  may  be  Influenced  as  well  as  most  of  the  flow  types  to  the  right  of  the  SSB  since 
there  attached  leading  edge  flow  Is  prevailing.  Details  of  the  flow  changes  to  the  left  and  right  of  the 
SSB  with  Reynolds  number  variation  have  been  studied  In  [51.  A  summary  of  these  Investigations  and  a 
comparison  to  other  results  Is  presented  in  Fig.  4  and  5  16).  Here  at  constant  an  and  Mn  respectively, 
the  influence  of  Reynolds  number  on  flow  types  in  the  an  -  Mn  diagram  1s  presented.  For  the  type  of 
flow  denominated  “separation  with  shock"  we  deduce  that  the  effect  of  transition  diminishes  until  at 
higher  Reynolds  numbers  this  kind  of  vortical  flow  field  ran  no  longer  be  ascertained.  Here  leading  edge 
separation  develops  directly  In  the  type  of  flow  with  shock  Induced  separation. 

At  high  Mach  numbers  (Mn~2.5)  and  high  incidences,  Reynolds  number  variation  has  the  effect  of 
changing  the  boundary  layer  thickness  developing  from  the  leading  edge  and  thus  changing  the  Prandtl- 
Meyer  expansion  around  the  leading  edge.  In  consequence  the  shock  strength  and  thereby  the  primary  sepa¬ 
ration  line  position  Is  changing.  A  strong  dependence  of  the  boundary  between  shock  Induced  separation 
and  leading  edge  separation  Is  supported  by  the  few  available  experiments  used  In  Fig.  5.  Thus,  even  for 
the  sharp  edged  delta  wing  It  has  been  demonstrated  that  the  parameter  Reynolds  number  cannot  be  neg¬ 
lected. 


2.3  Wake  flow  field  of  delta  wings 

It  Is  only  fairly  recently  that  the  Investigation  of  the  delta  wing  model,  shown  In  Fig.  1,  was 
taken  up  again.  The  purpose  of  the  new  test  campaign  was  to  study  the  vortex  development  over  the  rear 
part  of  the  model  and  downstream  of  Its  trailing  edge.  With  two  models  of  different  thickness.  It  was 
a  chance  to  Investigate  the  Impact  of  different  base  flows  on  vortex  development.  The  test  techniques 
were  laser  vapour  screening  and  laser  velocimetry.  Besides  that  some  Schlleren  and  ollflow  pictures  were 
taken  again. 

The  thick-delta-wing-model  may  be  Identified  from  the  Schlleren  picture.  Fig.  6.  The  SchHeren- 
vlsuallzatlon  Indicates  the  complex  flow  structure  In  the  base  area  of  the  modeT!  Besides  the  Impact  of 
the  expansion  at  the  trailing  edge  the  Interaction  with  the  3-D-base  flow  structure  will  determine  the 
flow  development  of  the  leading  edge  vorticies  downstream  of  the  model. 

In  the  Schl leren-picture  It  is  indicated  for  which  cross  sections  vapour  screen  pictures  are  ava'l- 
able  [151.  Two  examples  of  vapour  screen  pictures  are  shown  in  Fig.  7.  The  fotos  Inherit  ootlcal  distor¬ 
tions  which  are  been  taken  out  In  the  drawings.  On  the  leeside  oTfRe  wing  the  flow  structure  Is  fea¬ 
tured  by  a  primary  vortex  with  a  feeding  layer  linking  up  to  the  leading  edge  and  a  secondary  vortex 
below.  On  top  of  the  primary  vortex  the  flow  Is  strongly  expanded  with  local  velocities  being  conically 
supersonic.  A  shock  wave  terminates  the  supersonic  region. 
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The  oilflow  visuaUzation  features  a  clear  dark  line  which  was  not  found  in  earlier  experiments, 
Fiq.  8.  Comparison  with  vapour  screen  pictures  link  this  line  to  the  secondary  separation  caused  by  the 
primary  vortex.  Results  of  the  laser  velocimetry  measurements  for  the  trailing  edge  plane  (x/1  =  1.0) 
are  presented  in  Fig.  9  through  11 . 


The  measurements  were  handicaped  by  the  fact  that  no  readings  were  obtained  in  the  vortex  region. 
Obviously  no  particles  entered  that  area.  At  its  boundary  measurements  were  only  obtained  by  increasing 
laser  power  from  0.3  to  the  max.  1.0  Watt. 

Each  point  did  require  3  to  6  measurements  of  appr.  1  min.  Thus  the  130  points  in  one  plane  of 
measurement  took  about  13  hours  to  measure!  The  pictures  shown  are  the  result  of  extensive  inter-  and 
extrapolation  and  cross-checking  116]. 

Fortunately  the  vapour  screen  pictures  ccxiipare  very  well  with  the  results  from  laser  measurements, 
so  that  these  pictures  may  be  used  to  quite  an  extend  for  studying  the  flow  field.  An  example  is  shown 
in  Fig.  12.  It  compares  the  flow  structure  for  the  thick  and  thin  delta  wing. 

In  a  similar  way  comparisons  were  made  between  the  flow  structure  obtained  with  a  full  model  and 
a  half  model.  The  comparison  revealed  that  for  a  half  model  the  flow  is  strongly  influenced  by  an  addi¬ 
tional  vortex  which  occurs  on  the  junction  between  sidewall  and  model.  Thus  half  models  were  found  not 
to  be  useful  for  this  type  of  study  115,  16). 


2.4  Influence  of  geometry 


Two  aspects  of  the  geometrical  i.ifluence  on  the  lee-side  flow  field  shall  be  discussed  in  the  fol¬ 
lowing,  First,  it  has  been  pointed  out  already  that  there  seems  to  be  a  different  vortical  flow  develop¬ 
ment  when  either  thin  or  thick  delta  wings  are  considered,  i.e.  the  angle  between  upper  and  lower  sur¬ 
face  normal  to  the  leading  edge  4)  is  a  major  geometrical  parameter.  Secondly  it  will  be  shown  that  the 
shape  of  the  upper  surface  can  influence  the  flow  types  and  boundaries  as  presented  in  the  above  classi¬ 
fication.  Thus,  also  the  angle  between  the  leeward  meridian  and  the  X-axis  3  considered  another  im¬ 
portant  parameter.  Therefore  it  can  be  expected  that  at  the  same  an  and  Mn  the  leeward  flow  field  for 
a  thick  (  4j  *  15*)  and  thin  {  4*  *  40°)  delta  wing  will  differ.  The  bow  shock  as  well  as  the  flow  around 
the  leading  edge  is  different  so  that  the  boundary  layer  development  on  the  upper  surface  is  affected. 
One  example  is  given  in  Fiq.  13  where  the  secondary  separation  line  position  of  the  type  of  flow  to  the 
right  of  the  SSB  is  plotted  versus  angle  of  attack. 

Also  the  non-conical  regions  of  a  delta  wing  very  close  to  the  tip  indicate  the  influence  of  \\>  . 
Fig.  14  shows  the  chordwise  starting  position  of  the  separation  line  for  two  different  leading  edge 
angles  4*  .  The  difference  between  thin  and  thick  wings  is  evident,  however  it  has  to  be  kept  in  mind 
that  the  reason  lies  not  only  in  the  viscous  interaction  due  to  the  different  geometry  but  also  is 
caused  by  imperfections  in  manufacturing  the  models.  These  two  examples  for  the  influence  of  the  leading 
edge  angle  indicate  already  that  also  some  of  the  bounda'^ies  in  the  an  -  Mn  diagram  are  shifted  to  dif¬ 
ferent  positions  (6). 

The  majority  of  systematic  investigations  on  the  lee-side  flow  over  delta  wings  at  supersonic 
speeds  is  concerned  with  flat  upper  surface  as  discussed  in  section  2.1  through  2.3.  Based  on  these  re¬ 
sults,  in  (11  the  attempt  was  made  to  characterize  the  different  types  of  flow  over  a  wing  with  a  delta 
shaped  upper  surface,  i.e.  the  wedge  angle  is  3  ^  0.  Fig.  15  sutnnarizes  the  findings  in  the  an  -  Mn-dia 
gram,  however  the  normal  flow  components  are  now  dependent  on  3  as  well.  While  leading  edge  and  shock 
induced  separation  is  still  present,  only  at  different  values  of  an  and  Mn,  there  are  now  large  regimes 
of  non-conical  flow.  No  apparent  correlation  between  the  flat  and  delta  shaped  upper  surface  flow  fields 
of  delta  wings  seem  possible. 


3.  VORTEX  INTERFERENCE  OVER  DOUBLE-DELTA  WINGS 

In  the  above  sections  only  delta  wings  with  straight  leading  edges  have  been  considered.  The  fol¬ 
lowing  discussion  concentrates  on  delta  wings  having  decreasing  or  increasing  leading  edge  sweep  angles. 
The  variation  of  leading  edge  sweep  can  either  be  gradually  or  discontinuous.  Fig.  16.  Then  the  question 
arises  if  the  known  classification  for  flow  types  resulting  from  straight  leading  edges  is  applicable 
locally  for  these  types  of  wings. 

In  any  case  one  must  expect  that  the  interaction  of  vortices  emanating  from  differently  swept  edges 
lead  to  complex  vortical  flows  over  these  types  of  double-delta  wings.  The  planform  shape  of  these 
double-delta  wing  were  designed  in  such  a  way  that  for  a  given  Mach  number  M.  =  3.0  a  sweep  angle  at 
the  tip  and  at  the  trailing  edge  of  A.  =  and  69°  respectively,  will  result  in  experimental  trajecto¬ 
ries  in  the  an  -  Mn  diagram  which  are  positioned  left  and  right  to  the  SSB.  An  overview  of  wind  tunnel 
models  and  the  location  of  the  experimental  envelope  in  the  an  -  Mn  classification  is  given  in  Fig.  16. 
Models  with  decreasing  sweep  angles  where  denominated  strake  wings,  either  having  a  kinked  leading  edge 
or  a  continously  changing  sweep  angle  from  tip  to  trailing  edge.  Tiie  Gothic  wings  on  the  other  hand  are 
those  models  with  increasing  sweep  angle  in  flow  direction. 

In  the  following  results  of  investigations  on  strake  and  Gothic  delta  wing  configurations  Inmersed 
in  a  supersonic  flow  will  be  presented. 


3 . 1  Strake  wing  configuration 

Pressure  measurements,  surface  and  flow  field  visualization  have  been  carried  out  in  order  to  study 
the  vortical  flow  development.  One  typical  example  (9j  for  a  Mach  number  of  M*  =  2.5  and  higher  angles 
of  attack  is  given  in  Fig.  17. 
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The  visualization  In  Fig.  17  shows  the  rather  normal  vortex  development  upstream  of  the  leading  edge 
kink,  while  downstream  the  complex  vortex  Interaction  is  hardly  detectable  from  the  visualization.  One 
hint  in  which  w^  the  vortex  emanating  from  the  upstrem  leading  edge  interfers  with  the  vortex  shedding 
downstream  of  the  kink  is  shown  in  the  water  tunnel  visualization  in  Fig.  16. 

In  general  it  has  been  found  that  for  the  downstream  flow  region  of  the  strake  wing  the  classifica¬ 
tion  as  used  for  the  basic  delta  wing  with  straight  leading  edge  can  hardly  be  utilized.  Even  the  vortex 
flow  upstream  of  the  kink  is  influenced  by  the  downstream  flow  field. 

These  findings  are  supported  by  pressure  measurements  across  the  rear  part  of  the  wing  (x/1  «  0.7) 
as  plotted  in  Fig.  19  171.  The  interference  between  tip  and  kink  vortex  of  the  strake  wing  induces  espe¬ 
cially  for  lower  Hach  numbers  high  negative  pressures  as  compared  with  the  basic  delta  wing.  Also  the 
vortex  Intensity  in  Fig,  20,  deduced  from  wall  skin  friction  lines  in  oilflow  pictures  leads  to  the  con¬ 
clusion  of  different  now  fields  of  basic  delta  and  strake  wing  configurations  in  the  down-stream  part 
of  the  flow  field. 

Thus  the  interacting  vortices  in  the  downstream  region  of  the  strake  I  configuration  cannot  be 
classified  according  to  the  basic  delta  wing  systemization. 

The  strake  II  configuration  having  a  continuously  curved  leading  edge  seems  to  generate  one  vortex 
pair  only,  following  the  curvature  of  the  leading  edge.  At  higher  angles  of  attack  a  secondary  vortex 
appears. 

The  pressure  distribution  for  both  strake  configurations  and  the  basic  delta  wing  is  shown  in 
Fig.  21.  At  low  incidences  the  similarity  of  pressure  distribution  between  strake  II  and  basic  delta 
wing  is  seen,  while  the  strake  I  configuration  clearly  indicates  the  two  vortices  from  the  upstream  and 
downstream  part  of  the  leading  edge.  In  contrast  at  high  angles  of  attack  the  vortex  emanating  from  the 
tip  region  of  both  strake  wings  seems  to  dominate  the  entire  downstream  flow  field  so  that  the  pressure 
distribution  shows  little  differences. 

Summarizing  the  results  for  the  strake  II  configuration  it  has  been  found  that  as  long  as  the  nor¬ 
mal  Mach  number  Hn  along  the  entire  leading  edge  is  smaller  than  one,  i.e.  positions  to  the  left  of  the 
SSB,  there  the  leading  edge  separation  type  of  flow  is  dominating  at  all  chordwise  positions.  When  the 
Macfi  numbers  in  the  downstream  part  of  the  strake  II  wing  become  larger  than  one,  a  different  type 
of  flow  develops  in  that  region.  However,  even  then  the  flow  is  governed  by  the  vortex  generated  in  the 
tip  area. 


3.2  Gothic  wing  configuration 


A  first  Impression  of  the  flow  field  over  the  Gothic  I  wing  is  presented  in  Fig.  22  [81  with  oil- 
flow  and  vapour  screen  pictures  at  three  different  incidences. At  small  angles  of  attack  the  leading  edge 
separation  occurs  according  to  the  local  sweep  angle.  The  flow  appears  to  be  conical  over  most  parts  cf 
the  wing.  At  higher  angle  of  attack  again  the  vortex  emanating  from  the  tip  region  seems  to  influence 
the  flow  field  entirely.  Separation  and  attachement  lines  are  mostly  conical  with  respect  to  the  wing 
tip.  Thus  it  is  expected  to  find  similarities  to  the  basic  delta  wing  flow  field. 

In  Fig.  23  the  vortex  positions  above  a  Gothic  and  a  basic  delta  wing  are  compared  and  up  to  medium 
angles  of  attack  a  similar  vortex  behaviour  over  the  two  wings  is  observed.  At  higher  incidences  differ¬ 
ent  types  of  flow  between  the  wings  may  be  encountered:  Wnile  here  the  delta  wing  tends  to  the  flow  type 
"separation  with  shock"  the  Gothic  wing  seems  to  remain  in  the  flow  region  with  "leading  edge  separa¬ 
tion". 


The  Gothic  II  wing  with  continously  increasing  leading  edge  sweep  angle  behaves  very  much  like  the 
Strake  II  wing,  i.e,  only  one  vortex  system  develops  and  separation  and  attachement  lines  follow  closely 
the  variation  of  leading  edge  sweep.  Although  from  visualization  techniques  the  Gothic  II  flow  field 
seems  to  be  without  major  surprises.  Fig.  24  shows  more  details  evaluated  from  Pitot-probe  measurements 
at  a  chordwise  position  x/1  =  0.7.  Besides  primary  and  secondary  vortex  there  is  apparently  a  third  re¬ 
gion  above  the  wing  which  could  be  interpreted  as  a  vortex.  More  detailed  measurements  are  necessary  and 
especially  non-intrusive  ones  are  needed  to  avoid  the  observed  probe  influence  on  the  flow  field  even 
at  these  supersonic  velocities  1141. 


4.  HAVE  RIDER  FLOW  FIELD  AT  OFF-OESIGN  CONDITIONS 

When  the  possibilities  of  hypersonic  transport  have  been  explored  wave  rider  configurations  were 
found  to  be  the  most  promising  aerodynamic  shapes.  At  the  Technical  University  Berlin  two  basic  wave 
rider  wings  were  subject  of  theoretical  and  experimental  investigations,  the  Nonweller  wave  rider  and 
the  Jones  wave  rider  respectively.  The  wave  rider  design  follov^s  the  concept  of  shaping  the  wing  accord¬ 
ing  to  a  known  flow  field.  Thus  the  hypersonic  flow  around  a  2-d  wedge  is  the  basis  for  the  Nonweiler 
wing,  while  the  Jones  wave  rider  Is  based  on  the  flow  around  a  circular  cone.  Both  configurations  are 
characterized  by  three  design  parameters  as  there  are  the  Mach  number  Md,  the  semi-span-to-length  ratio 
s/land  the  volume  parameter  x=  V/F.  Both  wave  riders  were  designed  for  Md  =  7.0.  The  Nonweiler  wing 
parameter  resulted  then  in  s/1  *  0.3  and  x  *  0.08,  while  the  Jones  wave  rider  was  slightly  more  slender 
with  s/1  =  0.28  but  having  more  volume  at  the  same  time  with  x  *  0.0883.  Thus  the  Jones  concept  seems 
to  be  closer  to  application  than  the  Nonweiler  wing,  not  only  because  of  more  volume  but  also  since  the 
volume  distribution  and  thereby  the  payload  capabilities  are  more  advantageous. 

In  the  following  a  sunmary  of  these  investigations  on  Nonweiler  and  Jones  wave  rider  configurations 
as  sketched  in  Fig.  25  will  be  presented.  The  results  are  confined  to  off-design  conditions  in  the  su¬ 
personic  speed  reffmeT 
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4.1  Nonweiler  wave  rider 

The  Nonweiler  wing  Is  the  simplest  type  of  wave  rider,  having  straight  leading  edges  and  ridge 
lines  and  between  these,  plane  surfaces.  Fig.  25.  At  Its  design  condition  this  wave  rider  produces  a 
plane  shock  wave  attached  to  the  leading  edges  and  between  this  shock  and  the  lower  surface  the  flow  is 
parallel  to  the  lower  ridge  line.  The  flow  condition  corresponds  to  that  of  a  flow  around  a  two-dimen¬ 
sional  wedge  of  angle  6  . 

If  the  Hach  number  Is  reduced  below  the  design  value  (or  angle  of  attack  Is  Increased)  the  shock  wave 
bulges  and  finally  separates  from  the  wing.  Thus  flow  around  the  leading  edges  occurs  and  separations 
are  formed,  rolling  up  into  spiral  vortex  sheets.  The  vortices  account  for  low  pressure  on  the  upper 
surface  of  the  wing  producing  a  considerable  amount  of  additional  lift  and  thus  improving  the 
lift-to-drag  ratio.  Fig.  26.  At  subsonic  speeds  the  low  pressure  due  to  the  leading  edge  vortices  pro¬ 
vides  roughly  half  of  tne  total  lift  In  this  particular  case. 

The  values  for  lift  and  drag  have  been  calculated  from  measured  pressure  distributions.  The  pres¬ 
sure  measurements  along  the  surface  of  the  Nonweiler  wing  revealed  remarkable  non-conical  effects  for 
subsonic  and  low  supersonic  free  strew  conditions.  In  particular  strong  upstream  influences  of  base 
flow  are  shown  to  exist  especially  for  the  »ower  surface  of  the  wing.  Thus  model  mounting  in  the  wind- 
tunnel  becomes  critical  as  It  effects  the  surface  pressure  via  the  base  flow. 

If  for  the  Nonweiler  wing  the  free  stream  Mach  nixnber  is  just  slightly  below  the  design  value 
(or  angle  of  attack  is  Just  above)  the  shock  wave  bulges  with  a  plane  portion  attached  to  the  leading 
edges.  Fig.  27.  Near  the  leading  edges  the  flow  is  still  parallel  with  constant  pressure.  Within  the 
Mach  cone  the  flow  direction  varies  while  the  flow  expands  towards  the  lower  ridge  line.  Such  a  flow  is 
amenable  to  an  exact  but  Inviscid  calculation  (131. 

The  solution  for  the  leading  edge  region  is  straight-forward  by  the  use  of  oblique  shock  relations. 
For  the  central  region  within  the  Mach  cone  a  finite-difference  solution  was  necessary.  Starting  with 
a  zeroth-order  solution  chosen  in  such  a  way  that  the  boundary  conditions  are  satisfied,  an  iterative 
process  leads  to  the  exact  solution.  As  an  example  a  calculated  pressure  distribution  is  shown  in 
Fig.  28.  Although  the  Nonweiler  wave  rider  is  of  fairly  restricted  practical  Importance,  such  results 
are  of  interest  for  testing  approximate  solutions. 


4.2  Jones  wave  rider 


While  the  Nonweiler  wave  rider  was  designed  to  produce  at  the  lower  surface  a  flow  equivalent  to 
a  wedge  flow,  i.e.  a  parallel  flow  following  a  plane  shock,  the  Jones  Wave  rider  is  based  on  a  cone 
flow,  Fig.  29.  At  the  design  condition,  the  shock  wave  Is  conical  and  attached  to  the  leading  edges,  and 
the  pressure  along  the  curved  lower  surface  Is  not  constant.  For  practical  application  of  the  wave 
rider  concept  to  a  hypersonic  cruise  configuration  the  Jones  wing  Is  much  more  realistic,  because  of 
reduced  dihedral  and  more  favourable  volume  distribution  as  compared  to  the  Nonweiler  wing.  At 
Messerschmitt-  Bdlkow-Blohm  (WB)  the  applicability  of  the  Jones  wing  to  a  hypersonic  transport  configu¬ 
ration  has  been  demonstrated.  Fig.  30  (17). 

The  flow  field  of  the  Jones  wave  rider  at  off-design  condition  is  more  complex,  because  it  is  ba- 
sicly  non-conical.  In  particular,  when  the  upper  surface  is  designed  to  produce  an  expansion  equivalent 
to  a  Prandtl -Meyer  flow,  this  surface  will  also  be  curved  and  generally  no  similarity  will  exist  between 
cross-section  shapes  at  various  chordwise  positions.  Accordingly  the  flc*^  structure  varies  with  chord- 
wise  position  as  can  be  seen  from  some  measured  pressure  distributions  presented  in  Fig.  31.  Such  sur¬ 
face  pressure  measurements  have  been  made  for  various  subsonic  and  supersonic  free  sfreSfiTconditions  in 
order  to  provide  data  for  comparison  with  theoretical  results. 

For  subsonic  and  moderate  supersonic  speeds  an  attempt  has  been  made  to  calculate  the  flow  field 
for  bodies  of  general  shape,  such  as  the  Jones  wave  rider.  The  assumption  was  made  that  the  body  had  to 
be  slender,  so  that  Slender-Body-Theory  could  be  used,  but  otherwise  the  body  could  have  sharp  leading 
edges  and  finite  thickness.  Following  a  suggestion  of  Huimel  118)  two-dimensional  singularities  have 
been  distributed  over  the  surface  contour  of  the  body  in  the  cross-sections  perpendicular  to  the  main 
'tream  direction,  Fig.  32.  In  this  way  the  method  is  applicable  to  slender  bodies  of  any  cross-sectional 
and  planform  shape.  For  bodies  with  sharp  leading  edges,  however,  leading  edge  separation  occurs  even 
for  small  angle  of  attack.  Such  separations  are  not  accounted  for  in  the  theory  so  that  one  has  to  ex¬ 
pect  that  calculated  pressure  distributions  will  show  considerable  discrepancies  when  compared  with  ex¬ 
perimental  results  on  the  upper  surface  of  the  wing  near  the  leading  edge. 

Theoretical  results  obtained  for  the  Jones  wave  rider  are  shown  In  Fig.  33.  They  again  compare 
fairly  well  with  experimental  results  not  only  for  subsonic  free  stream  conditions  but  also  for  the 
supersonic  Mach  number.  The  weak  point  remains  the  leading  edge  separation  region.  As  the  comparison  is 
made  for  the  cross-section  at  60  %  chord  position,  the  experimental  results  are  assumed  to  be  free  of 
base-pressure  influence. 

The  chordwise  variation  of  pressure  distribution  for  the  Jon!;s  wave  rider  is  shown  in  Fig.  34. 

While  for  the  Nonweiler  wing  the  pressure  level  Is  nearly  constant  at  supersonic  free  stream  conditions, 
for  the  Jones  wave  rider  theory  predicts  variation  of  pressure  level  on  the  lower  surface  due  to  the 
basically  non-conical  shape  to  the  body. 


25-6 


5.  CONCLUSIONS 

The  variety  of  nalnly  experioental  results  obtained  for  thick  delta  oflngs  yields  some  basic  infor¬ 
mation  on  the  flow  structure  as  it  develops  at  subsonic,  transonic  and  supersonic  flow  conditions.  By 
comparing  the  results  of  different  experimental  techniques  sufficient  cross-check  is  provided  to  allow 
fairly  reliable  conclusions  from  the  tests  of  conparatlvely  s’^all  models.  The  Information  given  allows 
first  of  all  a  classification  of  the  tee-side  flow  condition  with  dominant  leading  edge  separation. 

Some  n(^-conica1  features  of  the  flow  have  been  analysed  mainly  by  use  of  flow  visualization  methods. 
They  shed  some  light  on  the  upstream  Influence  of  the  base  flow  and  the  development  of  the  vortex 
structure  downstream  of  the  wing. 
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Fig.  7  VAPOUR  SCREEN  PICTURES  THICK  DELTA  WING 


rig.  8  COMPARISON  OF  VAPOUR  SCRFFN  ANn  Oil  Flow  VISUALIZATION  (THICK  DELTA) 


Fig.  9  VAPOUR  SCREEN  PICTURE  i  RADIAL  MACH  NUMBER  M^  /  M^  THICK  DELTA  WING 
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Fig.  22  GOTHIC  I  AT  M 
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Fig.  23  VORTEX  POSITION  FOR  SQTHIC  1  AND  DELTA 
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Fig.  32  SINGULARITY  DISTRIBUTION  ON  THE  SURFACE  OF  A  SLENDER  BODY 
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THE  OFF-DBSXGN  PERFORMANCE  OP  HTPERSONIC  VAVERII^RS 
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Lockh««d  -  Californlft  Company 
Post  otficm  Box  551 
Burbank,  California  91S20-7013  USA 


ABSTKACT 

Wavarldars  ara  bainq  considarad  Bora  and  aior«  as  potantial  aarospaca  vahiclas.  Howavar 
thara  ara  aavaral  quastions  raqardlnq  thasa  conf iqur at  Iona  that  nuat  ba  answarad  bafora 
thay  can  ba  considarad  viabla  daaiqns.  Tha  most  slqnlflcant  problana  ara  ralatad  to 
aarotharnal  haatlng,  propulsion  intagration,  and  off-dasiqn  parforisanca .  This  papar 
prasants  off-dasign  parfornanca  pradictions  for  two  ganaric  wavaridars.  Tha  results  ar« 
from  a  numarical  nathod  basad  upon  tha  nonlinaar,  inviscid  Eular  aquations.  Conparisons 
to  axparinantal  data  ara  also  shown. 


IBTROOUCTIOB 

Tha  subject  of  this  paper  is  the  off-design  performance  of  hypersonic  waveridars.  Thasa 
Vehicles  are  fairly  well  understood  at  their  design  Mach  number  and  angle  of  attack,  but 
their  behavior  at  other  conditions  is  not  well  documented.  In  addition,  waveriders  that 
have  non-planar  or  non-conical  bow  shocks  are  also  not  well  understood.  After  a  brief 
discussion  of  some  of  the  off-design  problems  encountered  on  waveriders,  some  numerical 
results  will  be  presented.  The  results  will  be  for  two  different  waveriders,  and  will  be 
limited  to  Inviscid  flows. 

With  the  recent  resurgence  of  interest  in  aerospace  planes,  space  shuttles,  hypersonic 
missiles,  and  orbital  transfer  vehicles;  waverlder  configurations  are  being  proposed  as 
effective  hypersonic  designs.  Waveriders  are  vehicles  which  capture  a  bow  shock  along 
their  leading  edges,  this  eliminates  flow  around  the  leadinc  edges  (Bef.  1)  and  captures 
the  high-pressure  air.  In  effect,  the  shock  wave  generated  by  thickness  or  volume  is 
also  used  for  lift.  The  result  is  a  s I gni f icant 1 v  higher  lift  coefficient  (C^)  for  • 
given  lift/drag  {t./D>  ratio  than  more  conventional  designs,  or  a  higher  L/0  for  a  given 
.  An  increase  in  L/0  can  usually  be  equated  with  an  increase  in  aircraft  range  or 
cross-range  <Ref.  2>. 

Kuchemann  (Bef.  i)  describes  how  aircraft  fall  into  one  of  three  categories  wing-body 
(or  swept),  slender,  or  waverider.  These  are  schematically  shown  In  Figure  1  in  terms  of 
their  range  and  Hach  number.  An  understanding  of  one  class  does  not  necessarily  allow 
one  to  design  an  effective  vehicle  in  another.  Just  as  one  could  not  have  anticipated 
the  design  of  the  Concorde  or  the  $R-71  in  the  1930's.  no  one  can  anticipate  the  ultimate 
hypersonic  cruiser  of  the  next  century  today. 

Figure  2  shows  the  three  types  of  aircraft  in  terms  of  their  span/length,  design  Mach 
number,  and  range.  Wing-body  aircraft  ere  very  effective  at  low  speeds,  but  are  not  well 
suited  to  supersonic  flight.  Slender  configurations  have  subsonic  leading  edges  at 
supersonic  freestream  conditions.  As  the  Mach  number  is  incrsassd,  this  rsqulrsment 
produces  vehicles  that  are  too  slender  to  be  practical.  If  one  must  use  supersonic 
leading  edges,  waveriders  appear  to  be  very  effective,  especially  If  one  is  Interested  in 
global  flights  in  reasonable  times  (under  2  hours). 

Several  excellent  surveys  of  waveriders  h?*'e  been  published  (Ref.  1,3-6),  therefore  few 
historical  remarks  on  waveriders  will  be  made.  Although  these  vehicles  have  been 
thoroughly  studied  at  their  design  conditions,  off-design  they  produce  very  complex  flow 
fields  and  have  not  been  analysed  in  detail.  One  exception  is  L.C.  Squire's  (Cambridge 
University)  work  on  the  off-design  perfomance  of  waveriders.  For  example,  Reference  6 
presents  of  a  set  of  charts  for  the  off-design  characteristics  of  diamond  and  caret 
conf igu'ratlons .  off-design  behavior  is  typically  determined  from  wind  tunnel  tests,  many 
of  which  are  described  in  References  1,3-6.  Off-design  performance  is  critical  since 
many  hypersonic  configurations  will  not  be  "point-design"  vehicles.  With  the  recent 
advances  in  computational  fluid  dynamics  (CFD)  these  flows  can  be  analyzed  in  detail, 
including  real  gas  and  viscous  effects.  Until  realistic  waverider  configurations  are 
thoroughly  studied  at  off-design  conditions,  they  cannot  be  seriously  considered  as 
practical  designs. 

Some  of  the  major  phenomena  that  must  be  addressed  before  waveriders  can  be  considered 
viable  are  : 

Aeropropulsion  Integration 
Aerothermal  Heating 
Stability  and  control 

Non-Conical  or  Non-Planar  Bow  Shocks 
Shock  Wave  Impingement 
Leading-Edge  Vortices 

Degradation  of  Theoretical  Performance  Due  to  Viscous  Effects 
Effect  of  Leading-Edge  Radii 
Upper  Surfaces  not  Aligned  with  Free  Stream 
Shock  Thickening  Due  to  Knudsen  number  effects 

Most  of  the  above  effects  will  only  be  described  briefly  here,  and  then  some  results  for 
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9*n«rlc  w«v«rldttr  configurations  st  off-d«*i9n  conditions  will  bo  shewn. 

Viscous  offsets  will  bo  criticol  to  accurstoly  sssossing  ooropropulslon  intogrotlon, 
•orothornol  hosting,  shock/boundsry  Isyor  intorsetions .  and  soparatod  flows.  Townond 
(Rof.  4)  suggosts  that  tho  hosting  problons  (both  tho  rato  and  tho  poak)  nay  bo  loss 
Bovo&o  on  '«ovoridors  than  on  flat  dolts  wings  with  tho  sano  lowor  surfaco  dofloction 
anglo . 

Por  ai r-broathing  vohiclos,  tho  inlots  and  noszlos  nay  bo  ossontially  tho  ontiro  fero  and 
aft  lowor  soctions  of  tho  vohirlo,  rospoctivoly .  Thoroforo  tho  aoropropulsion 
intogration  problon  cannot  bo  soparatod  fron  tho  oKtorior  aorodynanics  of  tho  vohiclo. 
Tho  hot  roacting  flows  in  tho  baso  rogion  will  bo  ospocially  difficult  to  calculato  or 
sinulato  oxporlnontally  duo  to  tho  intoraction  of  conplox  chonical  kinotic  offsets  and 
turbulont  shoar  layors.  Sons  of  tho  problons  associatod  with  inlots  for  hyporsonic 
vohiclos  aro  discussod  by  Moldor  (Rof.  6).  Hunt  (Rof.  7).  and  nero  rocontly  by  Hondan 
(Rof.  8).  Aorodynanic  and  inlot  porfornanco  inprovononts  duo  to  fusolago  canboring  aro 
discussod  in  Roforonco  7. 

Tho  off'dosign  location  of  shock  wavos  can  soriously  inpact  porfornanco,  host  transfor, 
and  propulsion  intogration.  Convontional  slondor  aircraft  havo  loading  odgos  swopt 
Insido  tho  bow  shock.  Wavoridors  havo  a  bow  shock  capturod  on  thoir  loading  odgos.  On 
convontional  vohiclos.  at  Mach  nunbors  groator  than  thoir  dosignod  valuos,  tho  forobody 
bow  shock  can  inpingo  upon  tho  wing  loading  odgos.  This  rosults  in  significant  incroasos 
in  local  aorothornal  boating  unloss  tho  loading  odgos  aro  highly  swopt  (Rof.  9).  Ono  nay 
not  bo  ablo  to  swoop  inlot  cowl  loading  odgos  howovor,  which  noans  thoy  must  bo  artivoly 
coolod  or  incorporato  high-tonporaturo  thornal  protoction  systona.  An  oxcollont  rovi^w 
of  aorothornal  noating  is  givon  in  Roforonco  ID.  Shock  wavo  svstons  on  wavoridors  aro 
doscribod  in  Roforonco  11. 

Wavoridors  at  Mach  nunbors  abovo  thoir  dosign  valuos  will  oncountor  a  conplotoly 
difforont  typo  of  shock  inpingonont.  Instead  of  inpinging  on  tho  loading  odgos,  tho 
shocks  nay  swoop  across  tho  upper  and  lowor  surfaces.  This  will  cause  very  conplicatod 
shock/boundary  layer  interactions  and  possibly  high  heating  rates.  Roforonco  12  presents 
a  very  conprohonsivo  review  of  shock/boundary  layer  interactions. 

Stability  and  control  of  wavoridors  is  a  concern  because  of  tho  typically  largo  anounts 
cf  anhodral.  It  nay  also  bo  difficult  to  incorporato  effective  control  surfaces  without 
degrading  tho  porfornanco.  Tho  stability  and  control  of  convontional  hypersonic  vehicles 
is  discussod  in  Roforoncos  11  and  14.  Hul  has  published  oxtonsivoly  on  hypersonic 
stability  and  control  (see  Rof.  14).  including  tho  characteristics  of  caret  wings  (Rof. 
15)  . 

Pow  theoretical  or  numerical  studios  have  included  tho  effects  of  viscosity  on 
wavocidocs.  Bowcutt  (Rof.  16)  has  included  skin  friction  in  his  wavoridor  optimisation 
procedure.  On  slondor  vohiclos  such  as  those  it  is  very  important  to  include  viscous 
effects.  Vehicles  sinilar  to  Sowcutt's  will  bo  analysed  oxpor inont a  1 ly  by  HASA-Langloy 
in  tho  near  future  (Rof.  17,  18)  in  order  to  further  evaluate  viscous  effects.  It  would 
also  bo  of  interest  to  include  displaconont  thickness  effects  in  sny  ansiysis  procodura. 
those  aro  not  included  in  Roforonco  16.  Since  tho  boundary  layer  thickness  on  a  flat 
plate  varies  according  to  : 
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it  can  bo  orders  of  magnitude  larger  than  at  low  Mach  numbers.  At  high  altitudes  it  can 
bo  of  tho  some  order  as  tho  thickness  of  a  slander  body  In  addition,  tho  displacement 
thickness  can  bo  of  tho  same  order  as  tho  boundary  layer  thickness. 

Tho  configurations  in  Roforonco  16  wore  optimised  for  L/D  and  consequently  havo  very 
small  lift  coefficients  (CL  <  .1).  L/D  is  just  ono  possible  parameter  that  could  bo 
optimized.  Por  some  vohiclos  L/D  will  not  bo  tho  most  important  paramotor,  such  as  those 
that  go  from  earth  to  orbit  very  rapidly  without  actually  cruising.  For  those  vohiclos 
ono  might  bo  more  interested  in  maximizing  thrust  minus  drag  (T-D)  and  thus 
aoropropulsion  intogration  would  bo  tho  main  issue.  Configurations  that  minimized  drag 
or  naxinizod  lift  may  also  bo  of  interest. 

Classical  wavoridors  aro  dosignod  using  "known**  flow  fields.  Tho  most  common  are  tho 
planar  and  conical  flow  fields  of  wedges  and  cones,  rospoctivoly.  Those  aro  not  optimal 
shapes,  oven  from  an  aerodynamic  standpoint.  Optimal  hyporsonic  shapes  are  doscribod  in 
Roforoncos  20  and  21.  Power  law  bodies  havo  boon  shown  to  havo  very  low  drag  compared  to 
cones.  with  advanced  computotionol  methods,  it  should  bo  possible  to  incorporato  those 
low  drag  shapes  into  wavoridors.  Power  law  wavariders  would  havo  a  Gothic-liko  planform 
and  would  consequently  havo  significantly  difforont  loading  edge  vortex  flows  (Rof.  17) 
at  subsonic  and  supersonic  speeds  than  a  conical  wavoridor  with  a  delta  planform.  This 
could  significantly  alter  tho  aorothormal  heating  and  the  low-spood  vortex  flows  off  tho 
loading  edge.  (Vonwoilor  (Rof.  3)  showed  that  rounding  tho  apex  of  a  delta  planform  would 
also  help  reduce  tho  aorothormal  heating  at  tho  apex.  Howovor,  tho  power  law  bodies  will 
havo  blunter  nose  cones,  which  may  increase  tho  total  prossura  lossas  to  tho  inlets. 
Also,  optimising  aorodynomic  forces  will  bo  of  little  use  if  tho  vehicle's  performance  is 
governed  mainly  by  aoropropulsion  intogration.  Air-breathing  hyporsonic  vohiclos  will  bo 
characterised  as  having  Lift,  drag,  moments,  thrust,  and  trim  all  highly  coupled. 

In  addition  to  being  sub-optimal  aorodynamica 1 ly ,  conical  and  planar  flow  fields  aro  not 
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optiBu*  fro*  a  ayst«*s  standpoint  aithar.  The^  pr-senc  probla»s  ir.  t&zrt.  tf  p  i  op'* »  »  ‘ 
intagration,  control  surfaca  location,  and  landing  gear  placanant.  Thair  t i amandout. 
value  co*as  in  the  guidance  they  giv*  the  designers.  However,  there  has  been  little  to 
guide  the  designers  as  to  the  effect  of  deviating  fro*  the  conical  or  planai  fields 
Most  studies  have  shown,  however,  that  minor  deviations  from  the  classical  shapes  do  not 
significantly  alter  the  characteristics.  This  will  be  discussed  in  more  detail  in  the 
resulcs  section. 

Since  waveriders  may  be  ti-aJ  as  aerospace  planes  that  taka-off  and  land  horisontally  on 
runways,  their  low-speed  cheracteristics  are  also  important.  As  with  conventional 
highly-swept  wings,  they  can  be  expected  to  produce  significant  vortex  lift  et  high 
angles  of  attack  ( subson leal ly  and  supersonically).  However,  the  nature  of  these  flow 
fields  may  differ  significantly  from  delta  wings,  due  to  the  differences  in  thickness  and 
plant o  rm . 

As  mentioned  above,  the  waverider  off-aesign  flow  field  is  not  amenable  to  simple 
analyses.  Methods  based  upon  modified  Newtonian  or  othar  component  techniques  (such  as 
the  Hypersonic  Arbitrary  Body  Program,  Ref.  22)  *re  by  definition  incapable  of  modeling 
interference  effects.  Ideally  one  would  like  to  use  the  full  Navier-Stokes  aquation* 
but  this  is  expensive  and  not  well-validated  at  hypersonic  speeds  ( pa r 1 1 cu 1  a r Is' 
turbulence  models  and  boundary  layer  transition).  tot  many  problems,  especially  as  a 
preliminary  analysis,  inviscid  techniques  can  be  quite  useful.  They  cannot  predict  the 
important  heat  transfer  and  boundary  layer  characteristics,  but  quantities  auch  as 
surface  pressure  are  often  predicted  very  well  with  inviscid  methods.  This  is  especially 
true  for  vehicles  that  ara  relativaly  thick.  Figure  3  shows  that  for  relativaly  thick 
bodies  the  skin  friction  has  a  negligible  affact  on  tha  L/D. 

Hovevar,  Figure  3  may  not  be  applicable  to  higher  Mach  numbers  because  it  does  not  show 
the  effect  of  displacement  thickness.  The  relative  importance  of  the  boundary  layet  on 
the  outer  flow  can  be  estimated  using  the  vi»cous  interaction  paramatar 
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Whan  this  parameter  is  order  unity  or  larger.  the  surface  pressure  distribution  may 

differ  significantly  from  inviscid  predictions.  For  example,  at  Mach  •  10  the 

interacticrs  may  be  significant  when  the  Reynolds  number  is  less  than  1  mill'on.  If  a 
vehicle  is  designed  for  high-eltltude  flight  <where  the  eerethermel  heating  will  be 
reduced)  the  Reynolds  number  will  most  likely  be  smaller  than  these  numbeis.  when  these 
effects  are  large,  the  inviscid  methods  must  be  abandoned  or  at  least  coupled  to  a 
boundary  layer  routine.  However  et  hypersonic  speeds  the  concept  of  an  inner  visoou* 

flow  end  an  outer  inviscid  flow  is  net  always  valid. 

At  high  Mach  numbers  and/or  low  Reynolds  numbers,  rarefied  gas  effects  will  also  become 
impcctant.  These  flows  are  usually  characterised  by  the  Knudsen  number  ( Kn  •  X/L*.  whet* 
X  is  the  mean  free  path  end  L  is  some  characteristic  length  (e.g.  L  »  a  /  Idp.dx'’.  The 
Euler  equations  are  valid  in  the  limit  as  Kn  -»  0,  and  the  Navier-Stokes  for  Kn  ..  1 

Typically  when  Kn  >  ,1.  one  must  resort  to  k i net ic-theo ry-besed  methods  such  as  th# 

Direct  Simulation  Monte  carlo  ( OSHC )  method  (Raf.  19).  As  the  Knudsen  number  i* 
increesad,  shock  waves  become  thicker  end  thicker.  Therefore  at  high  altitudes 
concept  of  capturing  a  bow  shock  on  a  loading  odge  becomes  somewhat  arbitrary.  Th;« 

means  that  waverider  performance  will  be  reduced  due  to  the  inability  to  capture  the  “ic-) 

pressure  eir.  The  performance  of  waveriders  under  these  circumstances  has  net  reon 
investigated  in  detail.  An  important  point  to  make  is  that  although  in  the  freo«trtae 
«  M/Re,  near  stagnation  regions  Kn  «  l/<M  Re);  therefore  surface  quantities  tan  eftat  ;♦ 
predicted  quite  well  with  continuum  theories. 


lUTHOD 


In  the  present  study  a  numerical  method  based  upon  the  nonlinear  Euler  eque-i--« 
used.  These  equations  accurately  model  the  effocts  of  strong  shock  wavos  r.;t 
shock  wavo  structure  however)  end  vorticity  transport.  In  addition,  when  the  ie 
point  is  fixed,  such  as  at  a  sharp  leading  edge,  they  have  been  shown 
separated  flows  reasonably  well.  Relatively  thick  bodies  will  be  analyzed  her*' 
thickness/chord  *  -21  and  .30),  so  inviscid  methods  should  be  fairly  acc-:*-* 
types  of  bodies  will  be  of  interest  when  large  amounts  of  volume  are  required  f;: 
or  fuel.  For  example,  hydrogen-powered  vshicles  may  require  reletivsiy  thic#  * 
due  to  the  low  density  of  liquid  hydrogen  compared  to  conventional  fuels  Re*'  ; 
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Th»  results  pc*s*nt*d  b«low  w»r»  all  obtainad  using  tha  Lockhaad  Thraa-Diaa-i  -s. 
harodyna.lc  n.thod  (team),  tha  dav.lop».nt  of  uhich  u,s  partially  fundad  --'-'.I  -o 
Statas  Air  Forca  (Ccntract  Nuaibar  r3361 5-«4-C-3005 )  .  This  coaputar  orosraa 
tha  FLO-57  algoritha  davalopad  by  Jaaason,  at  al  (Raf.  23).  Lockhaad  si.  «  . 
rafinaaants  to  tha  aathod  ovar  tha  past  savaral  yaars  (Raf.  24  -  2f)  a  a  aa 


In  tha  TEAM  coda,  tha  ragion  surrounding  a  givan  configuration  is  lubd.  , 
calls.  In  aach  of  tha  calls,  tha  tina-dapandant  Eular  aquations  'inls-^i 
form),  representing  mess,  momentum,  end  energy  coneervetion 
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pr«  intpgrptpd  in  tin*  using  s  aulti-stpgs  Rungs-Kutta  schaaa.  Th*  guantittss 
raprasantad  by  p,  V,  p,  a,  and  h  ara  dansity,  valocity,  prassura.  intarnal  anargy,  and 
anthalpy,  raapact i valy .  Notica  that  dansity,  aoaantuB,  and  enargy  ara  all  calculatad 
froB  tha  tiBa-stapplng  procaas;  prassura  and  anthalpy  ara  raquirad  for  tha  flux  tatBs. 
For  parfact  gasas  prassura  is  norBally  calculatad  using  a  fora  of  tha  anargy  aquation  and 
than  anthalpy  is  calculatad  froB  h  •  p/p  *  a.  In  siaulating  a  raal  gas  in  aquilibriuB, 
ona  Bust  calculata  prassura,  anthalpy,  spacific  hast  ratio,  and  tha  spaad  of  sound 
(raquirad  for  upwind  schasas)  proparly;  for  axanpla  by  using  tha  subroutinas  dascribad  in 
Rafaranca  For  non-aquilibriuB  chamistcy  ona  Bust  add  additional  aquations  to  tha 
tiBa-atapping  procadura  that  govarn  tha  spacias  concantrations :  Non-aqul 1 ibr iua  affacts 
ara  not  includad  in  tha  TEAM  coda  at  this  tima. 


To  accalarata  convarganca  to  tha  staady  state,  local  rather  than  global  time  steps  ara 
used.  This  will  produce  valid  steady-state  results,  whan  there  is  a  steady-state 
solution.  For  unsteady  flows  ona  Bust  use  tha  coda  in  a  tima-accurata  mode,  which  is 
quite  expansive.  laplicit  residual  smoothing  (Ref.  21)  further  reduces  tha  number  of 
tine  steps  raquirad  to  reach  tha  staady  state.  Appropriate  non-raf lacting  boundary 
conditions  based  on  Riamann  invariants  (Ref.  27)  ara  used  at  tha  far-fiald  boundaries  and 
no-no rma 1 - f 1 ow  conditions  ara  used  on  tha  solid  surface.  Upwind  differencing  based  upon 
a  Riamann  solver  (Raf.  28  and  29)  has  also  bean  incorporated,  and  can  be  used  instead  of 
tha  standard  adaptive  artificial  dissipation.  Tha  upwind  differencing  greatly  increases 
tha  robustness  of  tha  program,  but  does  require  slightly  Bora  computer  tima. 

On  a  solid  surface.  th*  no-normal-f low  boundary  condition  is  imposed  by  salting  all 
convactad  flux  quantities  to  saco.  Only  the  pressure  on  the  solid  surface  contributes  to 
tha  momentum  flux  balance.  Since  pressure  is  calculatad  at  the  call  canter,  ona  is 
forced  to  estimate  its  value  at  the  actual  surface.  This  is  accomplished  by  computing 
the  derivative  of  pressure  normal  to  the  surface  using  the  momentum  equation: 

P  V.  (V.7)  n  =  n.7  p 

where  :  V,  n,  and  p  are  tha  fluid  valocity,  surface  normal,  and  pressure;  caspactivaly . 
This  derivative  and  tha  cell-cantarad  values  ara  than  combined  to  determine  tha  surface 
prassura.  A  precise  implamantatlen  requires  that  all  metric  quantities  and  flow 
variables  occurring  in  the  aquation  above  be  evaluated  right  on  tha  surface.  In  tha 
original  FLO-57  program,  the  call-canter  values  were  used  instead.  In  tha  present 
version  of  tha  solver,  three  additional  approaches  may  be  used  to  obtain  tha  desired  flow 
variables  on  the  actual  surface:  (1)  A  Taylor  series  expansion  about  tha  call  canter,  (2) 
Lagrange  two-point  extrapolation  along  tha  local  normal  direction,  and  (3)  Averaging  tha 
call-center  values  for  calls  next  to  tha  surface  in  the  flow  domain  and  ghost  cells 
outside  of  the  flow  domain. 


Tha  finite-volume  formulation  essentially  decouples  tha  flow  solver  from  tha  grid 
generator.  Tha  grids  can  be  constructed  in  any  convenient  manner;  only  tha  Cartesian 
coordinates  of  tha  nodal  points  ara  raquirad  by  tha  solver.  Tha  present  version  of  the 
solver  can  accommodate  multiple,  patched  zonal  grids  of  arbitrary  topologies.  This  is  a 
necessity  for  analyzing  realistic  complete  aircraft  configurations.  Tha  original  FLO-57 
solver  was  limited  to  isolated  wings  having  C-H  grids,  whereas  tha  0-0  and  C-O  types 
offer  improved  resolution.  Th«  letters  C,  K,  and  O  refer  to  the  wav  the  grid  looks  in 
the  spanwise  and  chordwise  directions.  A  C-K  grid  wraps  around  the  airfoil  section  like 
a  C,  and  has  these  2-D  grids  stacked  up  in  the  spanwise  direction  to  form  the  region 
around  tha  wing.  Thus,  from  tha  front,  a  C-H  grid  looks  like  an  array  of  H's.  If  a  C-H 
mash  is  used,  adequate  resolution  near  the  wing  tip  can  be  obtained  only  by  increasing 
tha  number  of  calls  in  tha  spanwise  direction.  It  must  be  noted  that  none  of  these 
topologies  is  as  suitable  as  tha  H-H  whan  the  detailed  flow  field  is  desired  about  all 
sections  of  a  wing-body  or  wing-body-tail  configuration. 

The  finita  volume  grids  used  here  were  all  of  the  C-H  type.  Several  different  grids  ware 
used,  a  typical  grid  had  105  x  29  x  25  calls  (76,125)  in  tha  chordwise,  normal,  and 
spanwise  directions,  respectively.  For  the  subsonic  cases,  tha  far-fiald  boundary  was 
several  vehicle  lengths  away  from  the  body  surface,  for  supersonic  flows  tha  far-fiald 
boundary  was  much  closer  (although  still  in  the  free  stream).  Other  than  this,  no 
attempt  was  made  to  tailor  the  grid  to  the  particular  flow  field.  Similar  grids  were 
used  at  most  Mach  numbers,  which  means  they  could  not  have  been  optimal  for  all  Mach 
numbers.  Ideally  one  would  like  to  cluster  cells  near  shocks,  but  shock  wave  location 
and  strength  changes  with  Mach  number.  Therefore  a  new  grid  would  be  required  at  each 
Mach  number;  which  would  have  been  extremely  time  consuming.  Some  type  of  adaptive  grid 
scheme  would  have  been  useful,  but  is  currently  not  available  in  the  TEAM  code.  However, 
the  grids  used  were  relatively  dense  and  should  yield  reasonable  results  for  forces  and 
moments  at  most  Mach  numbers. 


Depending  on  which  options  ere  used,  the  TEAM  code  requires  about  .00002  CPU 
seconds/cycle/cell  on  a  Cray  XMP-24.  For  the  results  presented  here  400  -  3000  cycles 
were  required  to  reduce  the  residual  error  by  3-4  orders  of  magnitude.  The  convergence 
rate  varied  dramatically  with  Mach  number.  At  the  very  high  Mach  numbers,  where  the 
shocks  are  very  close  to  the  body  and  not  resolved  well,  the  code  converged  extremely 
rapidly.  Likewise  for  coarse  meshes,  the  code  converged  very  rapidly.  In  principle, 
this  should  allow  preliminary  investigations  to  be  made  of  configurations  very  quickly; 
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with  d*tail«d  •xanlnations  p«rfor«ad  aftarwards.  In  sob#  casts  tht  solutions  wart 
rastartad  froB  pravious  runs,  which  did  allow  scat  savings  in  coaputar  tiaa. 


KISDLTS 

Two  configurations  wara  invastigatad  hart.  Tha  first  ona  (rafarrad  to  hart  as  WR-1)  is 
Rasaussan's  alliptical-cona  wavaridar  (Raf.  31)  shown  in  Figura  4.  This  configuration 
has  20  dagraaa  of  anhadral  and  a  laading  ^dge  swaap  of  65.53  r*«^raas.  Tha  sacond 
configuration  (WR-2>  is  a  f lat-bottoaad  varsion  of  Rasaussan's  wavaridai  (figura  5).  WR- 
2  was  obtainad  by  siaply  cutting  off  tha  undar-sida  of  WR-l.  Tha  saction  raaovad  was  cut 
away  by  a  plana  parpandicular  to  tha  plana  of  syaaatry  and  at  an  angla  of  -11.95^  to  tha 
fraa-straaa  diraction.  Wharaas  tha  wind  tunnal  nodal  of  WR>1  had  a  19.06  cn  basa  halght, 
tha  basa  halght  of  vrR-2  would  ba  12.7  cantiaatars  <cn).  Tha  langth  of  both  of  than  is 
60.0  ca  (axcluding  tha  fairing  it  tha  basa). 

Tha  shapa  of  WR-2  was  chosan  bacausa  it  raprasants  a  daviation  from  tha  standard  conical 
flow  fiald.  Also  tha  flat  undarsida  is  dasirabla  froa  a  practical  standpoint.  Both 
landing  gaar  and  inlats  nay  ba  aasiar  to  incorporata  into  a  flat  surfaca.  It  was  also 
raasonad  that  tha  shock  wava  attachad  to  tha  laading  adga  nay  not  ba  affactad  too  auch  by 
raliaving  tha  prassura  on  tha  vary  bottom,  and  thus  tha  flow  nay  still  bo  fairly  wall 
containad.  If  this  wara  trua  than  tha  bottom  portion  of  WR-l  night  contributa  nora  to 
tha  drag  than  to  tha  lift.  In  addition,  WR-2  should  have  both  lowar  friction  drag  and 
basa  drag,  sinca  it  has  a  smallar  wattad  araa  and  basa  araa  than  WR-1. 

In  ordar  to  avaluata  raalistic  vahiclas,  a  fairing  was  addad  to  tha  aft-and  of  WR-l  and 
WR-2.  This  is  shown  in  Figura  6.  which  is  a  typical  grid  at  tha  plana  of  synaatry.  This 
fairing  is  alignad  with  tha  fraa-straaa  on  tha  uppar  surfaca.  Tha  lowar  surfaca  consists 
of  a  flat  (alignad  with  uppar  surfaca)  portion  whoaa  langth  is  10  %  of  tha  local  chord 
and  than  a  cosina  shapad  portion  that  is  an  additional  SO  \  of  tha  local  chord.  Thus  tha 
total  langth  of  tha  fairing  is  60  %  of  tha  local  chord.  {{owavar,  in  ordar  to  coapara  to 
Rasaussan's  data  diractly.  tha  forca  and  monant  calculations  prasantad  balow  do  not 
includa  tha  foccas  and  momants  on  tha  fairing.  Sinca  on  an  actual  configuration  tha  aft- 
and  flow  would  ba  -^oainatad  by  jat  axhaust  antrainmant  and/or  saparatad  waka  flow,  tha 
inviscid  contributions  wara  not  addad  to  tha  forabody  forcas  and  aoaants  .  In  tha  naar 
futura  viscous  analysas  will  ba  parformad  on  thasa  configurations  by  solving  tha 
Raynolds-avaragad  Naviar-Stokas  aquations  and  tha  flow  in  tha  basa  ragion  will  ba  of 
g  raa  t  i nta  ras  t . 

WR-l  was  dasignad  for  Mach  4  and  z«r-  de>,Keas  angla-of-attacx ,  whare  it's  L/D  is  a 
maximum.  Cxfarimantal  and  pradictad  values  of  L/D  (at  Mach  4)  ara  shown  in  Figura  7. 
Tha  axparimantal  results  for  WR-l  comoara  fairly  wall  considering  no  viscous  affects  art 
included,  but  this  should  not  ba  a  surprise  sinca  it  is  a  ralativaly  thick  body.  Tha  L/D 
for  WR-2  is  substantially  higher  than  WR-1,  mainly  bacausa  tha  parameter  v**(2/3)/S  is 
smaller  (saa  Figure  3).  Therefore  tha  flattening  of  the  standard  Rasmussen  wavaridar 
would  ba  beneficial  from  a  systems  (inlats.  landing  gaar,  ate.)  viewpoint  and  tha  L/D  is 
higher.  L/D  versus  Mach  number  is  shown  in  Figura  8.  Tha  flattened  wavaridar  has  a 
higher  L/D  over  tha  entire  Mach  number  range.  Also  plotted  is  Kuchamann's  L/D  'limit'  of 
4(M^+3)/M..  Tha  performance  of  both  WR-l  and  WR-2  is  significantly  balow  this  limit. 

Tha  lift  coefficient,  CL.  verses  angle  of  attack  is  shown  in  Figure  9  for  Mach  »  4. 
These  results  show  good  agreement  between  experiment  and  theory  for  WR-1.  The  behavior 
is  virtually  linear  for  both  WR-1  and  WR-2-  Pitching  Moment,  CM,  versus  Mach  number 
(including  the  one  experimental  data  point  available)  is  shown  in  Figure  10.  Figure  II 
'  ••‘•’i«'"id  '♦rag  t  ••■‘si  fo*''"e  >'a5e  drag).  The  experimental  and  predicted 

values  compare  well  and  WF-2  has  less  drag  than  WR-1.  Note  tnat  the  reference  leiigths 
and  areas  used  here  are  the  sam*  as  used  in  Reference  31,  i.e  L  >  60  cm  and  A  »  489.22 
cm^.  The  reference  area  used  here  is  the  base  area  WR-1  (as  in  Reference  31)  and  is 
not  the  planform  area  (which  is  1638.16  cm^  )  . 

For  highly  three-dimensional  flow  fields  such  as  these,  it  is  instructive  to  use  three- 
dimensional  color  graphics  (reproduced  here  as  contour  plots)  to  intarpret  the  results. 
Figures  12  and  13  show  pressure  distributions  on  front  and  bottom  views  of  WR-X  and  WR-2, 
respectively,  at  Mach  numbers  of  1.1,  2,  4,  and  6.0  (a^O).  The  surface  has  been 

contoured  according  to  pressure  using  PATRAN  ll  (Ref.  32),  a  three-dimensional  solid 
mode  ling  program.  All  pressures  shown  here  are  non-dlsensic-auliceJ  ~'r  ' 

pressure  (p/p«i.  for  both  waveriders,  at  Mach  =  2,  4,  and  6,  the  flow  field  appears  to 

be  quite  conical.  in  addition,  the  flat  bottom  waverider  (WR-2>  shows  a  verv  uniform 
pressure  distribution  on  the  underside  which  would  be  desirable  for  modular  Inlet 
installation. 

The  wavy  patterns  near  the  edge  of  the  flat  underside  are  due  to  minor  waves  in  the 
surface  definition.  The  numerical  method  is  very  sensitive  to  geometry  variations,  and 
the  grid  generation  scheme  used  here  (parabolic  conformal  mapping)  is  not  as  effective  on 
these  highly  swept  pXanforas  as  one  would  like.  This  could  be  corrected  by  specifying 
the  body  with  more  points  or  by  using  a  different  type  of  grid  generation  scheme.  An  H-0 
grid  would  allow  better  shock  capturing,  since  the  grid  could  more  easily  be  aligned  with 
the  shocks.  However  the  present  type  of  grid  is  well  suited  to  transonic  and  subsonic 
flows . 

These  configurations  were  also  investigated  at  angle  of  attack,  only  a  few  results  will 
be  shown  however.  Figure  14  shows  the  pressure  distribution  for  angles  of  attack  ■  -10, 
0,  ard  10.  This  images  are  for  cross-sections  of  the  flow  field  that  are  aligned  with 
the  free-streea  and  at  the  mid-spen  of  WR-2.  Figure  15  shows  similar  views  but  display 
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Mach  nuBbar  distributions.  On*  can  sa«  tha  high  prassura  ragion  naar  tha  laading  adga, 
tha  bow  shock,  and  tho  axpsnsion  in  tha  basa.  Notica  that  tha  shock  is  saaarad  ovar 
savacal  calls,  a  consaquanca  of  tha  dissipativa  natura  of  tha  tachniqua.  At  saro  angla 
of  attack  thara  ara  no  disturbancas  on  tha  uppar  surfaca,  this  is  dua  to  tha  absanca  of 
viscosity  in  this  pradiction  aathod. 

Xn  ordar  to  display  anothar  aspact  of  tha  flow  fiald,  lowar  surfaca  valocity  vactoc  plots 
for  WR-1  and  at  Mach  »  4  and  a  «  0  ara  shown  in  Figuras  16  and  17.  Both  of  thasa 
figuras  again  show  tha  flow  fiald  to  ba  quita  conical.  In  addition,  tha  WR-2  flow  fiald 
appaars  to  ba  aora  naarly  two-diaansional  (lass  span-wisa  flow).  Cvaii  at  anglaa  of 
attack  of  -10  and  10  (Figuras  16  and  19),  thara  appaars  to  ba  ralativaly  saall  aaounts  of 
cross-flow  on  WR-2. 


At  highar  Mach  nuabars,  ona  siaply  cannot  usa  a  parfact  gas  aodal  bacausa  it  pradicts 
prassuras  and  taaparaturas  that  aia  unr aa 1 i s t ical ly  high.  figuras  20  and  21  show  tha 
surfaca  prassura  distribution  (p/p»)  on  WB-2  at  M»ch  ■  and  «  •  9  using  a  parfa'-t  ga, 
aodal  and  a  raal  gas  aodal  (40  Ka),  r aspact i va ly .  Tha  surfaca  prassuras  ara  lowar  than 
that  pradictad  by  tha  parfact  gas  ralations,  and  this  causas  tha  forcas  and  aoaants  to 
diffar  also 
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Cross  -  sac t  i  ons  of  tha  flow  fialds  around  WR-2  at  Mach  «  16  for  parfact  and  raal  gasas  ara 
shown  in  Figuras  22  and  23.  raspactivaly . 

For  many  applications,  thasa  wavaridars  will  ba  caquirad  to  fly  through  all  four  spaad 
raglaas  (subsonic,  transonic,  suparsonlc,  and  hyparsonic),  tharafora  it  Is  important  to 
know  tha  bahavior  of  thasa  configurations  ovar  tha  antira  ranga  .  Tha  only  subsonic  flow 
fiald  that  will  ba  shown  hara  is  Flgura  24.  As  mantlonad  praviously,  ona  can  axpact 
significant  vortax  flows  from  thasa  conf igu ra t ion «  at  high  anglas  of  attack.  Flgura  24 
shows  tha  prassura  distribution  on  tha  uppar  surface  of  WR-l  at  Mach  »  .6  and  a  *  20 
dagraas  .  Tha  low  prassura  ragion  can  ba  attributed  to  a  leading  adga  vortax.  Vorticas 
such  as  thasa  occur  at  supersonic  spaads  also  (Ref.  17),  and  can  lead  to  significant 
aarothermal  heating  problems. 


COMCLUSIOHS 

The  above  results  for  tha  wavaridar  are  vary  ancouragihg  bacausa  most  design  methods  for 
hypersonic  vehicles  are  incapable  ot  predicting  wavaridar  parferaanca.  This  is 
aapacially  true  for  off-daslgn  parforaanca  where  only  a  truly  nonlinear  prediction  aathod 
is  adequate.  Because  wavaridars  ara  based  upon  favorable  intarf arance ,  methods  such  as 
tha  Hypar«onic  Arbitrary  Body  program  (Raf.  22  t  cannot  ba  used.  For  lower  Reynolds 
numbers,  highar  Mach  numbers,  or  more  slender  vehicles,  the  viscous  effects  will  become 
more  important  and  the  inviscid  CFD  methods  must  be  replaced  by  Na v i a r-S t okes  and 
Boltzmann  methods. 

Tha  TEAM  coda  has  recently  bean  extended  to  mortal  tha  Reynolds-Avaragad  Na v i a r-S t ok  as 
aquations  (Raf.  26),  this  aspact  of  the  code  will  be  exploited  in  the  near  future  in 
order  to  investigate  aerotharmal  heating.  skin  friction  affects,  and  displacement 
thickness  affects  on  realistic  wavaridars. 
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Figuio  3.  Effect  of  Skin  Ffictbn  end  Thickneu  on  LiD  (Mach  -  4.  Ref.  33) 


Figira  4.  Three-View  of  Rasmussen'i  BNpiical  Corte  Wavendr  with  Bate  fWR-ll 


Figure  5.  Throe  View  of  Rat-Bottom  Waveridor  with  Bast  (WR  2l 
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SUWARY 

This  Is  the  second  In  a  series  of  papers  describing  some  new  research  on  hypersonic 
waverlders.  In  particular,  a  family  of  optimized  hypersonic  waverlders  Is  generated 
and  studied  wherein  detailed  viscous  effects  are  Included  within  the  optimization  pro¬ 
cess  Itself.  This  is  In  contrast  to  previous  optimized  waverlder  work,  wherein  purely 
invlscid  flow  Is  used  to  obtain  the  waverlder  shapes.  For  the  present  waverlders,  the 
undersurface  Is  a  streamsurface  of  an  Invlscid  conical  flowfleld,  the  upper  surface  Is 
a  streamsurface  of  the  Invlscid  flow  over  a  tapered  cylinder  (calculated  by  the  axisym- 
metric  method  of  characteristics),  and  the  viscous  effects  are  treated  by  Integral 
solutions  of  the  boundary  layer  equations.  Transition  from  laminar  to  turbulent  flow  Is 
Included  within  the  viscous  calculations.  The  optimization  Is  carried  out  using  a  non¬ 
linear  simplex  method.  The  resulting  family  of  viscous  hypersonic  waverlders  yields 
predicted  high  values  of  lift/drag,  high  enough  to  break  the  “L/0  barrier"  based  on 
experience  with  other  hypersonic  configurations.  Moreover,  the  numerical  optimization 
process  for  the  viscous  waverlders  results  In  distinctly  different  shapes  compared  to 
previous  work  with  Invlscid-destgned  waverlders.  Also,  the  fine  details  of  the  viscous 
solution,  such  as  how  the  shear  stress  Is  distributed  over  the  surface,  and  the  loca¬ 
tion  of  transition,  are  crucial  to  the  details  of  the  resulting  waverlder  geometry. 
Finally,  unique  to  the  present  paper  Is  a  study  of  the  moment  coefficient  variations 
and  heat  transfer  distributions  associated  with  the  viscous  optimized  waverlders. 


I-  INTRODUCTION 

Over  the  past  few  years.  Interest  In  all  aspects  of  hypersonic  flight  has  grown 
explosively,  driven  by  new  vehicle  concepts  such  as  the  National  Aerospace  Plane 
(NASP),  the  British  spaceplane  (HOTOL),  aero-assisted  orbital  transfer  vehicles 
(AOTV's),  the  hypersonic  transport  (the  "Orient  Express"),  and  hypersonic  missiles,  to 
name  Just  a  few.  An  extended  discussion  of  these  concepts,  as  well  as  a  survey  of 
hypersonic  aerodynamic  research  contrasting  the  “old"  with  the  "new"  hypersonics,  Is 
given  In  Ref.l.  Hence  no  further  elaboration  will  be  given  here. 

The  present  paper  deals  with  a  class  of  advanced  hypersonic  lifting  configurations. 
It  is  a  sequel  to  Ref.  2,  wlikn  describes  the  generation  of  a  new  class  of  hypersonic 
waverlders.  In  the  present  paper,  the  work  of  Ref,  2  Is  reviewed  to  some  extent  In 
order  to  provide  sufficient  understanding  of  the  work.  Then,  unique  to  the  present 
paper,  results  on  moment  coefficient  variations  and  heat  transfer  distributions  asso¬ 
ciated  with  the  present  waverlders  are  presented  and  discussed. 

To  help  understand  the  motivation  for  the  present  work,  the  following  background  is 
given.  For  a  lifting  aerodynamic  body,  it  Is  well-known  that  high  maximum  llft-to-drag 
ratios,  (L/D)n,jx*  difficult  to  obtain  at  hypersonic  speeds,  due  to  the  pre¬ 

sence  of  strong  shock  waves  (hence  high  wave  drag)  and  massive  viscous  effects.  At 
supersonic  and  hypersonic  speeds,  the  most  efficient  lifting  surface  Is  the  Infinitely 
thin  flat  plate;  the  invlscid  hypersonic  aerodynamic  p»’operties  of  a  flat  plate  are 
shown  as  the  solid  curves  In  Fig.l,  based  on  the  Newtonian  limit  of  free  stream  Mach 
number  and  y  »  Cp/Cy*I.  Note  that  L/D  theoretically  approaches  Infinity  as  the 
angle-of-attack,  a,  approaches  zero.  In  reality,  viscous  effects  will  cause  L/D  to 
peak  at  low  values  of  a,  and  to  go  to  zero  as  o^O,  This  is  illustrated  by  the  dashed 
line  In  Fig.l,  which  shows  the  variation  of  L/D  modified  by  skin  friction  as  predicted 
by  a  reference  temperature  method.  Although  the  infinitely  thin  flat  plate  shown 
In  Fig.  1  Is  the  most  effective  lifting  surface  aerodynamical ly.  It  Is  the 
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least  effective  In  terms  of  volume  capacity.  It  goes  without  saying  that  all  prac¬ 
tical  flight  vehicles  must  have  a  finite  volume  to  carry  fuel,  payload,  etc.  Hence, 
the  flat  plate  results,  although  Instructive,  are  of  academic  Interest  pnjy.  In 
contrast.  Fig.  2  shows  values  of  (L/0)|pj^  versus  the  volume  parameter  \r/’/S  for 
several  generic  hypersonic  configurations,  obtained  from  Ref.  3.  Here,  V  Is  the  body 
volume  and  S  Is  the  planform  area.  Note  from  F1g.2  that  typical  hypersonic  values  of 
(L/n),^ax  ^9^9®  4  to  6  for  such  lifting  bodies  at  the  conditions  shown.  These 

values  are  also  typical  of  the  hypersonic  transport  configuration  studied  In  Ref.  4. 
Clearly,  values  of  hypersonic  vehicles  are  substantially  lower  than  those 

for  convenal  subsonic  and  low  supersonic  airplanes.  (For  example,  the  maximum  L/D 
values  for  the  World  War  II  Roeing  R-29  and  the  contemporary  General  Dynamics  F-111  are 
16.8  and  15.8  respectively,  as  obtained  from  Ref.  5).  Indeed,  as  increases  across 
the  supersonic  and  hypersonic  regimes,  there  ;s  a  general  empirical  correlation  for 
(L/D)inav  based  on  actual  flight  vehicle  experience,  given  by  Kuchemann^ : 

4(H,*3) 


This  variation  Is  shown  as  the  solid  curve  in  Fig. 3.  Also  shown  are  a  number  of  data 
points  for  various  previous  hypersonic  vehicle  configurations  at  various  Reynolds  num¬ 
bers  (the  open  symbols),  as  well  as  new  results  from  the  present  investigation  (the 
solid  symbols).  Fig.  3  is  pivotal  to  the  present  paper,  and  will  be  discussed 
at  length  In  subsequent  sections.  However,  at  this  stage  In  our  discussion, 

Fig. 3  Is  used  to  illustrate  only  the  following  aspects: 

1.  The  solid  curve  represents  a  type  of  “L/D  barrier"  for  conventional  hypersonic 
vehicles,  which  is  difficult  to  break. 

2.  Data  for  conventional  hypersonic  vehicles,  shown  as  the  open  circles,  form  an 
almost  random  “shotgun"  pattern  which,  for  the  most  part,  falls  below 

the  solid  curve.  (The  nu^ers  adjacent  to  these  open  circles  pertain  to 
specific  reference  numbers  Itemized  In  Ref.  7,  which  should  be  consulted  for 
details.) 

3.  The  solid  symbols  pertain  to  the  present  study,  and  represent  a  new  class  of 
hypersonic  configurations  which  break  the  “L/n  barrier."  These  configurations 
are  conical  flow  waverlders  that  are  optimized  with  detailed  viscous  effects 
included  directly  In  the  <:H>t1m1zat1on  process. 

To  help  understand  the  contribution  made  by  the  present  work,  let  us  briefly  review 
the  general  concept  of  waverlders.  In  1959,  the  design  of  three-dimensional  hyper¬ 
sonic  vehicles  which  support  planar  attached  shock  waves  was  Introduced  by 
Nonweller,®*  who  hypothesized  that  streamsurfaces  from  the  flow  behind  a  planar  obli¬ 
que  shock  could  be  used  as  supersonic  lifting  surfaces.  This  led  to  a  class  of 
vehicles  with  a  caret-shaped  transverse  cross-section  and  a  delta  planform— the  so- 
called  caret  wing  as  shown  In  Fig,4.  Here,  the  body  surface  Is  generated  by  stream 
surfaces  behind  a  planar  oblique  shock  wave.  The  shock  wave  is  attached  to  the  sharp 
leading  edges  at  the  design  Mach  number,  and  hence  no  flow  spillage  takes  place  around 
the  leading  edge.  The  lift  is  high  due  to  the  high  pressures  behind  a  two-dimensional 
planar  shock  wave,  exerted  on  the  lower  surface  of  the  vehicle.  Because  the  body 
appears  to  be  riding  on  top  of  the  attached  shock  wave.  It  is  called  a  "waverlder". 

The  aerodynamic  advantages  of  such  waverlders  are  listed  In  Ref.  1,  and  are  discussed 
In  great  detail  In  Refs.  7  end  10.  In  short,  without  repeating  the  details  here,  at  a 
given  lift  coefficient,  caret  waverlders  theoretically  operate  at  higher  L/D  values 
than  other  hypersonic  configurations. 

Expanding  on  this  philosophy,  other  types  of  flowflelds  can  be  used  to  generate 
waverlders.  For  example,  any  streamsurface  from  the  supersonic  flow  over  an  axlsym- 
metric  body  can  be  used  to  generate  a  waverider  with  an  attached  shock  wave  along  Its 
complete  leading  edge.  Mork  on  such  waverlders  was  first  carried  out  in  Britain,  as 
nicely  summarized  In  Ref.  11,  where  the  flow  over  a  right-circular  cone  at  zero  degrees 
angle  of  attack  Is  used  to  generate  a  class  of  "conical  flow"  waverlders.  Still  later, 
waverlders  were  generated  from  inclined  circular  and  cones,  and  axlsymmetric 

bodies  with  longitudinal  curvature  by  Rasmussen  et  al,  ’  ,  using  hypersonic  small 

disturbance  theory.  This  work  was  further  e^elllshed  by  the  search  for  optimized 
waverider  shapes.  For  exanple  Cole  and  Zlen^  found  optimized  waverlders  derived  from 
axlsymmetric  bodies  with  longitudinal  curvature  by  using  hypersonic  small  disturbance 
theory  to  generate  inviscid  flow  solutions,  and  then  utilizing  the  calculus  of 
variations  to  obtain  the  optimum  waverider  shapes.  Later,  Kim  et  al.  used  the  same 
philosophy  to  derive  optimum  waverlders  from  flowflelds  about  unyawed  circular  cones^^, 
and  yawed  circular  and  elliptic  cones^”.  In  Refs.  14-16,  the  advantage  of  hypersonic 
small  disturbance  theory  is  that  analytic  expressions  are  obtained  for  surface  pressure 
distributions,  hence  lift  and  wave  drag  can  be  calculated  directly,  thus  enabling  the 
application  of  the  calculus  of  variations  for  optimlzatlN^n. 

Unfortunately,  to  date  the  potential  superiority  of  waverlders  as  hypersonic  high 
L/D  shapes  has  not  been  fully  demonstrated,  either  In  the  wind  tunnel  or  In  flight.  A 
basic  problem  arises  because  of  the  tendency  for  waverlders  to  have  large  wetted  sur¬ 
face  areas,  which  leads  to  large  friction  drag.  All  previous  waverider  optimization 
work  (such  as  Refs.  14-16)  has  been  based  on  the  assumption  of  inviscid  flow,  after 
which  an  estimate  of  skin  friction  for  the  resulting  configuration  is  sometimes  added. 
As  a  result,  the  real  aerodynamic  performance  of  the  resulting  optimum  configuration 
usually  falls  short  of  Its  expectations. 
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The  purpose  of  the  present  work  is  to  remove  this  deficiency.  In  particular,  a 
series  of  conicaUflow  generated  waveriders  die  optimized  for  maximum  L/D  wherein 
detailed  viscous  effects  (including  boundary  layer  transition)  are  included  wiinin 
the  optimization  process  Itself.  This  leads  to  a  new  class  of  waveriders  where  the 
optimization  process  is  trying  to  reduce  the  wetted  surface  area,  hence  reducing  skin 
friction  drag,  while  at  the  sMe  time  maximizing  L/D.  Because  detailed  viscous  effects 
cannot  be  couched  in  simple  analytical  forms,  the  formal  optimization  methods  based  on 
the  calculus  of  variations  cannot  be  used.  Instead,  In  the  present  work  a  numerical^ 
optimization  technique  is  used,  based  on  the  simplex  method  by  Nelder  and  Mead”.  By 
using  a  numerical  optimization  technique,  other  real  configuration  aspects  can  be 
Included  in  the  analysis  in  addition  to  viscous  effects,  such  as  blunted  leading  edges, 
and  an  expansion  upper  surface  (in  contrast  to  the  standard  assun^tion  of  a  free 
stream  upper  surface,  I.e.,  an  upper  surface  with  all  generators  parallel  to  the 
freestream  direction).  The  results  of  the  present  study  l»ad  to  a  new  class  of  wave¬ 
riders,  namely  "viscous  optimized”  waveriders.  Moreover,  these  waveriders  appear  to 
produce  relatively  high  values  of  (L/D),  as  will  be  discussed  in  subsequent  sections. 


U.  ANALYSIS 


For  the  present  waverlder  configurations,  the  following  philosophy  is  followed: 

1.  The  lower  (compression)  surface  Is  generated  by  a  streamsurface  behind  a  conical 
shock  wave.  The  inviscld  conical  flowfield  is  obtained  from  the  numerical 
solution  of  the  Taylor-Kaccol 1  equation,  derived  for  example  in  Ref.  18. 

2.  The  upper  surface  is  treated  as  an  expansion  surface,  generated  in  a  similar 
manner  from  the  inviscld  flow  about  a  tapered,  axlsymmetric  cylinder  at  zero 
angle  of  attack,  and  calculated  by  means  of  the  axlsymmetric  method  of  charac¬ 
teristics. 

3.  The  viscous  effects  are  calculated  by  means  of  an  integral  boundary  layer  analy¬ 
sis  following  surface  streamlines.  Including  transition  from  laminar  to  tur¬ 
bulent  flow. 

4.  Blunt  leading  edges  are  included  to  the  extent  of  determining  the  minimum 
leading  edge  radius  required  to  yield  acceptable  leading  edge  surface  tem¬ 
peratures,  and  then  estimating  the  leading  edge  drag  by  modified  Newtonian 
theory. 

5.  The  final  waverlder  configuration,  optimized  for  maximum  L/D  at  a  given  Mach 
number  and  Reynolds  number  with  body  fineness  ratio  as  a  constraint,  is 
obtained  from  the  numerical  simplex  method  taking  into  account  all  the 
effects  itemized  In  1-4  above  within  the  optimization  process  itself. 

The  following  paragraphs  describe  each  of  the  above  items  in  more  depth;  for  a 
highly  detailed  discussion,  see  Ref.  7. 

A,  Inviscld  Flow  —  Lower  Surface 


The  waverider's  lower  surface  is  generated  from  a  streamsurface  behind  a  conical 
shock  wave  supported  by  a  hypothetical  right  circular  cone  at  zero  angle  of  attack. 

The  hypothetical  cone  and  its  flowfield  is  shown  in  Fig,  5,  where  Oj.  is  the  cone  semi¬ 
angle  and  05  is  the  wave  angle.  The  inviscld  conical  flow  is  obtained  from  the 
Taylor-Maccoll  equation^® 
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solved  by  a  standard  Runge-Kutta,  forth-order  accurate  numerical  technique,  namely  the 
RKF45  algorithm  obtained  from  Ref,  19.  In  Eq.{l),  Vp  is  the  component  of  flow  velocity 
along  a  conical  ray,  9  1$  the  angle  of  the  ray  referred  to  the  cone  axis,  h  is  the  flow 
static  enthaply  and  y  is  the  ratio  of  specific  heats. 

Any  streamsurface  from  this  flowfield  can  represent  the  wing  undersurface  of  a 
waverlder,  as  shown  in  Fig.  6.  (For  purposes  of  Illustration,  Fig.  6  also  shows  the 
waverlder  upper  surface  as  a  freestream  surface,  but  th.s  is  only  one  of  many  possible 
choices  for  the  upper  surface.)  Any  particular  undersurface  Is  uniquely  defined  by  the 
intersection  of  the  conical  flow  streamsurface  with  the  conical  shock  wave,  as  shown  by 
the  curve  labeled  "leading  edge"  in  Fig.  7,  Let  us  examine  Fig, 7  more  closely.  It  Is 
a  front-view  of  the  hypothetical  conical  flowfield,  Illustrating  the  cone  apex  at  the 
center,  and  both  the  cone  base  and  shock  base  at  some  arbitrary  distance  downstream  of 
the  apex.  Consider  a  curve  in  this  front-view,  lying  below  the  apex  (or  even  Including 
the  apex),  as  shown  by  the  curve  labeled  "leading  edge".  Now  construe  this  curve  as  a 
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trace  on  the  conical  shock  wave  itself,  and  visualize  streamlines  trailing  downstream 
from  this  trace;  the  resulting  streamsurface  Is  the  waverlder  undersurface  sketched  In 
Fig.  6.  Indeed,  the  curve  labeled  "leading  edge*  in  Fig.  7  is  simply  the  forward  pro> 
jection  of  the  waverlder  leading  edge  on  the  cross>f1ow  (x*y)  plane.  This  curve  is 
treated  as  ccmipletely  general,  except  for  the  constraints  that  it  be  symmetric  about 
the  y-z  plane,  and  that  it  lie  entirely  below  the  x-z  plane  to  ensure  that  the 
waverlder  undersurface  Is  a  lifting  surface.  Also  in  Fig.  7,  note  the  curve  labeled 
"trailing  edge*.  This  is  the  Intersection  of  the  particular  conical  flow  streamsurface 
with  the  plane  of  the  shock  base,  and  it  represents  the  bottom  surface  trailing  edge  of 
the  waverlder.  This  Is  the  shape  of  the  bottom  of  the  waverlder  base,  as  sketched  in 
Fig.  6.  Returning  to  Fig. 7,  the  area  between  the  "leading  edge"  and  "trailing  edge" 
curves  is  the  forward  projection  of  the  entire  waverlder  compression  surface. 

Moreover,  the  dashed  line  emanating  from  the  cone  apex  in  Fig.  7  is  the  forward  projec¬ 
tion  of  a  conical  flow  streamline;  hence,  that  portion  of  the  dashed  line  contained 
between  the  "leading  edge*  and  "trailing  edge"  curves  is  the  projection  of  a  particular 
streamline  along  the  waverlder  undersurface,  from  the  leading  edge  to  the  trailing 
edge. 

Q.  Inviscid  Flow  —  Upper  Surface 

In  most  previous  waverlder  work,  the  upper  surface  is  treated  as  a  freestream  sur¬ 
face,  as  illustrated  in  Fig.  6.  Here,  the  upper  surface  pressure  is  freestream 
pressure,  p«.  However,  if  the  upper  surface  is  made  an  expansion  surface,  where  p  <  FU, 
then  a  small  but  meaningful  contribution  to  L/0  can  be  obtained.  This  approach  is 
taken  here.  Similar  to  the  philosophy  for  the  lower  surface,  the  upper  surface  is  a 
streamsurface  “carved"  from  a  known  expansion  flow.  The  hypothetical  expansion  body 
chosen  here  is  a  circular  cylinder  of  given  radius;  the  cyclinder  Is  aligned  parallel 
to  the  flow  and,  at  some  point,  is  tapered  parabol ical 1y  to  a  smaller  radius.  The 
result  is  an  axisymmetric  expansion  flow,  t^ere  the  domain  of  expansion  Is  bounded  by  a 
freestream  Mach  cone  centered  on  the  cylinder  axis,  as  shown  in  Fig.  8.  Parabolic 
taper  was  chosen  because  It  is  relatively  simple,  and  the  resulting  expansion  body 
slope  <  yywhe<e  continuous.  Once  the  expansion  body  Is  chosen,  it  remains  only  to 
geometrically  position  the  expansion  region  relative  to  the  lower  surface,  choose  the 
initial  and  final  cylinder  radii,  solve  the  inviscid  expansion  flow,  then  cut  a  stream- 
surface  from  that  flow  to  serve  as  the  waverlder  upper  sy^face.  This  basic  idea  was 
first  developed  for^^wo-dlmenslonal  expansions  by  Flower  ,  and  later  for  axisymmetric 
expansions  by  Moore^^, 

The  axisymmetric  flow  Is  calculated  from  the  axisymmetric  method  of  chaMC- 
terlstics,  using  the  two-step  predictor-corrector  iteration  scheme  of  Ferrr  ,  The 
details  involving  the  matching  of  the  resulting  expansion  surface  with  the  conical  flow 
compression  surface  are  straight  forward,  but  lengthy.  Considering  that  the  expansion 
surface  contributes  only  about  lOX  to  the  value  of  (L/0),  no  further  space  for  its 
discussion  is  justified  in  the  present  paper;  for  the  complete  discussion,  see  ftef.  7. 


C.  Leading-Edge  Bluntness 

Waveriders,  by  design,  have  sharp  leading  edges  that  support  attached  shock  waves. 
However,  for  flight  Mach  numbers  above  five,  the  temperatures  for  sharp  leading  edges 
will  exceed  the  practical  limits  of  most  structural  materials.  This  leads  to  the  need 
for  blunt  leading  edges  with  sufficiently  large  radii  such  that  the  aerodynamic  heat 
flux  Is  reduced  to  reasonable  levels.  However,  at  the  same  time  the  leading  edge 
radius  should  be  as  small  as  possible  to  reduce  the  nose  drag. 

To  reduce  the  required  leading  edge  radius,  Nonweller^^  has  proposed  adding  con¬ 
ducting  material  aft  of  the  leading  edge  to  transport  thermal  energy  away  from  the 
region  of  high  convective  heating  near  the  stagnation  or  attachment  line,  and  conduct 
It  downstream  to  areas  where  convective  heating  is  lower,  and  excess  energy  can  be 
radiated  away  from  the  body,  Nonweiler  labeled  this  theoretical  concept  a 
"conducting  plate",  which  is  somewhat  analogous  to  other  passive  cooling  techniques, 
such  as  heat  pipes.  Using  Nonweiler's  basic  technique,  minimum  leading  edge  radii  can 
be  ascertained,  once  flight  Mach  number,  freestream  conditions,  leading  edge  sweep, 
material  properties,  and  maximum  allowable  ten^erature  are  known. 

In  the  present  work,  Nonweiler's  technique  was  used  to  determine  the  leading  edge 
radii  for  waveriders  designed  for  Mach  numbers  between  6  and  25.  The  leading  edge 
material  used  for  the  calculations  was  ATJ  graphite,  chosen  because  It  Is  representa¬ 
tive  of  materials  with  high  conductivity  and  high  melting  point  temperature.  Details 
of  this  technique  as  applied  to  the  present  work  are  given  In  Ref.  7.  It  Is 
Interesting  to  note  that,  for  conditions  associated  with  the  typical  flight  path  of  a 
lifting  hypersonic  vehicle  entering  the  earth's  atmosphere  at  Mach  25  and  decelerating 
to  Mach  6  at  lower  altitude,  the  minimum  leading  edge  diamevers  ranged  from  6  to  28  nin 
--quite  small  in  comparison  to  a  typical  overall  length  of,  say  60m.  Therefore,  the 
present  waveriders  are  essentially  aerodynamical ly  sharp"  from  that  point  of  view. 
Regardless  of  the  apparently  small  amount  of  required  leading  edge  bluntness  (from  the 
aerodynamic  heating  point  of  view),  the  present  waveriders  were  geometrically  altered 
to  accomodate  the  blunt  edge,  and  the  contribution  to  aerodynamic  forces  on  the 
waverlder  were  estimated  assuming  a  modified  Newtonian  pressure  distribution  on  the 
leading  edge. 


D,  Viscous  Flow  Analysis 


A  major  aspect  of  the  present  investigation  is  that  optimum  waverider  shapes  are 
obtained  wherein  detailed  viscous  effects  are  included  within  the  optimization  process 
itself.  These  viscous  effects  are  calculated  by  means  of  two  integral  boundary  layer 
techniques,  described  below.  In  all  cases,  the  boundary  layer  flow  is  assumed  to  he 
locally  two-dimensional,  following  the  inviscid  upper  surface  and  lower  surface 
streamlines.  Roth  laminar  and  turbulent  flow  are  considered,  along  with  a  transition 
region  based  on  empirical  correlations. 


D.l  Laminar  Analysis 

The  laminar  boundary  layer  calculations  were  performed  using  Walz'  integral 
method,  as  described  in  Ref.  24.  The  method  requires  the  solution  of  a  set  of  coupled 
first-order  ordinary  differential  equations  along  the  boundary  layer  edge  streamlines. 
These  equations  are  the  boundary  layer  momentum  and  mechanical  energy  equations,  given 
by 
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Note  that  in  the  above  equations,  primes  denote  differentiation  with  respect  to  x,  here 
representing  the  boundary  layer  coordinate  in  the  streamline  direction.  The  variables 
in  Eqs.  {9)-(12>  are  defined  by  Walz  to  be 
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Careful  Inspection  of  £q.  (21)  reveals  that  It  is  an  implicit  equation  for  w*,  since  ♦ 
is  a  complex  function  of  W*.  Therefore,  In  practice,  a  numerical  tero-finding  routine 
1$  used  on  Cq.  (21)  to  find  the  value  of  W*  that  yields  the  known  value  of  W.  Wait 
suggested  an  approximation  that  would  allow  closed  form  solution  of  £q.  (21),  however, 
the  present  authors  have  found  that  It  caused  boundary  layer  calculations  to  become 
unstable  when  used  for  a  Mach  six  flat  plate  test  case.  Hence,  the  suggested  approxi¬ 
mation  was  discarded  in  favor  of  the  zero-finding  approach.  For  more  details  on  the 
numerical  solution  of  these  Integral  boundary  layer  equations,  see  Ref.  7. 


D.2  Turbulent  Analysis 

If  and  when  boundary  layer  transition  is  predicted,  turbulent  boundary  layer 
calculatings  are  performed  using  the  inner  variable  integral  method  of  White  and 
Christoph^  ,  In  practice,  the  method  requires  solution  of  one  of  two  first-order  ordi¬ 
nary  differential  equations  along  the  boundary  layer  edge  streamlines,  depending  upon 
the  value  of  the  parameter 


‘•f 

(29) 

\,x  ■  ’»9io 

(30) 

s  *  -  jv  — r 

sin  *A+s1n 

(31) 

-  2 

and  Re*  ■  — ~  -? 

“«  V  ^ 

(32) 

In  Eq.  (31),  the  parameters  A  and  B  are  defined  as 

A  -  a/c 

(33) 

B  -  b/c 

(34) 

7  ♦! 

where  a  =  **  -  2 

(35) 

T  -T 

6.  -  aw  w 

(36) 
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applies,  where 


f*  -  (2.4341  *  1.443z^)exp(-44.0z‘) 

(41) 

g*  -  1  -  2.3z  ».  1.762’ 

(42) 

^  -  ‘/‘max 

(43) 

and  the  primes  denote,  as  In  the  laminar  case,  differentiation  with 
streamline  coordinate,  x.  For  more  details  concerning  the  numerical 
equations,  see  again  Ref.  7. 

respect  to  the 
solution  of  these 

0.  3  Transition  Analysis 

The  prediction  of  transition  from  laminar  to  turbulent  flow  at  hypersonic 
speeds  Is  a  state-of-the-art  research  topic.  In  the  present  analysis,  the  correlation 
used  for  predlctlno  tn'>  onset  of  transition  Is  based  on  two  sets  of  data;  (1)  data  for 
sharp  cones  at  terA  anqle-of-attack'”;  and  (21  data  for  wings  with  blunt,  swept  super¬ 
sonic  leading  edges'  .  The  correlation  gives  local  transition  Reynolds  number  Rex*,  as 
a  function  of  local  edge  Nach  number.  Mg,  as  follows'  :  ‘ 

logj„(Re„^)  •  6.«1  exp  ( 1. 200x10" V )  {«4) 

In  turn,  this  of  trartSitioo  Reynolds  number  Is  modified  for  wing  leading^edge 

swfep,  as  follows  : 

,  vr; — j -  -  0.787cos*'^*®A-0.7221e"'’-°”'''r0.9464  (45) 


where  A  Is  the  sweep  angle,  and  (^*xt^A»0  obtained  from  Eq.(A4), 

Once  the  onset  of  transition  has  been  predicted,  the  extent  of  the  transition 
region,  hence  the  end^of  transition,  is  predicted  using  a  relationship  developed  by 
Harris  and  Blanchard^  ,  as  follows; 

"te  = 

where  x^g  and  are  the  distances  along  a  streamline  from  the  leading  edge  to  the 
beginning  and  end  of  transition,  respectively,  and  (Re)()ti  is  local  Reynolds  number 
at  the  beginning  of  transition  obtained  in  the  present  analysis  from  Eq.(45). 

The  variation  of  local  skin  friction  coefficient  within  the  transitional  region 
(between  xtg  and  x^^)  is  assumed  to  be  a  linear  combination  of  the  laminar  (Cf.  )  and 
turbulent  \Cf-)  values  that  would  have  existed  if  the  boundary  layer  were  completely 
laminar  or  turbulent,  respectively.  The  transitional  friction  coefficient,  is 

thus  related  to  Cf^^  and  Cf^  by: 

<^fTR  '  V,  *  ^ 

where  5  is  a  weighting  factor  (a  function  of  x)  inspired  by  Emmons  (as  discussed  in 
Ref .29),  For  the  present  investigation,  the  following  expression  for  i  is,  as  derived 
in  detail  in  Ref.  7: 
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€(x) 


(48) 


It  is  not  possible  within  the  current  state-of-the-art  to  evaluate  the  accuracy  of 
these  transition  correlations.  After  a  study  of  the  existing  literature,  the  present 
authors  feel  that  the  above  relations  form  a  practical  method  for  simulating  transition 
within  the  goals  of  the  present  study.  They  provide  a  mechanism  for  assessing  the 
effect  of  transition  on  optimum  waverider  shapes;  Indeed,  as  discussed  in  the  results, 
one  series  of  numerical  experiments  is  conducted  wherein  the  transition  location  is 
varied  as  a  parameter. 


E.  Aerodynamic  Forces 

The  lift,  drag,  and  hence  L/0  is  calculated  from  a  detailed  integration  of  the 
local  surface  pressures  and  shear  stress  over  the  waverider  surface.  Consistent  with 
wind  tunnel  practice  as  well  as  other  literature,  base  drag  is  not  included  in  the  pre¬ 
sent  results.  (For  example,  all  the  data  shown  in  Fig.  3  does  not  include  base  drag.) 
This  is  done  to  enable  a  rational  comparison  with  other  data.  Moreover,  at  very  high 
Mach  number,  the  base  drag  becomes  a  small  quantity  in  comparison  to  forebody  drag. 
Oetails  on  the  pressure  and  shear  stress  numerical  integration  can  be  found  in  Ref. 7. 

F.  Waverider  Optimization 


Once  a  specific  shape  for  the  forward  leading  edge  projection  of  a  waverider  is 
chosen,  (such  as  shown  in  Fig.  7),  the  techniques  outlined  in  the  previous  sections  can 
be  used  to  generate  the  corresponding  waverider  and  evaluate  its  lift-to-drag  ratio 
(L/D).  Finding  the  leading  edge  shape  that  maximizes  t/D,  with  all  other  parameters 
held  fixed,  then  requires  an  optimization  scheme  that  can  systematically  change  the 
projected  leading  edge  shape  in  search  of  the  one  that  yields  maximum  L/0. 
Unfortunately,  most  existing  optimization  schemes  require  that  the  function  of  interest 
have  an  analytical  description  --  a  requirement  not  possible  in  the  present  work. 

There  is  one  scf^e,  however,  a  non-linear  simplex  method  for  function  minimization  by 
Nelder  and  Mead  ,  that  requires  nothing  more  than  the  ability  to  numerically  evaluate 
the  function.  This  scheme  has  been  used  in  the  present  work  to  find  optimum  wave- 
riders. 

In  general,  the  scheme  of  Ref. 17  minimizes  a  function  of  n  variables  by  comparing 
values  of  the  function  at  (n+1)  vertices  of  a  "simplex”,  then  replacing  the  vertex 
with  the  highest  function  value  by  another  point  determined  via  the  logic  of  the 
scheme.  As  a  result  of  the  algorithm  logic,  "the  simplex  adapts  Itself  to  the  local 
landscape  [of  the  function  surface),  elongating  down  long  inclined  planes,  changing 
direction  on  encountering  a  valley  at  an  angle,  and  contracting  in  the  neighborhood  of 
a  minimum",  according  to  Ref, 17.  In  this  scheme,  three  operations  --  reflection, 
contraction  and  expansion  —  are  used  to  modify  the  current  simplex  in  an  attempt  to 
replace  the  vertex  having  the  highest  function  value  with  one  having  a  lower  value. 

Each  of  three  operations  replace  one  or  more  of  the  (n+1)  points  (Po.Ri . .P^)  that 
define  the  current  simplex  in  n-dlmenslonal  space  with  new  points  that  yield  progres¬ 
sively  smaller  function  values  (fo*^l»*«» .fn)  9^  vertex  points.  A  graphic 

illustration  of  how  the  method  works  is  shown  in  Fig.  9  for  a  hypothetical  function,  f, 
of  two  variables,  Cj  and  C?.  In  the  figure,  a  triangle  with  vertices  on  the  function 
surface  represents  a  possible  simplex,  in  the  optimization  process,  the  triangle 
(simplex)  flip-flops  down  the  function  valley,  expanding  if  possible  to  speed  up  the 
process,  then  contracting  when  it  straddles  the  minimum. 

To  use  the  simplex  method  for  optimizing  waverider  L/D,  the  shape  of  the  forward 
projection  of  the  leading  edge  must  be  parameterized  in  some  general  way.  In  the  pre¬ 
sent  work,  five  points  in  the  x-y  plane,  lying  inside  of  the  shock  domain,  were  chosen 
to  represent  the  forward  leading  edge  projection,  A  cubic  spline-fit  through  the  five 
points  Is  then  used  to  generate  a  continuous  leading  edge.  One  of  the  five  points,  the 
symmetry  plane  point,  is  constrained  to  lie  on  the  y-axis,  hence  its  x-value  is  always 
zero.  This  leaves  nine  variables,  the  remaining  x  and  y  values  of  the  leading  edge 
projection  points,  for  the  optimization  routine  to  manipulate  in  search  of  an  optimum 
waverider,  A  set  of  leading  edge  coordinates  thus  represent  a  single  vertex  point, 

P,  =  («;?.«3,*4,’<5.yi.y2.y3.y,.y5),  (49) 

of  the  required  simplex,  where  xj  •  0  as  explained,  and  the  function  to  be  minimized  is 
the  negative  of  the  lift-to-drag  ratio 

fl(Pi)  -  (-L/n)^  (50) 

Note  that  the  five  leading  edge  points  are  used  to  define  only  half  of  the  projected 
leading  edge  shape,  since  the  other  half  is  constrained  by  vehicle  symmetry  to  be  the 
mirror  image  of  the  first  half. 

With  nine  variables  (n>9),  ten  points  (hence  ten  leading  edge  shapes)  must  be  chosen  to 
create  the  initial  simplex.  In  the  present  work,  five  polynomials  of  the  form 

■  <^1  *  ♦  C3x\^ 


(51) 
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and  five  cosine  curves  of  the  form 

'  <^4  +  7-^'  (52) 

were  used  to  describe  the  Initial  leading  edge  shapes;  the  constants  Ci,C^,...C5  being 
varied  to  generate  a  set  of  distinct  shapes.  An  example  of  a  set  of  initial  leading 
edge  shapes  is  shown  In  Fig.  10  —  the  bold  line  representing  the  final  shape  asso¬ 
ciated  with  the  optimum  waverider  for  this  case.  Also  note  that  in  the  present  work, 
100  steps  of  the  optimization  routine  were  executed  for  all  cases  run,  though  a  con¬ 
vergence  criterion  could  have  been  implemented  as  described  in  Ref.  17  It  was  found 
that  one-hundred  steps  provided  adequate  convergence  for  engineering  accuracy 
(“10**  -10"  )  without  using  excessive  computer  resources  to  generate  an  optimized 
waverider. 

For  more  details  on  the  optimization  scheme,  see  Ref.  7, 


III.  RESULTS  AND  0ISCUS$I0\ 


The  present  results  are  divided  into  six  sections*  as  follows;  (11  a  presentation 
of  optimum  waverider  shapes  and  aerodynamic  characteristics  at  Mach  6  and  25,  repre¬ 
senting  two  extremes  of  the  hypersonic  flight  spectrum;  (2)  a  discussion  of  two  quan¬ 
tities  affecting  aircraft  longitudinal  stability,  namely  moment  coefficient  and  center 
of  pressure,  for  all  optimum  waveriders  generated  for  Mach  numbers  between  4  and  25; 

(3)  an  example  of  the  heat  transfer  distribution  and  onset  of  boundary  layer  transition 
resulting  on  an  optimized  waverider;  (4)  a  numerical  experiment  to  assess  the  impact  of 
boundary  layer  transition  on  the  optimized  waverider  shapes;  (5)  an  assessment  of  the 
need  to  account  for  detailed  surface  variations  of  shear  stress  in  contrast  to  the  use 
of  an  average  skin  friction  coefficient  during  the  optimization  process;  (6)  an  exami¬ 
nation  of  the  question:  if  the  skin  friction  is  deleted  from  the  present  analysis, 
what  type  of  optimized  inviscid  waverider  configuration  is  produced? 

Due  to  the  specialized  nature  of  any  waverider  generation  analysis,  including  the 
present  one,  it  1$  difficult  to  obtain  a  direct  benchmark  comparison  with  existing  data 
in  order  to  verify  the  integrity  of  the  current  re  ults.  However,  with  the  present 
analysis,  it  is  possible  to  calculate  the  aerodynamic  properties  of  a  half-cone  with  a 
flat  delta  wing  mounted  on  top;  in  this  case  the  wing  will  have  a  sweep  angle 
corresponding  to  the  shock  angle  of  the  cone,  and  the  body  will  be  at  zero  degrees 
angle  of  attack.  This  specialized  case  was  calculated  at  Mach  6.8  for  a  half-cone  of 
9(;  »  3.67^,  and  the  corresponding  wing  sweep  angle  of  81®.  The  result  is  given  as  the 
flagged  solid  square  in  Fig, 3.  This  1$  to  be  partly  compared  with  the  point  labeled 
P2a,  which  was  obtained  from  Ref.  3,  and  which  corresponds  to  a  similar  flat-top  half¬ 
cone,  delta  wing  model,  but  at  conditions  of  maximum  L/D,  hence  at  some  positive  angle 
of  attack.  About  the  only  point  to  be  made  here^ls  that  the  calculated  L/D  at  zero 
angle  of  attack  is  lower  than  the  measured  (L/*T)_-  at  some  angl e-of-attack  --  a  proper 
qualitative  result.  The  measured  L/0  at  zero  angfe-of-attack  is  not  presented  in  Ref. 
3;  however,  through  a  personal  inquiry  to  Patrick  Johnston  at  NASA  Langley,  the  present 
authors  have  been  told  that  the  measured  L/O  at  zero-angle-of-attack  was  2,7  --  about 
eight  percent  higher  than  the  value  of  2.5  calculated  with  the  present  analysis.  This 
is  a  reasonable  comparison,  and  if  anything,  seems  to  indicate  that  the  present  aerody¬ 
namic  analysis  is  conservative.  (Please  note  that  the  comparisons  discussed  above  are 

*  given  configuration,  not  an  optimized  waverider;  hence  any  degree  of 
validation  here  pertains  to  the  aerodynamic  portion  of  the  analysis  and  not  to  the  pre¬ 
sent  optimization  process  itself.) 

A.  Representative  Waveriders 


In  Ref.  7,  a  series  of  optimized  waveriders  is  generated,  including  cases  at  M»  = 
4,6,10,16,20  and  25.  The  conditions  correspond  to  altitude-velocity  points  along  a 
typical  entry  flight  trajectory  of  a  lifting  hypersonic  vehicle,  such  as  an  aerospace 
plane.  In  the  present  section,  only  the  results  at  M,  =  6  and  25  are  presented  as 
representat ive  of  the  two  extremes  of  the  flight  spectrum.  Ref,  7  should  be  consulted 
for  additional  results. 

Fig.  11  gives  values  of  (L/D),  Cl,  and  volumetric  efficiency,  n  =  V^^^/Sp,  for 
waveriders  optimized  at  different  assumed  wave  angles  for  the  conical  shock.  To 
understand  this  more  fully,  consider  the  conical  flow  field  associated  with  a  given 
conical  shock  wave,  say  85  »  11®.  For  this  value  of  O5  an  optimum  waverider  shape  is 
obtained  (refer  again  to  the  bold  curve  in  Fig.  10).  The  resulting  characteristics  of 
this  optimized  waverider  are  then  plotted  on  Fig.  11  for  65  «  11*.  This  process  is 
repeated  for  other  values  of  65,  say  12*,  13*,  and  14*.  For  each  value  of  65,  an 
optimized  waverider  is  obtained,  and  its  characteristics  plotted  in  Fig,  11  as  the 
open  symbols.  (The  solid  symbols  will  be  discussed  later.)  Hence,  Fig.  11  pertains  to 
an  entire  series  of  optimized  waveriders.  However,  note  that  the  (L/D)  curve  itself  has 
a  maximum  (in  this  case  for  »  12®)*  This  yields  an  "optimum  of  the  optimums",  and 
defines  the  final  viscous  optimized  waverider  at  *  6  for  the  flight  conditions  shown 
in  Fig,  11.  The  front  views  of  the  optimum  shapes  at  each  value  0^  65  are  shown  in 
Fig.  12,  and  the  corresponding  perspective  views  are  shown  in  Fig.  13.  Finally,  a 
summary  three-view  of  the  best  optimum  (the  "optimum  of  the  optimum")  waverider,  which 


f 
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here  corresponds  to  dj  •  12®,  is  given  In  Fig.  14.  Also  In  Figs.  12-14,  the  lines  on 
the  upper  and  lower  surfaces  of  the  waveriders  are  Inviscid  streamlines.  Note  in  these 
figures  that  the  shape  of  the  (^timum  waverider  changes  considerably  with  8^. 

Moreover,  examining  (for  example)  Figure  14,  note  the  rather  complex  curvature  of  the 
leading  edge  in  both  the  planform  and  front  views;  the  optimization  program  is  shaping 
the  waverider  to  adjust  both  wave  drag  and  skin  friction  drag  so  that  the  overall  L/D 
is  a  maximum.  Indeed,  It  was  observed  In  all  of  the  present  results  that  the  best 
optimum  shape  at  any  given  results  In  the  magnitudes  of  wave  drag  and  skin  friction 
drag  being  approximately  the^same,  never  differing  by  more  than  a  factor  of  two.  For 
conical  shock  angles  below  the  best  optimum  (for  example  8^  «  ll®  in  figs.  12  and  13), 
skin  friction  drag  is  greater  than  wave  drag;  in  contrast,  for  conical  shock  angles 
above  the  best  optimum  (for  example  8^  ■  13®  and  14**  in  Figures  12  and  13),  skin  fric¬ 
tion  drag  Is  less  than  wave  drag.  (Note:  For  a  hypersonic  flat  plate,  using  Newtonian 
theory  and  an  average  skin  friction  coefficient,  it  can  readily  be  shown  that  at  maxi- 
mumum  L/0,  the  wave  drag  is  twice  the  friction  drag.) 

The  results  in  Figs.  11-14  pertain  to  M^  »  6.  An  analogous  set  of  results  for  the 
other  extreme  of  the  lifting  hypersonic  flight  spectrum  at  n,  ■  25  is  given  In  Figs. 
15-18.  The  aerodynamic  characteristics  of  optimum  waveriders  for  85  -  7®, 8®, 9®  and  10* 
are  given  as  the  open  symbols  Fig.  15  (the  solid  symbols  will  be  discussed  later). 

The  respective  front  views  are  shown  in  Fig.  16,  and  perspective  views  in  Fig.  17. 
Finally,  the  best  optimum  Mach  25  waverider  (which  occurs  at  8^  «  9®)  is  summarized  in 
Fig.  18.  Comparing  the  optimum  configuration  at  *  6  (Fig.  14)  with  the  optimum 

configuration  at  Mach  25  (Fig.  18),  note  that  the  Mach  25  shape  has  more  wing  sweep, 
and  pertains  to  a  conical  flowfleld  with  a  smaller  wave  angle,  both  of  which  are 
intuitively  expected  at  higher  Mach  number.  However,  note  from  the  flight  conditions 
listed  in  Figs.  11  and  IS  that  the  body  slenderness  ratio  at  *  6  is  constrained  to 
be  b/t  «  0.06  (analogous  to  a  supersonic  transport  such  as  the  Concorde)  but  that  b/t  - 
0.09  is  the  constraint  chosen  at  M»  *  25  (analogous  to  a  hydrogen  fueled  hypersonic 
aeroplane  such  as  the  British  HOTOL).  The  two  different  slenderness  ratios  are  chosen 
on  the  basis  of  reality  for  two  different  aircraft  with  two  different  missions  at 
either  extreme  of  the  hypersonic  flight  spectrum.  Also  note  in  Figs.  16-18  the  opti¬ 
mization  program  has  sculptured  a  best  optimized  configuration  with  a  spline  down  the 
center  of  the  upper  surface — an  interesting  and  curious  result,  due  principally  to  the 
competing  effects  of  minimizing  pressure  and  skin  friction  drag,  while  meeting  the 
slenderness  ratio  constraint. 


Return  to  Fig,  15,  and  note  the  solid  symbols.  These  pertain  to  the  values  of  Cl 
and  L/n  obtained  by  setting  the  ratio  of  specific  heats  y  to  1.1  in  order  to  assess 
possible  effects  of  high  temperature  chemically  reacting  flow.  The  solid  symbols  per¬ 
tain  to  an  optimized  waverider  at  e.  *  9*  with  y  »  1.1.  This  is  not  necessarily  the 
best  optimum  at  Mach  25  with  y  »  1.1;  rather,  it  is  just  a  point  calculation  to  indi¬ 
cate  that  high  temperature  effects  will  most  likely  have  a  significant  impact  on  opti¬ 
mized  waverider  generation,  and  that  such  effects  are  worthy  of  future  investigation. 
The  detailed  aspects  of  high  temperature  effects  are  beyond  the  scope  of  the  present 
paper;  additional  discussion  is  given  in  Ref.  7. 


As  a  final  note  in  this  section,  return  to  Fig.  3,  and  note  that  the  solid  symbols 
pertain  to  the  present  investigation.  The  flagged  square  has  been  discussed  earlier  as 
the  data  point  for  a  half-cone  with  a  delta  wing  at  zero  angle-of-attack;  it  is  not 
part  of  the  present  waverider  family.  The  un-flagged  solid  square  at  “  4  pertains 
to  a  relatively  large  slenderness  ratio  of  0.087,  used  to  generate  a  waverider  for 
wind  tunnel  testing.  The  remaining  solid  symbols,  the  circles  and  triangles,  pertain  to 
the  present  discussion.  Recall  that  the  circles  are  for  b/t  «  0.06  (a  Concorde-like 
slenderness  ratio  for  a  low  Mach  number  configuration),  and  that  the  triangles  are  for 
b/t  *0,09  (a  HOTOL-like  slenderness  ratio  for  a  high  Mach  number  configuration).  In 
the  present  section,  we  have  discussed  results  obtained  at  Mach  6  and  25;  Fig.  3  shows 
these  plus  others  at  intermediate  Mach  numbers.  All  of  these  cases  are  discussed  In 
detail  in  Ref,  7.  However,  in  regard  to  Fig. 3,  emphasis  is  now  made  that  the  present 
viscous  optimized  waveriders  produce  values  of  (L/O)  which  exceed  the  "L/D  barrier" 
discussed  in  Section  I,  and  shown  as  the  solid  curve  in  Fig, 3.  Indeed,  the  present 
waverider  L/D  variation  is  more  closely  given  by 


(L/D) 


max 


shown  as  the  dashed  curve  in  Fig.  3.  Note  that  the  two  points  given  for  *  20  and  25 
deviate  away  from  the  dashed  curve.  This  is  a  Reynolds  number  effect.  Recall  that  all 
the  Mach  number-altitude  points  for  the  present  waveriders  are  chosen  to  follow  a  typi¬ 
cal  lifting  vehicle  flight  path  through  the  atmosphere.  The  point  at  Mach  25  is  at 
very  high  altitude  (250,000  ft,),  with  a  corresponding  low  Reynolds  nwnber  (Re  • 

1.4x10  );  the  flow  is  completely  laminar.  At  Mach  20,  the  Reynolds  number  is  12  times 
higher,  but  based  on  the  transition  criterion  discussed  in  Section  II  the  flow  is  still 
completely  laminar.  Hence,  the  laminar  skin-friction  coefficient  at  the  Mach  20  point 
in  Fig,  3  Is  much  lower  (cf  «  1//Ri)  than  at  the  Mach  25  point,  with  an  attendant 
larger  (L/DJ  at  Mach  20.  In  contrast,  the  point  at  Mach  15  is  transitional,  with 
regions  of  both  laminar  and  turburlent  flow,  and  hence  with  larger  skin-friction  and  a 
lower  (L/D),  In  any  event,  the  results  given  In  Fig.  3  Indicate  that  the  present 
viscous  optimized  waveriders  produce  high  values  of  (L/D)»  and  therefore  are  worthy  of 
additional  consideration  for  hypersonic  vehicle  application. 


B.  Quantities  Affecting  Longitudinal  StabHUy 

Because  stability  Is  a  crucial  aspect  of  any  aircraft  design,  two  quantities 
affecting  longitudinal  stability,  namely  moment  coefficient  and  center  of  pressure,  are 
presented  In  Fig.  19  for  the  best  optimum  waveriders  generated  for  Mach  numbers  between 
4  and  25.  In  addition,  for  comparison,  the  same  quanititles  are  presented  for  the  more 
conventional  Mach  8  design  of  Ref.  4  at  (L/D)^,  and  a  Reynolds  number  of  156.? 
million.  ^ 

Shown  In  Fig.  19  are  the  moment  coefficients  about  the  aircraft  nose  » 

M(j/q^pt)  and  the  resulting  centers  of  pressure  as  a  fraction  of  aircraft  length  for 
the  above  mentioned  waveriders  and  Mach  8  design.  Fig.  19  Is  not  intended  to  show 
trends  In  moment  coefficient  or  center  of  pressure  with  Mach  number,  but  merely  to 
Illustrate  the  values  these  quantities  attain  for  optimized  waveriders,  and  provide  a 
comparison  with  a  more  conventional  aircraft  design.  4$  is  evident  In  Fig.  19  there  is 
a  great  deal  of  scatter  In  both  quantities  across  the  Mach  number  spectrum.  This  is  due 
principally  to  the  somewhat  Irregular  pattern  of  coefflclent-of-lift  with  increasing 
Mach  number  that  the  best  optimum  waveriders  are  operating  at,  which  in  turn  is  due  to 
the  widely  different  Reynolds  numbers  that  they  are  assumed  to  operate  at  In  keeping 
with  the  trajectory  of  an  aerospace  plane.  Remember  that  the  shock  angle,  hence  Cl 
that  yields  the  best  optimum  waverider  is  a  function  of  Reynolds  number,  since  a  sort 
of  balance  between  skin  friction  drag  and  wave  drag  is  achieved  by  the  best  optimum 
waverider. 

Looking  at  Fig.  19  once  again,  notice  that  although  the  moment  coefficient  of  the 
Mach  8  design  is  in  line  with  the  moment  coefficients  of  the  waveriders  In  the  low 
hypersonic  range,  the  center  of  pressure  of  the  Mach  8  design  (the  solid  square)  is 
significantly  more  forward  than  the  waverider  centers  of  pressure.  However,  It  should 
also  be  recognized  that  the  center  of  gravity  of  the  Mach  8  design  is  probably  more 
forward  than  that  achievable  with  a  waverider.  This  point  Is  Illustrated  in  Fig,  20 
where  side  views  of  the  Mach  6  and  Mach  10  best  optimum  waveriders,  and  the  Mach  8 
design  of  Ref.  4  are  shown.  Notice  In  Fig,  20  the  concentration  of  volume  toward  the 
aft  portion  of  both  waveriders  in  comparison  to  the  Mach  8  design.  As  a  final  comment, 
one  should  also  keep  In  mind  that  adding  nozzles  and  other  devices  necessary  for  flight 
may  have  a  significant  effect  on  tne  center  of  pressure  location  and  moment  coefficient 
of  an  actual  aircraft,  especially  hypersonic  aircraft  because  of  the  significant 
Integration  of  airframe  and  propulsion  system  required  by  them. 

C,  An  Example  of  Heat  Transfer 

To  illustrate  the  level  of  heating  to  be  expected  on  an  optimized  waverider,  a  con¬ 
tour  plot  of  the  convective  heat  flux  to  an  optimum  waverider  is  shown  in  Fig,  h.  Fig, 
21  is  a  planform  view  of  the  best  optimum  waverider  generated  for  Mach  10  conditions  at 
an  altitude  of  125,000  ft.,  hence  at  a  Reynolds  number  of  62.89  million  (based  on  an 
aircraft  length  of  60m),  and  with  a  skin  temperature  of  1400K,  Shown  in  Fig,  21  are 
lines  of  constant  stanton  number  (Ch)  both  the  upper  and  lower  waverider  surfaces. 
The  numbers  on  the  contour  lines  are  values  of  Stanton  number  multiplied  by  100,000, 
where  Staqton  number  Is  defined  here  as 


Ch 


(53) 


where  is  heat  flux  per  second  to  tne  wall,  and  V,  are  freestream  density  and  velo* 
city,  respectively,  Cp  Is  the  specific  heat  of  air  at  constant  pressure,  T^  is  the 
freestream  total  temperature  and  T^,  Is  the  wall  temperature.  Also  shown  in  Fig,  21  are 
the  lines  of  transition  onset  for  both  the  upper  and  lower  surface.  Note  that  for  the 
present  work,  the  Reynolds  analogy  of  Adams  and  Martindale  (as  reported  In  Ref.  30)  was 
used  to  obtain  Stanton  numbers  from  skin  friction  coefficients  already  calculated  using 
the  boundary  layer  techniques  discussed  In  Section  11  D. 


The  most  interesting  aspects  of  Fig.  21  are  that  the  heat  transfer  on  the  upper 
expansion  surface  Is  significantly  less  than  on  the  lower  surface,  and  that  boundary 
layer  transition  occurs  further  aft  on  the  upper  surface  --  results  to  be  expected  for 
the  conditions  of  relatively  higher  Mach  number  and  lower  pressure  on  the  upper  sur¬ 
face.  Also  notice  that  transition  on  the  upper  surface  occurs  further  aft  at  the 
center  line  than  slightly  outboard  of  the  center  line,  a  phenomenon  not  evident  on  the 
lower  surface.  This  behavior  is  doe  to  a  combination  of  the  more  complex  shape,  hence 
flow  characteristics,  on  the  upper  surface,  and  the  blunt  leading  edge  effects  on  tran¬ 
sition.  Finally,  It  Is  interesting  to  note  that  the  contour  line  just  downstream  of 
the  transition  line  on  the  lower  surface  has  a  value  of  Cf,  low^r  than  the  values  of  the 
contour  lines  both  above  and  below  it,  indicating  it  is  In  the  transition  region, 

D,  Sensitivity  to  Transition 


Because  the  major  thrust  of  the  present  work  is  the  Inclusion  of  detailed  viscous 
effects  In  the  waverider  optimization,  the  question  naturally  arises:  How  sensitive 
are  the  present  waveriders  to  uncertainties  in  the  location  of  transition  from  laminar 
to  turbulent  flow?  To  address  this  question,  a  numerical  experiment  is  carried  out 
wherein  the  transition  location  was  varied  over  a  wide  latitude,  ranging  from  all  lami- 


nar  flow  on  one  hand,  to  alnost  all  turbulent  flow  on  the  other  hand,  with  various 
cases  inbetween.  Specific  results  at  Hach  10  are  given  In  Fig.  22;  here  values  of  (L/D) 
are  given  for  optlelted  waverlders  as  a  function  of  assumed  transition  location.  The 
point  corresponding  to  the  transition  correlation  described  In  Section  Ii,  D.3,  Is 
denoted  by  "x*  In  Fig.  22.  Other  points  In  Fig.  22  labeled  Sx,  lOx  and  ISx  correspond 
to  transition  locations  that  are  5,  10  and  15  times  the  value  predicted  by  the  tran¬ 
sition  correlation.  Alt  the  data  given  In  Fig.  22  pertain  to  optimized  waverlders  for 
«  9*,  which  yields  the  best  optimum  at  Hach  10  for  the  usual  transition  correlation. 
(Note,  however,  that  Oj  *  9®  may  not  yield  the  best  optimum  for  other  transition  loca¬ 
tions;  this  effect  1$  not  Investigated  here.)  The  results  In  Fig,  22  demonstrate  a 
major  Increase  In  (L/0)  In  going  from  almost  all  turbulent  flow  to  all  laminar  flow. 
However,  for  the  case  where  transition  Is  changed  by  a  factor  or  five,  only  a  2%  change 
In  L/0  results.  Even  for  the  case  where  transition  1$  changed  by  a  factor  of  ten,  a 
relatively  small  change  In  L/0  of  IIK  results.  On  the  other  Mnd,  the  shapes  of  the 
resulting  optimized  waverlders  are  fairly  sensitive  to  tbe  transition  location,  as 
Illustrated  In  Figs.  23  and  24.  The  conclusion  to  be  made  here  Is  that  waverider  opti¬ 
mization  Is  Indeed  relatively  sensitive  to  transition  location,  and  this  underscores 
the  need  for  reliable  predictions  of  transition  at  hypersonic  speeds. 

F.  On  the  Use  of  Average  Skin  Friction  Coefficients 

The  present  detailed  viscous  analysis  computes  the  surface  shear  stress  distribu¬ 
tions,  and  integrates  over  the  surface  to  obtain  the  total  skin  friction  drag.  This 
requires  a  substantial  amount  of  computer  calculations,  and  leads  to  the  question:  Can 
an  overall  average  skin  friction  coefficient  be  used  within  the  optimization  process 
rather  than  dealing  with  the  detailed  shear  stess  distributions?  To  address  this 
question,  consider  the  best  optimum  Hach  six  case  given  In  Fig.  11,  which  was  orginally 
calculate  with  the  detailed  shear  stress  distributions.  From  this  result,  an  average 
skin  friction  drag  coefficient  was  calculated  for  the  complete  configuration.  Then  the 
optimization  code  was  run  again  for  the  same  Hach  six  case,  now  using  this  average  skin 
friction  drag  coefficient.  The  results  are  given  In  Fig.  11  as  the  solid  synEoTsT'  Only 
a  small  difference  exists  between  the  two  cases;  Indeed,  the  resulting  waverider  shapes 
are  virtually  the  same,  as  given  In  Ref.  7.  This  Implies  that  i_f  an  accurate  average 
skin  friction  drag  coefficient  can  be  obtained,  the  resulting  optimized  wav<jriders 
would  be  reasonably  valid.  However,  the  problem  with  this  method  Is  that  the  Infor¬ 
mation  needed  to  obtain  the  average  skin  friction  drag  coefficient  Is  not  known 
apriori.  Moreover,  If  other  independent  means  are  used  to  obtain  an  approximate 
average  skin  friction  drag  coefficient  and  this  approximate  average  value  Is  used  In 
the  optimization  process,  the  results  can  be  quite  different  from  those  obtained  from 
the  use  of  detailed  shear  stress  distributions;  see  Ref.  7  for  more  discussion  on  this 
aspect.  This  situation.  In  combination  with  the  sensitivity  to  transition  demonstrated 
In  the  previous  section,  seems  to  dictate  the  necessity  of  using  the  detailed  shear 
stress  distributions  rather  than  some  approximate  average  value  of  skin  friction  drag 
coefficient  for  obtaining  the  proper  optimized  waverlders. 

F.  Inviscid  Optimized  Waverlders 


As  a  final  note,  it  Is  interesting  to  pose  the  question;  If  the  skin  friction  is 
deleted  from  the  present  analysis,  vdiat  type  of  optimized  Inviscid  waverider  con¬ 
figuration,  with  a  constraint  on  slenderness  ratio,  Is  produced?  ^To  examine  this 
question,  the  present  computer  code  was  run  without  skin  friction  as  part  of  the  opti¬ 
mization  process,  covering  the  range  of  Mach  number  from  6  to  25.  A  typical  result  for 
the  Inviscid  optimized  configuration  Is  shown  in  Fig, 25.  Here  we  see  essentially  a 
wedge-like  caret  waverider,  such  as  the  classic  configuration  generated  by  the^ two- 
dimensional  flow  behind  a  planar  oblique  shock  wave,  as  discussed  by  Nonweiler^*  . 

This  clearly  indicates  that  the  optimized  Inviscid  waverider  with  slenderness  ratio  as 
the  constraint  Is  indeed  a  caret  wing.  The  result  shown  In  Fig.  25  is  produced  by  the 
present  conical  flow  analysis  as  a  "limiting  case",  wherein  the  optimum  shape  is 
seeking  the  flattest  portion  of  the  conical  shock  wave.  To  see  this  more  cWarly, 
return  to  Fig,  6,  The  resulting  inviscid  waverlders  are  being  generated  by  relatively 
flat  streamsurfaces  at  the  extreitw  back  and  bottom  of  the  generating  conical  flow-field 
--  where  the  shock  radius  of  curvature  Is  the  largest  (relative  to  the  scale  of  the 
waverider)  and  the  flow  Is  closest  to  being  two-dimensional.  Consequently,  the 
inviscid  configurations  are  tiny  shapes  compared  to  the  scale  of  the  flowfleld  in  Fig. 
6,  and  they  are  "squeezed"  into  a  tiny  area  at  the  bottom  of  the  shock  base.  In  turn, 
due  to  the  logic  of  the  existing  conical  flow  code,  only  a  few  pressure  and  shear 
stress  points  are  calculated  on  the  surface  of  these  tiny  waverlders,  raising  questions 
about  the  numerical  accuracy  of  the  calculation  of  their  lift  and  drag.  Therefore,  no 
further  discussion  about  the  inviscid  optimized  waverlders  will  be  given  here,  except 
to  emphasize  again  that  a  two-dimensional  caret  wing  seems  to  be  the  optimum  inviscid 
shape  that  is  predicted  by  the  present  conical  flow  analyses. 

tv  CONCLUSIONS 

In  comparison  to  previous  optimized  waverider  analyses,  the  present  work  is  the 
first  to  Include  detailed  viscous  effects  within  the  optimization  process.  From  this 
work,  the  following  major  conclusions  are  made; 

1.  The  resulting  family  of  viscous  hypersonic  waverlders  yields  predicted  high 
values  of  (L/q)  •»h1ch  break  the  "L/0  barrier"  discussed  In  Section  I. 


2.  The  optimization  process  for  the  viscous  waverlders  results  In  distinctly  dif¬ 
ferent  shapes  compared  to  previous  work  with  Inviscld-designed  waverlders. 

3.  The  fine  details  of  the  viscous  solution,  such  as  how  the  shear  stress  is 
distributed  over  the  surface,  and  the  location  of  transition,  are  crucial  to 
the  details  of  the  resulting  waverlder  geometry. 

4.  The  center-of-pressure  for  the  present  waverlders  Is  located  further  aft  com¬ 
pared  to  a  standard  hypersonic  transport  configuration. 

5.  The  waverlder  heat  transfer  distributions  exhibit  some  Interesting  variations 
worth  further  study. 
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FIG.  1:  Newtonian  results  for  a  flat  plate 
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Side  view  comparison  of  two  optimized  waverlders  against  a  more  conventional 
hypersonic  design. 


FIG.  21:  Upper  and  lower  surface  heat  transfer  contours  and  transition  onset  lines. 


FIG.  25:  An  optimized  inviscid  waverider  at  Mach  10;  a  caret  wing. 
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HYPERSONIC  STATIC  AND  DYNAMIC  STABILITY  OF  AXISYMMETRIC  SHAPES  A  COMPARISON  OF  PREDICTION 

METHODS  AND  EXPERIMENT 

R  A  EASTandG  R  HUTT 

Department  of  Aeronautics  and  Astronautics,  University  of  Southampton,  United  Kingdom 

ABSTRACT 

The  stability  of  oscillatory  motions  of  vehicles  flying  at  hypersonic  Mach  numbers  is  of  considerable  relevance  to  their  iniiiai 
design.  Methods  are  needed  for  quick  and  accurate  predictions  of  stability  and  control  which  are  applicable  over  a  wide  range  of  body 
shapes,  angles  of  attack  and  flow  conditions,  without  the  need  to  resort  to  computationally  time  consuming  numerical  flow  field 
calculation  methods. 

The  purpose  of  this  paper  is  to  present  experimental  data,  obtained  over  a  range  of  angles  of  attack,  concerning  the  static  and 
dynamic  pitching  stability  of  a  wide  range  of  both  pointed  and  blunted  axisymmetric  shapes  including  cones  and  blunted  cylinder  flareb 
These  data  have  been  obtained  from  free  oscillation  experimenta  at  M  =  6  B5  in  a  short  duration  free  piston  driven  hypersonic  wind 
tunnel  Although  Newtonian  theory  gives  inadequate  accuracy  of  prediction,  inviscid  embedded  Newtonian  theory,  which  accounts  for 
the  reduced  dynamic  pressure  and  tower  flow  velocity  in  the  embedded  Row  downstream  of  the  strong  bow  shock,  is  shown  to  provide 
surprisingly  good  agreement  with  the  experimental  data  over  a  wide  range  of  conditions  A  particular  aspect  which  is  explored  is  the 
ability  of  the  inviscid  embedded  Newtonian  theory  to  predict  the  effects  of  nose  bluntness,  flare  geometry,  angle  of  attack  and  centre  of 
gravity  position  on  singU-degree-of-freedom  oscillatory  motions.  Comparisons  with  experimental  results  show  that  the  broad  flow 
features  and  their  effect  on  static  and  dynamic  stability  are  well  described  in  regimes  not  containing  flow  structural  change.  However, 
in  some  cases  discrepancies  exist  between  the  predictions  and  experimental  observations  and  these  have  been  attributed  to  a  variety  of 
viscous  flow  phenomena  involving  boundary  layer  transition  and  flow  separation,  including  complex  lee-surface  vortical  flows 

LIST  OF  SYMBOLS 

c  reference  length,  pointed  cone  length  t/j  for  cones,  cylinder  diameter  idvl  for  hyperballisiic  shapes 

nose  drag  coefficient, 

Cm  pitching  moment  coefRcient,  Cm  =  Mp/J  p«  V*2  5^ 

Cm^  aerodynamic  stitTness  derivative,  =  dC«/«Jo 

CmQ  pitching  moment  derivative  due  to  rate  of  change  of  angle  of  attack,  =  dCm/d'Qc/2  Vco) 

Cm  pitchingmomentderivaiiveduetorateofpitching,Cm  -  dCm/dtqc/2V^) 

Cs  normal  force  coefficient,  Cv  =  N/(|p« 

Cp  pressure  coefficient,  Cp  =  ip-  p»V(  i  p* 

Cp  blast  wave  presure  coefficient 

Cy  empirical  coefficient 

da  base  diameter 

ds  diameter  of  hemispherical  nose 

f*  dynamic  pressure  function,/*  =  pV2'p,„  V** 

g*  velocity  function,  g*  =  V/V» 

L  body  length,  length  of  equivalent  pointed  cone  for  blunt  cones 

free  stream  Mach  number 
Mp  pitching  moment,  positive  nose  up 

N  normal  force 

p  pressure 

p9  free  stream  static  pressure 

q  pitch  rate  (rads') 

r  body  cross  sectional  radius.  r'=  r/d.v 

R  radial  distance, /}''= 

Rf  cross-sectional  radiusofbow  shock.  =  R^/ds 

Re  unit  Reynolds  number 
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He^  Reynolds  number  based  on  cone  base  diameter,  da 

He^  Reynolds  number  based  on  diameter,  d  ds  for  hyperballistic  shapes 

S'  reference  area,  base  area  ( -  iit/A2/4)  for  cones,  cylinder  areal  =  iidv^/41  for  h)  pfrbailisiic  shapes 

V'  velocity  in  x  direction  in  embedded  flow 

free  stream  velocity 

u„  velocity  component  perpendicular  to  body  element 

X  axial  distance  downstream  of  nose/body  junction,  x'  =  t/ds 

xa  X  co-ordinate  of  body  base 

z,  X  co-ordinate  of  apex  ofbuw  shui'H.  z,*  =  x^ds 

X(;q  X  CO  ordinate  of  oscillation  axis.  Az  - 

i  verticalco  ordinate, z'=  z.rf.v 

<1  angle  ofallack 

V  ratio  of  specific  heals 

p  air  dc-nsily 

4>  azimuth  angle 

U  angle  of  body  surface  element 

X*  similarity  parameter 

iv  angular  velocity 

u>'  tvc/2Vt.  reduced  fre<iucncy  parameter 


Suliscriuts 

H  body  base 

('(}  axisof oscillation 

N  body  nose 

.S  shock 

Ni  ui  Newtonian  value 

•»  free  stream 

Superscript 


dimensionless  distances  e  g  x’  -  vds 
1,  INTRODUCTION 

Hypersonic  vehicle  technology  is  a  subject  of  increasing  importance  in  a  variety  of  apphcalions  Particular  applications 
iMciudo  future  space  transportation  systems,  aeroassislcd  orbital  transfer  vehicles,  the  hypersonic  transport,  the  iransalmosphcric 
aircraft  and  re  entry  vehicles  Hroad  aspects  of  vehicle  performance  are  determined  by  the  steady  aerodynamic  characteristics,  but  the 
ability  to  follow  a  predetermined  flight  path  or  reentry  trajectory  is  determined  by  stability  and  control  considerations  In  must 
projected  future  applications  active  control  technology  and  stability  augmentation  will  be  used  on  essentially  aerodynamically  unstable 
geometries  The  use  of  these  techniques  leads  to  smaller  control  surfaces,  to  lower  vehicle  mass  and  larger  payloads  fractions. 

In  order  that  these  H>|Hrcts  of  hypersonic  vehicle  design  may  be  explored  furlher  there  is  a  requirement  for  both  an 
experimental  and  theoretical  data  base  Moreover,  there  is  a  need  for  a  rapid  means  of  prediction  of  vehicle  stability  data  which  can  be 
validated  with  experimental  results  Modern  computational  fluid  dynamics,  applied  to  unsteady  hypersonic  flowfields,  can  be  limited  in 
the  range  of  conditions  which  can  he  quickly  covered  This  paper  highlights  the  surprisingly  good  agreement  between  the  less  time 
consuming  semi  empirical  inviscid  eml*edded  Newtonian  technique  and  experimental  data  for  pitch  stability  derivatives  obtained  with 
a  range  of  axi  symmetric  models 

The  most  fundamental  approximation  of  hypersonic  pressure  coefHcients  is  given  by  the  so  called  Newtonian  impact  technique 
(Refs  1  and  2)  However,  it  was  noted  by  Busemann  (Ref  3)  that  a  centrifugal  pressure  term  must  be  included  with  the  Newtonian 
approximation  to  cater  for  curved  particle  trajectories  within  the  shock  layer,  this  was  developed  into  the  so  called  Newton  Busemann 
method  The  centrifugal  elTect  is  necessary  for  the  ideal  Newtonian  case  of  an  inrinitessimully  thin  shock  layer  obtained  at  the  gas 
dynamic  limit  of  M  =  ^,  V  =  I  Despite  this  observation  of  the  requirement  of  a  centrifugal  term  in  the  gas  dynamic  limit,  it  must  be 
noted  that  for  the  majority  of  hypersonic  flight  vehicles,  infinilessimally  thin  shock  layer  and  V  -♦  1  assumptions  are  not  well  satisfied 
'I'hese  limitations  and  the  subsequent  effect  on  the  prediction  of  pressure  coefficients  in  realistic  hypersonic  flight  regimes  were 


28-3 


considered  by  SeifT  (Ref  5)  and  aubaequentiy  Ericsson  (Ref  6)  The  consequences  of  finite  shock  layer  thickness  and  bow  shock  waves 
determined  by  nose  shape  and  drag  coefficient  led  to  the  semi-eropirical  embedded  Newtonian  technique.  This  ignores  the  centrifugal 
term,  since  the  theoretical  gas  dynamic  limit  ts  not  approached  and  concentrates  on  the  entropy  layer  effects  downstream  of  the  nose 
modifying  the  velocity  and  dynamic  pressure  fields  in  which  the  downstream  body  is  embedded.  For  situations  in  which  the  ideal 
limiting  Newtonian  case  is  approactod  Tong  araf  Hui  (Hef.7)  have  extended  the  embedded  Newtonian  method  U>  include  the  centrifugal 
correction  term  in  the  embedded  flow  This  paper  presents  results  from  all  three  of  the  above  techniques  and  draws  comparisons  with 
experi  mental  data  for  pointed  and  blunted  cones  and  a  hyperballistic  shape. 

A  major  aerodynamic  feature  of  many  of  the  hypersonic  vehicle  aj^lications  is  that  the  flows  are  dominated  by  viscous  effects 
such  as  viscous  interaction,  boundary  layer  transition,  separated  flovvs  and  upper  surface  vortical  flows.  These  phenomena,  which  are 
strongly  influenced  by  vehicle  geometry,  can  exert  a  large  effect  on  both  static  and  dynamic  stability  at  hypersonic  Mach  numbers  The 
effects  of  these  phenomena  are  exposed  by  comparing  inviscid/viscous  hypersonic  vehicle  pitch  stability  data  obtained  over  a  range  of 
appropriate  Reynolds  numbers. 

2.  PREDICTION  METHODS  FOR  THREE-DIMENSIONAL  SHAPES 


Newton  and  Newton  Busemann 


The  simplest  technique  for  establishing  the  pressure  coefficient  on  a  hypersonic  flight  vehicle  is  the  Newtonian  Impact  theory 
In  this  flow  model,  it  is  assumed  that  the  fluid  particles  do  not  interact  and  that  the  only  change  in  the  velocity  of  a  particle  impinging 
on  a  body  surface  takes  place  normal  to  the  surface.  The  normal  component  of  momentum  is  assumed  to  be  transferred  to  the  body  and 
the  particles  continue  to  move  along  the  surface  with  zero  tangential  acceleration  If  the  velocity  component  normal  to  the  surface  is 
written  as  v„,  the  Newtonian  surface  pressure  coefficient  becomes 


A  semi  empirical  modification  to  the  above  expression  replaces  the  factor  2  by  .  the  pressure  coefficient  at  the  stagnation  point  on 
the  body  Examples  of  the  use  of  the  unsteady  Newtonian  impact  theory  to  calculate  the  stability  derivatives  of  cones  are  given  in 
Reference  4 


Busemann  (Ref.  3)  observed  that  the  expression  given  in  Eq.(l)  strictly  applies  only  at  the  free  stream  surface  of  the  Newtonian 
shock  layer,  since  a  normal  pressure  gradient  mustexist  as  a  consequence  of  the  curved  trajectories  followed  by  the  fluid  particles  in  this 
layer  The  body  surface  pressure  in  the  Newton-Busemann  theory  may  therefore  be  written  as 


p  s  p  ^  p 

Murfact  Ntwt  erni 

where  Pctn<  centrifugal  pressure  correction.  For  steady  flow  past  bodies  whose  surface  geodesics  are  straight,  P«cni.  =  ^  1 ) 

provides  the  appropriate  expression  for  Cp  For  bodies  with  curved  geodesics,  Cole  (Ref  8)  for  slender  axi-symmetric  bodies,  and  Hui 

(Ref  9)  for  general  two  dimensional  and  axi-symmetric  bodies,  showed  that  the  Newton-Busemann  expression  (Bq.(2))  could  be  obtained 
as  the  limit  of  gas  dynamic  theories  for  M«^<«>and  V  1. 


For  non  steady  flow,  the  particle  trajectories  do  not  follow  the  surface  geodesics,  although  they  still  move  tangentially  to  the 
surface  In  this  case,  the  curvature  of  the  U-s^tory  is  dependent  both  on  the  geometric  surface  curvature  and  on  the  curvature  of  the 
trajectory  induced  by  the  body  motion.  Mahood  and  Hui  (Ref.lO)  have  applied  the  Newton-Busemann  method  to  unsteady  flow  past 
oscillating  wedges  and  cones  at  zero-mean  incidence  For  both  shapes,  the  steady  centrifugal  pressure  correction  term  is  zero,  but  the 
unsteady  correction  term  is  signifleant.  They  showed  that  in  the  double  limit  and  Y-*  1,  the  resulting  Newton-Busemann 

unsteady  pressure  was  identical  to  that  deduced  from  gas  dynamic  theories  by  Hui  (Ref  1 1)  for  oscillating  wedges  and  Mahood  and  Hui 
(Ref  10)  for  oscillating  cones  This  observation  was  important  in  explaining  the  apparent  anomaly  which  had  existed  in  the  comparison 
between  the  simple  unsteady  Newtonian  model  and  the  limits  of  theories  based  on  the  gas  equations  of  motion  for  very  high  Mach 
numbers  as,  for  example,  observed  by  Scott  (Ref  12)  for  the  case  ofoscillating  cones 


A  central  assumption  in  the  Newtonian  flow  model  is  that  the  shock  layer  is  thin  and  the  shock  wave,  therefore,  lies  close  to  the 
body  surface.  This  is  often  closely  satisfied  for  wedges  and  cones  with  modest  blunlness,  two-  and  three-dimensional  concave  shapes  and 
some  convex  shapes  at  high  angles  of  attack  over  a  wide  range  of  Mach  number.  However,  for  bodies  with  large  bluntness, 
hyperballistic  bodies  of  revolution,  general  convex  shapes  at  low  and  moderate  mean  angle  of  attack,  the  assumption  is  not  well  satisfied 
and  Newton-Busemann  theory  would  not  be  expected  to  provide  a  good  approximation  at  conditions  far  removed  from  the  strict 
Newtonian  limit  of  Mao-*<»  and  Y  I  As  a  consequence  of  the  requirement  to  reduce  heat  transfer  rates  and  to  provide  efficient 
payload  packaging,  such  bodies  are  of  considerable  importance  at  hypersonic  Mach  numbers  and  alternative  prediction  methods  for 
relatively  thick  shock  layers  must  be  sought 


To  remove  some  of  the  limitations  of  Newtonian  theory  caused  by  the  requirement  for  an  infinilessimal  shock  layer,  Seiff 
(Ref  5)  proposed  the  embedded  Newtonian  method  In  this  method,  which  was  originally  developed  for  steady  flow,  a  non-uniform 
rotational  inviscid  flow  is  defined  downstream  of  the  bow  shock  wave,  whose  shape  is  determined  by  the  nose  shape  and  drag  coefficient 
The  pressures  on  the  afterbody  embedded  in  this  flow  field  are  calculated  using  generalised  Newtonian  theory  Physically,  this  method 
takes  account  of  the  large  reductions  in  both  dynamic  pressure  and  velocity  which  arise  in  the  entropy  layer  caused  by  the  bow  shock. 

Ericsson  (Ref  6)  extended  this  concept  to  deal  with  unsteady  flow  problems;  originally  to  determine  the  effects  of  the  entropy 
gradient  induced  by  the  nose  bluntness  on  the  static  and  dynamic  stability  of  (  n  ablating  flared  body  of  revolution.  Later  Ericsson  and 
Scholnick  (Ref.l3>  and  Ericsson  (Ref.l4)  used  the  method  to  determine  the  effects  of  moderate  hemispherical  nose  bluntness  on  the 
stability  of  slender  cones  and  Ericsson  (Ref.  15)  extended  the  analysis  to  include  large  bluntness,  moderate  angles  of  attack  and  finite 
amplitude  of  oscillation  A  more  unified  treatment  of  the  unsteady  embedded  Newtonian  method  presented  by  Ericsson  (Refs.  16  and  17) 
removed  the  hypersonic  Mach  number  restriction  on  the  previous  methods,  so  that  the  range  of  application  for  blunted  slender  cones 
could  be  extended  down  to  M«  -  3  The  earlier  methods  of  predicting  the  stability  of  hemisphere-cylinder-flare  bodies  were  extended  by 
Ericsson  (Ref  18)  to  include  other  more  general  hyperballistic  shapes  with  different  nose  geometries,  and  to  include  the  effect  of  Mach 
number  down  to  moderate  supersonic  speeds 
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Newton-Buaenuuui  theory,  as  deecrtbed  earlier  and  auitably  modified  to  acoHint  for  the  preaaure  coefficient  at  the  stagnation 
point,  provides  reasonable  eetimatea  of  pressure  eoeffieienta  and  etabUity  derivatives  <mly  when  the  shock  layer  is  very  thin.  It  is  also 
well  known  that  the  Busemann  theory  overestimates  the  centrifugal  presure  correction  term  in  steady  flow  with  Y  =  1.4  with  the  result, 
for  example,  that  the  pressure  on  a  sphere  is  predicted  to  be  sero  at  a  position  displared  60^  from  the  front  stagnation  point.  This  is  at 
variance  with  the  predictions  of  numerical  calculations  for  V  =  1 .4  and  with  experimental  results  and  suggests  that  when  Y  «  1  and  the 
shock  layer  is  not  thin,  the  centrifugal  pressure  correction  term  for  steady  flow  is  overestimated.  Moreover,  Van  Dyke  (Ref.  19)  showed 
that  modified  Newtonian  theory  provides  reasonable  agreement  with  numerical  predictions  for  cylinder  and  sphere  flows  at  M«  =  «, 
Y  =  1  4  for  angles  up  to  at  least  40^  from  the  stagnation  point,  although  this  is  purely  fortuitous  in  that  the  effect  of  different  Y  appears 
to  cancel  with  the  neglect  of  the  centrifugal  correction  term.  Although  eofuectural,  it  is  suggested  that  broadly  similar  effects  occur  with 
regard  to  the  centrifugal  term  in  respect  of  the  streamline  curvature  resulting  from  non-steady  body  motion,  and  it  is  possible  that  the 
cliangefroffl  Y  =:  1.0  in  Newton- Busemsnn  theory  to  Y  =  I.4for  a^usl  flows,  provides  an  effect  of  opposite  sign  and  of  the  same  order  as 
the  Mntrifugal  term.  It  is  therefore  argued  that  for  the  thick  shock  layer  flows  at  finite  Mach  number  with  Y  =  1.4,  characteristic  of  a 
large  range  of  hypersonic  shapes,  the  use  of  the  straightforward  modified  Newtonian  impact  pressure  may,  on  the  same  grounds  as  for 
steady  flows,  give  a  good  approximation  to  the  pressure  in  unsteady  embedded  Newtonian  flow. 

For  many  hypersonic  vehicles  the  region  in  which  the  Newton-Busemann  assumptions  are  most  closely  satisfied  is  close  U>  the 
apex  For  the  remainder  of  the  flow  field  wiihin  the  relatively  thick  shock  layer,  the  assumptions  are  not  well  satisfied  and  the  flow  field 
may  be  considered  approximately  as  a  strong  curved  bow  shock,  whose  shape  is  determined  by  nose  geometry,  together  with  an  inviscid 
shear  flow  downatream  of  the  shock  in  which  the  pressures  are  deduced  using  local  generalised  Newtonian  concepts 

Following  Bricsson  (Ref  18)  we  note  tht  for  hemispherical  noses,  the  shock  radius  R,  at  a  downstream  station  x  defined  in  Fig  1 
is  given  in  terms  of  the  nose  drag  coefficient  Cqs  and  diameter  d/^by 


where  R',  =  Rjds.  x'  =  x/d.v.  x',  ^  xjds  and  x«  is  the  distance  of  the  shock  ahead  of  the  x  origin  A  good  approximation  for  K'  at  finite 
Mach  number  is 


where  xV  =  x^/d^  ^  x  \  if  the  bow  shock  stand-off  distance  is  small 

Following  Ref.  17  the  dimensionless  shock  distance x for  high  Mach  numbers  is  given  empirically  by 


where 


x’^  =  — 0.385co<8^cos6^  —  0  5sjn0^ 
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These  expressions  show  good  agreement  with  shock  detachment  data  for  hemispheres  (Ref.20) 

The  dynamic  pressure  ^pV2  and  local  flow  velocity  V  in  the  flow  field  downstream  of  the  shock  are  respectively  written  in 
terms  of  the  dimensionless  radial  distance  R'(  ~  R/d/y)  •  see  Ftg.l  -  using  the  concept  of  similar  profiles,  in  the  following  form 


where  R 'is  determined  from  Fig.  I  in  terms  of  the  vertical  displacement  xY=  x/d^y)  and  angular  displacement  a  Ref  18  expresses  f*  and 
g*  in  terms  of  the  parameter  X*  defined  by 


for  a  variety  of  steady  flows  past  bodies  of  different  nose  shapes  The  empirical  expressions  for  f*  and  g*  are  arranged  to  provide  close 
agreement  with  flow  field  calculations  based  on  the  Method  of  Characteristics,  for  example,  over  a  wide  range  of  Mach  numbers 
Following  Ericcson  (Ref.  18)  the  functions  employed  for  f*  andg*  are: 

/•<**)  =  2  ''5**  and  W 

*•<»•)  =  1  0  362(1  •  /•„)*  +  0  BX-'  * 


noting  that  the  maximum  value  of  these  functions  should  not  exceed  unity  at  the  termination  of  the  inviscid  shear  layer  The  term  fo  is 
of  ougor  significance  since  it  is  via  this  term  that  the  finite  Mach  number  dependence  of  the  profiles  within  the  shock  shape  is 
determined.  For  finite  Mach  number  applications 
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f  =  0.17  (  - 
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The  local  pressure  coefTicient  on  the  embedded  body  in  the  flow  field  downstream  of  the  ly>w  shock  is  given  by  the  local  modified 
Newtonian  expression  as 


where  Cp  is  the  blast  wave  pressure  coeflicient  generated  downstream  of  the  blunt  nose  which  would  exist  on  an  embedded  cylinder,  and 
the  second  term  is  the  additional  pressure  coefTicient  Jue  to  the  local  body  shape  embedded  in  the  inviscid  flow  field  Cp  is  the 
pressure  coefTicient  at  the  stagruition  point  which  modifies  the  Newtonian  impact  pressure  and  is  the  velocity  component 
perpendicular  to  the  local  surface  element.  Cy  is  an  empirical  coefficient  (see  Kef.18)  which  provides  an  efTective  Mach  number 
dependence  fur  the  Newtonian  pressure  coefficient 


For  a  body  perturbed  in  pilch  by  an  angle  6  from  its  mean  angle  of  attack  a  and  pitching  at  a  rale  q  about  an  axis  distant 
from  the  origin  an  expression  for  Oq/V  is  obtained.  Prom  thereon  the  procedure  is  to  substitute  fur  in  Eq  (6)  and  noting  that 

[•  =  diiTerentiate  Eq.(6)  with  respect  to  a  and  with  respect  to  (qlJ2V^)  to  obtain  idCf^da}  and  dCf^d(qlJ2V^)  By 

multiplying  by  the  distance  from  the  oscillation  axis  and  appropriately  integrating  around  the  body  surface,  expressions  fur  the  pitching 
moment  stability  derivatives  are  obtained 


Ericsson  (Ref  18)  has  also  obtained  an  expression  for  the  pitching  stability  derivative  due  to  rate  of  change  of  angle  of 
attack  which  is  a  consequence  of  the  time  lag  between  the  motion  of  the  blastwave  generator  (the  nose)  and  the  resulting  motion  of  the 
inviscid  shear  layer  at  the  body  element 


These  procedures,  more  complete  details  of  which  are  given  in  Ref  18.  result  in  and  for  the  particular 

embedded  body  Additional  contributions  to  each  of  these  derivatives  from  the  nose  portion,  evaluated  from  Newtonian  methods,  arc 
added  to  give  the  results  for  the  complete  shape 


i  Newton-  Busemann  Plow  Theory 


In  view  of  the  success  of  Mui  and  Tobak‘s(Ref21)  unsteady  Newton  Busemann  flow  theory  as  applied  to  bodies  of  revolution 
in  providing  results  which  are  in  agreement  with  the  appropriate  limiting  results  from  gas  dynamic  theories,  Tong  and  Mui  (Ref  7)  have 
applied  Newton- Busemann  flow  theory  to  the  embedded  Newtonian  flow  concept  described  in  the  previous  section  In  essence  Tong  and 
Hui  have  applied  the  centrifugal  correction  term  to  the  expression  used  to  calculate  the  pressure  coefficient  on  embedded  flares  and 
compression  surfaces  within  the  flow  downstream  of  the  bow  shock  on  a  hemisphere  cylinder  basic  shape  In  their  method  they  have 
preferred  to  use  the  value  of  2  for  the  Newtonian  coefficient  rather  than  the  value  of  Cy  Cp^  used  in  eqn  (6),  which  provides  belter 
agreement  with  experimental  results  but  is  empirically  based.  The  expression  used  by  Tong  en^Hui  is  therefore 


where  Cp^  is  the  contribution  to  the  pressure  coefficient  from  the  centrifugal  term  and  which  has  been  calculated  along  similar  lines  to 
the  method  of  Hui  and  Tobak  (Ref  21).  The  method,  therefore,  seeks  to  extend  Seiff(Ref5)  and  Ericsson’s  (Ref  18)  embedded  Newtonian 
concept  so  that,  in  the  strict  Newtonian  limit,  the  pressures  on  embedded  surfaces  would  be  calculated  in  a  manner  consistent  with  gas 
dynamic  theories  Por  applications  to  finite  Mach  number  flows,  which  is  the  essential  purpose  of  embedded  flow  methods,  empiricism  is 
necessary  to  describe  the  similar  profiles  for  thedensity  and  velocity  variations  downstream  of  the  bow  shock  wave  For  these  Tong  and 
Hui  have  used  the  following  empirical  fits  to  SeUT and  Whiting's  (Ref  22)  results  for  a  hemisphere-cylinder  in  the  high  Mach  number 
limit  for  hypersonic  flight 

p^  _  j027  +  1.2jr+ 0.16X2  ,  TfiOeS 

n  .  T  >  0  65 


^  j0  7  +  0.3)?  ,  X  S  0  66 

V,  “m  .T>0  66 

In  the  above  the  parameter  X  (see  eqn  4,  Ref  7)  is  related  to,  but  slightly  different  in  definition  from,  X*  defined  in  eqn. 3. 

These  expressions,  which  although  are  Mach  number  depe^ent  as  a  consequence  of  the  Mach  number  dependence  of  the 
expreasions  used  for  the  calculation  of  the  bow  shock  wave  shape  in  X,  do  not  take  into  account  the  variations  in  the  shape  of  the 
downstream  flow  profiles  with  Mach  number  which  have  been  u^  by  Ericaaon  (Ref  18)  and  which  are  quotod  in  eqns  (4)  and  (6)  It 
should  be  noted  that  in  making  subsequent  comparisons  between  prediction  methods  and  experimental  results,  it  is  difficult  to  draw 
conclusions  with  regard  to  the  appropriateness  of  the  embedded  Newton-Busemann  method  vis  a  vis  the  unmodified  embedded 
Newtonian  method  since  these  inherent  differences  exist. 


The  inclusion  of  the  centrifugal  pressure  correction  within  both  steady  and  non-stoady  contributions  to  the  pressure 
coefficient  should  therefore  improve  the  rigour  of  the  embedded  flow  concept.  However,  in  steady  flow  Newton-  Busemann  theory  gives 
poor  comparison  with  experimental  results,  principally  as  a  consequence  of  the  finite  thickness  shock  layers  which  occur  on  the  majority 
of  hypersonic  vehicles.  It  is  one  of  the  purposes  of  the  iwesent  paper  to  compare  both  the  uncorrected  and  the  centrifugally  corrected 
embedded  Newtonian  method  with  experimental  results  for  stability  derivatives  in  single^legree-of-freedom  pitching  motions.  Such  a 
comparison  is  difficult  to  make  since  the  results  published  by  Tong  and  Hui  (Ref  7)  if,^rporato  Mach  number  dependence  of  the  shock 
shape  but  do  not  contain  Mach  number  dependent  functiom  for  the  downstream  velocity  and  density  profiles,  whereas,  the  centrifugally 
uncorrectod  embedded  Newtonian  results  of  the  present  paper  do  Comparisons  between  the  results  of  Ref7  and  the  embedded 
Newtonian  results  to  identify  the  magnitude  of  the  centrifugal  term  have  been  facilitated  by  recalculating  the  results  in  the  present 
paper  with  alternative  forms  of  eqns.(4)  and  (6)  which  are  ai^ropriato  for  infinite  embedded  Mach  numbers.  However,  it  is  noted  that 
the  experiments  used  for  comparison  have  been  performed  at  the  relatively  low  hypersonic  Mach  number  of  6  S5  in  which  the  joint 
Af  Y  1  assumptions  are  not  well  satisfied.  Not  only  is  the  free  stream  Mach  number  relatively  low  but  the  embedded  flow  Mach 


28-6 


number  is  even  lower  thus  rendering  NewtonUn  flow  assumptions  even  more  inappropriate  for  the  local  Newtonian  flow  calculations  on 
embedded  surfaces. 

Unsteady  Numerical  Techniques 

Although  the  capability  of  numerical  techniques  for  solutions  of  the  Euler  equations  for  steady  flow  Held  calculations  on 
complex  body  shapes  has  improved  tremendously  in  the  last  decade,  very  few  comparable  attempts  at  calculating  the  unsteady  flow  past 
oscillating  bodies  have  been  reported.  Brong  (Ref.23)  numerically  solved  the  first  order  perturbation  equations  for  pitching  and 
plunging  cones  and  Rie  et  al  (Rer24)  carried  out  a  complete  non-steady  numerical  flow  field  calculation  for  oscillating  blunted  slender 
cones  at  hvneraonic  Mach  numbers.  In  spile  of  the  very  considerable  complexity  of  this  approach,  no  improvement  in  agreement  with 
fiineuiiaubBer  cr  .ht  at  r.:'  .it^irical  pr*  rnonsonneemnendeo  N<  wioi  method 

3.  EXPERIMENTAL  RESULTS  AND  COMPARISON  WITH  PREDICTION  METHODS 
Wind  tunnel  facility,  techniques  and  models 

The  experiments  were  performed  in  the  Isentropic  Light  Piston  Tunnel  <ILPT)  al  the  University  of  Southampton  This  is  an 
intermittent  wind  tunnel  facility  providing  an  open  jet  test  section  of  nozzle  exit  plane  in  diameter  0  21m,  with  a  flow  Mach  number  of 
M  =  6.85  for  durations  of  typically  0  5s  A  more  detailed  description  of  this  facility  is  given  in  Reference  25'  The  unit  Reynolds  number 
test  range  available  is  approximately  7  5  x  tO^m-i  to  40x  lO^m  V 

The  test  procedure  employed  to  determine  the  aerodynamic  stiffness  and  damping  derivatives  is  the  small  amplitude  free 
oscillation  technique.  The  model  under  test  is  held  captive  in  the  wind  tunnel  open  jet  test  section  flow  on  a  sting  support  The  model  is 
mounted  on  an  internally  sited  rotary  flexure  pivot  which  allows  the  model  to  oscillate  by  0  ^  ±  1^  in  the  pitch  plane.  The  centre  of 
rotation  corresponds  to  the  effective  centre  of  gravity  location.  The  flexure  pivot  is  mounted  onto  a  rigid  sting  support  which  is  quadrant 
mounted  on  the  test  section  floor 

All  the  experimental  stability  data  were  obtained  using  sting  supported  models  pivoted  on  cross  flexures.  Dynamic  stability 
data  obtained  in  such  circumstances  may  be  subject  to  support  interference  effects,  unless  certain  sting  design  criteria  are  met  It  is 
believed  that  the  results  presented  herein  are  free  from  such  interference  in  view  of  the  following  experimental  features 

i)  The  sting  geometry  is  symmetric 

ii)  The  test  Mach  number  is  relatively  low,  (Mach  number  M  =  6  85)  and  therefore  little  affecied  by  sting  interference 
effects  detailed  by  Ericsson  (Rer.26)  for  example 

iii)  The  parameter,  visible  sting  length  behind  the  mode)  divided  by  model  base  diameter,  is  large  -  approximately  3. 

iv)  The  negligible  influence  on  these  tests  of  base  pressure  effects  has  been  previously  demonstrated  by  open  and  closed, 
model  base  results  reported  in  Ref  27 

v)  The  sting  support  structure  is  of  sulTicienl  stiffness,  that  the  fundamental  mode  of  vibration  has  frequencies  at  least  two 
orders  of  magnitude  higher  than  the  model  frequency. 

The  reduced  frc'iucncy  parameter  for  these  experiments  was  0  001 8  <(*>*<  0  0092 

The  measurement  of  each  pair  of  aerodynamic  stiffness  and  damping  derivatives  necessitates  two  experimental  tests,  the  so 
called  Wind o/T’ and  V»tndon'runs.  The  ensuing  model  motions,  both  in  vacuoo,  (wind  off)  and  in  the  aerodynamic  flow  (wind  on)  are 
monitored  via  an  optical  model  tracking  system  (Ref  28).  recorded  and  digitised  for  microcomputer  storage  A  subsequent  analysis  of 
the  two  model  motion  time  histories  allows  the  aerodynamic  pitch  stability  derivatives  to  be  deduced 

The  analysis  adopts  the  standard  U.S.  notation,  whereby 
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Flow  visualisation  was  achieved  by  the  schlieren  flow  visualisation  technique.  Surface  flow  visualisation  was  obtained  using  a 
sprayed  microencapsulated  liquid  crystal  coaling  to  provide  a  model  surface  thermographic  map 


Experimental  pitch  sUbility  data  have  been  collected  for  a  range  of  axisymmetric  vehicles  shown  in  Fig. 2.  which  included 
pointed  and  blunted  10®  semi-angle  cones  and  the  hyperballistic  shape  HBS  These  bodies  were  tested  over  a  range  of  angles  of  attack 
and  axis  oscillation  position  which  extended  to  0  <  o  <  16®  and  0.35  <  Xeg/L  <  0  82  (MBS  only). 


Pointed  and  Blunted  Cone  Geometries 

A  10®  semi  angle  pointed  cone  has  been  investigated  by  East  et  al  (RefaO)  Small  amplitude.  0  =  1®,  oscillatory  experiments 
were  performed  in  the  facility  described  earlier  at  M  =  6.85  in  the  Reynolds  number  range,  0  4  x  lO®  <  Ret  <  2x  10«  The  zero  angle  of 
attack  results  are  shown  by  Figure  3.  This  shows  how  with  increasing  Reynolds  number  the  stiffness  derivative,  -C^  decreases  in  the 
range  1.0  x  10®  <  Re^  <  1 .4  x  10®.  Further  increase  in  Reynolds  number  causes  the  s  iffness  derivative  to  rise  to  a  value  greater  than 
the  low  Reynolds  value.  This  minimum  of  stiffness  derivative  is  accompanied  by  a  maximum  in  the  damping  derivative,  +  C„.) 
Ward  (Ref.30)  reported  a  simitar  trend  in  pointed  cone  results  and  showed  how  the  maxima  and  minima  in  the  respective  derivatives 
occurred  when  there  was  transitional  flow  at  the  base  of  the  model.  These  observations  show  that  the  results  given  in  Figure  4  are 
subject  to  transitional  flow  at  the  model  base,  where  Reb  =  1  46xl0«  and  subject  to  wholly  turbulent  flow  at  Rcb  =  2  17  x  106.  Recent 
surface  thermographs  have  confirmed  the  transitional  nature  of  the  boundary  layer  at  the  rear  of  the  pointed  cone  for  these  flow 
conditions.  At  the  greater  Reynolds  number  condition,  the  inviscid  embed<M  Newtonian  technique  yields  results  similar  to  the 
experimental  trend  in  that  they  are  generally  angle  of  attack  invariant  in  the  range,  0  s  «  s  ig®  u  [g  likely  that  the  increase  in  static 
stability  above  the  theoretical  prediction  shown  by  the  experimental  data  is  due  to  boundary  layer  displacement  thickness  effects 
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Ericsson  (Ref.31)  has  postulated  that  the  angle  of  attack  dependent  trends  are  associated  with  aft  cone  transitional  How 
Increasing  the  angle  of  attack  causes  the  windward  surface  transition  location  to  move  aft  slightly,  however,  this  movement  is  much  less 
than  the  associated  forward  movement  of  the  lee  aide  transition  With  increase  in  angle  of  attack  the  crossflow  enhanced  ieeside 
transition  location  moves  rapidly  forward  to  then  remain  fined  despite  further  increase  in  angle  of  attack  This  asymmetric  transition 
point  movement  modifies  the  viscous  contribution  to  stability.  This  is  vividly  shown  by  the  comparison  between  the  angle  of  attack 
dependent,  small  amplitude  experimental  data  at  Re^  ^  1.46  x  10^  and  the  inviseid  embedded  Newtonian  theory  results  shown  by 
Pigure  4.  In  comparison  with  the  inviseid  theory  the  a  =  0^  experimental  stability  derivatives  are  consistent  the  effects  associated  with 
aft  body  transition  rear  of  the  oscillation  axis  'Hie  viscous  moment  contribution  acts  rear  of  the  oscillation  axis  at  o  =  0^,  but,  with 
increases  in  angle  of  attack,  the  viscous  contribution  moves  forward  to  then  become  a  statically  stabilising  effect  for  a  >  5^  This 
conclusion  is  drawn  from  a  comparison  with  the  inviseid,  angle  of  attack  dependent  theoretical  d/'minani  influence  is  that 

of  fuic'ouxl/  ..  «c  a  0^  wn^wli  .2..vLens  the  ive  aiue  boundary  ia><.>  Attempts  na»t;  been  maOv  uy  bricsson  inel  26)  to  predict 

transition  effects  by  proposing  a  boundary  layer  build  up  modification  'a  an  effective  body  geometry  This  was  successful  for  the 
stiflhess  derivative  but  not  the  dynamic  damping  derivative  The  discrepancy  in  damping  derivative  was  shown  tu  be  due  to  an 
'accelerated  flaw  effect' which  affects  transition  in  a  similar  manner  to  that  by  which  local  pressure  gradients  affect  separated  flows 
These  perturbations  are  only  evident  for  pointed  cones  since  the  favourable  pressure  gradient  present  on  blunt  cones  dominates  the 
flowfield 


Ericsson's  model  was  centred  on  transition  per  sc  being  the  dominant  viscous  influence  However,  it  is  the  authors'  belief  that 
the  viscous  influence  responsible  for  the  results  observed  is  an  interaction  between  transition  and  Ieeside  separation,  whereby,  the 
prevailing  boundary  layer  state  determines  the  different  nature  of  the  lee  side  flow.  Figure  5  shows  two  sketches  of  surface  Aowfields 
revealed  by  liquid  crystal  thermographic  methods  Kig.Sta)  shows  the  lee  side  flow  with  the  model  at  «  1*^  It  clearly  shows  the 

general  high  temperature  region  for  the  aft  one  third  of  the  body  associated  with  the  transitional  region.  However  for  the  forward 
portion  of  the  body  separate  hot  and  cold  regions  are  shown  associated  with  a  generally  stream  wise  vortical  structure  caused  by  the 
viscous  crossflow  Results  of  further  experiments  show  that  this  structure  persists  in  a  modified  form  at  angles  of  attack  up  to  at 
leasts^  Pig. 5(b)  identifies  the  Howfield  at  «  ^5^  showing  fundamental  dUTerences  in  fore  and  aft  body  vortical  structure  This 
suggests  that  the  former  transitional  flow  persists  not  as  a  transitional  flow  per  se  but  as  an  influence  on  the  nature  of  the  aft  body  lee 
side  separated  flow 

Figures  6  to  9  show  a  comparison  between  the  predictions  of  embedded  Newtonian  theory  and  experimental  results  for  10^ 
semi-angle  cones  with  hemispherical  nose  bluntness  in  the  range  0  1  <  df^/dg  <  0  4.  The  experimental  variations  of  the  derivatives  - 
C„^  and  with  angle  of  attack  are  complex  and  very  deoendent  on  nose  biunlness  Considerable  non-linear  eflecta  are 

demonstrated  and  significant  shifls  of  centre  of  pressure  (where  -  0)  are  evident  Only  the  pointed  cone  derivatives  are  relatively 

independent  of  angle  of  attack  up  to  20^ 

The  general  trends  of  the  stiffness  derivative  ( for  oscillation  axis  positions  o(0  68  <  Xco-  I-  <  0  70  are  well  predicted  by 
embedded  Newtonian  theory.  For  bluntness  ratios  of  0.1  and  0  2  the  stiffness  derivative  -C^q  decreases  with  angle  of  attack,  indicating 
a  forward  shifl  of  the  centre  of  pressure  This  is  accounted  for  in  the  theory  by  the  forward  movement  of  the  minimum  in  the  typical 
blunted  cone  blast  wave  induced  pressure  coefficient  as  angle  of  attack  of  the  windward  surface  increases.  Since  the  windward  surface 
plays  an  increasingly  dominant  role  as  angle  of  attack  increases,  this  forward  movement  of  pressure  distribution  is  reOected  in  the 
derivatives  The  effect  of  bluntness  on  damping  is  to  destabilize  as  biunlness  is  increased  This  is  due  to  the  lower  dynamic  pressure 
acting  on  the  conical  surface  due  to  the  entropy  layer  resulting  from  the  bow  shock 

Data  from  small  amplitude  longitudinal  stability  experiments  performed  on  a  0  2  biunlness  ratio  10^  cone  (Ref.27),  at  two 
Reynolds  numbers,  Ret,  ^  1.46  x  10^  and  2  17  x  104  show  the  results  to  be  independent  of  Reynolds  number  within  this  range  and  for 
angles  of  attack,  0^  <  a  <  16^.  Nose  bluntness  produces  a  region  of  high  entropy  flow  which  reduces  the  local  Reynolds  number  and 
which  has  been  shown  to  delay  transition.  Work  by  SoRley  et  al  (Ref.32)  illustrates  how  blunted  cone  transition  is  influenced  by  the 
position  of  the  entropy  swallowing  station  at  which  the  entropy  layer  thins  so  that  the  flowndd  tends  towards  that  found  on  the 
equivalent  pointed  cone  The  distance  downstream  of  the  entropy  swallowing  station  at  which  transition  occurs  is  determined  by  the 
freestream  Reynolds  number,  Re«  As  the  equivalent  pointed  cone  flow  is  transitional  at  the  rear  of  the  body  for  the  experiments  under 
discussion,  the  bluntness  will  serve  to  move  transition  off  the  body  into  the  wake  The  above  implies  that  the  blunted  cone  is  subject  to  a 
purely  laminar  flow  at  the  Reynolds  numbers  appropriate  to  these  data 

On  the  assumption  that  the  differences  between  the  experimental  stability  results  and  the  predictions  from  the  embedded 
Newtonian  theory  shown  by  Figure  7  are  due  to  viscous  effects,  it  is  implied  that  the  viscous  contributions  at  a  =  0^  are  statically 
destabilising  with  no  change  in  the  dynamic  stability.  It  is  postulated  that  viscous  phenomena  associated  with  the  nose  flowfield 
effectively  increase  the  nose  biunlness.  This  has  been  modelled  by  using  the  embedded  Newtonian  technique  to  prove  that  a  nose 
biunlness  ratio  ot  d(<</dB  ^  0  22  reduces  the  stiffness  derivative  to  Uie  experimental  value  with  no  effect  on  the  damping  derivative. 

Having  allowed  for  the  increased  nose  bluntness  et  o  ^  0^,  the  trends  shown  by  Figure  7  identify  the  a  dependent  viscous 
contribution  lo  be  statically  stabilising,  but  dynamically  destabilising  for  angles  of  attack,  o  <  8^  This  trend  reverses  for  angles  of 
attack,  o  >  8^  The  tow  angle  of  attack  trend  is  thought  to  be  a  crossflow  effect  which  is  known  lo  be  statically  stabilising  when  the  load 
centre  of  this  effect  is  ahead  of  the  centre  of  gravity  position.  The  pointed  cone  results  of  Adams  (Ref  33)  illustrate  how  this  effect 
subsides  with  further  increase  in  angle  of  attack.  In  this  case  (Ref.33)  the  statically  stabilising  low  angle  of  attack  viscous  local 
crossflow  effect  disappears  at  a  >  5^.  With  increasing  angle  of  attack,  (o  >  8^)  the  results  of  the  experiments  shown  here  illustrate  a 
reverse  trend  and  the  viscous  contribution  becomes  statically  destabilising  and  dynamically  stabilising.  This  effect  has  been  noted  on 
the  laminar  flow  pointed  cone,  where  at  large  relative  angles  of  attack  the  local  crossflow  is  dominated  by  non-linear  viscous  crossflow 
It  is  suggested  that  this  effect  is  present  on  this  laminar  flow  blunted  cone  The  leeward  separated  flows,  under  discussion,  are  revealed 
in  schlieren  flow  visualisation  by  embedded  compression  waves  within  the  tee  side  bow  shock  layer  The  presence  of  the  layer  on  the 
pointed  cone  results  in  an  increase  in  dynamic  stability  arKl  a  decrease  in  static  stability  The  flowHelds  indicate  the  development  of  two 
separating  flows.  Their  axial  positions  are  close  to  the  and  move  forward  with  increasing  angle  of  attack.  This  trend  is  consistent 
with  observations  of  Stetson  (Ref  341  who  also  showed  these  Rows  to  be  free  from  subsonic  base  communication  travelling  upstream 
The  high  angle  of  attack  embedded  Howntld  in  almost  identical  to  the  separated  Hows  itJenti/led  by  Miller  and  GnofTo  (Ref  35)  on  the 
forecone  of  a  blunted  biconic  geometry  in  a  flow  with  M  =  6  and  Re  =  29  x  104  per  metre 

The  pilch  stability  derivatives  at  various  angle  of  attack  for  nose  bluntnesses  of  0  3  and  0.4  are  shown  on  Figures  8  and  9 
Unlike  the  0.2  bluntness  ratio  cone  where  the  pressure  field  is  composed  of  both  nose  and  cone  influences,  the  0  3  and  0  4  bluntness  ratio 
cone  flowfield  is  dominated  by  the  very  large  nose  diameter.  This  causes  a  shift  in  centre  of  pressure  which  reduces  the  a  =  0^  small 
amplitude  stability  derivatives  in  comparison  with  the  inviseid  theory.  This  comparison  implies  that  the  entropy  layer  effects  extend 
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further  downstream  than  the  inviacid  results  would  suggest  It  is  almost  certain  that  both  of  these  t.unes  subject  to  a  purely  laminar 
flow  at  the  Reynolds  number  of  the  tests.  Ret,  ^  1.45x10^ 

At  increased  angles  of  attack,  the  entropy  layer  present  on  the  dominant  windward  surface  thins.  This  has  the  efieci 
increasing  the  pressure  on  the  aft  region  of  the  body.  The  resultant  change  in  the  moment  is  reflected  by  the  increase  in  the  stiffness 
derivative  in  the  angle  of  attack  range,  0^  <  a  <  5^  Although  not  shown  on  these  plots,  further  increase  in  the  angle  of  attack  brings 
the  increased  conic  pressure  component  forward  and  ahead  of  the  oscillation  axis  and  the  stiffnes?  consequently  decreases.  The 
embedded  Newtonian  theory  overestimates  the  damping  derivatives  in  the  range  a  <  10°,  and  fails  to  predict  the  large  rise  in  damping 
derivative  seen  at  angles  of  attack  a  >  10°  This  tends  to  confirm  the  entropy  effects  being  larger  than  predicted,  since  an  increase  of 
the  nose  biuntness  would  produce  decreased  stiffness  and  damping  derivatives. 

In  Pig.  10.  absolute  values  of  the  damping  derivative  compared  with  the  results  of  prediction  methods, 

whereas,  in  previous  papers  such  comparisons  have  generally  been  made  with  values  normalised  with  respect  to  the  equivalent  pointed 
cone  damping  predictions  On  the  previous  basis,  comparison  between  experiment  and  prediction  can  be  obscured  if  the  values  taken  for 
the  pointed  cone  diHer  The  comparison  presented  in  Fig  10,  indicates  that  for  low  values  of  nose  bluntness,  the  centrifugaily  corrected 
embedded  Newtonian  method  appears  to  over  predict  aerodynamic  damping  in  comparison  with  simple  embedded  Newtonian  and 
experimental  results 

A  detailed  comparison  between  experimental  data  and  various  theoretical  prediction  techniques  for  the  pilch  damping 
derivative  of  a  10^.  0  3  bluntness  ratio  cone  at  Mach  number  M  :=  6  85  is  shown  in  Figure  1 1  using  results  reported  by  Tong  and  Hui 
(Ref. 7).  The  results  of  Ref  7  show  that  the  embedded  Newtonian  method  underpredicts  the  stability  derivative  and  that  inclusion  of  the 
centrifugal  term,  ( necessary  to  attain  values  in  keeping  with  experimental  data  However,  as  indicated  earlier  it  is  noted  that 
long  and  Hui*s  embedded  Newtor.  Bu^'cmunn  method  employs  infinite  Mach  number  relations  for  the  density  and  velocity  profiles 
within  the  bow  shock  shear  layer  If  the  functions,  which  have  been  shown  for  steady  How  to  be  appropriate  for  finite  Mach  numbers,  are 
used  in  the  simple  embedded  Newtonian  method  then  the  prediction  is  very  similar  to  that  with  infinite  Mach  number  /**,  g*  functions 
with  centrifugal  terms  included  Indeed  it  is  arguably  superior  since  the  sensitivity  to  rearward  axis  position  damping  increasing  is 
identified  This  shows  that  with  the  appropriate  finite  Mach  number  functions  applied  tu  the  embedded  N'*'Wtonian  method,  the  further 
inclusion  of  the  centrifugal  term  would  uverpredicl  in  comparison  with  experiment  It  therefore  appears  that,  at  the  relatively  low 
hypersonic  Mach  number  at  which  the  comparison  has  been  made,  adequate  predictions  are  obtained  by  the  use  of  embedded  Newtonian 
methods  without  the  Busemanr.  correction  It  must  be  acknowledged  that  this  is  a  severe  lest  of  the  Newion-Busemann  concept  which 
strictly  applies  in  the  M  \  I  limit,  which  is  not  well  satisfied  at  the  very  low  Mach  numbers  within  the  embedded  flow  on  a  blunt 
shape  ai  M  ~  6.85 

Hvoerballistic  Shane  HRS 

Figure  12  shows  the  changes  in  aerodynamic  stiffness  and  damping  with  increase  in  angle  of  attack  for  the  double  Hared, 
hemisphericaily  blunted  cylinder  body  The  measured  increases  in  aerodynamic  stiffness,  corresponding  to  a  rearward  centre  of 
pressure  movement,  are  predicted  by  embe<tded  Newwnian  theory,  but  the  magnitude  of  the  predicted  increase  is  less  than  measured 
Also,  it  is  noted  that  at  a  >  14°  the  rearward  shift  is  reversed  and  a  rapid  forward  shift  is  predicted 

Values  of  the  damping  derivative  -(C’n,  +  are  in  excellent  agreement  with  embedded  Newtonian  theoretical  predictions 
over  the  complete  range  of  0  <  a  <  18°  Thc^  predicted  rapid  forward  shift  of  the  centre  of  pressure  appears  as  an  increase  in 
aerodynamic  damping  Mowover,  the  measured  damping  for  o  =  16°  for  the  HBS  shape  showed  a  large  increase  which  was 
experimentally  attributed  to  the  impingement  of  the  bow  shock  on  the  rearmost  Hare  This  phenomenon  occurs  similarly  in  the  theory, 
at  which  point  flare  pressures  are  computed  using  simple  Newtonian  theory  as  the  flare  has  moved  out  of  the  influence  of  the  low 
dynamic  pressure  entropy  layer 

The  experimental  trends  for  hyperballistic  shapes  are,  therefore,  well  predicted  by  embedded  Newtonian  theory,  aerodynamic 
damping  predictions,  in  particular,  being  in  excellent  agreement  with  experimental  data.  The  theory  lakes  no  account,  however,  of  any 
cross  Hows  which  must  occur  on  these  bluff  shapes  as  a  increases  Judging  from  the  less  rapid  rearward  movement  of  the  centre  of 
pressure  inferred  experimentally  from  the  -Cmg  data,  it  seems  likely  that  viscous  elTecls,  resulting  in  cross  flows,  could  account  for  the 
observed  differences. 

This  is  further  supported  by  schlieren  flow  visualisation  and  liquid  crystal  thermographic  maps  At  near  ;iero  degrees  angle  of 
attack  there  are  very  slight  regions  of  separated  flow  present  at  the  flow  junctions  It  is  felt  these  regions  offer  insignificant  viscous 
contributions  to  pitch  stability  in  comparison  to  the  dominating  flow  separation  effects  associated  with  the  separation  induced  by  the 
large  angle  single  flare  of  the  AGAHD  hyperballistic  shape  HB2  report^  in  Ref  18,  for  example  However,  at  large  angles  of  attack 
liquid  crystal  thermographic  maps  show  that  the  lee  side  separated  How  increases  and  this  is  shown  schematically  by  Figure  1 3  Whilst 
it  is  accepted  that  the  stability  derivatives  are  mainly  influenced  by  the  windward  surface,  it  is  apparent  that  the  lee  side  viscous  flows 
will  modify  the  results  predicted  by  invtscid  techniques 

The  variations  of  the  zero  degrees  angle  of  attack  values  of  -Cn,^  and  -(Cn,^  +  with  the  position  of  the  axis  of  oscillation 
are  shown  in  Figure  14.  The  aerodynamic  stiffness  plot  identifies  experimental  data  and  predictions  from  the  inviscid  embedded 
Newtonian  technique.  The  centre  of  pressure  location,  where  -Cmf,  -  0-  **  predicted  to  be  further  aft  than  that  deduced  from 
experimental  data,  suggesting  the  theory  slightly  overestimates  the  flare  effectiveness  The  observed  difference  corresponds  to  h  centre 
of  pressure  shift  of  5%  in  the  region  of  the  centre  of  pressure 

The  variation  of  pilch  damping  derivative  with  axis  position  is  shown  in  Fig.  14  together  with  the  results  of  several  prediction 
methods.  The  plot  includes  data  associated  with  experiment,  simple  Newtonian  impact  theory,  inviscid  embedded  Newtonian  theory  as 
calculated  by  the  present  authors  and  the  unsteady  embedded  Newton-Busemann  predictions  of  Ref  7.  The  simple  Newtonian  impact 
predictions  are  clearly  in  error  since  there  is  no  allowance  for  the  loss  of  the  flare  effecliveness  due  to  the  finite  Mach  number  curved 
bow  shock  and  subsequent  entropy  layer  influence.  These  deficiencies  are  redressed  fully  by  the  embedded  Newtonian  predictions  of  the 
authors  The  embedded  Newtonian  method  predicts  a  lower  value  of  minimum  damping  than  is  observed  experimentally,  however,  it 
should  be  noted  that  a  typical  experimental  error  bar  for  experimental  damping  derivative  is  ±20%.  The  predicted  locations  of  the 
minima  with  respect  to  oscillation  axis  are  consistent  between  the  embedded  Newtonian  and  the  experimental  data. 

The  final  prediction  method  used  is  that  of  Tong  and  llui,  Ref.7.  This  result  is  a  finite  Mach  number  embedded  Newtonian 
prediction  but  includes  the  centrifugal  term  found  necessary  in  the  gas  dynamic  limit  of  M  =  »,  Y  =  1  The  result  predicts  a  lower 
damping  minimum,  but  identifies  the  centre  of  pressure  to  be  located  forward,  at  Xegtt  =  0.55.  (c.f.  experiment  and  finite  Mach  number 
embedded  Newtonian  damping  minima  at  X^■g■L  —  0  65)  Strict  comparison  between  the  prediction  of  the  embedded  Newtonian  theory, 
with  and  without  the  centrifugal  correction  is  not  possible,  since  the  density  and  velocity  functions  used  by  Tong  and  Hui  (Ref  7)  are  for 
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the  infinite  Mach  number  limit,  whereaa,  in  the  uneorracted  model,  functions  appropriate  for  finite  Mach  numbers  (see  eqn.  4)  have 
been  used.  Furthermore,  it  is  unclear  as  to  what  values  have  been  included  in  Ref.7  for  the  nose  contribution  to  aerodynamic  damping 
In  the  present  paper,  data  are  presented  for  infinite  Mach  number  embedded  Newtonian  f*  and  g*  furwtions,  which  are  effectively  Tong 
and  Hui's  data  without  the  centrifugal  term  This  clearly  shows  how  using  f*.  g*  functions  which  are  inamuopriate  for  the  low 
embedded  flow  Mach  numbers,  leads  to  underprediction.  However,  with  these  provisos,  it  appears  that  the  embedded  Newtonian 
prediction  (without  centrifugal  correction  but  with  ai^ropriate  f*  and  g*  functions)  gives  the  best  agreement  with  experimental  results, 
particularly  with  regard  to  the  axis  position  at  which  the  damping  minima  associated  with  the  zero  value  of  C-  occurs.  As  for  the  0.3 
bluniness  ratio  coim,  this  conclusion  should  be  qualified  by  uU  observation  that  the  embedded  flow  Mach  nunmrs  for  the  extremely 
blunt  HBS  shape  will  be  in  severe  contradiction  with  the  M-««,  Y  -*  1  Newton-Busemann  limit,  thereby  providing  an  ai^ably 
inappropriate  test  case  for  the  method  presented  in  Ref  7 

e.  ciiNCLObiUisS 

A  brief  review  of  three  armlytical  techniques  for  predicting  the  stability  derivatives  of  slender  axisymmetric  hypersonic 
vehicles  is  presented  The  techniques  presented  are  Newtonian  impact,  embedded  Newtonian  and  embedded  Newton-Busemann 
Vehicle  geometries  considered  are  pointed  and  blunted  10^  cones  and  a  double  flared  hyperballistic  shap<^  HBS  Comparison  of  results 
from  these  prediction  techiuques  with  experimental  data  demonstrates  that  the  embedded  Newtonian  technique  provides  a  suitable 
method  for  approximate  ,  'fictions  ot  aerodynamic  stiffness  and  damping  over  a  wide  range  of  conditions 

Although  the  centrifugal  term  of  the  embedded  Newton-Buaemann  method  is  required  for  correct  predictions  in  the  regime  of 
the  gas  dynamic  limit  M  =  «,  Y  =  I  where  shock  iay«.r<  are  thin,  comparison  with  experimental  results  for  a  range  of  blunted  cones  and 
the  hjperbalJistic  shape  HBS  show  that  prediction  using  ch.\  .Ttethod  at  M  =  6.86  provides  no  improvement  over  the  less  rigorous 
method  in  which  the  centrifugal  correction  is  omitted. 

It  is  noted  that  where  flow  structural  change  is  present,  in  the  form  of  transition  slJ  ^^e»parat'  \liicc;us  contribuLions 

to  the  stability  derivatives  cannot  be  ignored  The  body  motion  coupling  with  respect  to  these  viscous  ilow  *  is  an  area  in  need  of  further 
research. 

REFERENCES 

1.  Hayes,  W.D.  atul  Probatein,  R.F.  'Hypersonic  Flow  Theory,  1 '  Academic  Press,  New  York  (1960). 

2  2artarian,  G.  ‘Unsteady  Auloads  on  Pointed  Airfoils  and  Slender  Bodies  at  High  htach  Numbers'.  Wright  Air  Development 
Center.  WADC  TR-69-683. 


3  Busemsnn,  A  ’  Haruiwdrterbuck  der  Naiuru..^.^n4tenaften,  A'*  PlO^igkeitS  und  Gasbewegung,  2nd  Ed  Gustav  Fisher  Jena 
pp  244-279  (1933) 

4.  Tobak.  M  and  Wehrend.  W  R.  'StabilUyDenuatiues  of  Cones  at  Supersonic  Speeds',  NACATN  3788(1956). 

5.  SeilT,  A.  'SecoadoryFIou;FieIds£mbeddedmHypersonic$hocktnyers',NASATN  D'1304()962) 

6.  Ericsson,  L.E.  'Unsteady  Aerodynamiet  of  an  Ablating  Flared  Body  ofRei»lution  Including  Effects  of  Entropy  Gradient’,  AIAA 
Journal  pp  2395-2401  (1968). 

7.  Tong,  B.G.  and  Hui.  W.H  Unsteady  Embedded  Newton-Busemann  Flow  Theory’  J.  Spacecrafi  and  Rockets  ^  2,  pp  129-135 
(1986). 

8.  Cote.J.D.  Weu><onion  Ftou» /or  S/ender  Bodies  *.J  Aero.  Sci..  24.  pd  448-455  (1957) 

9.  Hui,  W  H.  'On  Axi’Symmetrie  and  Two-Dimensional  Flow  with  Attached  Shock  Waves'.  Astronaulica  Acta,  pp  35-44  (1973) 

10  Mahood,  G.E.  and  Hut,  W  H.  'Remarks  on  Unsteady  Newtonian  Flow  Theory',  Aeronautical  Quarterly,  ^  pp  66-74,  (1976) 

11.  Hui,  W.H.  'Stability  of  Oscillating  Wedges  and  Caret  Wings  in  Hypersonic  and  Supersonic  Flows',  AIAA  Journal,  7,  8, 
pp  1524-1530,  (1969) 

12.  Scott,  C.J.  'A  Theoretical  and  Experimental  Determination  of  the  Pitching  Stability  Derivatives  of  Cones  in  Hypersonic  Flow', 
AASU  Rep.267.  University  of  Southampton  (1967) 

13.  Ericsson,  L.E.  and  Scholnick,  I.M.  'Effect  of  Nose  Bluntness  on  the  Hypersonic  Unsteady  Aerodynamics  of  Flared  and  Conical 
Bodies  of  Revolution',  J.  Spacecrafland  Rockets,  g,  3,  pp  321-324(1969) 

14.  Ericsson,  L.E.  'Universal  Scaling  Laws  for  Hypersonic  Nose  Bluntness  Effects '  AIAA  Journal,  7,  pp  2222-2227  (1969). 

15  Ericsson,  L.E.  'Effect  of  Nose  Bluniness.  Angle  of  Attack,  and  Oscillation  Amplitude  on  Hypersonic  Unsteady  Aerodynamics  of 
Slender  Cones',  AIAA  Journal,  9, 2,  pp  297-304(1971). 

16.  Ericsson,  L.E.  '(/nsteody  Embedded NeiotonionFfoio'ABtronautica  Acta,  ^  pp  309-330  (1973). 

17.  Ericsson,  L.E.  'Gewero/ised  Unsteady  EmbeddedNewtonianFlow'.J-  Spacecraft  and  Rockets.  12. 12,  pp  718-726  (1975). 

18.  Ericsson,  L.E.  'Hypcr-baflistic  Vehicle  C^namics’  J  Spacecraft  and  Rockets,  3.  pp  496-505  (1982). 

19.  van  Dyke,  M.D.  'A  Model  of  Supersonic  Flow  Past  Blunt  Axisymmetric  Bodies,  with  Application  to  Chester^  Solution’,  J.  Fluid 
Mech,  2,  pp615-522  (1958) 


4»& 


20.  Krasnov.  N.P.  'Aerodynamics  of  Bodies  of  Reoolution'.Ed.  Morris,  DN.,  American  Elsevier  Publishing  Co.  Inc.,  New  York  (1970). 


28-10 


21.  Hui,  W.H  and  Tobak,  M.  ‘Unsteady  Newton-Busemann  Flouf  Theory  Pari  II  -  Bodies  of  Revolution''  A\AA  J  ppl272-l273 
(19&2). 

22.  SeUT,  A.  and  Whiting,  E.C.  ‘Calculation  of  Flow  Fields  from  Bow^wave  Profiles  for  the  Downstream  Region  of  Blunt-nosed 
Circular  Cylinders  in  Ajcud  H>p«r8onic  Flight*  NASA  TN-D- 1 147  (1961). 

23.  Brong,  E.A.  'The  Flow  Field  about  a  Right  CirciJar  Cone  in  Unsteady  Flight',  AlAA  65-395  (1966) 

24.  Ria,  H.,  Linkiewicz,  E.A.  and  Bosworth,  F  0.  'Hypersonic  Dynamic  'Stability.  Part  Iff  Unsteady  Flow  Field  Program', 
KUL-iuii-64-149.  Hare  ill  (iao/) 

25  East,  R  A.  and  Oaarawi,  A  M.S.  'A  Lung  Stroke  Isentropic  Free  Piston  Hypersonic  Wind  Tunnel',  Aeronautical  Research  Council 
R&M  3844  (1978) 

26  Ericsson,  L.B.  ‘Non-Lineat  Hypersonic  V  iscous  Crossflow  Effects  on  Slender  Vehicle  Dynamics',  AlAA  J  ]]_,  586-593  (1979) 

27  East,  R.A  ‘Non-Linear  Hypersonic  Static  and  Dynamic  Stability  of  Axi-Symmelnc  Shapes',  Euromech  Colloquium  No  126, 
Berlin  (1 980). 

28.  Hutt,  G  R.  and  East,  R  A.  'Optical  Techniques  for  Model  Position  Measurement  in  Dynamic  Wind  Tunnel  Testing',  Measurement 
and  Control  i£.  3  pp  99  tOI  (1985) 

29.  East,  R  A.,  Qasrawi,  A  M  S  and  Khalid,  M  ‘An  Experimental  Study  of  the  Hypersonic  Dynamic  Stability  of  Pitching  Bluni 
Conical  and  Hyperballistic  Shapes  in  a  Short  Running  Time  Facility',  AGARD  (Conference  on  Dynamic  Stability  Parameters, 
AGARD  CP-235  (1978). 

30  Ward,  L  K  ‘Influence  of  Boundary  Layer  Transition  on  Dynamic  Sta6i/ity  at  Hypersonic  Speeds Paper  No  6  Transactions  of  the 
2nd  Technical  Workshop  on  Dynamic  Stability  Testing.  Arnold  Air  Force  Station.  Tenn  (1965) 

31  Ericsson,  L.E.  'Transition  Effects  on  Slender  Vehicle  Stability  and  Trip  Characteristics',  J  Spacecraft  and  Rockets  li.  pp3  11 

32.  Softley.  E.J  ,  Graber,  E  C  and  Zempel,  R  C  ‘Experimental  Observations  of  Transition  of  the  Hypersonic  Boundary  Layer', 
AlAAJ  7,257  263(1969) 

33  Adams,  JC.  Jnr  and  Griflllh,  B  J.  '  Hypersonic  Viscous  Static  Stability  of  a  Sharp  5  deg  Cone  at  Incidence’,  AlAA  Journal  14 
pp  1062- 1068  (1976) 

34  Stetson, Ki'.  If  y  Layer  SepnrationonSlenderConesatAngleof  Attack',  AlAA  J  10.  642  646  (1972) 

JO  Mille*',  C  O  and  GnolTo,  P.A.  ‘An  Experimental  Investigation  of  Hypersonic  Flow  over  Btconics  at  Incidence  and  Comparison  to 
Prediction'.  AlAA  82- 1382 (1982) 

36.  Khalid.  M.  'A  Theoretical  and  Experimental  Study  of  the  Hypersonic  Dynamic  Stability  of  tiiur.'  ‘^rtsymmelnc  Conical  and 
Power-Law  Shaped  Bodies',  PhD  Thesis.  Department  of  Aeronautics  and  Astronautics,  University  of  Southampton,  1977 

ACKNOWLEDGEMENT 


Thl«  work  has  been  carried  out  with  the  support  of  the  Procurement  Executive,  Ministry  of  Defence 
The  authors  wish  to  express  their  thanks  to  Mr  D  R  J  Baxter  for  his  contribution  to  this  paper 


FIGURE  \  Definition  of  embedded  flowfield  and  body  geometry  (Ref.  16) 


FIGURE  2  Shapes  tested  for  dynamic  stabiUt: 


2S-12 


0 


0 

J  M 


o 


•O.M 


0 


O  EXI»£«IM€HT  ■  ».M.  X^/L  •  O.M.  <*  •  0 

-  rH£0»Y  XHALIO  fINiTC  EHTXOPY  LAYf*  «ACf  J4I 

-  THeOAY  ItiC  6T  At  NUMEftlCAt  IR£F 


F!<1L'RK  3  Variation  of  pitch  stability  with  Reynolds  number  for 
a  10^  semi  angle  pointed  cone 


FIGL'RE4  Pilch  stability  derivatives 
versus  angle  of  attack  for  a  lO*’ 
.semi  angle  pointed  cone 


FIGURES  Thermographic  surface  flowfield  maps  for  a  pointed  cone.  M  =  6  85,  Rcb  =  I  45x  10* 
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FIGURE  6  Comparison  of  embedded 
Newtonian  and  experimental 
pitch  stability  derivatives 
versus  angle  of  atUck  for  a  0  1 
bluntness  ratio,  iO^ 
semi-angle  cone 
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FIGURE  8  Comparison  of  embedded 
Newtonian  and  experimental 
pitch  stability  derivatives 
versus  angle  of  attack  for  a  0  3 
bluntness  ratio,  10^ 
semi-angle  cone 
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FIGURE?  Comparison  of  embedded 
Newtonian  and  experimental 
pitch  stability  derivatives 
versus  angle  of  attack  for  a  0.2 
bluntness  ratio,  10*^ 
semi-angle  cone 
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FIGURE  9  Comparison  of  embedded 
Newtonian  and  experimental 
pitch  stability  derivatives 
versus  angle  of  attack  for  a  0  4 
bluntness  ratio,  10° 
semi-angle  cone 
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FIGURE  10  Pitch  damping  derivative  results  versi’s  bluntness  ratio  for  a  family  of  10*^  semi-angle 
cones  -  a  comparison  between  experimental  data  and  theoretical  prediction 
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FIGURE  11  Comparison  between  theoretical  and  experimental  results  of  the  pitch  damping 
stability  derivative  versus  osciMation  axis  position  for  a  0  3  biuntness  ratio  10° 
semi-angle  cone 
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FIGURF  12  Comparison  of  embedded 
Newtonian  and  experimental 
pitch  stability  derivatives 
versus  angle  of  attack  for  the 
shape  HBS 
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FIGURE  13  Thermographic  surface  Rowfield 
maps  of  the  shape  HBS.  M  ==  6.85. 
Red  =  0.9Sx  lOfi 


FIGURE  14  Comparison  between  experimental  and  theoretical  pitch  stability  derivative  results 
versus  oscillation  axis  position  for  the  shape  HBS 
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SUMMARY 

In  this  paper  a  theory  Is  given  of  the  aerodynamic  stability  of  hypersonic  conical  lifting  vehicles 
performing  small  amplitude  pitching  motion  about  its  steady  flight  by  using  the  Newton-Busemann  flow 
theory,  which  is  the  rational  limit  of  gasdynamic  theory  as  the  flight  Mach  number  M,.  ®  and  the  ratio 

of  specific  heats  y  1  This  Is  done  by  reformulating  the  gasdynamic  equations  using  a  fet  of 
material  functions  as  independent  variables  urtilch  are  a  generalisation  of  the  stream  functicns  of 
steady  flow.  In  this  formulation,  calculations  of  the  steady  flow  field  are  reduced  to  finding  the 
geodesics  of  the  body  surface.  The  unsteady  flow  field  is  then  calculated  by  perturbation  of  the  steady 
flow;  In  particular  for  conical  shapes  It  ?*equ1res  only  numerical  quadrature.  The  theory  is  applied  to 
conical  wings  of  parabolic  cross-section  and  the  dependence  of  the  stiffness  and  damping-in-pitch 
derivative  on  the  angle  of  attack,  the  slenderness,  concavity  and  convexity  of  the  wing,  and  on  the 
pivot  axis  position  is  studied  systematically. 


1.  INTRODUCTION 

With  the  recent  revival  of  interests  In  hypersonic  flight  information  on  aerodynamic  stability  of 
vehicles  at  very  high  Mach  number  has  become  wanted,  as  evidenced  in  the  excellent  review  papers  by 
Orlik-Riickemann  {Ref.  1),  Townsend  (Ref.  2)  and  East  (Ref.  3). 

This  paper  is  devoted  to  the  theoretical  prediction  of  the  aerodynamic  stability  of  hypersonic 
lifting  vehicles  based  on  unsteady  Newton-Busemann  flow  theory.  The  slirqiler  aspects  of  the  latter 
theory  were  developed  recently  by  Hui  and  Tobak  (Refs.  4  to  6)  and  applied  to  aerofoils  and  bodies  of 
revolution.  In  particular,  it  has  been  shown  that  (1)  the  rational  limit  of  gasdynamic  theory,  as  the 
flight  Mach  number  «  and  the  ratio  of  specific  heats  y  1  »  is  equivalent  to  the  Newtonian 

impact  flow  model  plus  Busemann  centrifugal  pressure  correction;  (2)  the  centrifugal  pressure  Is  just  as 
Important  as  the  Impact  pressure  and  must  not  be  neglected;  and  (3)  with  its  Inclusion  the  complete 
unsteady  Newton-Busemann  flow  theory  Is  In  good  agreement  with  experiments  on  sharp-nosed  bodies. 

Extension  to  the  three-dimensional  case  was  partially  given  by  Hui  and  Van  Roessel  (Ref.  7)  using 
a  spanwise  integration  technique  to  obtain  the  aerodynamic  derivatives.  It  gives,  however,  no 
information  of  the  details  of  the  flow  field;  In  particular,  the  region  of  zero  pressure,  if  it  exists, 
was  not  determined. 

In  this  paper  the  unsteady  Newton-Busemann  flow  field  around  a  three-dimensional  body  performing 
small  amplitude  pitching  motion  about  steady  flight  at  a  trirnned  condition  is  obtained.  This  is  done 
by  reformulating  the  gasdynamic  equations  (Ref.  8)  using  a  set  of  material  functions  as  independent 
variables,  which  are  a  generalisation  of  the  stream  functions  of  steady  flow.  In  this  formulation, 
calculations  of  the  steady  flow  field  are  reduced  to  that  of  finding  the  geodesics  of  the  body  surface, 
and  the  unsteady  flow  field  is  then  calculated  by  perturbation  of  the  steady  flow. 

When  applied  to  conical  shapes,  the  method  requires  only  numerical  quadrature.  In  this  way,  effects 
of  various  factors,  such  as  angle  of  attack,  slenderness,  concavity  and  convexity  of  a  wing,  and  pivot 
axis  position  on  the  stiffness  and  damping-in-pItch  derivative  are  investigated  systematically. 


2.  MATHEMATICAL  FORMULATION 

Consider  a  rigid  vehicle  B  flying  at  supersonic/hypersonic  speed.  In  supersonic/hypersonic  flight 
the  front  of  the  body  is  enveloped  by  a  shock  wave  which  extends  downstream  in  the  shape  of  a  slightly 
flared  skirt.  The  flow  upstream  of  the  shock  wave  or  shock  surface  is  undisturbed  whereas  the  flow 
field  of  Interest  lies  entirely  downstream  of  the  shock,  between  the  shock  surface  and  the  vehicle 
surface.  In  hypersonic  flight,  with  the  free  stream  Mach  number  > >  1  .the  enveloping  shock  wave 
lies  very  dose  to  the  body  surface.  The  region  between  the  shock  surface  and  body  surface  is  termed 
the  shock  layer. 

We  scale  the  time  variable  by  t/U^  ,  and  space  variables  by  i  where  i  is  a  characteristic 
length  of  the  body  B  and  is  the  free  stream  velocity.  Scale  the  dependent  variables  pressure  by 
oji  *  density  by  and  velocity  by  ,  where  is  the  free  stream  density.  The  equations 
gove>‘n1ng  the  flow  field  surrounding  the  vehicle  B  are  the  inviscid  Navier-Stokes  equations  or  the 
Euler  equations*. 
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II  +  ?.(p;)  =  0  , 

.  ?(i)  .  0  , 

p  p’ 

where  p  ,  p  ,  v  ere  the  seeled  pressure,  density  end  velocity  respectively  of  the  ges,  end  F  Is  the 
body  force  per  unit  mess  ecting  on  the  vehicle. 

The  boundery  conditions  ere  thet  the  reletlve  velocity  of  the  fluid  Is  tengentlel  to  the  body  et 
the  body  surfece  end  thet  mess,  momentum  end  energy  be  conserved  es  the  fluid  crosses  the  shock  weve. 

At  the  body  surfece  this  condition  is 

(v- Vp)  in  =  0  ,  on  B  (2) 

where  Vp  end  n  ere  the  velocity  end  unit  normel  of  the  body  surfece.  The  shock  weve  boundery 
condition  mey  be  expressed  In  the  form 

s 
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of  the  unit  nonnal  to  the  body  surface.  The  equation  of  the  body  surface  in  shock  layer  coordinates  is 
5^  =  0  {ort  t-0)  .  Let  the  equation  of  the  unknown  shock  surface  be 

=  S(t,{'.5^)  .  (7) 


In  order  to  apply  Newton's  law  In  a non*1nert1a1  reference  frame  we  must  add  those  forces  due  to  Che 
relative  acceleration  of  the  non-inertial  reference  frame,  namely;  translational 

acceleration;  -ZZ  *  v  ,  the  Coriolis  force  f«r  unit  mass;  -w  x  (uat)  ,  the  centrifugal  force  per 
unit  mass;  •u^'r  ,  the  inertial  force  of  rotation  per  unit  mass,  where  u  is  the  angular  velocity 
vector  of  the  vehicle.  The  force  ?  in  equation  (1)  is  thus 


(8) 


In  component  form  Equation  (1)  becomes 


If-  +  ~ =  0 
/g  h’ 


3V^ 

3t 


(9) 


_3_ 

at 


2- 

Y. 


=  0  , 


where  are  components  of  the  inverse  of  the  metric  tensor,  g  is  the  determinant  of  the  metric, 
and  rji^  are  the  Chrlstoffel  symbols  of  the  second  kind. 

The  solution  of  Equations  (9)  would  represent  an  Eulerian  description  of  the  fluid  flow.  However, 

a  transformation  to  Lagrangian  coordinates  will  prove  useful.  The  presence  of  the  term  in  the 

continuity  equation  however,  precludes  the  use  of  stream  functions.  But,  facilitated  by  a  change  of 
notation,  it  is  possible  to  introduce  a  set  of  new  functions  to  be  called  material  functions. 

Letting  5®  -  t  ,  and  since  the  metric  is  time  independent  due  to  the  body-fixed  frame  of  reference 
used,  the  continuity  equation  may  be  written  as 


-^^pv^)  =  0 


(10) 


where  v^  =  1  and  upper  case  latin  Indices  range  from  0  to  3. 

Introduce  three  functions  related  to  the  components  of  velocity  as  follows 


at''  at^  at^ 


(11) 


IJKL 


is  the  permutation  symbol.  Substitution  into  (9a)  shows  that  the  continuity  equation  is 

1 


where  e 

Identically  satisfied.  Taking  the  material  derivative  of  M'  yields 


TJT  3t  J  I 


-  '  an’  aM^  aM®  .  „ 

-  e  ) - j-  - r  - =•  - p  =  0 

''go  at*  at"*  at^  at^ 

where  A  is  an  arbitrary  function  of  the  M*'s. 

I  The  notation  (t,n,t)  is  introduced  to  replace  (t  ,t  ,t  )  whenever  the  use  of  Indices  becomes 
cumbersome. 


(12) 
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This  shows  that  the  N^'s  are  constant  following  the  fluid  and  so  the  naae  naterlal  functions  Is 
appropriate.  These  material  functions,  analogous  to  the  stream  functions  for  steady  flow,  are  not 
unique.  The  existence  of  these  functions  was  Icnown  previously  but  they  have  been  little  utilized. 
Setting  /  •  0  In  (II)  results  In  the  following  constraint  on  the  material  functions; 


>(V,V,n  ' 

Consider  a  transformation  from  the  coordinates  to  (m^)  coordinates  defined  by 


(13) 


H^(t°,c’.£^,C^) 


with  Inverse  transformation 


t 


I 


X  »in  *in  /  » 


(U) 


(15) 


where  h',H^  and  are  the  material  functions  of  Equation  (11)  and  Is  to  be  chosen  by  Imposing 
the  condition 


which  results  In 


(16) 


(17) 


It  is  clear  that  '  x^('''°im'.m^.m^)  ,  considered  as  a  curve  parameterized  by  m'^  with  the  m^'s 

1  2  3 

held  constant,  represents  the  pathline  of  the  fluid  particle  identified  by  (m  ,m  ,ffl  ) 

The  material  derivative  reduces  to 


0  =  /.J_ .  iZ  9  .  8 

9?  9C-^  31? 


(18) 


which  shows  that  tn^  Is  a  measure  of  time  following  a  fluid  particle  or  Lagranglan  time.  Therefore* 
m®  will  be  replaced  by  t  whenever  convenient. 

Making  the  transformation  (15),  the  governing  equations,  (9),  become 


1 

at 


J  = 


(19a) 

(19b) 


Jk  »t  3i 


IJKL 


,‘l  iZiii  3?  . 

3m“  sm*^  3m^  3m“  8m**'  8m'' 


g13  8^8^8^j 
8m"  am*^  am*-' 


-5£|'F’(x7-)  , 


(19c) 
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Equation  (16)  only  determines  M®  to  within  an  arbitrary  function  of  three  independent  variables. 
It  is  convenient,  therefore,  to  set  the  shock  surface  at 

=  0  (or  1  =  0)  .  (20) 


The  body  surface  will  be  set  at 

=  0  .  (21) 


This  is  now  a  fixed  boundary  problem. 

Equations  (19)  are  six  equations  for  six  unknown  functions.  However,  Equation  (19a)  can  be 

integrated  immediately  to  obtain  snd  Equation  (19b)  can  be  used  to  eliminate  p  ,  thus  leaving  four 
equations  in  four  unknowns.  Furthermore,  a  first  integral  can  be  obtained  from  (19d).  The  major 
difficulty  lies  with  the  momentum  equations  (19c). 

12  3 

It  is  worth  pointing  out  that  while  (t.m  ,m  ,m  }  are  Lagrangian  variables,  they  differ  from  the 
standard  Lagrangian  variables  in  that  a  distinction  is  made  between  Lagrangian  time  t  and  Eulerian 
time  t  .  This  distinction  allows  for  the  probleni  to  be  rendered  a  fixed  boundary  problem.  It  is 
shown  in  Ref.  8  that  a  further  transformation 


where  the  subscript  s  denotes  evaluation  at  the  shock  surface,  allows  the  problem  to  be  formulated 
as  a  system  integro-differential  equation.  Taking  the  Newtonian  limit  *  •  y  1  and 

assuming  that  the  unsteady  motion  is  sufficiently  slow  so  that  an  expansion  of  the  following  form 
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♦  2r! 


8-(  »t  >T  *  3'' 


•  E” «  r 

»  ♦ 


E“(0.t^.4.c2)  -  0 


P^(T.t.t’.£^) 


(25) 


,t.£'.£2) 


Ej(T.t.t' 


.£^)<It  • 


Eo‘^8<‘> 


•  C^) 


t.£ 


.£^)y 


'(t.s'.c^) 


Ip  •  e,e 


where  •  ^0  '  ^''®  ’'®loc’ty  components  and  pressure  at  the  shock  surface  and  expressions 

for  t J  ,  tJ  ,  tJ  may  be  found  in  Ref.  8. 

Equations  (24a)  are  to  be  solved  for  eJ  and  Eg  They  imply  that  the  particle  trajectories  in 
steady  flow  are  Just  the  geodesics  of  the  body  surface.  Once  determined.  Equations  (25a),  being  linear 
o.d.e.'s,  may  be  solved  for  the  corrections  E“  ,  p=e,e  to  give  the  particle  trajectories: 

£“  »  E“(t,tj,tJ,t2)  ,  ,.=1.2  .  (26) 


Equation  (26)  is  then  inverted  to  obtain 


tj  =  2“{t,t,t!£^)  (27) 

which  is  then  Inserted  into  (24d)  and  (25d)  to  obtain,  simply  by  quadrature,  the  unsteady  pressure 

P  =  P(i.t,£,n)  .  (28) 

Thus  the  problem  of  determining  the  pressure  for  sufficiently  slow  unsteady  motion  in  the  Newtonian 
limit  is  reduced  to  solving  the  geodesic  equations,  a  pair  of  nonlinear  ordinary  differential  eouations 
for  the  body  B. 


3.  CONICAL  WINGS 

We  apply  the  formulation  of  the  previous  section  to  conical  lifting  vehicles,  in  particular  conical 
wings  with  parabolic  cross-section.  Consider  the  conical  wing  (see  Fig.  1)  given  by 


T=±l 


(29) 


where  a  concave  wing  corresponds  to  T=+l  and  a  convex  wing  corresponds  to  T^-l  .  The  cross-section 

in  the  plane  x= const,  is  a  parabola.  Surface  coordinates  (t',£^)  =  (£,n)  for  the  body  which 
are  orthogonal  may  be  chosen  as  follows: 


X  =  B’(4,ti)  =  j(dn(n,ni)  +  Tcn(n,m))  , 
y  =  =  -  |■(d/»(rl,lD)  -Ten  (n.m))  . 


(30) 
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z  =  B  (t.n)  =  ctsn (n.m) 


22  21/2 

where  m=  (a-l)/(a+l)  *  c  -  a/(a  ♦  1 )  '  and  sn  ,  cn  ♦  dn  are  the  Jacobi  el  1  iptic 

functions  of  modulus  m  . 

Specifying  the  sweep  back  angle  .a  and  the  angle  u  from  the  centre  line  to  the  leading  edge 
plane  uniquely  determines  the  parabolic  conical  body  yielding 


tan(^-  a) 


(31) 


with  w  >  0  for  concave  wings  and  w  <  0  for  convex  wings.  The  surface  coordinates  are  restricted  to 


^  ^  ^  ^  dn(n  fm)  +T  cn(n  »m) 


|nl  s  n|_ 


(32) 


where  is  given  by 


2 

sn‘(nL.'n) 

— 2 - 

cn‘(nL.m) 


sin2w  tan  (j"" 
2 

(cosu  -  sinu) 


(33) 


For  the  above  body.  Equations  (24)  and  (25)  are  readily  solved  to  obtain  the  pressure  to  within 
quadrature  (Ref.  8). 


4.  STABILITY  DERIVATIVES 

The  pituiiio,  niome'l  coefficient  Cuj  ,  ihe  stiffness  derivative  ,  and  the  damping-in-pitch 

derivative  are  defined  by 

<34) 

6  e 

where  the  pitching  moment 

M{t)  =  -  I  I  P(t,L,n)[(CY,(n)  -  h)n2(n)  -  tY2(n)n^(n)]v^dtdii  (35) 

B 

T)(n)  =  j(dn(n,m)  +  Tcn(n,m)) 

Y2(n)  =  -^dn(n,m)  -Tcn(n,m)) 

•^iCn)  =  dn(nem)  -  cn(n»m)) 

« 

n2(n)  =  ^^^(cn(n,m) +~  dn(n,m)) 

S  =  planform  area  of  the  wing  . 

n — 2 — 2 - 

v(n)  ®  'C  -  m  sn  (n»m) 
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5.  RESULTS  AND  DISCUSSIONS 

Systematic  computations  of  the  stiffness  and  danplng-ln-pltch  derivative  have  been  done  for 
various  combinations  of  the  defining  parameters  In  the  following  ranges:  0  <  a  <  80^  ,  -30°  <  u  <  30**  , 

60  <  A  <  80**  and  0  <  h  <  2/3  .  It  has  been  found  profitable  to  present  these  results  In  relative 
form  as  (-C„  )/(-C_  )  and  (-C.  )/(-C^  )  .  where 

■"e  "e  f1  "e  "5  ft 


(-C^  =  2s1n2a(|-h) 


(-C  )  =■  4s1na(|.-|hth^) 

"e  ft  ’  ^ 


are,  respectively,  the  stiffness  and  dampIng-in-pItch  derivative  of  the  corresponding  flat  delta  wing, 
I.e.  when  u  ^  0  ,  as  given  In  Ref.  9.  Me  note  that  they  are  Independent  of  the  sweep-back  angle  A  , 
and  that  (-C  )  is  always  positive  but  (-C  )  changes  sign  at  h  =  2/3  . 


These  relative  stability  derivatives  are,  strictly,  still  dependent  on  the  defining  parameters 
a  ,  w  ,  A  and  h  .  It  turns  out.  Interesting  enough,  that  they  are  practically  Independent  of  the  angle 

of  attack  a  and  the  pivot  axis  position  h  for  20*  <  a  <  75“  and  0  <  h  <  2/3  .  This  is  to  say  that 
the  spanwise  concavity  or  convexity  of  a  conical  delta  wing  does  not  alter  the  dependence  of  the 
stability  derivatives  on  a  and  h  within  the  above  ranges.  Details  of  the  computational  results  are 
as  follows. 


5.1  A-dependence 

The  dependence  of  the  relative  stability  derivatives  on  the  sweep-back  angle  A  is  shown  In 
Figs.  2-5.  It  Is  observed  that  Increasing  A  (I.e.  more  slender  wings)  decreases  the  damping-ln-pitch 
derivative  (-C  )  for  both  concave  wings  and  convex  wings.  It  also  decreases  the  stiffness 
e 

derivative  (-C  )  of  convex  wings  but  has  little  effect  for  concave  wing*  These  coriclusions  hold 

®  2 
true  for  any  angle  of  attack  a  and  for  0  <  h  <  y  . 


J.2  h-dependence 

From  the  comparisons  of  Figs.  2a*c  and  4a-d,  which  are  for  different  h  ,  we  see  that  relative 
damping-ln-pUch  derivative  Is  independent  of  the  pivot  axis  position  h  for  0  <  h  <  2/3  and  for 

0  <  a  <  75*  ,  The  same  conclusion  holds  also  for  the  relative  stiffness  derivative  (Fig.  3a, b  and 
Fig.  5a, b).  This  near  Independence  of  the  relative  stability  derivatives  on  h  for  0  <  h  <  2/3  Is 

also  shown  explicitly  in  Fig.  6  for  the  case  a  «  20“  and  u  *  20’»  from  which  it  Is  also  seen  that 
the  relative  stability  derivatives  vary  rapidly  with  h  for  h  >  2/3  .  One  possible  explanation  for 
this  is  that  In  the  vicinity  of  h  =  2/3  ,  (-C  )  changes  sign  and  (-C  J  reaches  minimum. 


5.3  uj-dependence 

From  Figs.  2  and  3,  it  is  seen  that  both  (spanwise)  concavity  and  convexity  of  the  conical  wing 
tend  to  decrease  the  damping-in-pItch  and  the  stiffness  derivative  for  20“  <  a  <  75*  ,  and  the  maximum 

stability  Is  reached  near  the  flat  delta  wing.  For  smaller  angles  of  attack,  i.e.  a  <  20“  ,  however, 
the  trend  is  somewhat  different.  For  these  cases  (see  Figs.  4  and  5)  the  maxima  of  the  stability 
derivatives  are  reached  by  sllghly  convex  wings. 

An  explanation  of  the  different  trend  for  smaller  angles  of  attack  is  that  as  a  becomes  small, 
variation  in  concavity  or  convexity  of  the  wing  alters  significantly  the  flow  around  the  wing.  In 
contrast,  for  Urge  a  »  w  ,  the  air  flow  "sees"  mainly  the  wing  as  a  flat  delta  wing  formed  by  the 
leading  edge  plane.  * 


5.4  a-dependence 

The  explicit  dependence  of  the  relative  stability  derivatives  on  the  angle  of  attack  a  Is 
Illustrated  In  Figs.  7  and  8.  The  mild  dependence  on  a  for  20“  a  <  75“  is  noted. 


5.5  In  most  cases  calculated,  the  damping-ln-pltch  derivative  is  positive,  indicating  dynamic  stability 
of  the  steady  flight.  However,  Fig.  2b  shows  that  for  highly  concave  and  very  slender  wings  the 
dainping-in-pitch  derivative  can  become  negative,  I.e.  aerodynamlcally  unstable.  This  is  consistent 
with  an  earlier  investigation  of  Hui  and  Tobak  (Ref.  4}  on  aerofoils  where  it  was  found  that  "the 
pitching  motion  of  a  sharp-nosed  aerofoil  having  (chordwise)  concave  surfaces  will  tend  toward  dynamic 
instability  over  a  range  of  axis  positions  if  the  curvature  of  the  surfaces  is  increased  beyond 
a  certain  value."  It  was  noted  (Ref.  4)  that  this  condition  of  instability  arises  in  part  out  of  a 
destabilizing  contribution  from  (-C^  )  .  and  this  unusual  circumstance  has  its  origin  in  the  radical 

g 

rearward  displacement  experienced  by  the  aerodynamic  center  of  the  loading  due  to  angle  of  attack  as 
the  concavity,  spanwise  or  chordwise,  of  the  wing  surface  is  increased. 

For  application  of  the  present  theory  to  prediction  of  stability  of  hypersonic  conical  lifting 
wings  at  finite  flight  Mach  number  and  y  ^  1-0  *  we  remark  that  the  present  theory  gives  the 

limiting  values  as  M^  •  and  y  -*•  1  •  It  is,  however,  known  that  (Refs.  10  and  il)  decreasing 

and  increasing  y  both  have  the  effect  of  decreasing  the  damping-in-pitch  derivative,  possibly  rendering 
it  negative  under  certain  circumstances. 


Finally,  we  remark  that  unsteady  Newton-Busemann  flow  theory  as  developed  above  is  the  rational 
limit  of  gasdynamics  and  applied  well  to  hypersonic  flowfields  with  no  stagnation  point.  These  include 
flow  over  lifting  conical  wings,  or  sharp-nosed  or  sharp-edged  bodies.  For  blunt  bodies,  straightforward 
application  of  the  theory  tends  to  give  rather  poor  results,  due  to  the  singularity  at  the  stagnation 
point  inherited  in  the  Newtonian  impact  model.  Some  modifications  are  therefore  needed.  In  this  regard, 
it  has  recently  been  shown  by  Tong  and  Hui  (Ref.  12)  that  the  embedded  Newtonian  flow  concept  of 
Seiff  and  Whiting  (Ref.  13)  provides  just  the  needed  modifications.  Examples  of  good  agreement  of  the 
unsteady  embedded  Newton-Busemann  flow  theory  with  experiments  are  given  in  Ref.  12. 
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SUMMARY 

The  Flight  Dynamics  Laboratory  has  focused  activity  on  Lifting  Body  aerodynamic 
research  for  the  development  of  analytical,  experimental,  and  design  methods.  Lifting 
bodies  have  a  set  of  unique  properties  which  make  them  particularly  attractive  for 
multiple  applications.  These  unique  properties  including  better  aerodynamic  efficiency 
at  high  altHudes  and  high  velocities,  reduced  TPS  weight,  and  efficient  payload 
packaging  are  discussed.  A  brief  chronology  is  given  of  the  Lifting  Body  Configurations 
investigated  by  the  Flight  Dynamics  Laboratory,  along  with  their  aeroperformance 
capabilities  Including  the  ASSET,  PRIME,  the  X-24A,  and  the  X-24B.  Also  included  Is  a 
brief  discussion  of  lifting  body  applications  at  supercircular  velocities  such  as  the 
SORTIE. 

A  portion  of  the  paper  addresses  the  Impact  of  basic  geometric  and  component 
effects  on  aerodynamic  performance  parameters.  These  results  were  then  translated  Into 
a  unique  aerodynamic  configuration  which  eliminates  the  aft  vertical  fins  without 
degrading  the  hypersonic  llft-to-drag  ratio  while  maintaining  directional  stability. 
Additionally,  the  paper  addresses,  their  benefits  and  applicability.  Specifically,  the 
more  significant  methods  such  as  the  Hypersonic  Arbitrary  Body  Program  (HABP),  PANAIR, 
Euler,  Parabolized  Navier  Stokes  (PNS),  and  Navler  Stokes  (NS)  codes  are  discussed. 
Experimental  capabilities  and  needs  are  discussed  and  finally,  long  term  goals  for 
future  lifting  body  configurations  are  assessed. 


INTRODUCTION 

The  technology  advances  that  have  been  made  and  the  availability  of  that  technology 
has  presented  the  challenge,  the  opportunity,  and  the  emphasis  to  accelerate  the  entry 
into  the  era  of  hypersonic  flight.  The  capability  will  Include  operations  from  point  to 
point  on  the  earth's  surface,  earth  to  space,  and  space  to  earth.  The  system  designer 
will  continue  to  search  and  select  vehicle  concepts  which  will  provide  the  desired 
performance  at  minimum  cost.  In  any  assessment  of  advanced  concepts,  1t  Is  necessary  to 
emphasize  that  a  broad  spectrum  of  options  exists  relative  to  the  candidates  for  lifting 
vehicles.  It  is  clear  that  performance  considerations  suggest  that  lift  will  be  a 
primary  prerequisite  of  any  future  hypersonic  vehicles.  It  is  particularly  beneficial 
and  useful  to  give  consideration  to  the  general  evolution  of  advanced  vehicle  concepts 
as  background  Information.  Pragmatic  considerations  and  data  availability  clearly 
indicate  that  reasonable  levels  of  aerodynamic  performance  are  a  necessity  for  hyper¬ 
sonic  flight  vehicles. 

The  Advantages  of  Lift 

Classically,  drag  has  been  employed  to  control  the  level  of  deceleration  of  re¬ 
entry  vehicles  and  to  dissipate  the  kinetic  energy.  Lift  is  also  of  benefit  and  enables 
the  vehicle  to  decelerate  at  higher  altitudes  for  the  same  velocity.  The  range  of  lift 
coefficients  available  effectively  defines  the  re-entry  corridor  for  any  configuration. 
The  question  of  heating  -is  more  complex;  for  the  stagnation  point  heating  is  reduced  at 
the  higher  angles-of-attack  but  other  points  on  the  configuration  offer  special  chal¬ 
lenges.  Lift  Is  employed  primarily  to  obtain  maneuverability  and  the  hypersonic 
lift-to-drag  ratio  traditionally  establishes  the  down  range  and  cross  range  capability 
of  re-entry  vehicles.  This  capability  can  translate  in  terms  of  Inclination  angle 
changes  and  recall  times  from  different  orbital  conditions.  Generally  speaking.  It  can 
be  shown  that  the  lifting  maneuverable  vehicle  offers  substantial  performance  benefits; 
consequently,  we  will  focus  on  the  configuration  aspects  which  offer  the  most  promising 
potential  for  a  wide  spectrum  of  applications  at  hypersonic  and  re-entry  speeds.  Figure 
1  summarizes  some  of  the  payoffs  of  aeroperformance  efficiency  In  terms  of  cross  range, 
plane  change  capabilities,  and  return  times. 

Configuration  Classes 

The  three  most  likely  candidates  for  lifting  re-entry  configurations  are  the 
winged/body,  the  lifting  body,  and  the  blended  body.  Our  discussion  will  generally 
address  the  lifting  and  blended  body  configurations.  The  winged/body  or  winged  gliders 
such  as  the  Oyna  Soar  have  their  place  If  the  lower  altitudes  and  velocities  are  of 
special  Interest.  The  winged  vehicles  or  winged/body  configurations  are  generally 
characterized  with  lower  sweeps  and  higher  aspect  ratios.  They  further  can  profit  from 
more  "conventional”  leading  edges  and  contoured  surfaces  with  '‘educed  base  areas  in 
order  to  Improve  the  low  and  mid  speed  performance.  Obviously,  terminal  and  landing 
characteristics  can  be  enhanced  as  a  result.  If  hypervelocity  performance  and  growth 
potential  are  the  high  value  considerations;  however,  the  lifting  or  blended  body 
configurations  appear  particularly  attractive.  In  view  of  the  many  benefits  associated 
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with  the  lifting  or  blended  bodies,  we  will  concentrate  our  discussion  on  this  class  of 
configurations  and  their  utility  as  candidates  for  hypervelocity  vehicle  applications. 

In  any  event,  the  Importance  of  the  aeroconfiguratlon  Is  traced  in  Figure  2  in  terms  of 
a  key  technology  focus  and  a  critical  design  driver. 

The  Advantages  of  Lifting  Bodies 

It  has  been  shown  by  many  authors  that  the  lifting  body  offers  substantial  benefits 
In  terms  of  Its  volumetric  efficiency  which  can  be  viewed  as  a  first  order  Indicator  of 
Its  payload  carrying  capability.  High  volumetric  efficiency,  v2/3/s^^,  also  translates 
itself  into  reduced  wetted  area  which  means  reduced  skin  friction  drag  hence,  a  higher 
hypersonic  lift-to-drag  ratio  which,  in  turn,  results  in  higher  levels  of  maneuver¬ 
ability  both  In  terms  of  longitudinal  and  lateral  range.  Wetted  area  also  is  a  first 
order  Indicator  of  the  acreage  which  must  be  thermally  protected;  consequently,  any 
reduction  means  substantial  dividends  In  terms  of  reduced  thermal  protection  system 
weight.  This,  again,  can  be  extended  into  reduced  structural  weight  and  total  systems 
weight.  A  dual  advantage  can  be  experienced  here  for  the  lifting  body  can  generally  be 
sized  smaller  for  the  same  payload  and  mission  requirements  largely  because  of  the 
increased  volume.  If  the  limitation  is  weight  rather  than  volume,  the  payoffs  are  still 
quite  measurable  in  terms  of  launch  or  thrust  requirements.  Figure  2  again  shows  some 
of  these  advantages  while  Figure  3  indicates  the  general  trend  of  volumetric  efficiency 
with  hypersonic  l1ft-to-drag  ratio. 

Returning  to  its  aerodynamic  properties,  the  lifting  body  has  a  higher  angle-of- 
attack  for  maximum  lift  and,  further  does  not  experience  the  rigid  clear  stall  character¬ 
istics  of  winged  vehicles.  This  wide  range  of  angle-of-attack  reflects  itself  in  an 
expanded  re-entry  corridor.  Again,  from  an  aerodynamic  heating  viewpoint,  the 
lifting/blended  body  can  minimize  juncture  areas  and  interference  heating.  This 
reduction  In  juncture  points  also  permits  the  configuration  to  be  tailored  for  Increased 
survivability  through  reduced  observability.  From  a  stabilization  perspective,  the 
lifting  body  lends  Itself  to  many  candidate  options  for  simplified  controls.  For 
example,  novel  stabilization  possibilities  exist  such  as  the  positive  comprcssior. 
sharing  approach.  This  approach  is  the  precise  contouring  of  the  body  in  such  a  manner 
that  directional  stabilizing  pressures  are  generated  at  hypersonic  speeds  to  provide 
maximum  effectiveness  with  low  drag.  The  compression  sharing  concept  has  also  demon¬ 
strated  yaw  stability.  Lifting  body  configurations  have  been  developed  which  have 
allowed  elimination  of  the  aft  vertical  fins  of  the  vehicles  without  degrading  the 
hypersonic  lift-to-drag  ratio  and  directional  stability.  Figure  4  displays  some  of 
these  configuration  variations  for  directional  stability  Including  the  elimination  of 
the  vertical  fins. 

As  previously  Indicated,  the  lifting  body  also  can  ease  some  of  the  propulsion  and 
launch  considerations  through  its  reduced  weight.  Further,  most  lifting  body  configura¬ 
tions  significantly  ease  the  rocket  engine  and  on-board  tankage  integration  problems. 
Depending  on  the  mode,  the  launch  stability  can  be  aided  by  reduced  booster  fins  for 
stabilization  and  a  potential  reduction  of  launch  interference  factors. 

Perhaps  one  of  the  more  attractive  features  of  the  lifting  body  is  its  growth 
potential  from  a  number  of  perspectives.  We  have  already  mentioned  its  corridor  width 
potential  which  enables  a  wide  spectrum  of  altitude  choices.  It  has  an  inherent  capa¬ 
bility  for  synergetic  orbital  transfer  applications  in  that  significant  plane  changes 
can  be  made  resulting  In  a  wide  spectrum  of  orbital  inclination  angles.  This,  then, 
naturally  suggests  the  application  to  higher  energy  orbits  up  to  geosynchronous  or 
geostationary  along  with  orbital  transfer  maneuvers  from  GEO  to  LEO  to  GEO  with  the 
resulting  capability  of  performing  a  successful  entry  at  supercircular  velocities  along 
with  the  attendant  thermal  management  of  both  the  convective  and  hot  gas  radiative  heat 
transfer.  This  capability  will  be  discussed  further  in  the  sections  addressing  maneu¬ 
verable  orbital  transfer  vehicles  and  the  SORTIE  configuration. 

Finally,  another  area  which  profits  from  the  use  of  the  lifting  body  is  the  multi- 
staged  system.  For  many  of  the  reasons  previously  cited;  the  lifting  body  offers  an 
attractive  candidate  for  both  the  first  and  second  stage  of  a  two  staged  system. 

Through  the  use  of  simple  geometries,  the  mating  arrangements  between  the  two  stages  can 
be  greatly  facilitated  even  to  the  point  of  employing  semi -submerged  arrangements. 

Special  attention  can  be  given  to  improved  carriage  and  separation  techniques  for  the 
total  system  for  straightforward  "drop  away"  techniques  can  be  used.  Integration 
techniques  with  different  types  of  propulsion  systems  can  also  be  accommodated  in  a 
minimally  disruptive  manner.  Simply  stated,  the  lifting/blended  body  is  designed  not 
just  to  survive  the  hypervelocity  environment,  but  to  be  at  home  in  it.  A  representa¬ 
tive  collection  of  configurations  investigated  in  considerable  depth  is  displayed  in 
Figure  5. 

The  Chronology  of  Lifting  Bodies  at  the  Flight  Dynamics  Laboratory 

Serious  lifting  body  configuration  programs  were  being  addressed  in  the  early  60*5, 
both  at  NASA  and  at  the  Air  Force's  Flight  Dynamics  Laboratory.  NASA  initiated  their 
activities  with  the  HI  and  M2  configurations  at  Ames,  which  culminated  in  the  flight 
testing  of  the  H2F1,  M2F2,  and  M2F3  at  Dryden.  Langley's  early  activities  were  effec¬ 
tively  converged  with  the  testing  of  the  HL-10.  The  Air  Force's  initial  activities 
centered  around  the  WAOD  II,  or  "Lead  Sled"  configuration,  which  was  offered  as  a 
candidate  during  the  Phase  a  effort  of  the  Oyna  Soar  program.  The  design  was  analyti¬ 
cally  and  experimentally  Investigated  and  proved  to  be  an  attractive  alternative. 
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although  Initially,  with  far  less  technical  supporting  data  than  that  which  existed  for 
the  winged  configuration.  Figure  6  shows  the  UADD  II  lifting  body  configuration  along 
with  other  typical  point  designs. 

In  order  to  develop  a  comprehensive  research  program,  the  Flight  Dynamics  Labora' 
tory  established  a  process  which  initially  addressed  the  configuration  technology  in  its 
most  fundamental  elements  of  parametric  variations  with  simple  geometries.  These 
parametrics  Included  consistent  variations  in  basic  geometric  characteristics  such  as 
wing  sweep,  leading  edge  radii,  nose  radii,  bluntness  ratio,  thickness,  planform, 
cross-section,  body  profile  angles,  and  body  classification;  i.e.,  conoids,  elliptical 
cones,  etc.  The  procedure  has  been  to  compare  theoretical  and  analytical  models  with 
experimental  data  to  determine  the  adequacy  of  correlation  and  to  postulate  techniques 
to  better  represent  the  characteristics  of  the  configuration.  The  hypersonic  lift-to- 
drag  ratio  data  has,  by  convention,  been  defined  at  200,000  ft  altitude  and  at  a  veloc¬ 
ity  of  20,000  fps.  Once  a  reasonably  accurate  representation  was  derived  to  handle 
simple  geometries,  then  a  consistent  approach  was  employed  for  configuration  "build-up", 
which  involved  sizing,  location,  and  configuring  of  various  aerodynamic  control  surfaces 
and  shaping,  which  could  satisfy  the  demands  of  trim,  stability,  and  controllability. 
After  confidence  was  achieved  in  our  ability  to  handle  generalized  configurations, 
various  point  designs  were  developed  which  enabled  the  convergence  and  interaction  of 
the  aerodynamic,  aerothermodynamic,  structural  concepts,  and  control  requirements  for 
vehicle  concepts  synthesized  to  fulfill  specific  performance,  weight,  and  payload 
constraints.  Figure  6  further  displays  this  process  from  parametric  variations,  con¬ 
figuration  build-ups,  and  point  designs. 

As  previously  mentioned,  an  example  of  the  early  work  was  the  design  of  the  WADD  I! 
configuration  with  a  hypersonic  lift-to-drag  ratio  of  approximately  1.5,  quite  compara¬ 
ble  to  the  NASA  M2F2  configuration.  Another  generic  family  of  lifting  body  configura¬ 
tions  was  developed  and  designated  as  the  HDF  series.  The  approach  was  straightforward 
in  that  the  configurations  were  designed  within  the  constraints  demanded  hyperson i ca 1 ly 
and  by  aerodynamic  heating.  Nose  and  leading  edge  bluntness,  sweep,  and  lower  surface 
geometry  were  established,  but  the  designs  were  carefully  developed  for  shaping,  contour, 
and  camber  of  the  upper  surface  to  achieve  improved  terminal  performance.  A  complete 
family  of  these  configurations  employing  this  dual  design  approach  was  addressed  and 
actually  employed  classical  airfoil  sections  molded  into  lifting  bodies.  The  hypersonic 
lift-to-drag  ratios  generally  spanned  the  range  from  1.0  to  approximately  1.6,  but  with 
substantially  improved  subsonic  L/Os  and  characteristics.  The  MDF-1  configuration, 
which  molded  a  Clark  Y  airfoil  Into  the  lifting  body,  can  show  a  lineage  relationship 
with  the  SV-5  configuration  used  In  both  the  PRIME  and  PILOT  programs.  The  MDF-1 
configuration  is  shown  in  Figure  7  along  with  the  SORTIE  configuration  now  to  be  dis¬ 
cussed. 

An  additional  series  investigated  was  postulated  as  potential  configurations  for 
entry  at  superci rcul ar  velocities.  This  was  essentially  a  series  of  modified  elliptical 
cones  designated  as  the  SORTIE  family  of  configurations.  The  lift-to-drag  ratios 
achieved  were  between  0.75  and  1.2  with  near  neutral  stability  to  facilitate  large 
modifications  in  the  lift  coefficient.  This  configuration  series  focused  primarily  on 
the  technologies  which  required  solution  for  re-entry  from  high  energy  orbits,  including 
GEO.  Re-entry  velocities  of  approximately  34,000  fps  from  orbital  altitudes  of  20,000 
nautical  miles  were  considered.  Problems  associated  with  flight  at  velocities  from 
25,000  to  34,000  fps  can  be  many,  but  we  will  concentrate  on  the  primary  problems.  The 
most  critical  problems  are  heating  and  stability.  At  supercircular  re-entry  velocities 
the  gas  encountered  is  highly  dissociated,  partially  Ionized,  and  at  twice  the  enthalpy 
levels  as  that  encountered  during  low  earth  orbital  re-entry.  Hot  gas  radiation  of  the 
shock  layer  becomes  important  and  significant  deficiencies  in  heating  values  may  occur 
depending  on  the  prevailing  state  of  equilibrium.  The  heat  transfer  rates  will  be 
substantially  higher  than  from  low  earth  orbital  lifting  reentry.  Since  higher  dynamic 
pressure  are  encountered,  stability  problems  can  become  more  acute.  The  lateral, 
directional,  and  longitudinal  stability  characteristics  of  high  energy  reentry  vehicles 
at  angle-of-attack  with  associated  control  also  can  be  demanding  problems. 

The  lifting  body  configuration  class  employed,  as  was  previously  stated,  was  a 
series  of  asymmetric  elliptical  cones  with  various  degrees  of  nose  blunting  evaluated. 
Flats  were  employed  on  the  upper  surface  end  on  each  side  primarily  for  directional 
stability.  Fineness  ratios  were  also  varied.  Various  control  devices  were  investi¬ 
gated,  including  canards,  elevons,  flaps,  cambered  bodies/nose,  and  jet  spoilers.  The 
delta  canards  and  elevons  were  evaluated  separately,  and  in  combination.  Flaps  mounted 
on  the  trailing  edge  proved  to  be  quite  effective  and  did  not  cause  trim  stability 
problems  and  appeared  to  be  the  preferred  control  devices  from  a  minimum  heating  and 
interference  viewpoint,  despite  the  fact  that  a  combination  of  canards  and  elevons 
yielded  the  greatest  trim  power,  center  of  gravity  range,  and  highest  trim  L/Ds. 
Aerodynamic  drag  devices,  to  independently  modulate  thr  drag  relative  to  the  lift,  ap¬ 
peared  to  also  offer  promise.  Two  techniques  were  evaluated;  the  ejectable  drag  brake 
and  the  slide-trolle  drag  break  which  would  be  used  during  the  initial  portions  of 
supercircular  re-entry.  Some  of  these  control  and  drag  devices  are  shown  in  Figure  8  in 
a  composite  fashion  for  economy  of  illustration.  Many  were  tested  as  part  of  a  compre¬ 
hensive  configuration/control  surface  research  program. 

It  became  apparent,  however,  that  the  prime  focus  for  lifting  body  designs  should 
initially  be  for  low  earth  orbits.  The  Laboratory  efforts  were  consequently  shifted 
toward  configurations  which  could  generate  high  aerodynamic  and  performance  efficiency 
during  re-entry.  The  high  L/0  configuration  technology,  in  addition  to  significant 
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performance  gains,  also  served  as  a  focus  and  catalyst  for  1  cent  1 f 1  cat  1  on  of  new  and 
challenging  research  and  technology  problems.  This  evolution  In  configuration  research 
is  depicted  in  Figure  9  which  traces  the  trend  as  a  function  of  time. 

The  high  lift-to-drag  ratio  vehicle  shapes  are  generally  characterized  by  highly 
swept  configurations  possessing  low  bluntness  ratios  and  high  fineness  ratios.  These 
configurations  tend  to  operate  **^duced  to  ach<<»ve  t-Koir  marimun 

1 1 f l-to-drag  ratios;  e.g.,  on  the  order  of  3.0.  Obviously,  the  leeward  or  upper  surface, 
with  its  expansion  pressures,  must  be  treated  more  accurately  with  deliberate  ta'iloring 
to  improve  aerodynamic  efficiency.  Viscous  effects,  as  reflected  in  shin  friction  force 
terms,  are  critical,  and  wetted  area  becomes  important. 

Viscous  Interaction  and  boundary  layer  transition  were  also  identified  for  more 
precise  treatment.  Interaction  effects  can  be  masked  by  blunt  leading  edges,  but  will 
become  more  important  for  consideration  in  the  slender  designs.  Aerodynamic  heating, 
because  of  the  changes  in  angle-of-attack  and  sweep  back  conditions,  was  also  identified 
for  more  in-depth  assessment.  This,  of  course,  was  also  aggravated  by  the  increase  in 
flight  times  and  could  likely  necessitate  advanced  cooling  techniques.  Further,  because 
of  the  nature  of  not  only  the  flight  path,  but  also  the  generic  configurations  considered 
for  Increased  performance  efficiency,  extensive  use  of  aerodynamic  control  surfaces 
appeared  to  be  desirable.  This  then  enabled  the  focusing  of  research  not  only  on 
control  effectiveness  and  design,  but  also  on  the  aerothermodynamic  problems  encountered 
with  such  deflected  surfaces.  Increased  efficiency  in  entry  design  also  suggested 
enhanced  research  in  the  area  of  energy  management  which  could  equate  to  Increased 
sophistication  with  the  addition  of  more  functions  and  requirements. 

The  initial  efforts  with  high  lift-to-drag  ratio  configurations  were  characterized 
with  cautious  optimism  and  approached  the  feasibility  question  both  analytically  and 
experimentally.  Both  fixed  and  variable  geometry  configurations  were  investigated  with 
the  Intent  of  making  the  designs  amenable  to  both  the  high  speed  and  low  speed  perform¬ 
ance  characteristics;  that  Is  to  achieve  high  aerodynamic  efficiency  at  hypersonic 
speeds  with  acceptable  terminal  performance,  favorable  interference  configurations  were 
also  assessed,  but  for  the  most  part,  were  discontinued  because  of  the  added  complexities 
associated  with  localized  heating  problems,  increased  TPS,  and  added  weight. 

A  generic  family  of  conf igurations  evolved  which  were  cha racteri zed  with  large 
Increases  In  the  volumetric  efficiency  parameter.  These  configurations  minimized  the 
wetted  area  and  employed  changes  with  the  profile  angles  which  resulted  in  volume 
increases.  Simply  stated,  the  designs  took  full  advantage  of  the  lessons  previously 
learned  relative  to  bluntness,  sweep,  lower  surface  geometry,  length,  and  fineness 
ratio.  The  high  L/D  configurations  were  comprehensively  assessed  from  their  aerodynamic 
feasibility,  their  aerothermodynamic  acceptab f M ty ,  performance  flexibility,  the  Irvels 
of  volumetric  efficiency,  size  and  comparative  weights,  including  choice  of  thermal 
protection  system  and  structural  concepts.  Thf  analytical  results,  experimentally 
verified,  indicated  that  high  L/0  vehicle  configurations  had  progressed  to  the  point 
where  a  stable  vehicle  with  a  high  volume  could  be  designed  which  was  controllable  and 
which  could  sustain  the  heating  environment  with  feasible  TPS  structural  subsystems  and 
competitive  weights.  The  program  in  the  Flight  Dynamics  Laboratory  essentially  was 
converged  into  four  highly  acceptable  designs;  i.e.,  the  FDL-5,  TDL-6,  FOL-7,  and  FDL-8 
configurations,  the  latter  of  which  evolved  into  the  X-24B  and  X-24C  configurations. 

These  configurations  are  displayed  in  Figure  10.  Comprehensive  force  moment,  pressure 
and  temperature  tests  were  conducted  across  the  complete  Mach  number  range  from  subsonic 
through  hypersonic  Mach  numbers  of  19.0.  The  lateral  or  cross  range  performance  capa¬ 
bilities  of  these  candidate  configurations  are  shown  in  Figure  11,  along  with  the 
variation  in  hypersonic  lift-to-drag  ratio. 

Concurrent  with  the  configuration  research  Investigations  and  the  lessons  learned 
from  the  information  obtained  through  the  ASSET  and  PRIME  flight  test  programs  were 
being  exploited.  These  are  two  significant  programs  that  need  to  be  discussed. 

The  ASSET  Program  objectives  can  be  summarized  as:  1)  the  correlation  of  data  from 
hypersonic  f^l  iglit  test  with  ground  facility  data,  2)  the  verification  of  analytical 
theories  and  prediction  techniques,  and  3)  the  evaluation  of  structural  concepts  and 
materials  for  hypersonic  vehicles.  The  actual  vehicle  configuration  took  advantage  of, 
and  evolved  from,  a  research  configuration,  WLB-1,  included  within  the  Laboratory's 
program.  The  ASSET  configuration,  with  a  l/D  1.25,  consisted  of  a  flat  bottom,  70 
degree  swept  delta  with  a  planform  area  of  14  square  feet  blended  with  a  cone  cylinder 
lifting  body.  Figure  12  illustrates  the  relatively  simple  vehicle  configuration  and  Its 
characteristics  which  were  deliberately  selected  to  simplify  analysis,  provide  a  rela¬ 
tively  large  volume,  and  allow  the  maximum  use  of  available  wind  tunnel  data.  The 
vehicles’  wing  loading  was  85  and  the  angle-of-attack  range  varied  from  20  through  40 
degrees.  Six  vehicles  were  launched  to  altitudes  ranging  from  166,000  to  212,000  ft  and 
at  velocities  of  13,000  to  19,500  fps.  Figure  13  summarizes  a  typical  trajectory  flown 
from  the  Eastern  Test  Range.  The  ASSET  flight  program  provided  the  first  significant 
hypersonic  flight  information  applicable  to  lifting  re-entry  technology.  The  aerody¬ 
namic  pressures,  temperatures,  heat  transfer,  material,  and  structural  information 
obtained  proved  especially  beneficial  In  the  evaluation  and  understanding  of  the  data 
obtained  from  subsequent  programs.  Including  ground  test.  The  thermal  protection 
employed  was  metallic  and  re-radiative  with  stable  shape  geometry  and  has  proved  to  be 
particularly  valuable  relative  to  the  understanding  of  the  material  capabilities  and  the 
evolution  of  structural  concepts. 


As  previously  Indicated,  the  MOF-1  configuration  can  show  a  lineage  relation  with 
the  SV-5  lifting  body  configuration  enployed  in  the  PRIME  and  PILOT  programs  which  have 
been  designated  the  X«23  and  X*24A  programs,  respectively.  The  programs  had  a  component 
relationship  with  the  PRIME  being  the  hypersonic  unmanned  vehicle  and  the  PILOT  being 
Its  manned  trisonic  counterpart.  The  PILOT  or  X-24A  program  will  be  discussed  later  in 
this  paper.  The  objectives  of  the  PRIME  program  can  be  summarized  as:  1)  the  acquisi¬ 
tion  of  ablative  heat  shield  and  aerodynamic  data,  2)  the  demonstration  of  accurate 
guidance  to  the  recovery  point,  3)  the  demonstration  of  cross  range  maneuvering,  4) 
vehicle  recovery,  and  5)  a  design  for  performance  with  minimum  weight.  The  configura¬ 
tion,  termed  the  SV-5,  was  a  lifting  body  with  a  sweep  back  of  77**  and  a  hypersonic 
lift-to-drag  ratio  of  approximately  1.3.  Its  lower  surface  was  flat  and  its  wing 
loading  was  67.  It  operated  at  angles-of-attack  from  21  to  52^  and  at  a  maximum 
velocity  of  25,600  fps  and  a  maximum  altitude  of  400,000  ft.  Figure  14  presents  a  test 
mission  profile  for  the  PRIME.  Three  flights  were  flown  from  the  Pacific  Missile  Range 
with  a  primary  thermal  protection  system  which  was  ablative;  however,  stable  shape 
geometry  was  maintained  since  the  temperature  levels  achieved  were  generally  alleviated 
by  the  re-radiative  properties  of  the  materials  used.  Pressure,  force,  temperature, 
heat  transfer,  hinge  moments,  and  stability  Information  was  obtained  from  the  flight 
test,  as  well  as  the  Integrity  of  the  thermal  protection  system  and  structural  concept. 
Post-flight  wind  tunnel  tests.  Figure  IS,  were  conducted  with  a  recovered  vehicle  in 
order  to  assess  any  effects  on  the  aerodynamic  characteristics  after  the  ablative 
thermal  protection  system  had  charred.  Based  on  these  tests  and  data  acquired,  a  simple 
method  was  devised  to  simulate  ablative  effects  on  sub-scale  wind  tunnel  models. 

Aeromaneuveri ng  Orbital  Transfer  Vehicles 

In  order  to  broaden  the  spectrum  for  application  of  lifting  bodies;  configurations 
and  performance  potential  for  orbital  plane  change  vehicles  were  also  investigated,  not 
only  to  identify  the  benefits,  but  to  also  highlight  some  of  the  technology  problems  and 
areas  which  could  profit  from  future  research. 

Orbital  transfers,  or  inclination  angle  changes,  can  be  made  either  purely  propul- 
sively  or  by  use  of  aerodynamic  forces  to  change  the  plane.  As  the  plane  change  angle 
increases,  the  pure  impulse  propulsive  requirements  become  excessive,  even  to  the  point 
where  moderate  to  large  plane  changes  are  not  practical.  If  orbital  transfer  vehicles 
are  designed  to  achieve  a  reasonable  value  of  hypersonic  lift-to-drag  ratio,  then  a 
combination  between  the  propulsive  and  aerodynamic  forces  make  not  only  large  plane 
changes  practical,  but  by  the  use  of  this  synergetic  maneuver,  moderate  plane  changes 
can  be  effected  at  substantially  reduced  velocity.  At  hypersonic  lift-to-drag  ratios 
near  1.0,  no  significant  advantages  are  apparent  at  the  lower  angles,  and  some  penalty 
may  actually  be  incurred  due  to  the  increased  weight;  but  as  the  lift-to-drag  ratio 
increases  to  1.5  through  3.0,  performance  benefits  are  clearly  evidenced  as  shown  in 
Figure  16.  Further  benefits  can  be  achieved  with  use  of  the  aero-cruise  mode  if  low 
levels  of  thrust  are  maintained  to  offset  the  drag  during  the  synergetic  maneuvers  in 
that  even  lower  velocities  and  less  propellant  are  required  and  the  range  of  change  in 
inclination  angle  is  extended.  During  calculated  maneuvers;  optimum  bank  angle,  angle- 
of-attack,  entry  angle,  thrust  alignment,  and  thrusting  procedures  were  investigated. 
Steeper  optimum  bank  angles  resulted  from  lower  1 Ift-to-weight  ratios  and  high  lift- 
to-drag  ratio  values.  This  combination  clearly  resulted  in  greater  plane  change  effi¬ 
ciency  by  reducing  drag  losses  and  directing  more  of  the  lift  force  toward  plane  change 
and  less  toward  keeping  the  aerospace  vehicle  airborne.  Since  the  higher  L/D  vehicles 
penetrate  deep  Into  the  atmosphere.  It  might  be  assumed  that  a  greater  velocity  impulse 
would  be  required  to  exit  the  atmosphere.  This  is  not  the  case,  for  despite  the  pene¬ 
tration,  less  impulse  and  total  velocity  Increments  are  required  for  re-establishment 
of  the  new  orbital  mode.  The  lifting  body,  with  high  aerodynamic  efficiency,  is  partic¬ 
ularly  suited  for  the  synergetic  plane  change  maneuver. 

During  nominal  re-entry,  minimum  times  are  spent  at  high  velocities,  altitudes,  and 
peak  temperatures,  for  the  vehicle  simply  passes  through  these  conditions.  If  synerget¬ 
ic  maneuvers  are  made,  however,  substantial  and  repetitive  flight  times  may  be  spent  at 
these  conditions  thereby  making  the  designs  at  low  densities  very  important.  The 
vehicle  most  likely  will  also  have  to  sustain  multi-peak  heat  pulses  and  still  maintain 
stable  shape  geometry,  be  reliable,  and  hopefully  reusable  for  orbital  plane  changes 
both  from  Low  Earth  Orbit  (LEO)  to  LEO,  High  Earth  Orbit  (HEO)  to  LEO  and  Geocentric 
Earth  Orbit  (GEO)  to  LEO.  Simple  lifting  geometries,  or  aeromaneuveri ng  core  vehicles, 
have  been  derived.  These  configurations  can  be  modified  and  further  augment  their 
lifting  area  through  the  use  of  Inflatable  chines  that  result  In  high  sweep  and  delta 
planforms.  Alternate  configurations  using  different  lightweight  structures  were  also 
Investigated.  Figure  17  Indicates  some  of  the  representative  configurations  assessed, 
while  Figure  18  shows  an  aeromaneuverlng  orbital  transfer  vehicle  of  the  high  L/D  class. 
One  of  the  more  productive  areas  for  additional  research  with  this  class  of  configura¬ 
tion  Is  associated  with  the  aefopropulsive  Interfaces  if  the  aerodynamic  and  propulsive 
force  are  blended  In  an  efficient  manner  such  that  the  total  vehicle/configuration 
concept  can  be  optimized. 

If  the  rocket  1s  pulsed  or  burned  in  a  throttled  condition  at  a  high  enough  alti¬ 
tude  where  it  can  function  as  an  effective  oropulslon  component  without  dissipating  the 
system,  and  If  the  altitude  Is  chosen  where  the  aerodynamic  forces  are  still  of  conse¬ 
quence;  then  a  most  effective  performance  and  operational  capability  can  result. 
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Obviously,  various  levels  of  Internal  propellant  are  possible,  as  ivell  as  alternate 
options  for  external  tankage  as  shown  In  Figure  19.  A  wide  variety  of  tank  arrangements 
are  possible,  some  of  which  could  be  effective  for  repetitive  synergetic  flights, 
depending  on  the  flight  paths  employed. 

X«24 


The  X*24A  project  was  the  second  flight  test  project  to  use  the  lifting  body 
re-entry  configuration.  The  first  project,  as  previously  discussed  was  titled  PRIME 
(Precision  Recovery  including  Maneuvering  Entry)  used  three  subscale  unmanned  SV-5s 
wKich  were  Foosted  to  orbital  speeds  on  AtTas  boosters.  This  program  provided  data,  and 
a  feasibility  demonstration  of  the  SV-5  configuration  In  the  technical  areas  of  aerody¬ 
namics,  stability,  control,  heat  protection,  and  maneuverability  covering  the  speed 
range  from  orbital  velocity  to  Mach  2.0. 

The  purpose  of  the  second  project,  the  X-24A  project,  called  PILOT  (Piloted  Low 
Speed  Test),  was  to  investigate  maneuverable  lifting  body  flight  from  the~Tow  supersonic 
speed  range  to  touchdown.  One  of  the  main  X-24A  project  objectives  was  to  gather  data 
on  and  to  prove  that  the  configuration  could  be  maneuvered  to  a  safe  horizontal  unpower¬ 
ed  landing  at  a  pre-selected  landing  site.  Twenty-eight  successful  X-24A  landings 
accomplished  this  objective.  The  PRIME  was  mentioned  earlier  In  the  paper  (Figure  14) 
and  will  not  be  discussed  further.  A  few  words,  however,  will  be  given  on  the  low  speed 
flight  test.  The  X -244  flight  vehicle  Is  shown  In  Figure  20.  The  vehicle  demonstrated 
good  landing  characteristics  and  achieved  a  maximum  subsonic  L/D  of  4,  a  very  respect¬ 
able  subsonic  L/0  for  such  a  low  aspect  ratio  vehicle.  Handling  qualities  were  excel¬ 
lent.  Figure  21  shows  some  comparisons  between  flight  and  ground  test  data.  Generally 
the  comparisons  were  very  favorable. 

As  noted  earlier  our  attention  was  focusing  on  how  to  achieve  high  llft-to-drag 
ratio  at  hypersonic  speeds  In  useful  vehicles.  One  of  the  latter  configurations  exam¬ 
ined  was  the  FOL-8.  This  was  an  attempt  to  develop  a  flight  test  vehicle  to  capture  the 
nature  of  terminal  flight  for  high  hypersonic  L/0  vehicles.  The  FDL-8  configuration  was 
translated  Into  the  X-24B  flight  vehicle.  This  was  accomplished  by  modifying  the  X-24A. 
The  fineness  ratio  was  Increased  by  extending  the  body  approximately  14  ft  and  blending 
the  body  Into  aft  strakes.  The  similarity  Is  apparent  in  Figure  22  where  the  X-24A  and 
X-24B  are  shown.  Figure  23  shows  the  X-24A  structural  modification  while  Figure  24 
points  out  the  design  features. 

The  flat  bottom  and  high  sweep  angle  contributed  to  the  high  hypersonic  L/D  while 
the  three  degree  nose  ramp  provided  the  proper  hypersonic  trim  conditions.  The  three- 
inch  leading  edge  radius  and  60-degree  side  body  angle  were  the  result  of  aerodynamic 
reentry  heating  considerations.  Flared  out  upper  and  lower  flaps  provided  stability 
necessary  at  high  speed.  Boattalting  these  surfaces  toward  the  faired  position 
Increased  the  subsonic  L/0  for  acceptable  landing  performance.  The  double  delta  plan- 
form  was  necessary  for  the  X-24B  application  In  order  to  move  the  center  of  pressure 
aft.  This  was  required  because  of  the  aft  center  of  gravity  (eg)  resulting  from  the 
location  of  the  test  aircraft  systems  -  rocket  engine,  propellant  tanks,  propellant, 
existing  main  landing  gear  position,  etc.  Considerable  wind  tunnel  testing  in  the 
subsonic  regime  was  conducted  to  meet  the  above  hypersonic  constraints  and  provide  good 
low  speed  characteristics.  Figure  25  shows  development  of  the  configuration  using  the 
wind  tunnel  as  an  analog.  In  this  case  we  were  concerned  about  flow  separation  just 
forward  of  the  fins  at  subsonic  speed  and  were  contouring  the  body  to  avoid  the  problem. 

The  flight  research  program  was  very  successful  and  consisted  of  6  glide  flights 
and  24  powered  flights.  At  the  completion  of  these  flights,  6  additional  glide  flights 
were  flown  for  checkout  of  3  new  pilots.  The  36  flights  were  flown  between  August  1973 
and  November  1975  gathering  data  to  determine  performance,  handling  qualities  and 
stability  and  control  from  subsonic,  transonic  and  supersonic  Mach  number  up  to  a 
maximum  Mach  number  of  1.76.  Predictions  of  flight  characteristics  were  based  on  wind 
tunnel  data;  therefore,  verification  of  these  data  was  a  primary  objective  of  the 
program.  Figure  26  shows  a  comparison  of  flight  and  wind  tunnel.  Generally  the  agree¬ 
ment  is  good,  Subsonically  the  maximum  L/D  was  4,5  and  the  vehicle  exhibited  good 
handling  qualities  over  much  of  the  flight  envelope.  There  were  some  instabilities  when 
the  rocket  motor  was  fired  but  well  within  the  available  control  power.  This  program 
was  very  successful  with  a  significant  number  of  flights  conducted  In  a  short  time. 

This  can  be  attributed  to  two  factors;  using  the  X-24A  and  the  experienced  team  that 
continued  from  the  X-24A  to  the  X-24B. 

The  last  configuration  in  the  X-24  series  Is  the  X-24C.  This  Investigation  did  not 
result  in  a  flight  test  article,  but  was  the  center  of  extensive  investigations  which 
were  focused  toward  a  flight  test  article.  This  vehicle  was  to  be  an  experimental  test 
bed  as  portrayed  in  Figure  27.  Extensive  wind  tunnel  teSts  were  conducted  on  the 
configuration  including  experimental  modules  and  configuration  modifications  to  reduce 
CDq .  Mgure  28  Is  a  photo  of  the  oil  flow  on  the  wind  tunnel  model.  Some  of  the 
regions  of  flow  separation  are  evident  on  the  upper  surface  as  well  as  a  pair  of 
vortices.  Figure  29  shows  typical  data  at  Mach  8. 

The  FDL-5  Concept 

This  vehicle  concept  Is  unique.  It  was  originated  as  a  result  of  Investigations 
being  conducted  to  achieve  high  volumetric  efficiency  while  maintaining  high  aerodynamic 
efficiency  The  configuration’s  uniqueness  was  the  concept  of  compression 
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sharing.  Although  mentioned  previously,  a  more  detailed  discussion  will  be  given  here 
In  view  of  its  Importance. 

Earlier  lifting  entry  vehicle  designs  required  large  aerodynamic  fins  for  stable 
hypersonic  flight.  Usually  these  fins  are  located  In  the  aft  outboard  portions  of  the 
vehicles.  These  fins  presented  a  number  of  challenges  and  problems  Including: 

Unpredictable  flows 

Regions  of  high  aerodynamic  heating 

High  structural  weight 

Drag  contributors 

So  the  concept  evolved  to  attempt  to  eliminate  the  fins.  This  had  to  be  done  with* 
out  degrading  stability  or  subsonic  L/D.  If  this  could  be  done  a  weight  savings  and 
drag  reduction  were  potential  gains.  The  Idea  was  to  maintain  the  cant  and  dihedral 
effect  of  the  fins  by  enclosing  the  region  between  the  fins  and  the  body.  This  was 
accomplished  and  a  number  of  parametric  studies  conducted  to  examine  aerodynamic  per¬ 
formance  and  stability,  aerodynamic  heating,  and  structural  weight.  The  concept  came  as 
a  result  of  a  series  of  lifting  body  Investigations  Figure  3C  c./nceptually  shows  the 
parameters  that  were  varied  and  Table  I  Is  the  range  of  the  parameters  Investigated. 


TABLE  1 

SERIES  OF  AFT  BODY  PARAMETRIC  VARIATIONS 


Parameter 

Lowest 

Values 

Nominal 

Values 

Highest 

Values 

T 

4® 

6“ 

8° 

K 

10® 

20° 

30° 

h/H 

0.50 

0.75 

1.00 

b/B 

0.70 

0.85 

1.00 

An  analysis  of  these  parameters  was  conducted  using  the  Hypersonic  Arbitrary  Body 
Program  which  will  be  discussed  later  In  the  paper.  The  analyses  were  conducted  at  M  * 
20  and  an  altitude  of  200,000  feet  at  an  angle-of-attack  of  10  degrees.  Viscous  effects 
were  Included.  Figure  31  shows  the  effect  of  these  parameters  on  the  lift-to-drag 
ratio.  The  effect  of  toe  in,  roll  out,  and  span  parameters  Is  very  small.  However,  the 
height  parameter,  h/H,  did  exhibit  a  substantial  decrease  for  values  above  0.75.  This 
can  probably  be  attributed  to  the  Increases  in  skin  friction  and  pressure  drag  on  that 
surface  at  a  greater  rate  than  the  contribution  to  lift.  Figure  32  is  an  examination  of 
the  longitudinal  stability.  The  variations  show  a  slight  Increase  In  pitch  stability 
for  Increases  In  the  parameter  except  for  the  span  parameter  where  no  variation  is 
noted.  The  small  change  in  trim  angle-of-attack  may  be  a  consideration  for  configura¬ 
tion  development. 

The  more  Important  considerations  in  the  compression  sharing  Is  what  happens  to  the 
directional  stability.  The  results  of  the  analysis  are  shown  In  Figure  33.  From  the 
directional  stability  point  of  view,  the  toe-in  and  roll-out  variations  tend  to  show  a 
maximum  while  variations  about  that  point  decrease  Cng  •  There  Is  a  substantial 
Increase  due  to  height  but  that  parameter  has  the  greatest  adverse  Impact  on  L/D  (Figure 
31).  There  Is  a  similar  Increase  for  Increasing  shoulder  span  at  low  angle-of-attack 
but  that  has  an  adverse  effect  on  the  subsonic  L/D.  In  Figure  34  are  shown  the  results 
for  roll  stability.  The  variation  in  parameters  had  a  very  small  effect.  From  this 
parametric  analysis  It  would  appear  that  the  best  set  of  parameters  are: 

T  -  e** 

K  »  10® 

L/H  «  .75 
b/B  -  .85 

From  this  analysis  a  configuration  was  developed  and  an  experimental  program 
conducted  In  the  Arnold  Engineering  Development  Center  (AEDC)  facilities.  Figure  35  Is 
a  picture  of  the  force  model  of  the  FOL-5  configuration.  *  The  center  fin  was  added  to 
aid  directional  control  and  stability  especially  at  low  speeds.  Figures  36  and  37  are  a 
summary  of  the  wind  tunnel  data  showing  the  aerodynamic  characteristics.  Also  shown  In 
the  figures  are  comparisons  with  analysis  methods.  As  can  be  seen  In  these  data  the 
configuration  has  good  characteristics  and  there  are  no  real  adverse  configuration 
features.  Examination  of  all  the  data  results  In  the  following  conclusions; 

1.  The  configuration  Is  stable  over  the  Mach  number  range  1.5  to  10  at  angles- 
of-attack  from  5  to  30  degrees  with  c.g.  location  from  62  to  65  percent  of  the  reference 
length. 
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2.  No  eleven  deflections  Into  the  airstream  are  required  for  trin  after  the  range 
of  angle-of-attack  from  5  to  30  degrees. 

3.  Trimmed  hypersonic  L/D  max  extrapolated  to  reference  flight  condition  is  2.84 
(see  Figure  38). 

4.  The  test  data  correlates  well  with  analytical  methods. 

Predictive  Analytical  and  Numerical  Methodology  for  Lifting  Body  Configurations  at 
^personic /Hyper son  1c  Velocities 

Configuration  development  normally  proceeds  from  basic  parameters  tc  complex 
trades.  Similarly,  the  analysis  methods  need  to  Increase  in  precision.  There  are  five 
basic  methods  or  procedures  for  evaluating  the  aerodynamic  characteristics  of  lifting 
body  configurations  at  supersonic  and  hypersonic  flight  conditions  for  design  purposes. 

The  five  basic  predictive  procedures  are:  modified  impact  or  parametric  methods,  the 
paneling  procedures  such  as  the  PANAIR  method,  the  Euler  approximation,  the  parabolized 
Navier-Stokes  approach,  and  the  Navler-Stokes  solution.  The  modified  impact  or  para¬ 
metric  procedures  use  known  theories  and  approximations,  the  paneling  or  PANAIR  method 
and  the  Euler  approximation  are  based  on  an  Invlscid  analysis.  They  are,  therefore, 
incapable  of  generating  independently  the  drag  coefficients  and  heat  transfer  distribu¬ 
tion,  They  are,  however,  relatively  easy  to  use  and  Inexpensive  to  generate  the  needed 
information  within  certain  tolerances.  The  more  recently  develtped  numerical  techniques 
of  the  parabolized  Navier-Stokes  equations  and  the  Navier-Stokes  equations  solver,  in 
principle,  can  provide  all  the  detailed  flow  field  topology  and  the  key  design  parameters. 
The  utility,  however,  for  daily  applications  still  requires  further  research  efforts 
which  are  currently  being  pursued  in  the  Laboratory.  The  detailed  descriptions  of  these 
predictive  procedures  are  summarized  as: 

Supersonic/Hypersnnic  Arbitrary  Body  Program:  The  standard  model  for  application 
of  impact  methods  is  the  Supersonic/Hypersonic  Arbi trary  Body  Program,  often  abbreviated 
S/HABP.  The  heart  of  the  program  is  an  arbitrary  body  surface  integrator.  In  this 
case,  pressure  and  shear  stress  are  Integrated  to  evaluate  aerodynamic  forces  and 
moments.  The  shape  Is  described  by  a  set  of  three-space  coordinates,  and  the  smooth 
surface  is  reduced  to  a  number  of  planar  facets.  The  local  pressure  on  each  increment 
Is  evaluated  using  Newtonian,  tangent  cone,  tangent  wedge,  or  some  similar  theory. 

Shear  stress  is  evaluated  using  algebraic  relations,  such  as  the  reference  temperature 
method  for  laminar  and  turbulent  cases.  The  $/HABP  1$  a  powerful  tool  for  eval’i^f'ng 
hypersonic  aerodynamic  performance.  It  has  been  used  to  develop  guidelines  for  leading 
edge  sweep,  nose  and  leading  edge  radius,  cross  section  '‘on*'ours,  fore  and  aft  ramp 
angles,  pitch  and  yaw  stability,  and  control  effectiveness.  Figures  39,  40,  and  41  show 
the  type  of  parametric  investigations  conducted.  The  skin  friction  methods  have  been 
verified  by  wind  tunnel  data,  and  the  methods  are  used  to  extrapolate  sub-scale  test 
results  to  full  scale  flight.  The  effect  of  the  vehicle  length  on  this  component  of 
drag  Is  seen  to  be  severe  at  altitudes  of  200.000  feet  and  more,  Figure  42.  The  S/HABP 
has  been  used  in  the  development  of  the  Flight  Dynamics  Laboratory  is  high  lift-to-drag 
ratio  vehicles  and  in  the  refinement  of  these  configurations. 

PANAIR :  The  PANAIR  procedure  is  a  higher  order  paneling  program  and  is  based  on 
the  1 inearized  potential  flow  approximation.  It  has  many  years  continuous  development 
within  industry.  It  is  a  functional  approximation  of  an  aerodynamic  shape  and  little 
computation  is  needed  to  get  a  solution,  thus  the  quick  response  to  timely  results  is 
possible.  It  is  based  on  a  small  perturbation  concept;  consequently,  it  has  very 
limited  value  for  supersonic/hypersonic  applications.  Potential  flow  procedures  are 
therefore  restricted  to  applications  where  the  flow  is  essentially  isentropic.  The 
techniques  are  best  suited  for  slender  shapes  such  as  thin  wings  and  hioh  fineness  ratio 
bodies. 

Euler  Approximation:  This  method  is  the  most  sophisticated  invlscid  calculation. 

It  can  generate  the  lift  and  wave  drag  reasonably  well  if  the  body  is  streamlined.  In 
essence,  the  lifting  body  must  not  produce  significant  aerodynamic  interference,  there¬ 
fore,  the  designed  supersonic/hypersonic  configuration  is  limited.  The  body  shape  is  a 
boundary  condition,  and  unless  special  provisions  are  made,  the  flow  must  not  separate 
from  the  surface.  The  skin  friction  coefficient  and  heat  transfer  can  also  be  computed 
or  estimated  from  the  boundary-layer  theory  based  on  the  Euler  flow  field  solution.  For 
the  purpose  of  preliminary  design  and  for  the  graduated  Investigation  of  the  aerodynamic 
efficiency  of  the  lifting  body,  this  procedure  is  a  cost  effective  means.  The  short¬ 
coming  of  this  procedure  is  that  it  has  not  been  formed  into  unified  process  to  be 
standardized  and  the  procedure  Is  highly  problem  dependent.  The  Euler  equations  them¬ 
selves  can  be  solved  using  modern  computers  and  f i ni te-d' f ference  mathematical  methods. 
They  have  been  applied  to  a  variety  of  shapes  but  are  limited  by  the  need  to  specify  the 
vehicle  shape  as  an  analytic  surface.  Considerable  effort  is  being  expended  to  extend 
the  range  of  geometries  that  may  be  considered. 

Aerodynamic  heating  requires  more  exacting  techniques,  but  may  be  approached  using 
a  series  of  simplifying  assumptions.  Finite  difference  numeric  solutions  or  momentum  - 
integral  solutions  are  found  for  simple  geometric  shapes  such  as  spheres,  cones, 
cylinders  and  flat  plates.  Arbitrary  geometries  may  be  approximated  by  the  simple 
geometries  and  analyzed  using  rapid  solutions  of  the  heat  transfer  equations.  Critical 
areas  that  involve  shock  wave  impingement  or  boundary  layer  separation/reattachment  are 
not  treated  with  this  approach. 


The  Parabolized  Navler-Stotes  Methods:  Presently,  It  shows  promise  for  being  the 
backbone  design  tool  for  supersonic/hypersonic  configurations.  For  a  hypersonic  vehicle, 
this  method  can  and  has  produced  all  the  essential  design  information.  Figure  43  shows 
the  comparison  of  the  PNS  calculations  with  experimental  data.  Today,  the  PNS  can 
generate  all  the  key  design  parameters  at  one-fifth  of  the  cost  of  the  Navier-Stokes 
equations.  The  only  fundamental  shortcomings  of  the  PNS  procedure  are  that  this  proce¬ 
dure  cannot  simulate  the  time-dependent  phenomenon  (transient  phase)  and  the  configura¬ 
tion  will  not  permit  extensive  streamwise  flow  separations.  Due  to  the  relatively  small 
computer  core  storage  needed,  this  procedure  will  likely  be  the  first  to  contain'  the 
real  gas  (high-temperature)  capability. 

The  Navier-Stokes  Methods:  This  procedure  is  the  limit  of  the  macroscopic  rep- 
re  sen  taTTorTciT^gaT^ynamTcs'!  The  theoretical  limitation  is  that  the  studied  vehicle 
must  operate  in  the  continuum  regime  where  the  Knudsen  number  is  less  than  unity. 

Beyond  this  altitude,  one  must  resort  to  the  Boltzman  equation  for  the  rarefied  gas 
dynamics.  Current  applications  of  the  Navier-Stokes  equations  for  vehicle  design  are 
limited  by  the  computational  efficiency  of  the  system  of  non-linear  partial  differential 
equations  and  the  accurate  modeling  of  turbulence,  laminar-turbulent  transition,  and 
finite  rate  chemical  reaction.  These  limitations  are  common  to  all  the  numerical 
simulations  (PNS,  Euler)  and  are  an  area  of  current  research.  In  spite  of  the  diffi¬ 
culty  encountered  at  present,  this  methodology  is  being  used  for  supersonic/hypersonic 
vehicle  design.  At  this  point  in  time,  no  evidence  has  been  Indicated,  by  comparing 
with  experimental  observation,  that  the  Navier-Stokes  equation  fails  to  duplicate  the 
fluid  properties.  In  1985,  engineering  insight  and  computer  power  allowed  J.  Shang  to 
determine  the  complete  flow  field  about  a  hypersonic  lifting  body.  Figure  44  presents 
the  code  and  experimental  results  for  the  X-P4C  configuration. 

Experimentation 

In  the  area  of  lifting  bodies  and  their  application  to  hypersonic  flight,  a  brief 
discussion  is  in  order  relative  to  the  experimental  capability  to  satisfy  the  needs  as 
they  are  currently  assessed. 

Experimental  results  will  be  needed  as  a  tool  in  the  development  process  and  as  a 
final  verification.  The  degree  may  be  influenced  by  our  computational  capability,  but 
experimental  results  for  final  verification  will  be  needed.  In  addition  to  that  normal 
process  we  see  a  pressing  need  for  experimentation  and  the  facilities  to  support  such 
experimentation  in  two  critical  areas;  real  gas  flows,  and  Computational  Fluid  Dynamics 
(CFD)  code  validation.  Figure  45  is  a  classic  example  of  how  numerics  and  wind  tunnel 
results  can  work  together  to  arrive  at  the  correct  solution.  This  is  a  curve  of  pitch¬ 
ing  moment  from  a  Shuttle  flight  showing  the  difference  between  pre-flight  estimate  and 
flight  data.  The  procedure  used  by  Griffith  and  Maus  to  correct  the  wind  tunnel  data  is 
also  outlined.  One  very  important  element  was  real  gas  effects.  Another  conclusion 
from  this  figure  might  be  that  for  high  L/D  vehicles  which  are  slender  and  fly  at  low 
angle-of-attack ,  Mach  number  effects  are  very  important.  Figure  46  is  another  example 
of  real  gas  effects  on  the  stability  of  a  cone.  In  both  examples,  real  gas  effects  can 
be  significant.  At  this  time  our  ability  to  simulate  real  gas  effects  in  a  useful  way 
is  very  limited.  Figure  47  shows  the  operating  envelope  in  terms  of  enthalpy  and 
Reynolds  number  for  the  most  capable  facilities.  It  becomes  obvious  that  for  the 
immediate  future  it  will  be  necessary  to  rely  heavily  on  analytical  methods  to  assess 
real  gas  effects.  This  leads  us  into  the  other  aspect  of  experimentation;  the  valida¬ 
tion  of  CFD  codes.  Code  validation  is  needed  for  perfect  gas  case  as  much  as  for  the 
real  gas  case  and  there  are  sufficient  facilities  to  do  the  perfect  gas  validation.  The 
real  gas  case;  however,  is  another  matter.  Our  facilities  are  limited  and  the  unknowns 
in  the  flow  modelling  are  significant.  One  approach  is  to  utilize  a  small  facility 
which  can  produce  the  type  of  flow  needed  and  use  this  small  scale  data  to  verify  and 
calibrate  the  CFO  methods  which  can  then  be  used  to  extrapolate  to  flight. 

It  must  be  kept  in  mind  that  hypersonic  test  facilities  are  partial  simulation 
facilities  which  means  that  there  has  always  been  an  extrapolation  process.  So  it  is 
necessary  to  recognize  that  experimentation  for  design  purposes  means  that  it  is 
required  to  generate  high  quality  flow  fields  and  surface  data  which  can  easily  be  used 
in  the  extrapolation  process.  For  example,  it  is  known  that  both  laminar  and  turbulent 
boundary  layer  data  can  be  extrapolated;  however,  transitional  data  cannot  be  extra¬ 
polated  to  flight. 

The  bottom  line  in  terms  of  both  numerics  and  experimentation  is  that  they  must  go 
hand-in-hand  to  develop  adequate  designs  for  hypersonic  vehicles.  They  must  complement 
where  possible  to  cover  the  short  comings  of  each  individual  approach. 


Additional  Research  Areas.  Challenges,  and  Concluding  Remarks 

The  lifting  body  offers  high  potential  for  multip'le  applications  through  its 
linkage  of  aerodynamic  efficiency,  high  performance,  volumetric  efficiency,  and  payload 
carrying  capability.  It  further  holds  promise  for  reduced  TPS,  structural,  and  total 
weight,  and  can  be  designed  for  compactness  which  makes  it  especially  attractive  for 
mating  with  other  system  components.  The  possibilities  for  reduced  weight  designs  and 
aeropropulsive  compatibility  is  also  most  attractive.  The  geometries  involved  suggest 
easing  of  aeroheating  and  interference  problems  and  simple  minimum  Junctured  config¬ 
urations  lend  themselves  to  increased  confidence  in  analysis,  especially  at  hypersonic 
speed.  A  well  established  data  base,  both  analytical  and  experimental,  contributes  to 
this  confidence  and  can  significantly  enhance  the  success  of  future  programs.  The 
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experimental  validations  are  both  from  ground  tests  through  Mach  numbers  of  19.0  and 
from  flight  tests  of  lifting  body  configurations  with  the  demonstration  vehicles  pre¬ 
viously  discussed  and  shown  in  Figure  48. 

Perhaps  one  of  the  most  serious  challenges  continues  to  be  associated  with  the 
design  of  an  aerodynamic  efficient  configuration  which  can  develop  high  performance  at 
peak  altitude  and  velocity  conditions  while  maintaining  its  effectiveness  at  interim 
Mach  number  and  altitude  conditions  of  its  flight.  It  still  also  must  be  able  to 
achieve  highly  effective  approach  and  landing  characteristics.  This  design  goal  is 
perhaps  more  challenging  today  than  previously,  for  consideration  Is  now  being  given  to 
sustained  time  at  high  Mach  numbers  and  altitudes  to  perform  repetitive  synergetic  plane 
changes  or  to  maintain  flight  conditions  with  rocket  propulsive  supplements.  If  maneuver¬ 
ing  is  to  be  achieved  at  those  conditions,  considerable  attention  must  be  focused  on  low 
density  effects  and  rarefied  flow  analysis,  which  can  severely  modify  the  flows  predicted 
through  continuum  data  bases.  Real  gas  effects  become  of  consequence,  for  from  an 
aerodynamic  viewpoint,  pitching  moments,  control  effectiveness,  and  shock  interactions 
must  be  reassessed.  The  aerothermodynamics  is  also  Impacted  in  equilibrium  through 
density  variations  and  out  of  equilibrium  through  catalytic/non-catalytic  effects. 

Again,  If  flight  is  to  be  performed  at  reduced  angles-of-attack  approaching  a  optimum 
(or  less)  for  L/D  max.  attention  must  be  focused  on  a  better  understanding  of  the  upper 
surface.  Lee  side  aerodynamics  and  heating  become  important.  A  much  more  comprehensive 
approach  should  also  be  made  of  the  aerodynamic/reactlon  control  blending  to  assure  that 
the  designs  can  achieve  the  maximum  performance,  stability,  and  control  effectiveness. 

Boundary  layer  transition  still  remains  an  area  which  can  critically  impact  the 
vehicle  design  through  its  aerodynamic  heating  and  subsequent  choice  of  thermal  protec¬ 
tion  system  and  structural  concepts.  The  impact  of  roughness  and  sensor  penetrations 
require  additional  attention  and  increased  thermal  protection.  As  Indicated  previously, 
if  the  flight  configuration  is  to  perform  maneuvers  at  high  velocity/altitude  condi¬ 
tions,  then  special  consideration  must  be  given  to  multi  heat  pulse  due  to  Its  multiple 
heating  exposure. 

If  increased  values  of  aerodynamic  efficiency  are  desired  for  maximum  performance 
potential,  then  reduced  nose  and  leading  edge  bluntness  becomes  quite  Important.  A  very 
special  challenge  exists  for  imaginative  thermal  protection,  which  might  take  the  form 
of  heat  pipes  or  various  forms  of  active  cooling.  In  any  event,  it  Is  usually  desirable 
to  maintain  stable  shape  geometry  to  assure  adequate  performance  levels. 

The  analysis  or  predictive  codes  have  to  be  developed  to  the  point  where  they  are 
truely  pragmatic  engineering  methods.  The  S/HABP  has  proved  to  be  an  effective  tool  not 
only  for  investigation  of  parametric  geometric  and  configuration  effects,  but  also  for 
the  convergence  to  point  designs.  The  inclusion  of  empirical  data  with  the  analytical 
codes  has  proven  to  be  very  effective  and  beneficial.  In  the  final  analysis,  any 
predictive  code  must  prove  useful  and  cannot  be  applicable  just  to  simple  geometries  at 
severely  reduced  flight  conditions. 

Considerable  success  has  been  realized  with  the  PNS  code,  and  has  been  previously 
stated,  with  the  Navier -Stokes  solution  of  the  X-24C  lifting  body  conf  i  gu  + i  on .  More 
complete  and  complicated  geometries  with  real  gas  effects  must  be  accommodated. 

It  Is  essential,  therefore,  to  improve  the  physical  realism  of  the  computer  codes. 

The  critical  examination  of  the  codes  against  data  and  the  ability  to  routinely  make 
quality  experimental  measurements  in  wind  tunnels  is  an  absolute  necessity.  The  valida¬ 
tion  requires  higher  quality  data  than  rormally  produced.  Increase  data  detail  is  also 
required,  and  any  reasons  for  lack  of  agreement  with  the  codes  must  be  objectively 
determined.  To  further  address  code  validation,  it  will  be  necessary  to  define  a  series 
of  wind  tunnel  experiments  that  fully  stress  the  capabilities  of  the  codes.  The  process 
will  also  require  precise  selection  of  the  wind  tunnels  and  assurance  of  accurately 
calibrated  data.  The  mechanism,  in  its  finality,  will  require  careful  comparisons  of 
the  codes  and  experiments,  including  assessments  of  all  errors  with  a  clear  and  objec¬ 
tive  display  of  the  validated  phenomena. 

In  summary,  we  have  traced  lifting  entry  vehicle  technology  in  the  manner  in  which 
it  has  been  pursued  in  the  Flight  Dynamics  Laboratory  and  associated  organizations.  The 
Flight  Dynamics  Laboratory's  interest  has  essentially  progressed  from  simple  configura¬ 
tions  through  a  rather  comprehensive  series  of  lifting  bodies  investigated  for  entry 
from  both  close  proximity  and  high  energy  orbits.  Our  interest  has  not  been  restricted 
to  any  one  given  class  of  vehicles  or  any  specific  configuration  concept,  rather  we  have 
directed  our  attention  to  many  classes  of  vehicles  across  the  entire  spectrum  of  hyper¬ 
sonic  lift-to-drag  ratios.  Initially,  the  emphasis  was  placed  on  vehicle  technology 
generally  in  the  medium  L/D  range  but  has  evolved  to  the  higher  lift-to-drag  ratio 
configurations.  We  have  also  shown  that  the  lessons  learned  with  "research"  vehicles 
such  as  ASSET,  PRIME,  X-Z4A,  and  X-24B  configurations  fiave  indeed  been  quite  representa¬ 
tive.  It  has  been  stressed  that  our  interest  in  lifting  entry  vehicle  technology  has 
been  motivated  not  only  from  the  viewpoint  of  achieving  practical  configuration  designs 
for  potential  exploitation,  but  have  also  outlined  the  technological  reasons  for  pursuing 
such  research.  Vie  have  consistently  shown  that  our  emphasis  has  been  directed  toward 
developing  analysis  and  design  techniques  which  could  be  employed  for  generalized 
configurations  and  have  emphasized  the  necessity  of  assuring  not  only  adequate  general¬ 
ity  in  the  techniques  and  methods  developed  but  also  the  necessity  for  encompassing  the 
pragmatic  constraints  to  assure  acceptability.  We  have  not  only  been  concerned  with 
potential  performance  increases,  but  also  the  understandi ng  of  the  required  parametric 
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trade-offs  associated  with  design  optimization  for  multiple  applications.  In  displaying 
the  correlation  capability  and  design  methodology  which  is  now  available  from  both 
ground  and  flight  test  for  the  more  moderate  lifting  entry  configurations,  we  have  shown 
the  necessity  from  the  research  and  technology  viewpoint  to  move  into  areas  which  offer 
more  challenging  problems  and  which  will.  Indeed,  provide  an  impetus  for  new  advancements 
for  the  entire  technology  of  lifting  bodies.  As  we  have  mentioned,  it  is  particularly 
encumbent  on  the  configuration  researcher  to  avoid  problems  associated  with  technologi¬ 
cal  plateaus. 


BIBLIOGRAPHY 

1.  Gray,  J.  0.,  “Three  Component  Force  Tests  of  Satellite  Reentry  at  Mach  Numbers  2  to 
5,"  Sponsored  AEDC  Test  and  Data  Report,  Aircraft  Laboratory,  WCLSR-l,  Wright  Air 
Development  Center,  December  1958. 

2.  Buehl,  F.  W.,  Laaksonen,  L.  E.,  and  Lefterdo,  J.  M.  ,  “X-7A  Thermal  Data  Program 
Final  Report,"  FOL  Sponsored,  WAOO-TR-60-567 . 

3.  Draper,  Alfred  C.,  "Possible  Applications  of  the  Aeroballistic  Vehicle  to  Some 
Advanced  System  &  Research  Concepts,"  FOL,  WADD-TM-61-2. 

4.  Antonatos,  Philip  P.,  and  Draper,  Alfred  C.,  "A  Survey  of  the  Trends  in  Flight 
Mechanics,"  Ninth  Annual  USAF  Science  and  Engineering  Symposium,  October  9-11,  1962. 

5.  “Proceedings  of  the  1962  X-20A  (Dyna-Soar)  Symposium,"  ASD-TR-63-148  ,  March  1963. 

6.  Cosenza,  C.  J.,  Alexander,  G.  L.,  and  Gazzerro,  W.  J.,  "A  Program  for  Hypersonic 
Flight  Testing  in  the  Areas  of  Structures,  Aerothermodynamics ,  and  Structural  Dynamics 
(ASSET),"  FDL-TDR-64-75  ,  July  1964. 

7.  Hankey,  H,  L.,  and  Schroeder,  L.  J.,  "Optimization  of  Lifting  Re-entry  Bodies," 
Proceedings  of  12th  Annual  Air  Force  Science  &  Engineering  Symposium,  Vol  I,  1965. 

8.  Love,  J.  E.,  and  Young,  W.  R.,  "Component  Performance  and  Flight  Operations  of  the 
X-15  Research  Airplane  Program,"  1966  Annual  Symposium  on  Reliability,  San  Francisco, 
CA.  January  25-27,  1966. 

9.  Landes,  P.  £.,  Marks.  C.  D.,  et  al.  "ASSET."  Volumes  1-4,  AFFDL-TR-65-31 ,  April 
1966. 


10.  Draper,  A.  C.,  Benson,  B.  R.,  and  Neumann,  R.  D.,  "Lifting  Entry  Technology  and 
Advanced  Vehicle  Concepts,"  Transactions  of  the  Eleventh  Symposium  on  Sp^ce  and 
Ballistic  Missile  Technology,  July  6-8,  1966,  Volume  I. 

11.  Quest,  R.,  "The  Tip  Tank  Concept;  An  Economic  Orbital  Transportation  System,"  S4E 
Space  Technology  Conference,  May  1967. 

12.  Draper,  Alfred  C,,  and  Buck,  Melvin  L.,  "Assessment  of  the  Factors  Affecting 
Advanced  Lifting  Entry  Vehicles,"  AFFOL-TR-67-137, 

13.  "SV-5D  Prime,  Final  Flight  Test  Summary."  ER  14465,  September  1967. 

14.  Dahlem,  V.,  and  Buck,  M,  L.,  "Analysis  and  Experimental  Results  of  High 
Lift-to-Drag  Configurations,"  AFFOL-TR-67-138. 

15.  Draper,  Alfred  C.,  and  Cosenza,  Charles  J.,  "Technological  Prospects  for  High 
Performance  Spacecraft,"  Proceedings  of  SAE  Space  Technology  Conference,  Washington,  DC, 
May  8-10,  1968, 

16.  Ehrlich,  C.,  Rising,  J.,  Peyton,  R.,  and  Onspaugh,  C.,  "Preliminary  Design  and 
Experimental  Investigation  of  the  FDL-5A  Unmanned  High  L/D  Spacecraft,"  AFFDL-TR-68-24  , 
March  1968, 

17.  Draper,  Alfred  C.,  and  Neumann,  Richard  D.,  "Configuration  Research  and  Exploratory 
Development  for  Advanced  Spacecraft,"  NASA  Space  Station  Symposium,  February  11-16, 

1969. 

18.  Neumann,  R.,  McElderry,  E.,  Gord,  P.,  and  Buck,  M.,  "High  L/D  Vehicle  Design," 
AFFDL-TR-69-82,  February  1970. 

19.  Antonatos,  Philip  P.,  Draper,  Alfred  C.,  and  Neumann,  Richard  0., 

"Aerothermodynamic  and  Configuration  Development,"  AIAA  7th  Annual  Meeting  and  Technical 
Display,  Houston,  Texas,  October  19-22,  1970. 

20.  Draper,  Alfred  C.,  Buck,  Melvin  L.,  and  Goesch,  Willian  H.,  "A  Delta  Shuttle 
Orbiter,"  Aeronautics  and  Astronautics,  Volume  9,  No.  1,  January  1971. 

21.  Selegan,  David  R.,  "Parametric  Study  of  Nine  Delta  Wings  on  a  Modified  FDL-8 
Vehicle  M  »  0.4  -  1.2,"  AFF0L-TM-71-26-FXS. 


30-12 


22.  Dahlem,  Valentine*  III*  "Sunmary  of  Aerodynamic  Characteristics  of  the  KDL-6  High 
L/0  Configuration,*’  AFFDL-TR-72-48 . 

23.  Armstrong*  J.  G. ,  "Flight  Planning  and  Conduct  of  the  X-24A  lifting  Body  Flight 
Research  Program."  AFFTC-TR-71-10,  August  1972. 

24.  Selegan,  0.  R.,  Flaherty*  J.  I.*  and  Norris,  R.  B.,  "Effects  of  Rocket  Exhaust  on 
the  Aerodynamics  of  the  X-24A  and  X.248  Lifting  Bodies,"  AFFDL-TM-75-29-FXS . 

25.  Armstrong,  J.  G.,  "Flight  Planning  and  Conduct  of  the  X-24B  Research  Aircraft 
Flight  Test  Program,"  AFFTC-TR-76-11 . 

26.  Draper,  Alfred  C.,  Lane,  Paul*  ^nd  Zima,  William  P.,  "A  Flight  Research  Vehicle  to 
Bridge  Shuttle  and  Hypersonic  Aircraft  Technology,"  AIAA  Atmospheric  Flight  Mechanics 
Conference,  Hollywood,  Florida,  August  8>10,  1977. 

27.  Lane,  Paul,  Jr.,  "Flight  Research  Concepts  for  Aerodynamic  Maneuvering  Space 
Vehicles,"  Air  Power  Symposium,  Maxwell  AFB  AL,  February  23-25,  1981. 

28.  Hayes,  J.  R.,  and  Neumann,  R.  0.,  "Trends  in  the  Space  Shuttle  Aerothermodynam< c 
Data  Base,"  AIAA  IBth  Aerospace  Sciences  Meeting,  St.  Louis  MO,  January  12-15,  1981. 

29.  Walberg,  Gerald  0.,  "A  Review  of  Aeroassisted  Orbit  Transfer,"  AIAA  19th 
Atmospheric  Flight  Mechanics  Conference,  San  Diego  CA,  August  9-11,  1982. 

30.  Shang,  J.  S.,  and  Hankey.  W.  L.,  "Computa.ion  of  Flow  Past  a  Hypersonic  Cruiser," 
Proceedings  of  the  2nd  Symposium  on  the  Numeri.al  &  Physical  Aspects  of  Aerodynamic 
Flows,  California  State  University,  Long  Beach  CA,  January  16-20,  1983. 

31.  Allen,  H.  Julian,  "Hypersonic  Flight  and  the  Re-entry  Problem,"  Jou»“r^l  of 
Aeronautical  Sciences,  Vol  25,  Nr  4,  April  1958. 

32.  Eggers,  A.  J.,  Jr.,  and  Wong,  T.  J.,  "Motion  and  Heating  of  Lifting  Vehicles  During 
Atmosphere  Entry,"  ARS  Journal,  Vol  31,  Nr  10,  October  1961. 

33.  Sell,  Roland  V.  ILt,  and  WUbt-r  1..  "Appl ' ^  u.,  of  Aerodyna.'ic  Lirt  m 

Accomplishing  Orbital  Plane  Change, *•  ASO  TDR-63-693,  September  1965. 

34.  Draper,  Alfred  C.,  Buck,  Melvin  L.,  Davis  H.  Max,  and  Nicholson,  James  F.,  "A 
Superorbital  Design  Concept  for  a  Lifting  Entry  Vehicle,"  Proceedings  of  the  AIAA 
Vehicle  Design  Symposium,  November  1963. 

35.  Kinroth,  G.  D.,  Pawlikowskf,  T.  P.,  et  al,  "ASSET  -  Final  Aerodynamics  and 
Performance,"  AFF0L-TR-65-3I ,  December  1965. 

36.  Lore,  Eugenr  "Manned  Lifting  Entry,"  Astronautics  and  Aeronautics,  May  1966. 

37.  Draper,  Alfred  C.,  Buck,  Melvin  L.,  and  Selegan,  David  R.,  "Aerospace  Technology 
Oemonstrators/Research  and  Operational  Optics,"  AIAA  Aircraft  Prototype  and  Technology 
Demonstrator  Symposium,  Dayton  OH,  March  23-24,  1983. 

38.  Chang,  J.  S.,  and  Schear,  $.,  "Navier  Stokes  Solution  for  a  Complete  Re-entr/ 
Configuration,"  AIAA  Journal  of  Aircraft,  April  1986. 

39.  Neumann,  Richard  D.,  "Defining  the  Aerothermodynami c  Methodology  II,"  University  of 
Texas  at  Austin  Short  Course  on  Hypersonics,  November  4-7,  1986. 


INCUNATION  -DEG  L/D 


30-13 
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SUMMARY 

This  paper  describes  work  done  during  the  last  two  years  in  an  attempt  to  gain  an 
understanding  of,  and  to  establish  a  capability  for  the  use  of,  the  Douglas 
Supersonic/Hypersonic  Arbitrary  Body  Program  (S/HABP).  The  program  has  a  complex 
structure  and  offers  a  large  variety  of  aerodynamic  prediction  methods  to  solve  many 
different  types  of  problem. 

Most  of  the  features  of  the  program  have  been  used  with  some  success.  Aspects  of 
the  flowfield  routines  and  viscous  options,  which  could  not  be  utilised  correctly,  are 
either  under  investigation,  or  updates  to  the  programming  are  awaited.  Some  accurate 
predictions  have  been  made  using  the  inviscid  pressure  methods,  which  have  been  evaluated 
tor  a  wide  range  of  configurations,  for  Mach  Numbers  from  1.7  to  25.0  and  from  an 
incidence  of  -8*  to  40®. 

The  code  has  been  seen  to  be  hignly  flexible,  but  the  accuracy  of  the  results  is 
user  dependent.  Relative  to  computational  fluid  dynamics  codes,  s/HABP  geometries  are 
easy  to  prepare  and  the  code  is  cheap  to  run. 


NOTATION 


b 


c 


i 

L 

L/D 

M 


net  semispan  (wing  alone  configurations) 
gross  span  (body/wing  configurations) 
chord 

chord  at  position  1 

chord  at  position  2 

skin  friction  coefficient 

Chapman-Rubesin  viscosity  coefficient 

evaluated  in  the  freestream,  based  on 

reference  temperature  conditions 


°  U'  *  T, 

axial  force  coefficient 
drag  coefficient 
Lift  coefficient 
pitching  moment  coefficient 
normal  force  coefficient 
pressure  coefficient 

^A'  ^N 

length  offside  of  a^square  section  vehicle 
maximum  body  diameter 

normal  momentum  accommodation  coefficient 
tangential  momentum  accommodation 
coefficient 

Modified  Newtonian  correction  factor 
Modified  Newtonian  gives: 

C  -  Ksin  5 
P 


where  K 


Y  +  1 


(1  - 


Y  +  3 


(K  =  2.0  for  Newtonian  flow) 

reference  length 
body  length 
Lift  to  drag  ratio 
Mach  Number 


MRP  Moment  Reference  Point 

Ng^  Stanton  Number 

Stagnation  Pressure 
Pr  Prandtl  Number 

Re  Reynolds  Number 

S  gross  semispan  ( waver ider) 

STS  Space  Transportation  System 

T  Temperature 

T'  reference  temperature 

T  stagnation  temperature 

T°  wall  temperature 

v'"^  variation  allowed 

slip  parameter  evaluated  at 
freestream  conditions 

_  M 

v  =  !! _ ” 

*  /Re^ 

x  )  cartesian  co-ordinates,  unless 

y,Y  )  otherwise  defined 
X  centre  of  pressure 

incidence  angle 
»  sideslip  angle 

Y  ratio  of  specific  heats 

^  fin  deflection  angle 

*  configuration  roll  angle 

a  dynamic  viscosity 

j  •  reference  dynamic  viscosity 

4,  angular  polar  co-ordinate 

Subscripts 

X  based  on  x 

<»  based  on  freestream  conditions 

9.  based  on  local  conditions 


A  method  of  identifying  inviscid  pressure  methods  is  used  as  follows?  e.g.  2,2 
(K  =  2.0) /9, 7  (5/3)  is  an  inviscid  pressure  method.  This  consists  of  two  sets  of  methods 
separated  by  a  slash.  The  numbers  before  the  slash  apply  to  the  body  and  the  numbers 
after  the  slash  apply  to  the  controls  unless  indicated  otherwise.  The  first  number  (2) 
applies  to  the  Isody  impact  method  and  the  second  number  (2)  applies  to  the  body  shadow 
method.  K  =  2.0  provides  the  body  K  value.  A  value  of  K  is  required  if  the  impact 
method  is  1,  2  or  3. 
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The  numbers  after  the  slash  (9, 7(5/3})  indicate  the  impact  and  shadow  methods  on  the 
second  vehicle  component  (usually  the  controls,  although  it  can  be  a  different  part  of 
the  body).  The  9,7  indicates  that  the  shock  expansion  impact  and  shadow  methods  have 
been  used  on  the  second  part  of  the  vehicle.  The  (5/3)  is  applicable  to  the  shock 
expansion  methods  only.  The  shock  expansion  method  needs  starting  values  for  its 
calculation  procedure  and  these  are  provided,  in  this  case,  by  method  5  in  the  impact 
region  and  method  3  in  the  shadow  region.  A  key  to  the  numbers  of  the  impact  and  shadow 
methods  is  given  in  Table  1  and  further  details  of  the  methods  are  given  in  References  1 
and  2. 

If  one  set  of  methods  alone  is  used  the  set  applies  to  the  entire  configuration.  It 
should  be  noted  that  more  than  two  sets  of  methods  can  be  used. 

A  key  to  the  Mark  III  skin  friction  methods  is  provided  in  Table  2. 


1 .  INTRODUCTION 

The  development  of  the  Douglas  Hypersonic  Arbitrary  Body  Aerodynamic  Computer 
Program  began  in  1964  and  was  greatly  expanded  in  subsequent  years.  The  Mark  IV 
Supersonic/Hypersonic  Arbitrary  Body  Program  (S/HABP,  Reference  1}  was  written  in  1973, 
and  updated  in  1980,  under  contract  to  the  Air  Force  Wright  Aeronautical  Laboratories 
(AFWAL).  This  paper  describes  some  work  undertaken  during  the  last  two  years,  to  try  to 
gain  an  understanding  of  the  methods  available  within  S/HABP  and  to  establish  a 
capability  for  its  use.  This  work  has  been  carried  out  by  the  Aerodynamics  Research 
Department  of  the  Sowerby  Research  centre  (SRC)  at  British  Aerospace,  Bristol,  with  the 
support  of  the  Procurement  Executive  of  the  Ministry  of  Defence. 

The  basic  methodology,  employed  by  S/HABP,  is  to  consider  the  vehicle  as  a 
conglomeration  of  many  fiat  plates,  called  elements,  at  incidence,  which  closely  resemble 
the  actual  model  surface.  The  type  of  prediction  methods  employed,  on  an  element-by¬ 
element  basis,  use  local  slope  and  freestream  Mach  Number  to  calculate  pressure.  These 
methods  are  particularly  applicable  at  high  speeds,  but  an  extension  to  the  supersonic 
speed  range  is  also  available  in  the  flowfield  option,  which  uses  embedded  flowfield 
concepts  to  permit  first  order  interference  effects  to  be  accounted  for.  Some  of  the 
inviscid  pressure  prediction  methods  themselves  have  also  been  extended  down  to 
supersonic  speeds,  by  the  use  of  empiricism  and  some  purely  supersonic  inviscid  pressure 
prediction  methods  have  also  been  added. 

Further  enhancement  of  pressure  predictions  is  provided  by  the  shielding  analysis, 
which  accounts  for  the  reduction  in  pressure  experienced  by  those  elements  hidden  from 
the  flow  by  upstream  elements. 

The  program  also  performs  a  viscous  analysis  in  one  of  two  ways.  The  first  is  the 
historically  popular  flat  plate  method,  which  is  the  same  as  that  used  in  the  Mark  III 
Hypersonic  Arbitrary  Body  Program.  The  second  is  an  integral  boundary  layer  approach, 
which  involves  solving  of  the  mca«entum  integral  equation  for  laminar  flow  and  the 
momentum  and  moment -of -momentum  integral  equations  for  turbulent  flow. 


2.  DISCUSSION 
2 . 1  About  The  Program 

S/HABP  has  a  well  ordered  code  structure  and  each  of  the  basic  analysis  types  is 
accomplished  in  a  separate  program  component.  The  complex  structure  of  the  program  is 
illustrated  in  Figure  1. 

The  geometry  package  provides  rapid  and  element-by-element  model  generation 
techniques.  These  consist  of  quick  methods  to  generate  circular  and  elliptical  section 
vehicles  and  aircraft  components,  i.e.  wings,  fins,  stores  and  arbitrary  section 
fuselages.  Additionally,  there  is  a  parametric  cubic  curve  fitting  technique  available 
to  describe  configurations.  The  program  converts  all  geometry  input  into  elements,  which 
are  then  used  by  the  aerodynamic  calculation  procedures  (or  AERO  package).  A  sensitivity 
test  showed  that  a  very  large  number  of  elements  is  not  always  required  when  modelling  a 
vehicle,  however  a  high  element  density  is  desirable  in  regions  of  high  rate  of  change  of 
surface  gradient.  Generally,  elements  are  input  to  S/HABP  in  groups  or  panels.  The  user 
then  assembles  these  panels  into  components  in  the  AERO  package.  A  component  is  a  major 
part  of  the  vehicle  and  is  analysed  by  the  AERO  package  as  a  unit. 

Once  the  model  has  been  described,  it  can  be  viewed  by  the  graphics  package,  TEKPIC. 
Graph  plotting  facilities  for  the  results  from  the  AERO  package  have  also  been  added. 

The  auxiliary  routines  enable  arbitrary  cross-sections  sections  to  be  taken  through  the 
vehicle,  as  desired. 

The  majority  of  the  effort  has  been  expended  on  the  AERO  package  of  the  program. 

The  first  phase  of  the  work  was  to  ascertain  how  to  use  the  inviscid  Pressures  part  of 
the  program.  There  is  a  large  choice  of  Inviscid  pressure  methods  available  and  these 
are  listed  in  Table  1.  Further  details  of  each  of  the  methods  listed  is  given  in 
Reference  1.  The  impact  methods  are  those  applied  to  flow-facing  elements  and  the 


shadow  methods  are  applied  to  those  elements  facing  away  from  the  flow.  The  methods 
Include  the  simple  Newtonian  approach,  various  purely  empirical  methods,  correlations  to 
exact  numerical  solutions,  small  disturbance  theory  and  shock  expansion  methods.  Figure 
2  shows  how  the  various  methods  interrelate,  ranging  from  exact  techniques  at  the  top  of 
the  figure,  to  purely  empirical  methods  at  the  bottom.  Some  of  the  exact  techniques, 
such  as  the  Method  of  Characteristics  are  not  available  within  the  program,  but  empirical 
approaches,  which  are  available,  approximate  these  methods.  Referring  again  to  Table  1, 
impact  methods  1  to  15  and  shadow  methods  1  to  9  were  those  provided  in  the  original 
version  of  S/HABP  (modification  0)  and  this  study  was  carried  out  to  evaluate  those 
methods.  The  remaining  methods  were  provided  as  updates  to  eliminate  certain 
deficiencies  found  in  the  original  choice  of  methods. 

The  philosophy  behind  providing  a  large  selection  of  pressure  methods  is  that 
different  methods  can  account  for  different  flow  phenomena.  The  program  is  therefore 
applicable  to  a  wide  range  of  vehicle  types.  A  combination  of  many  methods  can  be  used 
for  very  complicated  3-0  shapes  (one  Impact  and  one  shadow  method  per  component)  after 
w;hich  the  pressure  contributions  from  each  of  the  vehicle  parts  can  be  suirer^ed  using  the 
data  summation  option  of  the  special  routines. 

2.2  The  Inviscid  Pressure  Methods 

The  Inviscid  Pressures  part  of  the  code  has  been  evaluated  for  a  wide  range  of  lt>ody 
alone  and  body/wing  configurations,  for  incidences  ranging  from  -8*  to  40*. and  for  Mach 
Numbers  from  1.7  to  25.0.  Pull  details  of  these  results  are  presented  in  References  2 
and  3. 

Table  3  summarises  the  force  and  moment  predictions  made  in  Reference  2,  with 
sketches  of  configuration  type.  The  error  band  shown  in  the  table  appears  to  be  large, 
but  averaging  includes  low  incidence  predictions,  where  percentage  errors  are  sometimes 
large,  even  for  good  predictions.  Figures  3  to  8  show  a  sample  of  the  graphical 
representations  of  the  validation  exercises  undertaken,  with  some  additional  methods  to 
those  shown  in  Table  3.  In  some  cases,  an  extensive  range  of  methods  is  presented,  since 
it  is  desirable  to  distinguish  between  methods  that  give  accurate  results  for  a  given 
configuration  type  and  flight  condition  and  those  that  give  poor  results.  Thus  the  use 
of  these  latter  methods  can  be  avoided  when  necessary. 

Figure  3  shows  various  inviscid  pressure  method  force,  moment  and  centre  of  pressure 
predictions  for  vehicle  3,  a  tangent  ogive  cylinder  with  a  boattail  at  Mach  4.63, 
together  with  experimental  data.  The  Newtonian  and  Dahlem  Buck  Empirical  Methods  (1,1(K 
*  2.0),  1,1  {K  *  1.81)  and  14,1)  were  not  very  accurate,  but  the  inclined  cone  method  on 
the  nose,  combined  with  the  tangent  wedge  method  on  the  body  (6, 4/3, 2)  gives  an  accurate 
c„  prediction.  Newtonian  predictions  on  other  cylinder-boattail  configurations,  at 
different  Mach  Numbers  have  also  been  seen  to  be  inaccurate.  C.  is  also  not  well 
predicted  by  these  methods.  This  is  because  the  methods  used  in  Figure  3  are  mainly  of 
an  inviscid  nature,  and  a  separate  calculation  would  be  required  to  provide  the  viscous 
contribution  to  C^,  which  would  be  significant. 

Figure  4  shows  that  the  Modified  Newtonian  prediction  method  (1,1  (K  =  1.794))  is 
closer  to  the  experimental  data  than  the  Newtonian  method  (1,1  (K  =  2.0)),  for  force, 
moment  and  centre  of  pressure  predictions  for  a  blunt  nosed  cone,  vehicle  6,  at  Mach 
4.63. 

If  a  prediction  method  provides  accurate  pressure  predictions  for  a  configuration, 
when  the  results  are  summed  accurate  forces  and  moments  are  obtained.  Thus,  in  many 
cases,  C  prediction  data  was  also  compared  to  experimental  data.  Figure  5  shows 
predicted  and  experimental  C  values  for  a  blunted  cylinder-conical  frustrum-f lare 
configuration  at  Mach  7.0,  The  Modified  Newtonian  and  Prandtl-Meyer  prediction  method 
(2,2  (K  =  1.81))  is  very  accurate  on  the  nose  and  hence  needs  only  to  be  combined  with 
accurate  body  predictions  for  good  force  and  moment  predictions  to  result.  None  of  the 
methods  validated,  however,  gave  sufficiently  accurate  predictions  to  be  "acceptable”  in 
Table  3 ;  the  magnitude  of  both  and  C  were  significantly  overestimated  in  all  cases. 
This  can  be  attributed  to  inaccurate  Cp™predictions  on  the  conical  frustrum-f lare . 

Aerodynamic  force  and  moment  predictions  for  a  triangular  section  body,  vehicle  10, 
at  Mach  3.12,  are  shown  in  Figure  6.  Good  C.  and  C  predictions  are  given  by  the 
Modified  Newtonian  Method  (1,1  (K  =  1,75))  and  the  Cj.  trend  is  reasonable.  The  C_ 
prediction  is  inaccurate  though,  since  no  viscous  contribution  has  been  included.^  Many 
very  poor  predictions  are  given  for  this  configuration.  It  might  have  been  expected  that 
some  of  the  empirical  methods  would  give  reasonable  Cj.  predictions,  since  they  are  not 
purely  inviscid,  but  many  of  the  trends  are  very  poor.  Validation  was  also  undertaken 

for  bodies  alone  at  Mach  3.12  with  rhe  same  cross-sectional  area  distribution  and  same 
length  as  vehicle  10  but  having  circular  (vehicle  4)  and  elliptic  (vehicle  9)  cross- 
sections.  The  Newtonian  Method  (1,1  (K  =  2.0))  gave  very  good  C_  and  C  predictions  for 
these  configurations.  ^ 

Figure  7  shows  force  and  moment  predictions  for  an  ellipse  section  vehicle  with 
monoplane  fins,  vehicle  16,  at  a  Mach  Number  of  4.63.  Difficulty  was  encountered  when 
trying  to  predict  C  accurately.  Although  scxne  methods  approximate  the  data  trend,  the 
magnitude  is  inaccurate.  Perhaps  the  Modified  Newtonian  and  Prandtl-Meyer  method  (2,2  (K 
=  1.794))  is  a  poor  choice  to  apply  on  the  body  of  this  configuration,  since  this  method 
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should  not  oe  Applied  to  a  nose  impACt  angle  less  than  that  for  shock  detachment. 

However,  the  prediction  accuracy  is  comparahle  to  that  of  the  other  methods,  c.  is 
reasoneUjly  predicted,  and  the  trend  is  correct  for  all  the  methods  shown. 
magnitude  can  be  improved  by  adaing  a  viscous  contribution. 

Figure  8  shows  predicted  forces  and  moments  for  a  tangent  ogive*cylinder 
configuration,  with  two  sets  of  cruciform  control  surfaces,  at  Mach  4.6.  C  and 
predictions  are  "acceptable”  for  all  the  methods  shown,  though  the  trends  Income 
inaccurate  at  very  high  incidences.  predictions  are  again  low. 

Figure  9  shows  pressure  predictions  and  experimental  data  on  the  upper  surface  of  a 
fin  alone  at  several  incidences.  The  three  methods  presented  give  similar  results;  too 
large  a  magnitude  for  C  is  generally  predicted.  The  difference  between  the  zero  and  12® 
incidence  predictions  iS  too  great,  but  the  difference  between  the  a  =  12®  and  a  =  24® 
predictions  is  about  right. 

When  att^npting  to  obtain  force  and  moment  predictions  for  body/wing  configurations, 
because  of  interference  flow,  larger  pressures  are  expected  for  windward  control  surfaces 
that  are  not  shielded  than  for  controls  in  isolation.  Thus  good  results  can  be  obtained 
when  particular  methods  are  applied  to  unshielded,  windward  control  surfaces  but  the  same 
methods  would  overpredict  pressures  if  applied  to  controls  in  isolation.  Conversely,  due 
to  shielding,  smaller  pressures  are  expected  for  shielded  control  surfaces  than  for 
controls  in  isolation.  Reasonable  predictions  have  been  obtained  at  SRC  for  wing/body 
configurations  when  the  tangent  wedge  and  Prandtl-Meyer  methods  (3,3)  are  applied  to 
control  surfaces  that  are  not  shielded  and  the  tangent  cone  and  Prandtl’Meyer  methods 
(5,3)  are  applied  to  those  that  are.  It  is  also  likely  that  methods  12,3,9,7(3/3)  and 
13,7  would  provide  reasonable  predictions  on  shielded  control  surfaces. 

At  present  s/HABP  does  not  have  a  suitable  method  to  predict  deflected  control 
pressures  (as  opposed  to  pressures  where  the  control  and  body  are  at  the  same  incidence) 
since  theze  is  no  separation  model  within  the  program. 

Figure  10  shows  the  predicted  and  experimental  pressure  distributions  over  the  lower 
surface  of  a  triangular  section  waverider  at  Mach  8.6.  The  trend  of  the  data  is  not 
followed  by  the  prediction  techniques  and  predictions  are  particularly  disappointing  at 
lower  body  incidences. 

The  Blast  Wave  pressure  increments  method,  impact:!^,  has  also  been  seen  to  give 
some  accurate  pressure  predictions  at  supersonic  Iiacn  Numbers.  These  have  l^een  for 
hemisphere  cylinders  and  blunted  flat  prates  at  zero  incidence. 

Figure  11  snows  the  Shuttle  Orbiter  configuration,  as  drawn  by  the  graphics  package, 
TEKPIC.  The  modelling  of  this  configuration  involved  the  use  of  many  geometry  options. 
The  model  is  divided  into  nine  panels.  The  four  body  panels  were  generated  using  the 
Aircraft  Geometry  Arbitrary  Cross-Section  luselage  Generation  Option  and  the  five  nozzles 
were  generated  by  the  Ellipse  Generation  Method.  The  tail  was  modelled  by  the  Aircraft 
Geometry  General  Aerofoil  Option  and  the  remaining  parts  were  input  element  by  element. 

Figure  12  shows  the  S/HABP  Newtonian  predictions  (1,1  (K  =  2.0))  to  interpolated 
wind  tunnel  data  and  STS-1  data  at  Mach  13.5.  The  coefficient  trends  are  mostly  good. 
c„,  C  ,  Cjj  and  L/D  trends  are  closer  to  the  STS-1  data  than  the  interpolated  wind  tunnel 
data.  The  C,  and  trends  are  the  least  accurate,  though  C.  would  be  expected  to  be 
inaccurate  since  no^viscous  contribution  is  included. 

Figure  13  shows  STS-5  lift  and  drag  cc^parisons  with  preflight  predictions  from 
Reference  12.  The  variation  allowed  as  shown  in  Reference  12  is  also  presented.  It 
should  be  noted  that  below  Mach  10.0  incidence  is  not  constant.  Vehicle  incidence  and 
Mach  Number  both  vary  up  to  Mach  10.0,  incidence  starting  at  0®  at  very  low  Mach  Numbers 
and  reaching  40®  at  Mach  10,0.  The  curve  discontinuities  shown  are  due  to  shuttle 
manoeuvres  and  are  not  predicted,  various  methods  and  combinations  of  methods  were  used, 
with  and  without  a  shielding  contribution.  On  the  whole,  C  predictions  which  included 
the  shielding  contribution  were  poor.  The  Dahlero  Buck  Empirical  and  Prandtl-Meyer 
Expansion  Method  (14,3),  shown  in  Figure  13,  without  shielding  gave  generally  good 
predictions  for  all  the  coefficients,  and  these  were  mainly  within  the  allowed  variation. 

Results  from  the  Free  Molecular  Flow  Method  (10,9)  produced  at  Mach  25.0  were  poor, 
however.  Predictions  from  this  method  depend  on  the  values  of  normal  and  tangential 
momentum  accomodation  coefficients  (f  and  f.  respectively),  if  both  coefficients  are 
set  eqxial  to  0.0  Newtonian  flow  is  approximated  and  both  coefficients  are  set  equal  to 
1.0  for  ccxnpletely  diffuse  reflection.  It  was  thought  that  a  lengthy  calibration  process 
would  be  required  to  ensure  the  right  cc^bination  of  f.  and  f  for  the  Shuttle 
configuration  at  Mach  25.0  and  this  was  not  attempted.^  " 

It  is  difficult  to  identify  the  best  inviscid  pressure  method  for  a  specific 
configuration  and  flow  regime.  In  some  cases,  a  change  in  Mach  Number  or  incidence  angle 
can  considerably  alter  method  accuracy.  Table  3  provides  one  approach  to  method 
selection,  which  can  be  used  if  one  of  the  configurations  in  the  table  is  close  to  the 
vehicle  shape  and  flight  conditions  for  which  a  prediction  is  required,  if  pressure 
coefficient  experimental  data  and  prediction  comparisons  are  available  for  parts  of 
models  which  resemble  parts  of  the  required  configuration  at,  or  close  to  the  appropriate 
Mach  Number,  then  methods  can  be  selected  on  a  part  by  part  basis. 
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If  the  general  vehicle  shape  and  flight  conditions  within  a  parametric  study  are  new 
to  the  S/HABP  user,  then  prediction  comparisons  with  experimental  data  for  a  similar 
vehicle  and  flight  condition  can  be  made  to  aid  method  selection.  Alternatively,  S/HABP 
pressure  prediction  methods  can  be  ccxnpared  to  results  from  the  appropriate  Euler  method 
(e.g.  'SWINT',  Reference  13,  for  a  conventional  missile  shape)  for  a  sample  case. 

Some  improvements  to  predictions  can  be  made  by  varying  the  Modified  Newtonian 
Correction  Factor  to  account  for  real  gas  effects.  Due  to  inaccurate  circular  section 
body  predictions,  at  supersonic  speeds,  a  new  method  for  use  on  the  leeward  side  of 
cylindrical  bodies  has  been  recently  introduced,  this  being  the  ACM  Empirical  Method. 

This  method  has  been  seen  to  give  considerably  improved  C  and  X  predictions,  when  used 
in  conjunction  with  the  Dahlem  Buck  Empirical  Methods  on  filunted^tangent  ogive  type  noses 
and  the  inclined  cone  method  on  the  windward  side  of  the  cylindrical  body  (i.e.  when 
14,10/6,11  is  used). 

The  program  also  predicts  the  various  aerodynamic  derivatives  by  the  method  of  small 
perturbations.  The  accuracy  of  this  type  of  prediction  depends  on  how  sensitive  the 
aerodynamic  force  and  moment  predictions  are  to  varying  the  parameter  concerned.  Some 
reasonable  roll  damping  moment  predictions  have  been  gained. 

2.3  The  Shielding  Option 

One  method  provided  by  S/HABP  to  enhance  inviscid  pressure  method  predictions  is  the 
shielding  option.  This  accounts  for  the  reduction  in  pressure  experienced  by  an 
elemental  panel  being  hidden  or  shielded  from  the  flow  by  another  panel  by  setting  C 
on  shadow  elements  and  those  other  elements  hidden  from  the  flow  to  sero.  This  is  widely 
held  to  be  realistic  at  hypersonic  Mach  Numbers,  though  not  at  lower  supersonic  speeds. 

A  low  supersonic  prediction  of  vehicle  forces  and  mcnnents,  with  and  without  shielding  and 
experimental  data  are  shown  in  Fi^re  14.  The  Cj.  prediction  is  marginally  improved,  but 
C  is  definitely  degraded  when  shielding  is  incorporated.  Figure  13  also  showed 
considerably  degraded  C  predictions  for  predictions  with  shielding  compared  to  those 
without,  even  at  Mach  27.0.  The  prediction  is  probably  made  worse  because  shadow 
pressure  coefficients  which  are  negative  are  raised  to  zero  by  this  method,  not 
decreased.  This  method  has  been  put  to  best  use  when  it  has  been  restricted  to  hidden 
impact  regions  only. 

2.4  The  Flowfield  Analysis 

The  major  purpose  of  the  flowfield  option  is  to  provide  a  flowfield  around  the 
configuration  which  can  then  be  used  to  account  for  the  effects  of  the  interference  of 
one  part  of  the  vehicle  on  another  (e.g.  the  effect  of  the  body  flowfield  on  the  forces 
and  moments  of  a  control  surface). 

The  second  use  of  the  flowfield  option  is  to  provide  a  surface  flowfield,  for  use  in 
the  calculation  of  surface  streamlines. 

The  flowfield  methods  of  Table  4,  can  also  be  converted  to  pressure  methods  and  the 
aerodynamic  forces  and  moments  of  the  configuration  can  then  be  calculated. 

Flowfields  can  be  generated  by  handloading  or  by  the  use  of  the  methods  shown  in 
Table  4.  An  empirical  approach  is  used  to  calculate  the  shock  wave  shape.  (For  further 
details  of  flowfield  calculation  methods,  see  Reference  1).  A  surface  flowfield  can  axso 
be  created  by  transfer  of  data  from  the  inviscid  pressure  methods  calculation  procedure. 

Figure  15  shows  the  Mark  IV  S/HABP  and  the  method  of  characteristics  shock  shape 
prediction  for  the  minimum  drag  body  of  reference  15  at  Mach  2.3.  Results  are  good  at 
the  nose  deviating  downstream.  Predictions  of  extent  or  breadth  of  the  shock  field  which 
have  been  undertaken  by  S/HABP,  have  been  found  to  be  inaccurate  when  compared  to 
experimental  data. 

Figure  16  shows  the  C  predictions  for  the  minimum  drag  configuration  with  monoolane 
wings.  The  tangent  wedge  prediction  with  the  interference  of  the  body  flowfield  seems  to 
be  the  best  prediction  method,  although  the  interference  contribution  is  small. 


As  yet,  the  program  cannot  be  used  to  interrogate  the  flow  i.e.  to  output  flowfield 
information  between  the  body  and  its  shock  along  arbitrary  ('interrogation')  lines  as 
shown  in  Figure  17.  This  facility  is  currently  under  investigation  by  AFWAL  and  SRC. 


2.5  Streamline  Calculation 

As  far  as  the  streamlines  are  concerned  three  main  problems  have  been  encountered. 
First,  where  to  start  the  streamline  on  the  body,  second  how  to  ensure  sufficient 
streamline  coverage  over  the  entire  geometry  surface  and  third  streamlines  are  restricted 
to  continuous  parts  of  the  vehicle  shape  and  cannot  cross  frcxn  panel  to  panel.  Logic  for 
these  functions  has  been  included  in  recent  progreun  updates,  which  it  is  hoped  can  be 
incorporated  into  the  program  in  the  near  future.  The  approximations  made  in  the 
streamline  analysis  are  that  the  streamlines  are  two-dimensional  and  parallel. 
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2.6  The  Viscous  Methods 

The  remaining  option  is  the  viscous  methods  option.  This  is  ccmiprised  of  two 
methods:  the  Mark  III  Skin  Friction  Method,  which  considers  the  vehicle  as  a  series  of 
flat  plates  and  the  Integral  Boundary  Layer  Method,  which  computes  the  boundary  layer 
characteristics  along  streamlines  using  the  Integral  Boundary  Layer  equations. 

The  Mark  III  Skin  Friction  Method  calculates  the  viscous  forces  on  a  number  of 
constant  property  flat  plates.  Since  a  coarser  model  is  required  here  than  for  the 
inviscid  pressure  methods,  this  requires  a  second  pass  into  the  geometry  option.  In  the 
Mark  III  method,  inexpressible  skin  friction  coefficient  is  given  by  Blaslus  or  Sivells 
and  Payne  (Reference  16)  for  laminar  or  turbulent  flow  respectively.  Correction,  factors 
to  account  for  compressibility  effects  are  given  by  either  of  the  reference  temperature 
or  reference  enthalpy  methods  for  laminar  or  turbulent  flow,  and  the  Spalding-Chi  method 
can  be  used  instead,  if  desired,  for  turbulent  flow.  Surface  wall  temperature  is  also 
required  in  the  correction  factor  equations  and  is  either  given  by  a  thin  skin  heat 
balance,  or  is  input  by  the  user,  or  the  adiabatic  wall  temperature  can  be  used.  The  user 
selects  the  method  and  wall  temperature  combination  from  Table  2.  A  real  gas  viscous 
option  is  available,  and  is  used  automatically  if  the  laminar  reference  enthalpy  method 
is  selected.  Viscous-inviscid  interaction,  planform  effects  and  flow  history  are  also 
taken  into  account  in  the  Mark  III  Skin  Friction  Method.  (Further  details  of  this  method 
are  provided  in  Reference  1 ) . 

In  order  to  assess  this  part  of  the  code,  the  accuracy  of  the  Stanton  Number 
prediction  was  considered.  Since  this  method  predicts  only  skin  friction  coefficient 
and  not  Stanton  Number,  the  following  equations  were  used: 

C 

Ng^  =  -j  Pr  for  laminar  flow 

and  =  C^/2  for  turbulent  flow 


Figure  18  shows  the  Stanton  Number  predictions  at  zero  incidence  for  a  sharp  nosed 
10®  cone.  A  value  of  Pr  =  0.725  was  used  in  this  case.  The  S/HABP  predictions  were  Icwer 
than  the  experimental  data,  and  the  reference  enthalpy  and  reference  temperature  methods 
gave  virtually  the  same  result.  The  laminar,  Blasius  hand  calculation  shows  the  size  of 
the  compressibility  effect  allowed  for  in  S/HABP. 

Figures  19  and  20  show  the  Stanton  Number  predictions  for  a  blunted  20®  cone  at  zero 
incidence.  A  value  of  Pr  =  0.71  was  used  in  this  case.  Close  agreement  with 
experimental  data  is  seen  for  the  laminar  predictions,  while  the  reference  enthalpy  and 
reference  temperature  calculated  wall  temperature  methods  are  the  best  for  the  turbulent 
flow  regime.  At  10®  incidence,  the  accuracy  of  the  turbulent  regime  reference  temperature 
method,  with  calculated  wail  temperature  deteriorated  considerably,  though  the  laminar 
prediction  remained  accurate. 

Mark  III  Skin  Friction  method  predictions  for  a  blunt  nosed  50®  cone  at  zero 
incidence  are  shown  in  Figure  21.  A  value  of  0.71  was  used  for  Prandtl  Number  for  this 
case.  Both  the  Ixinar  and  turbulent  cases  were  better  predicted  by  the  calculated  wall 
temperature  version  of  the  reference  temperature  laminar  flow  and  Spalding-Chi  turbulent 
flow  method  than  the  input  wall  temperature  version. 

The  Integral  Boundary  Layer  Method  can  be  used  to  calculate  detailed  boundary  layer 
characteristics  along  a  streamline.  However  it  cannot  be  used  to  calculate  the  viscous 
contribution  to  vehicle  forces  and  moments,  since  there  is  no  logic  to  ensure  sufficient 
streamline  coverage.  The  method  does  not  allow  for  viscous-inviscid  interaction  or 
planform  effects.  Blunt  nosed  and  pointed  nosed  cones  can  be  analysed,  but  the  input  of 
suitable  initial  boundary  Layer  thicknesses  is  required,  since  there  is  no  logic  to  find 
the  true  starting  position  of  the  streamline. 

Reasonable  Stanton  Number  predictions  for  pointed  and  blunt  nosed  50®  cones  have  been 
achieved  with  this  version  of  the  code.  However  the  prediction  is  heavily  dependent  on 
input  boundary  layer  thicknesses,  which  are  generally  not  known  in  advance.  It  is 
thought  that  forthcoming  updates  will  rectify  the  problems  in  this  version  of  the  method, 
and  correct  some  errors  which  have  been  encountered. 

3.  CONCLUSIONS 

Parts  of  the  original  version  of  S/HABP,  namely  the  f?owfield  interrogation  option, 
the  streamline  analysis  and  the  Integral  Boundary  Layer  Method  have  not  been  working 
adequately  and  updates  are  awaited. 

The  remaining  options  of  the  program  have  been  used  to  give  some  accurate 
aerodynamic  predictions  for  configurations  ranging  from  a  triangular  section  body  alone 
at  Mach  3.1,  to  the  explex  Shuttle  configuration  at  Mach  25.0  and  including 
wing/body/control  configurations  at  Mach  5.0.  The  code  is  considered  to  be  highly 
flexible  in  that  it  can  assess  simple  and  very  complicated  shapes,  but  prediction 
accuracy  depends  on  the  user's  experience  with  the  code.  Very  accurate  predictions  have 
been  gained  after  calibration  of  S/HABP  results  with  experimental  data  or  Euler  methods 
oredictlons. 


The  ease  of  setup  of  vehicle  geometries  and  cheapness  of  the  program  make  it  an 
ideal  tool  with  which  to  investigate  the  aerodynamic  potentia]  of  a  large  number  of 
configurations  within  a  parametric  study. 
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METHOD 

NO. 

IMPACT  METHOD 

(APPLIED  TO  WINDWARD  SIDE 

OF  VEHICLE) 

1 

MOOIFIEO  NEWTONIAN 

2 

MODIFIED  NEWTONIAN  AND 

PRANOTL-MEYER 

3 

TANGENT-WEDGE 

(USING  OBLIQUE  SHOCK) 

4 

TANGENT-WEDGE  Q1PIRICAL 

5 

TANGENT-CCMfE 

6 

INCLINED-CONE 

7 

VAN  DYKE  UNIFIED 

8 

BLUNT-BOOY  SKIN-FRICTION 

SHEAR-FORCE 

9 

SHOCK-EXPANSION  (USING 

STRIP  THEORY) 

10 

FREE-MOLECULAR  FLOW 

11 

INPUT  PRESSURE  COEF- 

FICIENT 

12 

HANKBY  FLAT-SURFACE 

EMPIRICAL 

13 

DELTA-WING  EMPIRICAL 

14 

DAULEM-BUCK  EMPIRICAL 

15 

BLAST-WAVE  PRESSURE 

INCREMENTS 

16 

MODIFIED  TANGENT  CONE 

17 

OSU  BLUNT  BODY  EMPIRICAL 

METHOD 

NO. 

SHADOW  METHOD 

(APPLIED  TO  LEEWARD  SIDE  OF 
VF'dCLS) 

1 

NEWTONIAN  (  i.e.  Cp  »  0) 

MODIFIED  NEWTONIAN  AND 

PRANDTL-MEYER 

3 

PRANDTL-MEYSR  EXPANSION 

4 

INCLINEO-CONE 

5 

VAN  DYKE  UNIFIED 

6 

HIGH  MACH  NUMBER  BASE 
PRESSURE  (Cp  •■1/m^) 

7 

SHOCK-EXPANSICW  (USING 
STRIP  THEORY)  -  PRANDTL- 
MEYER  EXPANSION  FROM 
FREESTREAM  ON  FIRST 
ELEMENT  OP  BACH  STREAM- 
WISE  STRIP 

8 

INPUT  PRESSURE  COEF¬ 
FICIENT 

9 

FREE  MOLECULAR  FLOW 

lo 

MIRROR  PAHLEM-BUCK 

11 

ACM  aiPIRICAL  DATA 

12 

OSU  BLUNT  BODY  EMPIRICAL 

NOTE;  IMPACT  METHODS  16  AND  17  AND 
SHADOW  METHODS  10.  11  AND  12 
ARE  RECENT  UPDATES  TO  S/HABP 


Table  1  :  IMPACT  AND  SHADOW  METHODS 


Table  2  :  MARK  III  SKIN  FRICTION  VISCOUS  OPTION  METHOD 
SELECTION  AND  INTEGRAL  BOUNDARY  LAYER  VISCOUS 
METHW  TEMPERATURE  SELECTION.  {NUMBERS  SHOWN 
INDICATE  FLAG  REQUIRED  IN  S/HABP.) 


Table  4  :  TO  SHOW  APPROXIMATE  ANALYTICAL  FLOWFIELD 

PREDICTION  METHODS  AVAILABLE  WITHIN  S/HABP 
SEE  REFERENCE  I  FOR  FURTHER  DETAILS  OF 
METHODS  AVAILABLE 


(iii)  FOR  MODEL  13, METHOD  6,4/13,7  GIVES  W 

•ArCEPTABLE’  PREDICTION  AT  M‘2.25  AND 

AN  'ACCEPTABLE'  C  PREDICTION  AT  M=5.0 
A 

(iv)  FOR  MODEL  14,  A:  BOTH  MACH  NUMBERS  METHOD 

14,5/13,7  GIVES  'ACCEPTABLE'  C  AND  C 
N  » 

PREDICTIONS. 

(C)  FOR  MODEL  15,  MANY  COMBINATIONS  OF  METHODS 
WERE  USED.  ONLY  THE  MORE  COMMON  OR 
'ACCEPTABLE'  METHODS  ARE  PRESENTED  HERE. 


(d)  FOR  MODEL  16,  NO  METHOD  PREDICTS  C^ 

ACCEPTABLY,  BUT  EXPERIMENTAL  VALUES  WERE 
SMALL  AND  THEREFORE  PERCENTAGE  ERRORS  WERE 
LARGE. 


(ii)  MODEL  11,  \  =  -45°,  METHOD  12,3,  WITH 

SHIELDING,  GIVES  AN  ACCEPTABLE  PREDICTION, 


ICEY 

>/  »  ACCEPTABLE 

X  *  UNACCEPTABLE 

BLANK  «  THIS  METHOD  WAS  NOT  USED  OR  THIS  DATA  WAS 
NOT  AVAILABLE 

REFER  TO  TABLE  1  FOR  THE  KEY  TO  THE  INDIVIDUAL 
METHODS  EVALUATED,  METHOD  9, 7(5/3)  IS  THE  SHOCK 
EXPANSION  METHOD  USED  IN  THIS  TABLE. 

NOTES 

a)  ACCEPTABIL’^TY  CRITE.RIA  FOR  C 

C  PREDICTED  * 

0,8  <  — - <  1.25 

‘  c  experimenta:  ' 

X 

b)  THE  FOLLOWING  COMBINATIONS  ALSO  PROVED 
ACCEPTABLE: 

(i)  MODEL  3:6,4  NCSE;  3,2  BODY  GAVE  ACCEPTABLE 
Cm  AND  Cj^  PREDICTIONS.  METHOD  14,1  GAVE  AN 
ACCEPTABLE  Cj^  i^REDICTION. 


•  ,C  AND  C  PREDICTIONS 
N  m  A 


Table  3  :  TO  SHOW  'ACCEPTABLE 


Figure  1  :  S/HABP  FLOWCHART 


THE  INTERRELATION  OF  TOE  PRESSURE  CALCULATION  METHODS 
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8  16  2 


8  16  24  32  4C 


EXPERIMENTAL  DATA:  REF  9 


S/H^  2,2  (k=I.749) 

--  5,3 


^  EXPERIMENTAL  DATA:  REF  y 


S/HABP  f  7^5  (BODY) 

.12,3  (WINGS /CONTROLS) 
14,5  (BODY) 

13,7  (WINGS /CONTROLS) 


^  A  6 


8  -iS  24  32  40 


CRUCIPORK  WING  MID  CONTROL  SURFACES  AT  M  =  4.6 


^ _ _ 

^0.2  ’o.'4 

o.'e 

o',  s' 

A  ^ 

...  ^  ° 

0  Q 

□  ( 

;  Cl  = 

8.73 

DATA:  REF 

10 

EXPERIMENTAL  DATA:  REF  10 

0° 

12® 

©0=0° 

24<> 

9 

O  •  12° 

0.2- 

0  0-24° 

0=0° 

S/HABP  „  . 

o  =  12° 

'  12,3 

a  »  240. 

-  0  =  12°  >  9,7  (3/3) 

o=  o°i 

13  7 

O.l' 

—  —  a  s  24®  J 

13,7 

K 

0.2  0.4  0.6  0.8  y.O 

^  a  A  -  .  .  .  \  >'^'=1 


o''g 


(1)  IL  =  0.29:  c,  =  0.73 
b 


O.:^  0.6  O.S^^l.O 

°  0  n  ^  ^  A  \ 

(il)  ?■  =  0.73:  c,  =  6.95 

D 


j\  0.4^  0.6  0. 8^1.0 


'  \  0  O 
-0.1  •  \ 

V 


(ii)  ^  =  0.73:  Cj  =  6.95 


Figure  9  :  C  VERSOS  x/c;  y/b  =  CONST.  M  =  2.8  -  FOR  CROPPED 
P 

DELTA  WING  ALONE 


Figure  12  AERODYNAMIC  COEFFICIENT 
NEWTONIAN  PREDICTIONS 


Figure  14  ;  VERSUS  a  FOR  SQUARE  CROSS-SECTION  BODY  WITH 

CRUCIFCmM  wmGS.  X  =  0,0,  M  *  2.0,  MRP  *  9.0<J  AFT 
NOSE 


O  EXPERIMENTAL  DATA:  REP  17 
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Figure  20  :  COMPRISON  OF  S/HABP  TURBULEJiT  BOUNDARY  LAYE»  RESULTS 

WITH  EXPERIMENTAL  DATA  a  *  0*  0*,M  »  4.95,  0.5 


(  O  EXPERIMENTAL  DATA:  REF  19 


S/HABP,  MARK  III  SKIN  FRICTION  METHOD. 
^St  ’  (TURBULENT)  Ng^»  0.6282Cj 
-  0  (LAMINAR) 

^  _ _ / 


NOTE:  THE  MARX  III  SKIN  FRICTION  METHOD  PROVIDES 
LAMINAR  AND  TURBUI^NT  CF  VALUES  AT  EACH  X  STATIW. 
IN  THIS  FIGURE  THE  MOST  APPROPRIATE  VALUE  IS  USED. 
(EXPERIMENTAL  ERROR  ALSO  INDICATED) 


Figure  21  :  COMPARISON  OF  EXPERIMOn’AL  AND  PREDICTED 
STATION  NUMBER  AROUND  BLUNT  -  NOSE  CONE 
M  *  2.5,  o  =  0®  (EXPERIMENTAL  ERROR  ALSO  INDICATED) 
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THE  RAE  EXPERIMENTAL  DATA-BASE  FOR  MISSILES  AT  HIGH  MACH  NUMBER 
AND  ITS  USE  IN  ASSESSING  CPD  METHODS 

by 
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L.C.  Ward 

Procurement  Executive, 

Ministry  of  Defence 
Royal  Aircraft  Establishment 
A  e  rody naml ca  Depa  rtme  nt 
BEDFORD  MKlll  6AE 

England 


SUMMARY 


Wind-tunnel  tests  are  being  performed  in  order  to  measure  overall  and  panel  forces 
and  moments  on  cruciform  body-control  and  body-wing  missile  configurations  at  M  “  2.5, 

3.5  and  4.5.  When  completed,  the  test  results  will  provide  a  wide-ranging  data-base 
suitable  for  Inclusion  into  aeml-emplrlcal  prediction  methods.  Additionally  it  can  be 
used  to  help  validate  and  assess  the  computational  fluid  dynamic  (CFD)  methods  that  are 
available. 

This  Paper  gives  a  detailed  description  of  all  the  models  and  the  wind-tunnel  test 
conditions,  and  selected  results  are  presented.  Comparisons  are  shown  between  the  exper¬ 
imental  data  and  results  from  a  space-marching  Euler  code.  An  outline  is  given  of  the 
extension  of  these  comparisons  to  surface  pressures. 


LIST  OP  SYMBOLS 


Cn  overall  normal  force  coefficient;  pitches,  but  does  not  roll  with  the  model 

Cnp  panel  normal  force  coefficient;  sometimes  suffixed  to  denote  a  particular  wing,  fin, 
or  control  panel;  pitches  and  rolls  with  both  panel,  and  body,  pitch  and  poll  angles 

D  maximum  body  diameter  (93«98  mm) 

L  overall  body  length 

M  freestream  Mach  number 

P  surface  static  pressure 

P^  freestream  static  pressure 

X  axial  location  relative  to  body  nose  (in  calibres  positive  upstream) 

Xcp  overall  longitudinal  centre  of  pressure  location  relative  to  body  nose  (in  calibres) 
t  rudder  angle 

n  elevator  angle  JCC^-C^) 

X  body  roll  angle;  positive  clockwise  viewed  from  rear 

5  panel  deflection  angle  relative  to  body  axis;  positive  clockwise  viewed  outwards 
from  body 

0  body  angle  of  attack  to  freestream 

^  angular  position  on  body  surface  relative  to  windward  generator 
Suffixes 


1 

2 

3 

4 


starboard  panel) 
bottom  panel  ) 
port  panel  ) 
top  panel  ) 


control  or  wing 
panel  at  zero 
roll  when  viewed 
from  the  rear 


1  INTRODUCTION 

A  need  exists  for  methods  that  can  be  used  to  predict  the  aerodynamic  behaviour  of 
missiles  at  high  supersonic  speeds.  For  the  present  and  for  many  years  to  come,  the  major 
source  of  predictions  will  be  the  seml-empirical,  or  engineering,  type  methods.  These 
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methods  depend  upon  experimental  data  as  a  basic  Input  to  a  simple  theoretical  framework. 
The  more  comprehensive  the  experimental  data,  the  wider  the  ranges  of  missile  configure 
ations  and  flight  envelopes  that  can  be  predicted  with  confidence. 

The  purely  theoretical  computational  fluid  dynamic  (CPD)  methods  that  are  now  being 
developed  and  used  are  not  limited  by  sets  of  experimental  data.  With  new  generations  of 
faster,  more  powerful  computers  being  Introduced,  CFD  methods  (even  with  longer  computing 
times  than  seml-emplrlcal  methods)  are  becoming  more  attractive.  In  order  to  validate  and 
assess  these  methods,  much  work  is  required  in  comparing  these  predictions  with  experimen¬ 
tal  data. 

Therefore,  for  both  the  semi-empirical  and  CPD  methods,  experimental  data  that 
cover  wide  ranges  of  flow  conditions  and  design  configurations  are  required.  The  RAE  has 
recently  embarked  on  a  series  of  wind-tunnel  tests  to  provide  a  high  Mach  number  data-base 
of  forces  and  moments  on  body,  body-wing,  and  body-control  missile  configurations. 
Additional  tests  to  measure  the  surface  pressures  on  selected  configurations  are  being 
planned . 

Limitations  of  computing  resources,  uncertainties  concerning  turbulence  modelling, 
and  difficulties  of  use,  have,  for  most  computational  aerodynamiclsts,  delayed  the  routine 
application  of  codes  which  solve  the  Navier-Stokes  equations.  Codes  solving  the  Euler 
equations  are,  however,  being  applied  more  extensively.  These  methods  do  not  model  vis¬ 
cosity,  but  one  of  its  major  effects,  flow  separation  and  the  resultant  vorticlty,  can  be 
modelled  If  some  assumptions  regarding  separation  are  employed.  This  Paper  attempts  to 
show,  with  comparisons  between  experimental  data  and  results  from  the  space-marching  code 
SWINT  ,  that,  if  used  with  care,  flow  separation  models  can  significantly  improve 
predictions . 

2  MODELS 

2 .1  Body  plus  control  configurations 

The  basic  body  for  use  with  all  the  control  configurations  consists  of  a  sharp  axl- 
symmetric  3  calibre  long  nose  having  a  cubic  profile,  and  a  10  calibre  long  cylindrical 
afterbody  (see  Pig  1). 

Three  cruciform  control  seta  are  available,  the  planforms  consisting  of  a  small 
delta,  a  large  delta,  and  a  square  (see  Pig  1).  The  small  and  large  deltas  have  ^5* 
leading  edge  sweep  angles,  and  nominal  root-chord  and  semi-span  lengths  of  1  and 
calibres.  The  square  planforra  has  nominal  root-chord  and  semi-span  lengths  of 
1  calibre.  A  small  amount  of  blunting  is  applied  to  both  leading  and  trailing  edges,  so 
that  the  actual  sizes  of  all  the  controls  are  slightly  less  than  the  nominal  dimensions. 

The  control  sets  are  fitted  to  the  body  with  their  rotational  axes  either  3.5  or 
11.5  calibres  downstream  from  the  body  nose  (see  Pig  2).  Each  individual  control  panel 
can  be  deflected  in  steps  of  5*  from  -25*  to  +25*  (relative  to  the  body  axis). 

The  configuration  nomenclature  Is  built  up  from  the  body  (BIA);  the  control  shape 
(Cl,  C2  or  C3);  and  whether  the  control  set  is  mounted  at  the  forward  or  rearward  (P  or  R) 
end  of  the  body.  Por  example,  controls  C2  mounted  at  the  front  end  gives  B1AC2F,  and  at 
the  rear  end  B1AC2R. 

2.2  Body  plus  wing  configurations 

The  bodies  consist  of  axlsyrametrlc  noses  having  cubic  profiles,  followed  by 
cylindrical  afterbodies.  The  three  nose  shapes  are  shown  in  Pig  3,  nose  "A"  being  the 
same  as  used  for  the  body-control  tests.  The  equation  given  for  nose  "C"  is  for  a  sharp 
nose  of  fineness  ratio  1.5;  this  shape  has  then  been  spherically  blunted  as  shown,  giving 
a  final  fineness  ratio  of  1.U65.  Overall  body  lengths  range  from  8  to  19  calibres. 

Table  1  shows  the  nomenclature  used  for  describing  the  overall  body  lengths  and  nose 
profiles . 

The  cruciform  wing  sets  have  nominal  root-chord  lengths  of  9.682,  5.809  and 
3.631  calibres  as  shown  in  Pigs  to  6.  With  the  exception  of  wings  WIO  and  Wll,  all  wing 
leading,  trailing  and  strearawlse  edges  are  slightly  blunted  as  shown  in  Pig  4.  The  wing 
sets  can  be  fixed  to  the  bodies  with  their  trailing  edges  either  in-line  with,  or 

3  calibres  forward  of  the  body  base. 

The  configuration  nomenclature  is  built  up  from  3  components.  Firstly  the  body- 
nose  combination  (eg  B5A);  secondly  the  wing  shape  (eg  W14);  and  thirdly  the  length.  In 
calibres,  of  the  afterbody  (if  present).  Hence  wing  W14  mounted  on  body-nose  B5A  with  the 
wing  trailing  edge  at  the  body  base  Is  designated  B5AW14,  but  if  the  wing  is  moved  forward 
3  calibres  the  designation  changes  to  B5AM14A3. 

3  WIND-TUNNEL,  TEST  EQUIPMENT  AND  PROQRAMMES 

All  the  tests  are  being  made  at  RAE  Bedford  in  the  recently  recommissioned  3ft  *  4ft 
(0.91m  X  1.22ra)  continuously-running  wind-tunnel  which  has  a  Mach  number  range  of  2.5  to  5. 
To  avoid  condensation  shocks  at  N  *  5,  the  stagnation  temperature  needs  to  be  raised  to 
around  140*C.  Neither  the  control  nor  wing  panel  balances  would  accept  this  high  tempera¬ 
ture.  Test  Mach  numbers  of  2.5>  3-5  and  4.5  have  therefore  been  chosen.  Most  of  the 
tests  are  being  performed  at  a  freestream  Reynolds  number  of  13.1  x  10®  per  metre,  with 
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some  data  at  Reynolds  numbers  of  6.6  x  10^  and  19>7  x  10^  per  metre.  Boundary-layer 
transition  trips  are  applied  to  the  body  nose  and  the  wing  and  control  leading  edges. 
Analysis  of  the  axial  force  results  is  consistent  with  the  assumption  of  a  turbulent 
boundary  layer  existing  over  most  of  the  model  at  all  test  Mach  and  Reynolds  numbers. 

Overall  loads  on  the  complete  body-wing  and  body-control  configurations  are 
measured  using  a  6-component  strain-gauge  balance  mounted  within  the  model.  An  absolute 
pressure  transducer  measures  the  model  cavity  pressure,  this  being  assumed  to  act  over  the 
whole  model  base  for  calculation  of  the  base  pressure  coefficient.  To  measure  the 
individual  wing  loads,  two  opposing  wing  planforms  are  attached  to  3-component  strain- 
gauge  balances  (measuring  wing  normal  force,  pitching  moment,  and  rolling  moment).  All 
wing  planforms  stay  undeflected  relative  to  the  body  axis.  To  measure  the  Individual 
control  loads,  two  opposing  panels  are  attached  to  5-component  strain-gauge  balances 
(axial  force  missing).  These  balances  rotate  with  the  controls,  so  panel  normal  force  is 
always  normal  to  the  control  root-chord. 

Data  is  recorded  every  7.5*  whilst  the  model  Is  being  continuously  rolled  from 
0*  to  360*,  a  complete  roll  sweep  taking  less  than  2.5  min.  Nominal  model  Incidence 
angles  are  -2*  to  26*,  In  steps  of  2*. 

The  body-control  test  programme  is  about  70%  complete.  The  body-wing  test  pro¬ 
gramme  (Pig  7)  la  about  30*  complete, 

k  PRESENTATION  OP  SELECTED  RESULTS  AT  MACH  4.5 

4.1  Body  plus  control  configurations 

Results  presented  In  this  section  for  the  body-control  configurations  are  limited 
to  zero  roll  angle,  le  when  the  pair  of  deflected  controls  are  normal  to  the  pitch  plane. 
The  variation  of  the  overall  normal  force  coefficient  (Cn)  with  body  angle  of  attack  Co) 
and  control  elevator  angle  (n)  for  the  small  delta  controls  In  the  rearward  and  forward 
positions  Is  shown  In  Pigs  8  and  9  respectively.  Body  alone  results  are  also  presented  in 
each  figure.  Por  all  values  of  n,  Cn  for  the  controls  In  the  forward  position  Is  always 
slightly  higher  than  for  the  rearward  position,  the  greatest  difference  occurring  at  an 
angle  of  attack  around  18*. 

The  movement  of  the  centre  of  pressure  with  changes  in  the  angle  of  attack,  control 
position,  and  elevator  angle  is  shown  in  Pig  10.  Body  alone  results  are  also  plotted. 

Por  all  angles  of  attack,  the  greatest  centre  of  pressure  movement  occurs  with  changes  In 
elevator  angle  when  the  controls  are  mounted  in  the  rear  position. 

4.2  Body  plus  wing  configurations 

4.2.1  Effect  of  forebody  lenr.th  at  zero  roll 

The  overall  normal  force  coefficients  of  bodies  along  B5A  and  BllA,  and  with  wings 
W14  added,  are  shown  in  Pig  11,  Por  any  particular  value  of  0,  the  effect  of  Increasing 
the  forebody  length  of  B5AW14A3  by  3  calibres  to  B11AW14A3  Is  less  than  the  corresponding 
Increase  between  B5A  and  BllA  (eg  at  a  »  24*,  0.92  as  opposed  to  1.00).  However,  the 
opposite  is  true  when  wings  W13  are  added  to  bodies  B5A  and  BIA,  as  shown  In  Pig  12.  In 
this  case,  the  effect  of  Increasing  the  forebody  length  of  B1AW13  by  3  calibres  to  B5AW13 
Is  greater  than  the  corresponding  Increase  between  BIA  and  B5A  (eg  at  o  *  24*,  0.93  as 
opposed  to  0,90) . 

Analysis  of  the  wing  panel  loads  (Fig  13)  indicates  that  the  wing  loads  are  Inde¬ 
pendent  of  forebody  length  for  the  configurations  shown,  the  only  effect  of  forebody 
length  being  an  Increase  In  Cn  due  to  the  additional  body  length. 

4.1.2  Effect  of  afterbody  length  at  zero  roll 

The  variation  of  the  normal  force  coefficient  with  angle  of  attack  for  two  con¬ 
figurations  having  the  same  forebody  and  wings,  but  differing  in  the  length  of  afterbody. 

Is  shown  In  Pig  14,  along  with  the  respective  body  alone  coefficients.  The  difference  in 
Gn  between  B5AW14A3  and  B1AW14  at  any  particular  value  of  0  is  around  25*  greater  than  the 
corresponding  difference  between  B5A  and  BIA.  The  wing  loads  are  the  same  due  to  the  nose 
and  forebody  being  Identical,  hence  this  Increase  Is  due  to  the  carry-over  of  normal 
force  from  the  wing  onto  the  body  being  greater  for  the  configuration  having  the  afterbody 
present.  Typically  this  Is  between  8*  and  11*  of  the  total  Cn,  the  lower  value  being  for 
configuration  B1AW14. 

5  FUTURE  TEST  PROGRAMME 

With  the  growth  of  CPD  prediction  methods,  a  greater  need  is  developing  for  experi¬ 
mental  data  to  include  both  surface  and  flowfield  pressure  results  for  direct  comparison 
with  prediction.  Therefore,  the  future  test  programmes  for  both  the  body-control  and 
body-wing  configurations  will  not  only  continue  with  the  force  and  moment  data  gathering, 
but  will  also  Include  a  large  pressure  data-bank.  Por  the  body-control  tests,  a  rig  for 
the  3ft  X  4ft  wind-tunnel  Is  being  built  which  will  accommodate  a  row  of  yawmeters  for 
traversing  through  the  flowfield  surrounding  the  model.  Of  particular  interest  will  be 
the  development  of  the  leeslde  vortices,  and  their  Interactions  with  the  control  planforms. 
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The  measurement  of  surface  pressures  will  be  made  on  selected  body-wir ^  configur¬ 
ations  which  can  be  fitted  with  cruciform  control  surfaces  upstream  of  the  w^.igs.  Two 
proposed  configurations  are  shown  In  Pig  15*  Pressure  taps  will  be  sited  along  the  body 
surface  and  on  one  wing  surface.  /Additional  taps  may  be  added  to  the  nose,  and  to  the 
control  surfaces.  The  body  length  between  the  wings  and  the  ccntrols  will  be  variable,  as 
will  be  the  control  deflection  angles.  Thus  many  different  flowflelds  over  the  pressure 
tapped  wing  and  body  areas  can  be  easily  achieved. 

6  BRIEF  DESCRIPTION  OP  THE  SWINT  CODE 

SWINT  Is  a  space-marching  Euler  code  which  calculates  the  supersonic  flow  between  a 
mlsslle-type  configuration  and  Its  bow  shock,  given  a  starting  solution  in  a  crossflow 
plane  near  the  nose.  The  computational  grid  is  constructed  around  the  body  of  the 
configuration  and  any  controls  or  wings  are  assumed  to  be  thin  and  to  lie  close  to  radial 
grid  lines.  The  grid  density  can  be  changed  to  suit  the  calculation  progressing  in  the 
axial  direction. 

SWINT  can  be  run  in  either  of  two  modes  -  a  full  flowfleid  ^or  360*)  calculation, 
in  which  the  whole  of  the  flowfleld  between  the  configuration  and  the  bow  shock  is  com¬ 
puted,  and  a  half  flowfleld  calculation  In  which  symmetry  is  assumed.  The  h. If  flowfleld 
mode  would  be  appropriate  for  a  conventional  cruciform  missile  at  0*  or  45*  roll,  but  any 
other  roll  angle  would  require  a  full  flowfleld  calculation. 

The  missile  aerodynamlcist  is  concerned  with  mainly  two  types  of  flow  separation: 
that  from  a  wing  or  control,  and  that  from  a  body.  Por  most  missile  configurations,  wing 
and  control  edges  are  sharp,  or  can  be  regarded  as  such,  and,  in  che  case  of  a  subsonic 
leading  edge,  the  location  of  separation  is  assumed  to  be  at  the  leading  edge.  A  missile 
body  at  incidence  often  involves  flow  separation  from  a  smooth  surface,  and  the  location 
of  separation  Is  then  more  difficult  to  define.  SWINT  allows  the  user  to  model  both  these 
types  of  flow  separation,  the  location  on  axlsymmetrlc  bodies  being  determined 
empirically . 

In  the  original  version  of  SWINT,  the  option  of  modelling  flow  separation  from  the 
body  was  only  available  for  half  flowfleld  calculations.  In  order  to  stuuy  the  effect  of 
roll  angle  on  the  Interaction  between  controls  and  vortices  arising  from  body  separation, 
RAE  has  extended  the  body  separation  option  so  that  It  can  also  be  used  In  full  flowfleld 
calculations. 

7  COMPARISON  OP  SWINT  RESULTS  WITH  EXPERIM::NT 

7 . 1  Body  alone 

Calculations  were  made  for  body  BIA  at  a  Mach  number  of  3»5  using  SWINT  with  and 
without  employing  flow  separation  from  the  body.  All  the  calculations  were  In  the  half 
flowfleld  mode  and  used  a  grid  of  31  points  radially  and  19  points  circumferentially 
between  the  body  and  the  bow  shock. 

Pig  l6  shows  the  two  predicted  surface  pressure  distributions  around  the  body  at 
the  base  station,  significant  differences  between  them  being  confined  to  the  leeward  half 
of  the  body.  Experimental  pressure  measurements  are  not  available  for  comparison  and 
therefore  it  is  not  possible  at  present  to  Judge  which  curve  Is  more  realistic.  A  com¬ 
parison  between  the  integrated  pressure  distributions  and  experli.ental  values  of  normal 
force  and  centre  of  pressure  position  Is  shown  In  Pigs  17  and  18,  Reasonable  agreement  Is 
demonstrated  irrespective  of  whether  flow  separation  has  or  has  not  been  modelled. 

7.2  Body  plus  control  configuration 

7.2.1  Control  loads 


Calculations  were  made  for  configuration  BIACIR  at  Mach  3-5  using  ^>WINT,  At  12* 
angle  of  attack  and  a  range  of  roll  angles,  calculations  were  made  with  and  without 
employing  the  option  for  flow  separation  from  the  body.  All  these  calculations  were  made 
In  the  full  flowfleld  mode,  and  since  the  leading  edges  of  the  controls  were  supersonic, 
attached  flow  was  assumed  on  these  surfaces.  A  grid  of  31  points  radially  and  36  points 
circumferentially  was  used  In  the  region  of  the  controls,  and  a  coarser  grid  was  used 
upstream.  Pig  19  shows  the  predicted  and  experimental  loads  on  one  control  panel  as  the 
configuration  is  rolled  through  360*,  the  panel  being  In  the  windward  position  when  the 
configuration  is  at  zero  roll. 

The  modelling  of  separation  appears  tc  have  a  negligible  effect  on  the  control  load 
while  the  panel  Is  In  the  windward  half  of  the  flowfleld.  However,  when  the  control  Is  in 
the  leeward  half,  the  predictions  with  and  without  separation  modelling  show  ?  -jnlf leant 
differences.  The  calculations  with  the  flow  separation  Included  produce  results  which  are 
generally  in  better  agreement  with  experiment.  This  Is  probably  due  to  the  predicted 
Interaction  between  the  body  vortex  and  the  control  panels. 

The  measured  loads  on  the  same  control  panel,  but  with  a  10*  rudder  deflection 
applied,  are  shown  In  Pig  20,  together  with  the  results  of  SWINT  calculations  which 
employed  the  body  separation  option.  SWINT  models  the  flow  over  -n  undeflected  control 
panel  by  using  the  actual  surface  slopes  relative  to  the  free  stream  but  applies  them 
through  the  boundary  conditions  on  a  radial  plane  parallel  to  the  body  axis  (le  as  If  the 
control  had  xero  thickness).  Por  a  deflected  panel,  the  same  plane  is  used,  and  thus  the 
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approximation  becomes  less  realistic  as  the  deflection  angle  increases.  The  largest 
discrepancy  is  near  the  300*  position  where  the  panel  experiences  the  largest  local  angle 
of  attack.  Otherwise  the  predictions  are  in  good  agreement  with  the  experimental  data. 

7.2,2  Overall  loads 


SWINT  calculations  for  configuration  BIACIR  at  zero  roll  were  made  at  a  Mach  number 
of  3.5  and  over  an  angle  of  attack  range  up  to  24*.  The  half  flowfleld  mode  and  the 
options  for  flow  separation  from  the  body  and  attached  flow  on  the  controls  were  used  with 
a  grid  of  31  points  radially  and  19  points  circumferentially  over  the  full  length  of  the 
configuration.  Pigs  21  and  22  show  comparisons  between  prediction  and  experiment  for  the 
overall  normal  force  and  centre  of  pressure  position.  The  agreement  is  excellent,  normal 
force  being  predicted  to  within  of  the  experimental  value,  and  centre  of  pressure  to 
within  0.2  of  a  calibre  throughout  the  angle  of  attack  range. 

7 . 3  Body  plus  wing  configurations 

7.3.1  General  comments  concerning  computations 

Calculations  hive  been  made  for  two  of  the  body-wing  configurations  shown  In  Fig  7, 

namely  B5AW7A3  and  B5AW14A3.  The  Mach  number  was  3.5  and  an  angle  of  attack  range  between 

0*  and  20*  was  attempted,  for  both  the  0*  and  45*  roll  positions.  The  choice  of  th:se 

roll  angles  enabled  SWINT  to  be  run  in  the  half  flowfleld  mode.  In  all  cases  in  the 
region  of  the  wing,  calculations  were  made  on  a  grid  conslst'ng  of  31  points  In  the  radial 
direction  and  25  points  circumferentially.  Ahead  of  the  wing  a  coarser  grid  was  used. 

The  option  of  modell'.ng  flow  separation  from  the  body  was  used  throughout  the  computations 
unless  otherwise  stated.  Attention  Is  focussed  on  configuration  B5AW14A3  at  45*  roll. 
However,  it  should  be  noted  that  the  calculations  for  zero  roll,  and  for  the  other  body¬ 
wing  configuration  studied  (B5AW7A3),  support  the  conclusions  drawn  herein. 

7.3.2  Overall  loads 


Pigs  23  and  24  show  comparisons  of  overall  normal  force  and  centre  of  pressure 
position  respectively.  Since  the  wings  have  subsonic  leading  edges  at  Mach  3,5,  the 
Initial  SWINT  calculations  used  the  leading  edge  separation  option  for  the  leeslde  cf  all 
lifting  surfaces  at  any  non-zero  Incidence  (however  small)  to  the  freestream.  Thus  a  step 
discontinuity  occurs  In  the  Cn  versus  incidence  curve  at  zero  angle  of  attack.  Clearly 
the  discontinuity  is  unrealistic.  Physically  the  leading  edge  separation  will  start  at  a 
few  degrees  angle  of  attack,  the  actual  value  being  dependent  upon  the  leading  edge  blunt¬ 
ness  and  chamfer  angle. 

Calculations  were  then  made  In  which  no  special  treatment  was  applied  to  the 
leeward  sides  of  the  wings  te  attached  flow  was  assumed.  The  results  (also  shown  on 
Pigs  23  and  24)  show  a  marked  Improvement  in  the  agreement  with  experiment.  No  such  com¬ 
putations  at  angles  of  attack  above  8*  were  successful  due  to  the  prediction  of  a  negative 
pressure  rear  the  leaalng  edge  of  the  lower  wing.  This  suggested  that  the  flow  was 
attempting  to  turn  through  too  large  an  angle  and  the  attached  flow  assumption  was 
invalid.  Physically,  separation  would  almost  certainly  have  occurred  at  well  below  8* 
angle  of  attack. 

It  appears  that  when  a  leading  edge  separation  Is  being  modelled  at  low  angles  of 
attack,  SWINT  overestimates  the  effects  of  the  vortex.  There  are  several  possible  reasons 
for  this,  eg  an  Insufficiently  fine  grid,  lack  of  viscosity,  or  a  separation  model  inad¬ 
equacy.  However,  It  aopears  that  good  results  can  be  obtained  from  SwlNT  (when  calculat¬ 
ing  the  flow  past  a  wing  with  a  subsonic  leading  edge),  by  imposing  separation  from  the 
leading-edge  at  angles  of  attack  only  where  an  attached  flow  solution  is  unobtainable. 

Using  this  procedure.  Pigs  23  and  24  show  that  good  agreement  with  experiment  can 
be  obtained.  The  Cn  predictions  are  very  close  to  the  experimental  values  until  about  8*, 
above  which  the  maximum  error  Is  approximately  7X.  The  centre  of  pressure  predictions  are 
excellent,  the  trend  matching  the  experiment  throughout  the  angle  of  attack  range.  The 
error  Is  less  than  0,25  calibres  at  all  points  except  at  2*,  where  the  centre  of  pressure 
Is  the  quotient  of  two  small  quantities. 

7.3.3  Wing  loads 

The  experimental  and  predicted  normal  forces  for  a  lower  wing  panel  are  compared  in 
Pig  25.  As  for  the  overall  loads,  the  agreement  at  low  angles  of  attack  is  Improved  when 

attached  flow  Is  assumed.  However,  the  trend  at  higher  angles  of  attack,  where  wing 

leading  edge  separation  has  to  be  imposed  to  obtain  a  solution,  Is  disappointing. 

Similar  comments  apply  to  Pig  26  which  shows  the  normal  force  coefficient  for  an 
upper  wing  panel.  The  experimental  data  is  substantially  non-linear  and  this  feature  Is 
reflected  In  the  results  of  the  computations  with  the  leading  edge  separation  Imposed, 

All  the  calculations  described  so  far  employed  the  option  for  modelling  flow 
separation  from  the  body.  However,  It  is  probably  unrealistic  to  model  such  a  separation 
In  the  region  of  the  wings.  The  presence  of  the  wings  would  suppress  or  at  least  substan¬ 
tially  affect  flow  separation  from  the  body.  Additional  calculations  were  made  with  the 
body  flow  separation  option  employed  ahead  of  the  wings  but  not  In  the  region  of  the  wings 
or  the  afterbody.  Pig  26  also  shows  the  results  of  these  computations.  As  expected,  at 

low  angles  of  attack  they  merge  with  the  results  of  the  cal  >latlons  with  body  flow 
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separation  modelled  everywhere.  At  higher  angles  of  attack,  an  Increase  in  the  predicted 
wing  normal  force  Is  seen,  giving  rise  to  an  Improvement  In  the  trend  of  the  results.  The 
Improvement  In  prediction  for  this  upper  wing  panel  Is  significant.  The  results  for  the 
lower  wing  and  the  overall  forces  were  relatively  unaffected  by  these  modifications  to  the 
body  flow  separation. 

8  CONCLUSIONS 

The  present  comparisons  have  shown  that  some  useful  validation  of  a  CPD  code  can  be 
made  when  overall  and  wing  force  measurements  are  available  for  comparison.  Some  quali¬ 
tative  knowledge  of  the  aerodynamics  of  the  configuration  can  allow  various  options  In  the 
code  to  be  critically  assessed. 

The  current  work  has  led  to  the  following  conclusions  about  the  space-marching 
Euler  code,  SWINT. 

1  The  modelling  of  body  flow  separation  can  significantly  affect  the  predicted 
pressure  distribution  on  the  leeside  of  a  body.  However,  for  the  case  studied 
herein,  the  overall  normal  force  and  centre  of  pressure  predictions  showed  only 
small  changes  consequent  on  whether  flow  separation  was,  or  was  not,  modelled. 

2  Modelling  flow  separation  from  the  body  may  provide  better  predictions  of  the 
loads  on  controls  or  wings  in  the  leeward  half  of  the  flowfleld.  Purther  Improve¬ 
ments  to  these  predictions  may  be  obtained  by  modelling  flow  separation  ahead  of 
the  wings  or  controls,  but  not  in  the  region  of  the  wings  or  controls  themselves. 

3  Modelling  of  wing  leading  edge  separation  appears  to  overestimate  the  effect  of 
leading  edge  vortices  at  low  angles  of  attack.  Better  results  are  obtained  for  the 
cases  considered  here  if  attached  flow  on  the  wl.ngs  Is  assumed  until  the  angle  of 
attack  Is  too  high  to  permit  an  attached  flow  solution. 

4  Some  qualitative  knowledge  of  the  aerodynamics  of  a  missile,  together  with 
careful  use  of  the  separation  options  in  SWINT,  has  enabled  excellent  predictions 
of  loads  and  moments  to  be  made  for  the  configurations  studied  so  far. 

5  When  validating  and  assessing  CPD  codes,  measured  surface  pressures  or 
flowfleld  data  should  ideally  be  available  In  addition  to  force  and  moment  data. 
Discrepancies  between  predictions  and  experimental  results  can  then  be  pinpointed. 

Future  work  will  Include  the  following  Items. 

1  Calculations  will  be  made  for  other  configurations  In  the  experimental  data¬ 
base  In  order  to  assess  further  the  SWINT  code. 

2  The  data-base  will  be  used  for  comparison  with  calculations  made  using  other 
CPD  codes. 

3  Experimental  body  and  wing  surface  pressure  measurements  will  be  made  at  Mach 
numbers  from  2.5  to  ^.5  for  more  detailed  comparisons  with  the  results  from  CPD 
codes . 
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BODY  LENGTHS  AND  NOMENCLATURE 


Body 

B9A 

BlOA 

BllA 

BIA 

BIB 

BIC 

B5A 

B5B 

BllA 

BllB 

L/D 

8 

10 
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11 

13 

13 
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16 
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Fig  2  Typical  configurations  showing  forward 
and  rearward  control  locations 
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Fig  3  Nose  sizes  and  profile 
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Pig  11  Effect  of  forebody  length  on  overall 
normal  force;  wing 
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Fig  1*1  Effect  of  afterbody  length  on  overall 
normal  force;  wing  Wit 
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Pig  15  Two  planned  configurations  for  the 
measurement  of  surface  pressures 
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CONCEPTS  GENCRAUX  AERODYNAM1QUES-AEROTHERM1QUES  DmRMES 


PJ’erner  et  Ph.Caupeime 
Avions  Marcel  Dassault  —  Breguet  Aviation 
78.  Ouai  Carnot  —  922 1 4  Saint  Cloud 
France 


L'avion  spatial  Herm«  a  fait  I'objet,  pour  I'ann^  1987,  d*un  financement  de  i'A(?ence  Spatiale  ^uroo^nne  dans  le 
cadre  d'un  pr<^ramme  preliminaire.  Ce  programme  est  finance  maintenant  par  I'ensemble  des  etats  membres 
apres  avoir  ete  limite  a  la  France  et  a  quelques  pays  en  relation  bilaterale.  Au  cours  de  la  ohase  initiate,  des 
etudes  detail!^  de  la  forme  aerodynamique  et  des  flux  nominaux  ont  ete  poursuivies  pour  acquerir  une  premiw-e 
definition  a  etudier  experimentalement  par  les  Avions  Marcel  Dassault^nreguet  Aviation  ceux-ci  avant  ^te 
charges  de  la  responsabilite  cTHermn  en  tant  que  vehicule  volant. 

Nous  passerons  successivement  en  revue  les  concepts  ^eneraux  retenus  pour  les  etudes  du  dessin 
d'Herm«,  nous  donnerons  quelques  exemples  de  leurs  applications  et  justifierons  la  methodologie  generate  retenue 
pour  cet  ambitieux  programme  europeen. 

.  CONCEPTS  GENERAUX  DE  DESSIN 
I.l  Concepts  de  dessin  aerodyr^mique 

L'objectif  <fHermes  est  le  transport  (fhommes  en  orbite  avec  une  charge  utile  Ilmitee.  Hermes  dolt  alnsi 
€tre  satellise  grice  a  un  lanceur  commercial  Ariar^e  V  et  recuperer  hommes  et  charges  ou  permettre  des 
operations  en  orbite  en  conr>exion  vers  le  module  de  station  orbitale  Colombus. 

Ariane  V  impose  a  I'avion  spatial  une  taille  relativement  beaucoup  plus  faible  que  !*Orbiter  mats  avec 
<fcs  performatKes  demand^s  superhoras  : 

-  utiliser  des  pistes  europ^nnes  pour  le  retour  d’orbite,  c'est-a-dire  des  pistes  usuelles  avec  un  deport 
lateral  permettant  de  rattraper  un  d^alage  d’orbite, 

>  avoir  un  equipage  a  deux,  ce  qui  induit  une  taille  relative  de  fuselage  beaucouo  plus  grande  que 
I'Orbiter, 

-  avoir  des  frais  de  remise  en  etat  limites. 

Pour  s'adapter  a  ces  exigences,  I’etude  a  montre  que  le  dessin  aerodynamique  ^tait  bien  plus  critioue 
que  sur  I'Orbiter  et  que  des  progr«  sur  ia  realisation  de  la  protection  thermique  etaient  ^alement  n^essaires  par 
suite  des  accroissements  de  flux  lies  a  la  diminution  des  dimensions. 

On  voit  sur  la  figure  I  que  les  tallies  compares  des  fuselages  qui  creent  la  destabilisation  en 
longitudinal  et  lateral  sont  relativement  40  %  plus  grandes. 


W£umvs  PC  nrscvw 
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L'utUisation  de  pistes  plus  courantes  conduit  a  viser  I'emploi  de  charj^es  alaires  r^uites  oerrnettant, 
pour  une  incidence  donn^  a  I*impact»  une  reduction  de  20  kts  a  I'approche.  Pour  realiser  ce  gain  en  SCz,  sachant 
que  I'on  ne  pwt  guwe  esperer  augmenter  notablement  I'envergure  relative,  il  a  sembl^  n^essaire  de  centrer  au 
mieux  I'avion  a  I’impact,  ce  qui  permet  de  limiter  la  diminution  de  la  charge  alaire  a  environ  20  %.  Pour  reduire  la 
on  utilise  completement  le  concept  CAG  sur  les  3  axes  afin  de  minimiser  les  surfaces  stabilisatrices 
necessaires.  Ceci  a  conduit  a  I'implantation  de  derives  d’extremite  de  voilure  induisant  des  efforts  et  moments 
bien  situes  par  rapport  au  centre  de  gravite  et  permettant  de  passer  en  gouvernes  aerodynamiques  sur  les  3  axes 
d^  que  la  densite  est  suffisante  et  ainsi  de  minimiser  la  masse.  Enftn  le  contrOle  de  la  vitesse  sur  trajectoire  en 
finale  s'effectue  p^  variation  de  tratn^,  ce  qui  est  possible  par  une  configuration  en  crocodile  des  gouvernes, 
figure  2.  Ainsi  les  differentes  fonctions  presentes  sur  un  demonstrateur  militaire  Rafale  sont  presentes  avec 
cependant  une  complexite  reduite  par  I'absetyre  de  modes  superieurs  comme  I'antirafale. 


Les  principaux  choix  aerodynamiques  sont  bien  clairement  lies  a  I’objectif  d'un  pilotage  sain  durant 
toute  la  reentree  et  I'approche  et  I'atterrissage,  demandant  dans  toutes  ces  phases  de  vol  des  efficarites 
suffisantes  sur  tous  les  axes  et  des  courbes  aerodynamiques  raisonnablement  lineaires.  Ceci  conduit  a  retenir  des 
fishes  de  bord  d'attaque  assez  elevees  et  des  cambrures  de  voilure  suffisantes  pour  oermettre  une  bonne  marge 
de  linearite  de  fonctionnement  en  incidence  et  derapage. 

1.2  -  Obiectifs  de  dessin  aerothermique 

La  diminution  de  taille  par  rapport  a  I'Orbiter  induit  des  oroblemes  de  olus  grande  difficulte  lies  h 
^augmentation  correlative  des  flux  :  les  materiaux  de  I'Orbiter  sont  deja  assez  proches  de  leurs  limites  sans  les 
marges  importantes  qu'il  semble  necessaire  <fadmettre  dans  le  cas  cTempIoi  regulier  de  I'avion  spatial,  ^insi  la 
marge  d'altitude  entre  la  trajectoire  au  plafond  de  rentr^  et  la  trajectoire  a  echauffement  critique  sur  le  nez  ou 
les  points  les  plus  chauds  est  fortement  reduite  voire  inexistante  si  Ton  ne  decroit  pas  la  charge  alaire  fcette 
decroissance  est  done  doublement  necessaire  car  compatible  avec  les  objectifs  basse  vitesse).  Enfin,  Duisque  I’on 
n'admet  pas  de  surchauffes  locales*  on  en  deduit  que  I’on  doit  evlter  les  dessins  presentant  des  risques  de  tclles 
surchauffes  locales.  A  ce  point  de  vvie,  les  stabilisateurs  en  extremite  d'aile  sont  cventuellement  cause  de 
surchauffe  si  leur  rayon  ^  bord  efattaque  et  leur  dessin  lui-mfme  n'est  pas  tres  progressif.  rve  plus,  II  semhie 
evidemment  necessaire  d'eviter  les  surchauffes  dues  aux  crolsements  de  chocs  en  evitant  des  formes  en  plan  a 
cassure  de  bord  d'attaque  comme  I'Orbiter,  Les  formes  retenues  pour  Hermes  mettent  toutes  les  formes 
aerodynamiques  dans  I'enveloppe  des  chocs  attaches  a  I’intrados,  de  mftme  que  les  problemes  de  protection  des 
transparents  conduisent  a  garder  une  marge  suffisante  du  nez  par  emplol  d’un  fuselage  avant  assez  developpe  et 
protegeant  les  transparents  de  cabirte.  Enfin  I’echauffement  des  surfaces  mobiles  etant  limite  grSce  au 
rerayonnement  des  parois,  nous  avons  retenu  la  configuration  en  crocodile  ouverte  pour  le  vo!  hvpersonique  de 
fa^ion  a  permettre  ces  reradiations,  tout  en  mettant  un  accent  particulier  sur  revaluation  des  echauffements  de 
gouverne  ;  e'est  une  des  limites  majeures  de  leur  efficacite  a  cause  des  limitations  de  braquages  maximaux  qu'ils 
supposent.  On  donne  sur  la  planche  3  ci^dessous  un  r^ltat  typique  de  calcul  au  cours  d'une  reentree  sur  laquelle 
on  remarque  bien  les  zones  critiques  de  nez  et  gcHwerne  ainsi  que  de  bord  d’attaque. 
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1.3  -  A  partir  de  ces  elements  de  calculs  puis  <fessais,  il  cst  possible  <fevaluer  differentes  formules  et  de  les 
comparer  afin  de  selectionner  au  mieux  leurs  caracterlstiques.  On  volt  sur  la  pianche  4  ci-dessous  qu’un  grand 
nombre  de  configurations  ont  ete  calculus  et  un  certain  nombre  envoy^s  en  soufflerie  pour  s'assurer  que  le 
dessin  general  etait  raisonnablement  proche  <fun  dessin  presentant  une  sensibilite  point  trop  ex^lger^  aux 
variations  de  formes  ou  de  dimensions,  variations  qui  seront  probables  au  cours  de  la  finalisation  du  projet. 


En  particulier,  on  verifie  constamment  que  les  marges  d*^hauffement  max.  restent  realistes  pour  les 
materiaux  disponibles. 


figii 


La  prise  en  compte  recente  de  critcres  de  securite  renforces  a  la  suite  de  I'accldent  de  I'Orhiter  conduit 
^alement  a  revoir  le  dessin  avec  des  masses  a  vide  augment's  et  rend  particulierement  critiques  les  pertes  de 
masse  qui  seraient  creees  par  des  formes  exterieures  inad^uates  a  mftme  volume  interne. 


2.  EXEMPLES  DE  PRISE  EN  COMPTE  D*OBJECT!FS 
2.1  -  Equilibre  longitudinal  aerodynamique 

On  salt  que  les  marges  prises  sur  I’Orbiter  pour  couvrir  des  erreurs  sur  !'<»valuation  des  braouages  de 
gouverne  necessaires  etaient  particulierement  faibles  et  ont  pose  quelques  problemes  de  validation  des 
performances  nominales  : 


MACH  NUMBS 


9 
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L’etude  detaillM  par  le  calcul  et  sur  recoupement  en  essais  de  soufflerie  a  Heja  montr^  que  Hes  calculs 
simplifin  ne  sauraient  suffire  a  devaluation  des  efficacitM  de  gouverne  et  des  moments  destabilisateurs  du 
vehicule.  11  a  ete  propose  au  CNES  de  catculer  avec  les  meilleurs  outils  disponibles  (calculs  F.uleT^  les  diff^rents 
dessins  d'HermM  malgre  {'augmentation  du  coOt  en  calcu!  correspondant.  On  voit  sur  la  figure  7  ci-dessous  que 
I'^art  le  plus  critique  des  braquages  se  fait  entre  M  s  1,5  et  M  =  !0  ou  plus  et  que  oet  ^art  est  sensible  a  !a 
methode  de  calcul  :  a  priori  les  methodes  les  plus  simples  sont  exclues  de  la  panoplie  de  calcul  necessaire. 

On  peut  voir  sur  cette  m^me  planche  que  m^me  la  cwrection  aux  modeles  linearises  supersoniques  ne 
permet  pas  d*envisager  de  calculs  rapides  ;  {'analyse  des  r«ultats  montre  qui*  ceux-ci  sont  dus  a  la  forme  tres 
arrondie  et  aux  grandes  incidences  caract^istiques  des  traiectoires  d'Hermes. 


On  voit  sur  la  planche  8  relative  a  un  calcul  d'AOTV  qui  exagere  I’effet  de  gaz  reel  aue  I’aPDroximation 
du  local  peut  conduire  a  des  ecarts  tres  importants  des  caracteristiques  en  moment,  4rarts  qu'il  imnorte 
prevoir  sur  les  formes  complexes  d'Hermes. 

Cependant  I'experlence  de  I'Orbiter  (fig.  ci-dessus'  montre  des  erreurs  maximales  a  fort  '^aeh,  snit 
par  effet  de  dissociation,  soit  par  effet  de  gaz  rarefies  et  Ton  ne  peut  pas  actuellement  le  verifier  par  le  calcul 
car  les  codes  de  calcul  n'ont  pas  la  precision  rcquise  excepte  pour  des  dessins  tres  simoles  cotnme  l'40Tv  pour 
lesquels  on  a  pu  faire  des  comparaisons  assez  praises. 
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2.2  -  Un  exemple  en  aerothermique 


De  la  mime  fa^on,  il  importe  <foptimiser  par  le  caicul  les  echauffements  des  differentes  oarties  en 
essayant  de  regler  les  courbures  locales  du  nez,  des  bords  d'attaque,  etc...  de  fagon  a  minimiser  les  surchauffes  et 
I'emploi  de  matertau  carbone  a  haute  temperature.  Uais  par  ailleurs,  11  Importe  de  ne  pas  oubiier  que  I'on  dolt 
couvrir,  comme  sur  un  avion,  la  combinaison  de  parametres  la  plus  desastreuse  en  prenant  en  compte  les 
variations  de  l*atmosphere  mais  aussi  et  surtout  les  variations  de  sensibilite  k  la  transition  et  les  effets  de 
catalycite. 


On  donne  ci-dessou$  les  cas  determinant-enveloppe  qui  ont  ete  determines  de  cette  facon.  On  oo'irra 
remarquer  que,  '>ar  rapport  au  cas  presente  pi.  3,  il  y  a  des  contraintes  beaucoup  plus  elevi^s  (pi.  9). 


L'element  principal  dans  ce  cas  est  la  variation  de  la  position  de  la  transition  en  presence  de  I’effet  des 
rainures  entre  paves. 

On  peut  voir  sur  la  planche  10  que  I'on  pcut  esperer,  quoique  sur  des  cas  pratiques  assez  restreints,  une 
determination  assez  precise  de  la  transition  en  hypcrsonique.  Mats  11  reste  des  problemes  de  surchauffe  locale  que 
I'on  ne  sait  probablement  pas  atteindre  dans  la  simulation  experimentale  et  qui  mduisent  une  itrande  imprecision 
sur  les  flux  r^is. 


figd2 


Thermocolor  -  Caicul . 


METHODOLOGIE  GENERALE 


On  a  vu  qu'il  y  avait  des  ris<|iie«  imjxjrtants  d'ignorance  de  problemes  maJ  connus  au  cours  He 
{'estimation  des  efforts  et  flux  dans  un  projet  aussi  complexe  que  I'Herm^.  Co  non  contrdle  des  aleas  est 
principalement  technique  voire  scientifique  par  suite  de  la  tr^  grande  difficulte  des  oroblemes  ooses. 

Par  cons^uent,  il  a  ete  mis  en  place  un  support  de  recherche  couvrant  environ  50  axes  de  recherche 
dont  la  moitie  en  analyse  numerique  et  I'autre  en  mecanjque  des  fluides.  C'est  cTailleurs  celle-ci  gui  cst  la  plus 
critique  par  suite  de  I'absence  d'^uipes  qualifiees  suffisantes  et  de  moyens  experimentaux,  specialement  de 
mesure,  adequats.  Le  support  de  recherche  est  done  essentiel  et  <era  assez  exhaustif  grSce  aux  rneilleurs 
sp^ialistes  europeens. 


METH000LQ6Y  OF  DEVELOPMENT  HERMES-^MAIA 


FigJ3 


Pour  valider  mieux  ces  resu!tats  complets,  il  est  propose  d’emplover  un  Hemonstrateur  lance  egalement 
par  Ariane  et  qui  permettrait  de  faire  avancer  la  technique  en  validant  assez  t6t  et  les  calculs  et  les  experiences 
transposes  par  le  calcul.  La  commission  de  TESA  chargee  tfe  'aluer  la  methodologie  avec  Hemonstrateur  a 
egalement  recommande  que  les  premiers  lancements  solent  faits  avec  des  Hermes  inhabites. 

La  methodologie  generale  couvre  done  trols  efforts  paralleles,  I'un  relatif  a  la  recherche  He  base  He 
comprehension  et  verification  de  la  modelisation  des  phenomenes  de  base,  le  second  relatif  aux  essais  et  calculs 
des  formes  industrielles,  le  troisieme  a  la  verification  globale  en  vol  qui  s'appuiera  sur  I'experience  de  I'Orbiter 
puis  sur  des  experiences  curopeennes. 

Ainsi  I'amelioration  de  la  technologie  europeenne  en  hypersonique  fera  d'Hermes  un  Hemonstrateur 
technologiquc  et  une  etape  essentielle  vers  les  lanceurs  futurs  completement  recuperables  qui  donnent  des  moyens 
economiques  a  I'homme  pour  travailler  dans  I'Espace. 
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HYPBRSOMIC  ABRODYMAMICS  -  APPLICATIOMS  FOR  HOTOL 


by 

Mrs.  Alison  J.  NaJce 
HOTOL  Study  Teaa 
British  Aerospace  PLC 
Military  Aircraft  Division 
Harton  Aerodrome 
Preston  PR4  lAX 
United  KingdM 


Sutary 

HOTOL  has  emerged  from  studies  between  BAe  and  Rolls-Royce  as  a  totally  reusable 
airframe  with  a  hybrid  air-breathing  propulsion  system.  It  is  aimed  at  placing 
payloads  into  low  earth  orbit  for  20%  of  the  cost  of  the  U.S.  Space  Shuttle. 

As  part  of  the  current  Proof-of-Concept  Study  an  assessment  is  being  made  of  the 
aerodynamic  characteristics  of  the  vehicle  including  those  in  the  hypersonic  regime. 
This  assessment  will  also  identify  areas  of  high  risk  and  where  current  methods 
are  deficient. 

This  report  details  some  of  the  results  obtained,  the  areas  so  far  identified 
as  requiring  further  work  and  proposes  a  five  year  programme  to  investigate  these 
areas . 


Introduction 


BAe  have  identified  the  need  for  a  new  launch  vehicle  to  supplement  and  eventually 
supersede  existing  launch  vehicles  by  the  end  of  this  century.  Forecasts  of  the 
potential  market  show  that  the  currently  available  launch  capacity  will  be  exceeded 
by  then. 

Studies  of  the  economics  of  existing  satellite  launch  and  recovery  systems  show 
that  the  high  costs  are  largely  attributable  to  throw  away  components ,  such  as 
external  tanks,  retrieval  and  refurbishment  of  solid  rocket  boosters  and  the  largo 
number  of  support  staff  required  for  vertical  take-off  operations. 

HOTOL,  Figure  1,  has  emerged  from  studies  between  BAe  and  Rolls-Royce  as  a  totally 
reusable  airframe  with  a  hybrid  air-breathing  propulsion  system,  with  horizontal 
take-off  and  landing  to  simplify  turn-around  oprations.  It  is  aimed  at  placing 
payloads  into  lov/  earth  orbit  for  20%  of  the  cost  of  Shuttle. 

A  Proof-of-Concept  Study,  lasting  two  years,  was  begun  in  Autumn  1985  with  BAe 
Military  Aircraft  Division,  Warton  as  lead  Division.  The  objectives  of  the  study 
are  j  - 


to  demonstrate  that  there  are  no  insuperable  problems  to  the  development 
of  the  engine. 

to  show  that  the  vehicle  can  be  engineered  at  a  reasonable  cost. 

to  identify  areas  of  high  risk  and  to  propose  programmes  to  investigate 
these  areas. 

-  to  detail  test  and  support  facilities  to  fulfil  these  programmes  and 

-  to  identify  what  the  cost  will  be. 

The  HOTOL  aerodynamic  design  is  driven  by  a  trade-off  between  the  best  aerodynamic 
performance  and  minimum  structural  weight.  The  hypersonic  region  is  perhaps  the 
most  challenging  aspect  of  the  aerodynamic  design,  especially  for  re-entry  into 
the  atmosphere  which  is  a  critical  phase  of  reusable  spacecraft  operations. 

Re-entry 

Re-entry  into  the  atmosphere  is  initiated  by  a  deorbit  manoeuvre.  Firstly  the 
reaction  control  thrusters  are  used  to  turn  the  HOTOL  tail  first.  Then  the  orbital 
manoeuvring  engines  are  used  to  slow  the  vehicle  down.  The  thrusters  are  used 
to  turn  the  vehicle  round  again  and  to  set  up  the  correct  attitude  for  re-entry. 

Because  of  HCrOL's  low  planforro  loading,  deceleration  can  begin  at  high  altitude 
to  minimise  peak  velocity  and  minimise  aerodynamic  heating.  Figure  2  shows  a 
comparison  between  the  HOTOL  and  Shuttle  re-entry  trajectories.  You  will  notice 
that  HOTOL  is  intended  to  travel  more  slowly  than  Shuttle  at  altitudes  between 
60  and  80  km  where  maximum  heating  rates  are  expected. 
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To  maintain  minimum  velocity  HOTOL  must  have  adequate  lift  which  means  it  must 
be  possible  to  trim  and  control  the  vehicle  at  high  angles  of  attack.  Although 
reaction  control  thrusters  may  be  used  to  augment  control  the  additional  fuel 
required  penalises  the  payload  or  results  in  vehicle  growth. 

As  the  vehicle  enters  the  atmosphere  the  high  incidence  gives  a  large  force  normal 
to  the  trajectory.  If  this  force  is  allowed  to  act  entirely  in  the  orbit  plane 
it  will  cause  the  vehicle  to  skip  out  of  the  atmosphere.  Therefore  the  in-plane 
component  of  lift  must  be  controlled  by  rolling  the  vehicle  out  of  the  trajectory 
plane.  The  out-of-plane  component  can  be  used  to  realign  the  landing  track  by 
maintaining  the  roll  angle  or  to  extend  the  down-range  capability  by  periodically 
reversing  the  roll  angle. 

Once  peak  heating  has  been  passed  the  vehicle  is  slowly  pitched  down  to  maximum 
L/D  to  maximise  cross  -  or  down  -  range  performance. 

In  optimising  the  trajectory,  to  give  maximum  range  performance  within  structure 
and  internal  temperature  constraints,  it  is  necessary  to  resolve  the  "infernal 
triangle" . 

The  "Infernal  Triangle" 

This  is  the  close  interaction  of  trim/control,  cross-range  and  heating  rate,  see 
Figure  3.  The  required  incidence  must  be  able  to  be  trimmed  with  an  adequate 
control  margin.  Viscous  and  real  gas  effects  must  be  taken  into  account  when 
determining  if  trim  is  possible.  A  high  incidence  gives  a  lower  speed  which  reduces 
the  kinetic  heating  rate,  6*  However,  a  lower  incidence,  giving  a  high  lift  to 
drag  ratio,  is  required  to  maximise  cross-range  performance.  A  low  lift  to  drag 
ratio  shortens  the  duration  of  the  re-entry  and  hence  the  heat  soak  being  the 
integral  of  heating  rate  and  total  exposure  time. 

Accurate  knowledge  of  heating  and  heating  rates  is  essential  in  deciding  what 
materials  are  used  to  build  the  structure  and  what  insulation  is  required.  Because 
of  uncertainties  in  this  knowledge  tolerances  must  be  applied  to  control  and  heating 
estimates  requiring  additional  control  power  and  insulation  with  consequent  mass 
penalties.  Let  us  consider  each  of  these  three  aspects  in  turn;- 


(ii)  cross-range 
(lii)  heating 


(i)  Trim 


Good  correlation  of  Newtonian  predictions  with  wind  tunnel  and  flight  measurements 
have  been  seen  in  published  reports  for  overall  forces  and  moments.  However 
reference  1  indicates  that  wing  trailing  edge  flaps  can  be  more  effective 
than  Newtonian  theory  would  predict.  An  investigation  into  this  "hyper¬ 
effectiveness"  has  been  carried  out  and  is  reported  in  reference  2.  This 
proposes  that  Newtonian  theory  does  not  perform  well  in  estimating  pressures, 
for  the  concave  shape  that  occurs  when  trailing  edge  flaps  are  deflected, 
because  of  the  low  Mach  number  of  the  flow  in  the  shock-layer.  Newtonian 
theory  is  based  on  the  assumption  that  the  high  freestream  Mach  numbers 
are  also  typical  of  the  local  flow  behaviour.  Figure  4  shows  the  effect 
of  deflecting  a  trailing  edge  flap  on  a  flat  plate  at  incidence  in  a  flow 
which  is  inviscid.  Once  the  shock-layer  properties  are  known  the  control 
force  can  be  deduced  from  simple  oblique-shock  theory. 

If  the  flap  is  deflected  through  a  sufficiently  large  angle  an  attached 
oblique  shock  will  not  be  possible  and  the  effectiveness  of  the  flap  will 
be  considerably  reduced.  The  existence  of  viscous  effects  introduces  additional 
constraints  on  the  performance  of  the  flap.  A  sufficiently  large  increase 
in  pressure  across  the  hinge  line  will  cause  the  boundary  layer  to  separate. 

Figure  5,  taken  from  reference  3,  shows  the  shock  systems  with  the  associated 
pressure  distributions  for  laminar  and  turbulent  flow.  For  laminar  flow 
the  inviscid  and  viscous  pressure  rises  are  approximately  equal  although 
the  point  of  action  of  the  flap  force  is  further  upstream  for  the  viscous 
case. 


For  turbulent  flow  the  inviscid  pressure  rise  is  greater  than  the  viscous. 

Again  the  point  of  action  of  the  force  is  further  upstream  for  the  viscous 
case  than  the  inviscid.  The  variation  of  flap  pressure  with  control  deflection 
is  shown  in  Figure  6.  This  shows  the  compatible  inviscid  and  viscous  values 
up  to  turbulent  separation  and  the  low  level  of  the  Newtonian  estimate. 

Note  that  real  gas  effects  are  such  that  the  flap  angle  before  shock  detachment 
occurs  is  increased.  Therefore  for  this  case  it  is  pessimistic  not  to  take 
account  of  them. 
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Now  consider  the  pitching  moment  due  to  flap  deflection  shown  in  Figure  7. 

Note  that  the  inviscid  and  viscous  solutions  are  no  longer  the  same  below 
turbulent  separation;  this  is  because  of  the  differences  in  the  points  of 
action  of  the  flap  force. 

The  effect  of  incidence  on  control  power  is  illustrated  in  Figure  8.  As 
incidence  increases  turbulent  separation  occurs  at  lower  control  deflections. 

This  means  that  the  maximum  control  moment  and  consequently  the  trimmable 
c.g.  range  reduces  with  incidence.  Figure  9  shows  the  expected  trimmable 
c.g.  range  for  the  current  configuration  using  wing  and  body  flaps.  For 
the  re-entry  case  there  is  adequate  trim  for  low  incidence  where  maximum 
L/D  occurs.  However,  at  high  incidence,  required  for  the  initial  stages 
of  re-entry,  the  range  of  acceptable  c.g.  position  becomes  progressively 
smaller  so  that  45®  is  the  maximum  incidence  that  can  be  trimmed.  Although 
higher  incidence  capability  is  desirable,  the  currently  predicted  performance 
is  quite' satisfactory . 

( ii )  Cross-range 

Figure  10  shows  the  achievable  cross-range  with  a  maximum  allowable  surface 
temperature  of  1200  K.  The  variation  of  cross-range  with  L/D  -  effectively 
vehicle  shape,  and  planform  loading  -  a  measure  of  vehicle  mass  and  size, 
are  shown. 

Maximum  cross-range  is  obtained  for  a  vehicle  with  high  L/D  ratio  and  low 
planform  loading.  For  the  current  HOTOL  configuration  the  expected  cross- 
range  is  about  25®  latitude. 

If  however  the  maximum  allowable  temperature  could  be  increased  by  only 
50K  this  would  result  in  a  significant  increase  in  cross-range  capability 
as  shov/n  in  Figure  11,  about  25%  for  the  current  vehicle.  However,  this 
would  result  in  an  increase  of  insulation  mass,  to  protect  internal  structure 
and  systems,  of  30%  resulting  in  an  increase  in  GLOW  (Gross  Lift  Off  Weight)  of 
9  tonnes.  This  emphasises  that  accurate  prediction  is  essential  because  a  small 
tolerance  is  significant. 

{ iii )  Heating 

Maximum  heating  rates,  and  consequently  temperatures,  are  expected  to  occur 
at  the  stagnation  point  and  along  attachment  lines.  A  procedure  for  estimating 
this  attachment  line  heating  is  exported  in  reference  4  for  both  laminar 
and  turbulent  conditions.  It  is  concluded  that,  for  laminar  heating  rates, 
the  effects  of  real  gas  are  of  second  order  importance  -  being  always  less 
than  20%.  Therefore  reasonably  accurate  estimates  may  be  obtained  by  assuming 
that  air  is  thermally  perfect.  However,  for  turbulent  flow  real  gas  effects 
on  heating  rates  are  much  more  important.  Since  transition  to  turbulence 
occurs  at  relatively  low  altitudes,  the  assumption  of  a  thermally  perfect 
gas  may  still  be  acceptable  but  further  work  is  necessary  to  quantify  these 
effects. 

The  onset  of  transition  is  critical  as  heating  rates  in  turbulent  boundary 
layers  are  significantly  higher  than  in  laminar  flow.  At  the  start  of  re¬ 
entry,  where  Reynolds  number  is  low,  the  flow  is  laminar.  As  the  vehicle 
comes  lower  into  the  atmosphere  Reynolds  number  increases  and  transition 
to  turbulent  flow  occurs,  the  criterion  for  transition  is  based  on  an  allowable 
reference  Reynolds  number,  reference  5.  The  reference  Reynolds  number  is 
a  function  of  speed  (=  altitude  for  a  given  trajectory)  and  local  geometry 
so  transition  does  not  occur  on  all  parts  of  the  vehicle  at  the  same  point 
in  the  trajectory.  Figure  12  shows  the  variation  of  Reynolds  number  with 
altitude  for  various  X  stations  on  the  vehicle.  This  shows  that  turbulent 
flow  first  occurs  over  the  intake  at  about  70  km.  Figure  13  shows  the  expected 
equilibrium  wall  temperatures  on  the  HOTOT.  centreline  at  a  position  25  m 
aft  of  the  nose. 

Several  areas  have  been  identified  as  requiring  further  investigation ; - 

the  location  of  attachment  lines 

the  variation  of  critical  step  size  with  reference  Reynolds  number 

the  optimisation  of  the  re-entry  trajectory  to  minimise  the  critical 

heating 

the  behaviour  of  complex  flows  in  the  region  of  the  intake  (including 

shocks,  expansion  fans). 

In  addition  to  the  attachment  line  heating,  regions  of  local  superheating 
are  likely  to  occur  as  the  result  of  shock  interaction.  Shock-shock,  shock¬ 
boundary  layer,  shock-surface  and  shock-shear  layer  interactions  all  have 
an  effect.  Reference  6  shows  that  the  local  hot  spots  generated  undergo 
heating  rates  up  to  an  order  of  magnitude  higher  than  other  parts  of  the  structure. 
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see  Figure  14.  This  increase  in  heating  rate  depends  on  the  strength  of 
the  shock  and  c«m  be  alleviated  by  sweep.  The  precise  location  of  these 
local  hot  spots  is  difficult  to  determine  and  more  work,  both  experimental 
and  computational,  needs  to  be  done  before  these  effects  can  be  determined 
with  any  degree  of  confidence. 

Experience  gained  from  wind  tunnel  and  flight  tests  of  the  Shuttle  has  indicated 
that  there  is  significant  heat  transfer  taking  place  on  the  leeward  side 
of  the  vehicle  due  to  flow  reattachment.  This  also  occurs  on  the  vehicle  sides  due 
to  embedded  vortices  developing  in  unstable  boundary  layers  and  due  to  scrubbing 
by  the  vortices  generated  at  the  wing-body  junction.  Again  estimation  of 
these  effects  is  difficult  and  further  work  is  necessary. 

The  Way  Forward 

A  possible  HOTOL  development  programme  is  shown  in  Figure  15.  This  would  lead 
to  first  flight  in  1990,  development  of  the  engine  proceeding  in  parallel  with 
the  airframe  with  the  intention  to  demonstrate  the  engine  cycle  at  an  early  stage. 

In  parallel  with  both  the  initial  phases  of  the  airframe  and  the  engine  programmes 
there  is  a  proposed  Enabling  Technology  research  and  development  programme.  This 
activity  is  aimed  at  verifying  the  design  assumptions  and  minimising  the  risks 
at  entry  into  the  full  development  programme.  Proposed  activities  come  under 
the  following  major  headings: 

Materials  and  structures 
Aerodynamics  including  heating  effects 
Vehicle  systems 

Command  and  control,  including  ground  infrastructure 
Unmanned  flight 

A  significant  part  of  these  technology  programmes  would  be  relevant  to  any  European 
launch  vehicle. 

Aspects  of  hypersonic  aerodynamics  which  would  be  included  in  this  work  are  summarised 
as:- 


Accurate  estimates  of  temperature  and  heating  rates  to  minimise  insulation 
mass  and  maximise  cross-range,  including  location  of  attachment  lines  on 
windward  and  leeward  sides  of  the  vehicle  and  real  gas  effects. 

Prediction  of  the  position  and  magnitude  of  local  hot  spots  caused  by  shock 
intersections  in  order  to  provide  adequate  protection  for  the  structure. 

Prediction  of  accurate  forces  and  moments  during  re-entry  is  necessary  to 
ensure:- 

adequate  lift  during  the  early  stages  of  re-entry  to  minimise  speed 
and  hence  aerodynamic  heating 

adequate  L/D  to  meet  cross-range  requirements 

adequate  aerodynamically  trimroable  c.g.  range  due  to  the  large  fuei/weight 
penalty  for  trimming  with  reaction  control  thrusters. 

These  are  areas  which  the  UK  and  Europe  now  need  to  mobilise  their  resources, 

both  experimental  and  computational,  in  order  to  bring  the  aerospaceplane  to  reality. 
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ROUND  TABLE  DISCUSSION 

AEROTHERMODYNAMICS  OF  HYPERSONIC  LIFTING  VEHICLES 
April  9,  1937 


S.  Bogdonoff,  Princeton 
Ladles  and  Gentlemen, 

Let  me  say  first  how  pleased  1  was  to  be  asked  to  be  technical  evaluator  for  this  meeting.  Hans  Hornung 
and  Bob  Whitehead  are  two  old  friends,  and  I  dldn*t  realize  quite  when  I  said  yes  many  months  ago,  how 
enjoyable  this  was  going  to  be.  Although  I  tried  to  listen  to  every  paper  with  great  detachment,  1  am 
afraid  I  got  swept  away  every  now  and  then.  The  job  of  the  technical  evaluator  is  one  which  1  have  taken 
in  a  very  wide  view.  There  were  many  excellent  papers  presented,  and  I  will  make  no  attempt  to  talk 
specifically  about  each  paper  here.  What  1  would  like  to  do,  instead,  is  to  share  with  you  a  general 
impression  of  what  was  covered,  what  was  not  covered,  and  make  some  comments  which  1  hope  might  be  helpful 
for  some  of  you,  individually,  or  for  AGARD,  with  regard  to  the  continuation  of  efforts  like  this  in  t>'e 
future. 

The  meeting  was  entitled  "Hypersonlcs**,  but  It  really  wasn’t  in  the  full  sense.  Many  of  the  papers  were 
on  high  speed  fluid  mechanics  which,  in  many  cases,  has  some  relevance  to  Hypersonlcs. 

I  was  particularly  Interested  In  the  mix  of  people  who  were  at  this  meeting.  1  want  to  congratulate  the 
group  who  proposed  this  meeting  some  years  ago.  Although  Hans  Hornung  said  that  It  was  luck,  I  think  that 

it  was  great  foresight.  One  of  the  things  that  I  think  is  important  in  the  evaluation  of  the  meeting  Is 

the  audience.  I  categorize  the  audience  in  three  groups:  there  are  "grey  hairs  and  no  hairs"  who  worked 
in  this  field  well  over  a  decade  ago.  There  ate  a  small  group  of  people  who  connect  the  past  with  the 
present.  They  have  been  working  on  hypersonic  problems  over  many  years.  Then  there  are  many  young  people 
who  clearly  are  working  in  hypersonlcs  for  the  first  time,  who  don’t  know  about  all  the  mistakes  that  were 
made,  and  are  prepared  to  make  their  own  mistakes  all  over  again!  Part  of  the  difficulty  I  had  in 
evaluating  the  papers  individually  is  that  the  papers  were  written  for  and  presented  by  different  segments 
of  the  audience. 

One  thing  that  I  think  was  missing  was  an  overview  of  the  field,  as  an  introduction  to  bring  these  three 
groups  together  in  some  sort  of  a  framework.  As  the  meeting  went  on,  some  comments  came  up  which  did  part 
of  that  job.  An  overview  might  be  helpful  when  there  is  a  very  div  rse  audience  and  things  which  are  well 

known  to  some  of  the  people  are  totally  unknown  to  others. 

The  discussions,  In  particular,  and  the  coffee  and  tea  breaks  helped  to  solve  some  of  this.  It  would  be 
helpful  if  we  had  a  chance  to  define  the  key  issues  for  hypersonlcs,  and  then  it  would  be  easier  to  say, 
"What  have  we  done",  "what  iiaven’t  we  done"  and  'what  are  those  Issues  that  are  yet  to  be  resolved".  The 
last  point  I  want  to  make  is  the  question  of  "where  does  hypersonlcs  start?".  An  old  answer  is  that  it  is 
"wherever  you  are  when  you  say  you  are  working  in  hypersonlcs".  I  think  that  applies  very  well  to  some  of 
the  papers  in  this  meeting.  There  were  some  excellent  papers  in  high  speed  aerodynamics,  but  I  question 
whether  they  are  key  issues  to  be  faced  in  hypersonlcs;  whether  they  are  Che  key  elements  that  designers 
need  to  know  for  hypersonic  designs.  I  want  to  give  you  a  possible  frame  of  reference  so  that  you  will 
understand  the  basis  of  my  remarks.  Hypersonlcs  is  not  just  an  extension  of  high  speed  aerodynamics. 

High  Mach  numbers  brings  into  play  a  whole  group  of  new  phenomena.  One  way  to  put  it  is  that,  if  you  are 
flying  at  5,  and  you  compare  it  to  flying  at  15,  you  are  talking  about  an  order  of  magnitude  difference  in 
energy.  If  you  go  into  orbit  from  the  ground,  about  one-half  of  the  energy  goes  In  above  Mach  15. 

Working  at  Mach  numbers  of  5  and  10,  which  may  sound  like  hypersonlcs,  is  not  attacking  the  crucial  parts 
of  the  problem,  which  occur  at  high  mach  number.  It  is  Important  to  work  on  high  speed  aerodynamics ,  but, 
there  is  a  good  reason  to  think  about  hypersonlcs  in  different  ways.  1  divide  hypersonlcs  into  "low 
speed"  and  "high  speed”.  Low  speed,  to  me,  is  under  Mach  10.  1  make  that  division  because  I  believe  that 

It  is  possible  to  take  what  we  know  about  supereonics  and  get  pretty  close  to  10  by  extensions  and 
extrapolations.  It's  primarily  aerodynamics.  We  have  some  facilities,  and  we  have  the  ability  to 
compute.  But  when  you  get  above  Mach  10,  you  enter  a  different  region  where  there  are  very  significant 
new  phenomena*  They  are  there  at  lower  mach  number,  but  they  are  not  critical.  When  you  work  in 
hypersonlcs,  you  have  to  take  Into  account  new  phenomena,  which  we  don’t  ordinarily  consider  in  high  speed 
aerodynamics.  We  design  airplanes  In  the  supersonic  range  and  "low"  hypersonic  range  primarily  for 
aerodynamic  efficienty.  When  you  consider  "high"  speed  hypersonlcs,  strong  interactions,  heat  transfer, 
materials,  ionized  gases,  real  gases,  are  important.  It  is  from  this  point  of  view  that  I  say  that 
"hypersonlcs"  is  different.  You  can’t  design  a  hypersonic  vehicle  from  aerodynamics  alone.  It  may  not  be 
the  optimum  aerodynamics  vehicle  because  you  can’t  handle  the  heat  transfer  or  the  control  or  the 
materials  and  structures.  Hypersonlcs  Is  an  integrated  field,  a  lot  different  than  what  we  are  used  to  in 
high  speed  aerodynamics.  It  is  particularly  Important  in  propulsion,  which  I  will  comment  on  further  in 
my  e\3luatlon  report. 

What  I  would  like  to  do  la  to  go  over  each  of  the  sessions  (without  going  through  Individual  papers)  and 
give  you  a  "overall”  view.  First,  let  me  say  that  the  organization  of  the  meeting  was  very  good.  It  went 
from  fundamentals  to  real  applications .  The  idea  of  putting  the  Integrated  design  problems  at  the  end 
gave  everybody  some  perspective  of  where  their  own  little  world  of  research  or  computation  fifed  in  to 
the  real  problem.  It  also  highlighted  the  needs  of  the  people  who  have  the  responsibility  to  figure  out 
how  to  make  one  of  these  things  fly. 
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Session  I.  Facilities 

I  was  disappointed  In  the  discussion  about  facilities.  In  many  cases  there  has  been  a  struggle  In  the 
last  few  years  to  resurrect  the  facilities  that  we  had  burled,  or  threw  away  or  neglected.  There  are  very 
few  people  who  have  had  the  luxury  of  having  facilities  operating  for  the  past  10-13  years,  Improving  them 
all  the  time,  and  doing  better  Instrumentation,  and  so  on.  Most  of  tlie  facilities  that  we  are  talking 
about  were  designed  20-30  years  ago,  irtien  we  knew  much  less  about  hypersonics  than  we  know  now.  1  suggest 
that  the  world  has  changed  significantly,  our  ability  to  do  things  has  changed,  and  surely  our  ability  to 
measure  has  changed  radically.  1  would  suggest  that,  when  we  discuss  facilities,  we  ought  to  first 
determine  what  is  really  needed.  What  kind  of  information  are  we  looking  for?  You  can  approach  this  In 
many  ways,  but  I  think  that  most  people  who  work  in  the  field  would  end  up  giving  a  list  which  is 
similar.  The  question  Is  how  do  you  get  that  Information,  how  do  you  get  that  data.  Although  many  of  us 
were  brougl  t  up  on  wind  tunnels,  ranges,  or  shock  tubes,  I  believe  that  hypersonics  demands  a  broader  look 
than  that.  I  don’t  think  that  we  are  going  to  be  able  to  generate  all  of  the  information  that  we  need  for 
hypersonic;  in  ground  facilities.  Ther.:  may  be  some  new  concepts,  but  so  far  I  haven't  heard  of  them. 

When  you  a,ieak  of  facilities  for  hypersc.iics,  you  should  start  from  what  you  need,  and  figure  out  every 
way  that  you  can  possibly  get  chat  data.  Hypersonic  testing,  without  considering  flight  instruments,  Is 
not  very  realistic.  Many  things  that  we  can  do  on  the  ground  are  extraordinarily  useful,  and  must  be 
done.  But,  there  are  some  phenomena  which  will  be  very  difficult  to  simulate.  1  will  come  back  to  that 
later  when  1  discuss  CFD.  There  is  a  problem  with  flight  tests.  It  is  extraordinarily  expensive,  and  it 
Is  very  difficult  to  get  the  quality  of  data  that  we  are  going  to  need  to  make  progress  in  hypersonics.  I 
suggest  chat  this  Is  part  of  what  the  cost  Is  going  to  be.  Part  of  the  responsibility  of  a  group  in  this 
field  Is  to  work  on  such  a  program,  not  being  tied  to  In  the  past,  what  conventional  aerodynamicists  have 
been  tied  to  the  wind  tunnel.  Hypersonics  needs  more  than  thatl  After  being  so  negative,  let  me  say  that 
ground  facilities,  with  modern  instrumentation,  can  supply  a  lot  of  Information  that  hasn't  been  supplied 
yet,  and  it  will  be  very  useful  informaclcn.  In  many  cases  It  will  be  crucial  to  the  continued 
development  of  hypersonics.  But,  we  are  going  to  need  morel 

Session  2,  Experimental  Investigations  and  Techniques 

I  was  quite  interested  In  this  session  because  it  contained  many  excellent  papers  in  high  speed  fluid 
mechanics.  However,  most  were  not  aimed  at  the  critical  problems  of  hypersonics  per  se.  There  are 
significant  differences  between  phenomena  that  are  important  at  Mach  numbers  of  3,  5  and  7  and  those  that 
happen  at  15,  17  and  19.  We  know  so  little  about  what  happens  at  very  high  mach  numbers  Chat,  it  seems  to 
me,  most  of  our  resources  (if  we  have  the  ability  to  move  our  resources)  should  be  focussed  on  the 
critical  areas  that  we  don't  know  very  much  about:  turbulence,  transition,  boundary  layers  under  very 
cold  wall  conditions,  real  gas  effects,  catalysis.  All  of  these  are  very  important  items  if  we  are  going 
to  try  to  do  something  for  a  hypersonic  vehicle.  To  cackle  these  questions  is  very  difficult,  but  that  is 
the  crucial  part  of  hypersonics.  I  suggest  that  we  might  gain  a  lot  in  our  future  progress  if  we  could 
focus  on  these  areas,  perhaps  at  the  detriment  of  some  other  things  that  we  are  in  love  with,  that  we  have 
worked  with,  and  which  have  supported  us  for  years.  The  future  is  going  to  require  an  attack  on  new 
difficult  problems. 

There  were  some  interesting  papers  about  low  density  flows.  Most  aerodynamicists  work  with  continuum 
flows.  Hypersonics  is,  as  I  have  commented,  an  extension  of  high  speed  aerodynamics  to  new  phenomena. 

One  I  didn't  mention  is  Che  non-continuum  area.  As  an  aerodynamicist  or  a  fluid  mechanlclst  working  in 
hypersonics,  you  have  to  be  very  well  aware  of  what  is  going  on  in  free  molecular  flow.  In  addition, 
there  is  the  wonderful  region,  totally  unknown,  in  between  free  molecular  and  continuum.  We  simply  don't 
know,  at  the  moment,  how  to  get  from  continuum  to  free  molecular.  George  Koppenwallner's  paper 
demonstrated  Chat  two  end  points  doesn't  describe  the  phenomena  in  between.  That  is  the  sort  of  surprise 
that  we  may  find  In  other  phenomena  in  this  transition  region,  simply  because  we  haven't  been  there! 
Outside  of  the  kinetic  theory  part  of  It,  it  is  all  non-equlllbrlum,  a  phenomena  which  is  usually  not 
considered  In  aerodynamics. 

Session  III.  Propulsion 

Propulsion  got  short  shrift  in  this  discussion.  1  believe  I  understand  why.  When  you  talk  about 
hypersonics,  there  Is  again  another  division.  If  you  consider  propulsion  using  rockets,  you  only  worry 
about  external  aerodynamics.  The  rockets  are  mounted  at  the  back,  and  have  little  influence  on  the 
vehicle  shape.  But  there  is  another  group  that  considers  "air  breathers".  For  this  group,  it  Is 
impossible  to  talk  about  the  aerodynamics  of  the  vehicle  without  talking  about  the  power  plant  at  the  same 
time.  A  hypersonic  air  breather  is  Che  most  integrated  vehicle  that  we  have  ever  conceived.  You  can't 
separate  the  engine  from  Che  airframe.  The  Integration  that  is  involved  is  several  steps  more  complex 
Chan  a  vehicle  which  uses  a  rocket.  The  propulsion  system  may  tell  you  what  is  the  optimum  airframe.  Let 
me  point  out  though  that  there  is  only  a  part  of  the  hypersonic  world  that  considers  air  breathers. 

Rocket  propulsion  has  a  great  advantage  in  the  design  of  a  hypersonic  vehicle  in  that  It  may  be  much 
simpler.  However,  when  you  use  a  rocket.  It  has  a  big,  blunt,  back  end,  which  is  a  problem  if  you  want  to 
fly  at  lower  speeds  or  when  the  rocket  is  not  operating. 

Session  IV.  Computational  Fluid  Dynamics 

Let  me  comment  about  one  of  my  favorite  subjects,  CFD.  There  Is  a  major  difference,  In  my  mind,  between 

the  role  that  CFD  plays  In  the  subsonic  and  supersonic  field,  as  compared  to  the  hypersonic  field.  In  the 

subsonic  and  supersonic  field  thdre  is  enough  experience  and  data  around  so  that,  when  you  compute 
something  wrong,  you  know  that  It  Is  wrong  right  away.  In  hypersonics,  there  Is  a  serious  problem.  The 
CFD  community  has  developed  an  extraordinary  talent  for  the  techniques,  and  the  computer  industry  has 
developed  great  tools;  the  difficulty  Is  that  we  don't  know  what  is  real  and  what  Is  not.  The  design 

people  kept  bringing  that  up.  They  need  some  tools  to  tell  them  things  that  they  can't  measure  at 

conditions  which  they  have  not  experienced.  I  suggest  that  hypersonic  CFD,  at  the  moment,  has  not  taken 
on  the  important  Job  of  determining  what  specific  codes  can  and  can't  do.  If  It  can  do  It,  what  sort  of 
error  band  Is  realistic?  It  is  very  Important  that  the  CFD  people,  who  have  been  having  so  much  fun  so 
far,  get  down  to  business  and  try  to  provide  tools  for  Industry.  This  requires  the  definition  of  what  you 
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can  and  what  you  can't  do.  What  haa  become  ao  critical  In  the  hypersonic  field  is  that  CFD  is  the  glue 
that  Is  to  put  all  of  the  hypersonic  elements  together.  We  are  going  to  have  test  data  simulating 

different  phenomena  of  CFD.  There  are  only  two  ways  of  putting  it  all  togetner.  One  is  you  put 
everything  together  on  a  vehicle  and  see  what  happens.  The  other  way  is  to  have  CFD  tools  available  which 
will  permit  you  to  put  things  together*  with  some  reasonable  confidence*  that  they  are  going  to  give  you 
the  right  answer.  CFD  validation  is  critical.  I  suggest  that  you  should  tsake  no  computations  unless 
there  is  data  available  (of  the  right  sort)  to  check  against,  or  it  is  associated  with  a  test  wh^ch  is 
going  to  be  made  which  will  tell  you  something  about  the  comparisons.  That  is  an  extreme  statement,  but  1 
think  that  we  are  going  to  have  to  face  that. 

Session  V.  Vehicle  Design 

i  personally  want  to  thank  the  design  group  who  talked  about  trying  to  design  vehicles.  The  problems 
about  trade-*offs,  parametric  studies,  and  validated  CFD  codes  are  what  these  people  need  to  put  a  vehicle 
together.  They  have  to  design  vehicles  that  go  from  Mach  0  to  25*  they  have  to  work  at  altitudes  from  sea 
level  to  space.  What  they  have  to  work  with  is  the  data  that  you  can  get  out  of  wind  tunnels*  the  data 
that  you  can  put  together  with  CFD,  and  the  data  that  you  get  out  of  flight  experiences.  People  who  do 
basir  or  applied  research  ought  to  listen  carefully  to  those  people.  It  was  clear  to  me  that  they  dropped 
back  orders  of  magnitude  in  the  kind  of  sophistication  which  we  were  talking  about  during  the  rest  of  this 
meeting.  Whatever  they  use,  they  have  to  believe  in  well  enough  to  invest  money  in  it.  Most  of  us  just 
Invest  papers  and  some  reputation. 

1  will  try,  in  the  final  written  report*  to  make  some  comments  of  a  more  technical  nature*  but  thank  you 
again  for  giving  me  the  opportunity  to  be  involved  in  this  group.  I  have  learned  a  great  deal*  and  1  hope 
that  all  of  you  will  go  onwards  and  upwards  with  hypersonlcs. 

H.  Hornung*  DFVLR 

We  now  come  to  a  ritual  which  is  common  to  AGARD  meetings.  We  will  have  a  discussion  session  in  which 
there  is  a  peculiarity  which  distinguishes  it  from  the  other  discussions,  namely  that  everything  is 
recorded.  This  means  chat  if  you  make  a  contrllAJtion  to  the  discussion,  we  must  insist  that  you  wait 
until  the  mike  is  switched  on  and  say  your  name  and  your  affiliation  clearly  because  what  you  say  will  be 
sent  to  you  for  editing.  So,  if  you  don't  like  what  you  said,  you  still  have  a  chance  to  modify  it, 
allgh-ly. 

To  make  the  most  of  this  discussion  and  to  make  It  useful,  ask  short  questions  and  make  short  comments. 
Don't  give  quarter  hour  talks,  we  only  have  two  quarter-hours.  The  floor  is  open  for  discussions. 

F.  Myaliwetz,  MSB 

In  my  mind,  and  I  think  aany  of  you  will  agree*  efficient  hypersonic  flight  will  be  a  reality  in  the 
future.  There  U  a  long  way  to  go  to  reach  this  end.  1  think  that  we  are  presently  at  the  stage  which  is 

comparable  Co  Che  lece  '40*3  or  early  *50'a  with  respect  to  supersonic  flight.  We  can  visualise  that 

there  is  a  lot  to  be  done.  We  need  more  resources*  money,  methods*  experimental  facilities  and  what  we 

need  above  all  is  young*  gifted  people.  The  average  age  of  us  here  Is  about  50.  In  ten  years  when  Hermes 

is  flying  Che  average  age  will  be  about  60.  This  means  that  we  have  to  try  to  Inspire  young  people  to 
come  to  this  field  and  devote  their  time  to  It. 

H.  Hornung.  DFVLR 

Thank  you  for  that  comment.  Do  I  see  any  other  hands  up? 

M.  Ahmet*  British  Aerospace 

One  thing  that  I  personally  was  a  little  bit  disappointed  in  was  Che  excluaion  of  the  experimental 
uncertainty  in  the  examples  which  have  been  shown  when  validating  theoretical  methods  which  covers  the 
computational  as  well  as  the  seml^eopirlcal  and  other  types. 

S.  Bogdonoff,  Princeton 

I  would  suggest  chat  people  who  snake  computations  should  also  include  error  bands.  Practically  everybody 
who  presents  the  results  of  a  computation*  present  it  as  a  thin  black  line.  We  have  done  some  analysis  of 
some  of  these  computations  and  that  "thin  line**  should  be  drawn  with  a  big  black  brush.  It  would  be  very 
helpful  for  the  experimentalist,  because  It  would  show  the  need  for  a  measurement  of  a  specific  accuracy, 
if  you  are  going  to  check  a  computation.  1  think  that  the  discussion,  of  error  bands  applies  to  both 
computation  and  experiments. 

H.  Hornung,  DFVIR 

Yes*  this  is  currently  a  problem  that  we  all  are  aware  of,  but  I  would  like  to  say  chat  hypersonlcs  is, 
more  Chan  anything  else*  a  field  where  now  after  all  we  have  got  to  get  these  experimenters  and  CFD  people 
closer  together.  We  mustn't  fight  against  each  other;  we  must  wo-k  together. 

A.  Roshko*  Cal  Tech 

This  was  an  excellent  symposium.  I  enjoyed  it  hugely.  I  think  that  I  am  in  a  category  of  those  who  are 
weighting  the  average  towards  60  or  higher  by  now.  One  of  the  things  that  struck  me,  and  it  is  certainly 
no  fault  of  the  organizers*  is  the  lack  of  what  I  might  call  analysis  in  all  the  proceedings.  It  is  not 
only  true  here,  but  at  most  conferences  these  days.  By  analysis  I  mean  the  search  for  the  simplifying  and 
unifying  concepts  that  have  been  so  common  to  aeronautics  in  the  past.  In  trying  to  figure  out  why  that 
is  so,  one  possibility  is  that  all  the  simple  problems  are  gone,  that  they  were  skimmed  off  thirty  or  so 
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years  ago  In  the  last  round,  but  I  really  don*t  believe  that.  Another  possibility  is  that  all  the 
analysts  are  gone.  Ii  you  ask  where  they  are  gone,  I  suspect  that  a  Ijt  of  then  are  gone  into 
coBputatlon.  If  so,  I  guess  this  problea  should  correct  Itself  in  another  10  or  20  years  once  computation 
becomes  a  tool  like  experimentation  la,  at  present,  because  I  believe  that  the  end  product  of  ccMBputatlon 
is  the  same  as  the  end  product  physical  experlmentat,  except,  of  course,  that  you  have  more  measurements 
accessible  from  computation.  However,  all  the  data  that  will  eventually  come  out  of  computations  still 
needs  the  kind  of  unifying  treatment  that  was  provided  in  the  past  by  analysts.  I  am  a  little  puzzled  as 
to  the  present  situation;  it  may  be  that  analysts  are  not  obralning  the  support  or  the  welcome  that  they 
did  in  the  past. 

R.  Graves,  NASA 

I  want  to  address  the  question  of  attracting  young  people  back  into  the  field.  In  the  United  States,  the 
Office  of  Naval  Research,  the  Air  Force  Office  of  Scientific  Research  and  NASA  Headquarters  have  entered 
into  a  program  to  fund  training  and  research  in  hypersonlcs  with  six  universities  with  the  specific 
purpose  of  attracting  new  young  people  into  the  field  to  work  on  Master's  and  Doctoral  degrees  and 
providing  them  adequate  support  for  training  as  well  as  support  in  terms  of  research.  This  is  our  first 
step  in  hopefully  reinstituting  hypersonlcs  into  the  university  community  in  the  U.S.  It  could  serve  as  a 
model  for  other  countries  in  terms  of  reinitiating  hypersonic  training  into  the  university  community. 

H.  Hornung,  DFVLR 

Thank  you  for  that  comment  which  la  also  very  welcome  to  me.  Will  someone  say  something  about  CFD? 

W.  Schmidt,  Dornier 


I  don't  want  to  say  something  about  CFD  now,  1  %K>uld  just  like  to  give  a  small  comment  to  what  you  said 
previously.  Since  I  belong  to  those  who  did  some  work  in  hypersonlcs  more  than  10  years  ago,  starting  as 
a  very  young  person,  I  must  also  tell  you  that  by  that  time  1  was  somewhat  disappointed  because  we  were 
very  enthusiastic  and  started  things  and  then  there  was  a  decision  that  there  was  no  use.  So  now  we 
restart  again  working  in  this  field,  but  we  should  be  well  aware  of  the  fact  that  this  makes  no  sense  If 
we  have  to  stop  again  in  some  years. 

H.  Hornung.  DFVLR 

In  other  words  you  would  like  to  see  something  that  really  flys. 

P.  Perrier,  Avions  Marcel  Dassault 


As  the  person  responsible  for  the  aerodynamics  and  aerothermodynawlcs  of  Hermes,  I  have  two  general 
remarks  on  that  session.  First,  it  seems  to  me  that  there  Is  not  sufficient  emphasis  on  the  accuracy  and 
on  Che  problem  of  measurement  in  the  wind  tunnel  or  any  hypersonic  facility.  The  great  difference 
actually  between  the  measurement  in  a  current  wind  tunnel  and  use  of  true  hypersonic  facilities,  not 
facilities  at  Mach  number  8,  but  facilities  with  problems  typical  of  hypersonlcs  is  that  you  change  your 
scale.  When  you  use  for  designing  an  aircraft  a  wind  tr->.nel  result,  you  use  a  scale  such  that  you  can  see 
one  count  in  pitching  moment,  one  count  in  lift  or  one  count  in  drag.  When  you  use  currently  that  sort  of 
terrific  ground  installation,  you  change  the  scale  many  times  by  a  factor  of  10.  So  it  is  not  realistic 
at  all  for  the  design  and  we  have  to  go  from  something  that  is  more  an  experimental  level  to  an  industrial 
level.  This  can  be  seen  by  the  fact  that  all  the  equipment  for  the  measurements  are  not  at  the  level  of 
quality  that  is  necessary.  For  example,  if  you  wish  to  have  heat  fluxes  or  something  as  simple  as  a 
pressure  it  is  not  useful  to  use  the  current  aerospace  industry  scale,  otherwise  the  scatter  is  too 
large.  My  second  remark  is  on  the  CFD  side.  It  seems  to  me  ;,he  peop'c  have  not  done  surflcient  empltasls 
on  the  fact  CFD  effort  is  increasing  in  hypersonlcs,  not  only  by  the  fact  that  it  increases  everywhere, 
but  because  it  is  necessary  for  solving  the  problems  of  hypersonlcs.  It  is  the  only  way  to  put  together 
all  the  different  Influences  that  are  important  in  hypersonlcs.  Typical  figures  10  years  ago  in  the 
percentage  of  CFD  In  the  design  of  an  aircraft  was  at  the  order  of  lOX  or  lower.  Currently,  on  the  Rafale 
demonstrator,  that  is  our  last  prototype,  we  have  put  the  figure  at  the  order  of  SOX.  It  seems  to  me  that 
It  was  necessary  for  having  sufficient  manoeuversbility  on  the  general  design  in  transonic  and 
supersonic.  It  seems  to  me  that  when  1  have  to  fight  with  CNES  or  European  Space  Agency  for  having  a 
percentage  of  CFD  in  Hermes  that  Is  larger  than  SOX,  it  is  perhaps  too  soon,  but  1  had  no  large  success 
because  1  have  not  many  experiences  of  that  sort  of  design  behind  me.  But  it  is  quite  evident  that  It  is 
the  only  way  for  the  future  of  the  design.  Otherwise,  if  you  use  the  scatter  we  have  in  experimental 
research,  what  will  be  the  result  of  that?  Either  we  have  to  be  extremely  conservative  or  to  choose  a 
very  risky  design. 

J.  Slooff,  NLR 

This  is  not  a  comment  to  M.  Perrier's  remarks,  but  rather  it  should  be  put  In  the  context  of  answering 
your  invitation  for  remarks  on  CFD  a  minute  ago.  I  have  one  whljh  can  probably  be  put  in  the  category  of 
kicking  against  open  doors,  but  1  will  give  It  anyway.  Professor  Bogdonoff  stressed  the  point  when  he 
talked  about  facilities.  1  think  that  development  of  new  facilities  in  particular  should  be  addressed 
from  the  standpoint  of  what  the  needs  are;  what  sort  of  information  precisely  do  we  want  out  of  it.  The 
type  of  facility  should  be  determined  by  the  answers  to  those  kind  of  questions.  I  think  that  he  did  not 
stress  the  point  Chat  the  situation  is  exactly  or  should  be  exactly  the  same  in  CFD.  We  have  had  a  lot  of 
fun  In  the  CFD  community  in  the  past  10  years  or  so,  to  speak  with  Professor  Bogdonoff a  words,  and  it  has 
led  to  s  tremeiidous  amount  of  codes  of  varying  sophistication  that  have  filled  lots  of  symposia,  etc.. 
However  only  a  very  small  number  of  these  codes  have  been  developed.  Most  Just  have  developed,  1  think. 

As  far  as  CFD  Is  concerned,  we  are  going  to  enter  an  era,  several  people  have  already  done  so,  in  which 
you  start  with  designing  s  code  from  the  viewpoint  of  what  we  need  it  for  and  what  sort  of  information  we 
want  to  get  out  of  it,  with  what  accuracy,  etc.,  and  then  start  the  development.  That  Is  what  1  wanted  to 
say. 
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W.  Schmidt,  Dornier 

Now  I  think  that  I  have  to  say  somethli^  about  CFD.  Froa  ay  opinion  there  is  kind  of  a  mix  between  two 
things.  One  is  physics  of  flow  fields  and  one  is  coaputational  aethods.  When  people  are  talking  here 
about  CFD  they  are  eore  or  less  blaalng  the  non-ninderstandlng  of  the  physics  rather  than  the  method 
itself.  If  we  state  a  physical  problem  which  we  understand  in  all  the  details^  if  we  have  a  very  clear 
physical  aodel,  and  if  we  have  the  corresponding  differential  equations  or  finite  difference  equation,  I 
think  that  we  are  capable  of  solving  this  equation  to  any  accuracy  you  like,  at  least  In  a  large  amount  of 
cases.  What  we  are  lacking  especially  in  hypersonlcs*  but  also  in  most  speed  regimes  is  the  right 
physical  understanding »  the  right  understanding  of  length  scales  and  thus  also  the  right  modelling,  for 
instance  with  meshes  to  resolve  certain  areas  of  flow  fields.  We  have  to  get  much  better  physical 
understanding  and  this  la  something  chat  we  don't  get  by  CFD  In  itself.  We  have  to  play  back  the  ball  to 
the  experimentalists.  What  we  need  is  much  better  experiments  with  much  more  quality  in  the  details 
because  we  have  to  get  the  physics  from  the  experiments,  the  methods  won't  give  the  physics. 

R.  Bradley,  General  Dynamics 

I  have  a  comment  I  would  like  to  make  on  Wolfgang's  comment.  I  agree  wholeheartedly  that  instrumentation 
and  measurement  accuracy  to  a  much  higher  degree  are  necessary.  However,  I  would  like  to  reinforce  what 
Professor  Bogdonoff  said  earlier,  1  am  convinced  that  we  do  not  understand  the  numerical  physics  that  are 
in  many  codes  that  we  use  routinely.  I  feel  that  we  need  a  much  higher  degree  of  understanding  of  the 
effects  of  grid  densities,  convergence  and  artificial  viscosities  because  many  times  the  physics  can  be 
totally  obscured  by  the  numerics. 

H.  Hornung,  DFVLR 

Ell,  I  would  like  to  change  the  subject. 

E.  Reahotko,  Case  Western  Reserve  University 

I'll  try.  First  I  will  answer  Wolfgang  Schmidt  by  emphasizing  one  of  Anatol  Roshko's  remarks,  namely, 
that  vdien  you  don't  understand  the  physics*  experiment  is  not  the  ouly  alternative,  there  is  also 
analysis.  In  this  whole  symposium,  1  did  not  once  hear  the  expression  hypersonic  similarity  nor  about  the 
hypersonic  similarity  laws,  which  were  once  the  backbone  of  hypersonic  flow  relationships.  In  fact 
sometimes  when  I  am  asked  trtiat  is  hypersonics,  I  say  that  a  hypersonic  flow  is  one  that  obeys  hype’^fonl'' 
similarity  laws.  For  blunt  body  flows  that  may  be  at  Mach  numbers  as  low  as  2.  For  slender  body  flows  it 
might  be  at  Mach  15  or  higher.  The  fundamental  understanding  of  the  physics  is  all  important,  and  there 

must  be  an  appreciation  of  the  need  for  getting  good  physics  out  of  computation.  I  am  disappointed  that 

in  the  computation  of  laminar  flows  there  isn't  a  clear  solution.  We  went  through  an  exercise  recently  in 
the  United  States  where  the  same  problem  was  solved  using  five  different  PNS  codes  for  laminar  flow,  and 
we  obtained  five  different  answers.  Now,  there  are  not  five  different  laminar  flows,  there  is  only  one, 

so  we  don't  know  triiich  one  is  right.  There  has  to  be  some  attention  given  to  making  sure  that  the 

computation  codes  are  responsive  to  the  flow  physics.  That  is  what  Professor  Bogdonoff  meant  when  he  said 
chat  there  must  be  redundancy  in  the  flow  calculation  procedures  because  they  are  not  reliable  until  so 
proven. 

In  changing  Che  topic  I  warn  to  get  to  some  of  the  technical  elements  now  as  well.  I  was  disappointed 
generally  in  the  lack  of  sophistication  in  the  methods  presented  at  this  meeting  for  the  consideration  of 
viscous  flows.  We  have  a  long  past  history  of  being  able  to  deal  successfully  with  two-dimensional 
integral  methods  for  boundary  layer  and  for  estimation  of  aerodynamic  heating.  I  grew  up  in  aerodynamic 
heating,  and  I  am  on  the  higher  side  of  the  average  age  as  estimated  In  this  room.  1  don't  understand  whv 
the  established  three-dimensional  finite  difference  methods  and  three-dimensional  integral  methods  for 
boundary  layer  and  for  estimation  of  aerodynamic  heating  are  not  in  use.  It  would  seem  to  me  that  if  it 
was  done  20  years  ago,  it  could  be  done  now*  Also  1  would  expect  hypersonic  viscous  interactions  to  play 
a  more  prominent  role  in  the  phenomenology  than  showed  up  at  this  meeting.  There  were  papers  presented 
covering  dynamic  stability  considerations  that  ignored  the  boundary  layer,  and  yet  for  sharp  cones  or 
wedges,  there  are  Interactions  near  the  leading  edge  that  can  introduce,  not  only  additional  pressures  but 
pressures  that  are  out  of  phase  with  the  motion  because  of  the  character  of  the  unsteady  boundary  layer. 
The  dynamic  stability  characteristics  can  depend  on  frequency  and  should  not  be  represented  only  by  their 
zero  frequency  limit.  These  are  issues  that  I  feel  should  have  been  raised  at  this  meeting  but  were 
missing.  I  hope  in  the  future  to  see  some  of  the  old  sophistication  returning. 

H.  Hornung,  DFVLR 

1  think  the  leading  edge  of  intakes  are  particularly  relevant  problems. 

L.  Ericsson,  Lockheed 

I  want  to  follow  up  on  Ell's  comment  in  regard  to  viscous  flow.  Often  in  meetings  you  will  find  that 
people  will  be  very  concerned  about  turbulence  closure  without  ever  mentioning  the  word  boundary  layer 
transition.  You  don't  have  to  go  into  the  "tickling**  of  the  boundary  layer,  using  Morkovln's 
nomenclature.  That  Is  not  needed  to  describe  the  coupling  between  boundary  layer  transition  and  vehicle 
motion.  All  you  need  is  to  describe  the  slowly  varying  environment,  the  slowly  varying  coefficients,  if 
you  will,  that  determine  the  effect  of  boundary  layer  transition  on  the  vehicle  dynamics.  I  think  that 
the  CFD  people  shmild  be  eminently  capable  of  including  that  at  the  present  time. 
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S»  Holder,  Ryerson  Polytechnic  Institute 

I  would  like  to  address  my  remarks  to  the  code-smiths  and  be  a  bit  critical  about  their  presentations,  the 
type  of  presentations  which  start  with  ^iavler  Stokes  equations  and  end  up  with  vector  plots  of  the  results 
without  all  that  much  in  between;  without  much  explanation  of  the  steps  that  have  been  taken  or  the 
methods  that  have  been  follqwed.  This  makes  us  admire  their  efforts;  however,  it's  not  very  useful 
because  we  cannot  objectively  Judge  the  accuracy,  or  even  the  gross  validity  in  some  cases,  ot  the 
results.  We  cannot  use  the  presentation  or  the  accompanying  papers  to  write  programs  of  our  own*,  and  in 
very  many  cases  the  authors  or  their  agencies  are  not  willing  to  supply  more  detailed  information  or  the 
computer  programs  themselves.  What  X  would  suggest  to  the  organizers  in  the  next  CFD  sessions  is  to 
extract  from  all  the  CFD  authors  a  promise  to  supply  their  codes  if  they  are  asked  for  them. 

H.  Hornung,  DFVLR 

I  don’t  know  if  you  have  much  experience  with  promises  from  number  crunchers. 

G.  Koppenwallner ,  DFVLR 

I  would  like  to  make  a  comment  concerning  wind  tunnels  and  code  validation.  We  need  two  kinds  of  wind 
tunnels,  one  kind  tdiich  is  essentially  used  for  industrial  testing  and  then  we  need  another  kina  of  wind 
tunnels  which  we  use  for  code  validation.  These  wind  tunnels  must  work  at  very  well  defined  conditions. 
For  instance,  1  think  that  in  wind  tunnels  where  we  make  only  Mach-Reynolds  simulation  we  mi  st  exactly 
know  our  gas  conditions.  Therefore,  we  use  only  a  single  component  gas  and  avoid  dissociation.  Then  wind 
tunnels  vrtiere  we  study  only  rarefaction  effects,  again  with  a  well-defined  gas.  Then  wind  tunnels  for 
real  gas  do  this.  Tills  is  one  point  where  we  don't  want  to  mix  everything  up.  That  is  one  point  which  I 
want  to  make.  The  next  point  concerns  the  comparison  between  theory  and  experiment.  Here  one  must  be 
very  careful  because  in  hypersonics  we  have,  for  Instance,  a  large  change  of  temperature  and  also 
viscosity.  For  an  appropriate  comparison  the  viscosity  law  and  temperatures  of  the  theoretical 
calculations  shall  match  the  experimental  conditions.  Literature  data  is  usually  insufficient  to  do 
this.  This  is  one  point  which  is  very  important.  Also,  if  you  are  going  to  compare  pressur.  data  which 
are  on  the  lee  side  of  a  body  in  hypersonic  flow.  These  pressures  are  very  small  and  you  car.  nt  compare 
on  a  linear  scale.  You  must  go  on  a  logarithmic  scale  in  order  to  see  the  de'^alls.  These  are  ime  points 
1  find  important  for  the  comparison  of  codes  with  experiments. 

Yeung,  Queen  Hary  College 

One  of  the  areas  of  which  one  heard  relatively  little  in  detail  during  the  discussions  is  that  of  real  gas 
effects.  We  saw  how  important  real  gas  effects  could  be  from  the  trajectories  that  were  shown  of 
vehicles.  This  is  an  area  where  I  think  that  there  may  well  be  an  accumulation  of  information  which  is 
not  being  properly  tapped.  There  was  work  done  on  real  gas  effects  10  or  15  years  ago  when  the  subject 
was  alive  and  popular,  and  I  have  no  doubt  that  there  must  be  material  in  various  physics  laboratories 
which  would  be  relevant  to  some  of  the  problems  of  real  gas  effects.  1  think  that  this  is  an  area  that 
would  repay  a  lot  more  attention  than  Is  being  given  at  the  moment. 

H.  Hornung,  DFVLF 

I  should  make  use  of  the  general  Interest  in  accuracy  In  wind  tunnels  that  has  been  voiced  to  make  a  plug 
here  for  the  next  AGARD  meeting  which  is  on  Wind  Tunnel  Accuracy,  Quality  Requirements  and  Achievements. 
This  addresses  precisely  the  point  that  has  been  discussed  here,  though  of  course,  in  transonic  flow. 

If  there  are  no  more  questions,  then  we  come  marvelously  on  time  to  the  end  of  the  discussion.  I  would 
like  to  say  one  word  wiich  Is  appropriate  here  In  Bristol.  I  don’t  know  if  you  have  noticed,  but  we  keep 
talking  about  heat  transfer  and  heating  here,  and  just  between  this  theater  and  the  other  side  of  this 
wall  Is  a  picture  of  the  second  Professor  of  Ehglneerlng  in  this  University,  who  was  Stanton.  He  was  the 
second  Professor,  the  first  one  was  Heie-Shaw.  I  think  that  at  this  point  I  will  hand  over  to  Peter 
Sacher  who  is  going  to  go  through  the  final  ritual  of  this  meeting. 

P.  Sachet,  MBB 


At  the  end  of  this  busy  week,  it  is  up  to  me  to  find  some  closing  remarks.  Following  the  discussions,  the 
presentations,  especially  these  last  discussions,  one  may  say  that  there  are  many  more  questions  left  open 
than  answered.  But  I  think  that  is  not  a  characteristic  of  a  bad  meeting;  on  the  contrary,  I  think  this 
may  follow  the  purpose  of  a  symposium:  to  stimulate  new  work,  to  improve  contacts  and  cooperation  and  we 
have  had,  I  think  we  all  agree,  a  very  complete  state-of-the-art  review.  If  somebody  says  that  most  of 
the  material  being  presented  here  is  10  years  old,  then  it  may  lead  to  a  kickoff  stage  of  new 
investigations  in  this  field.  Then,  at  least  in  my  opinion,  we  will  have  fulfilled  our  purpose. 

Now  let  me  say  some  words  of  acknowledgement.  First  of  all,  I  wish  to  thank  all  of  our  speakers  for  their 
outstanding  presentations,  delivery  of  papers,  and  of  course,  the  audience  here  for  their  enthusiastic  and 
active  participation  in  the  discussions. 

I  hope  that  ve  all  agree  to  congratulate  and  very  much  thank  our  Program  Committee  for  arranging  this 
successful  meeting.  We  acknowledge  the  tremendous  effort  by  the  two  co-chairmen  of  this  meeting,  namely, 
Prof.  Hans  Hornung  from  the  DFVIil  Gottingen,  and  Dr.  Robert  Whitehead  from  the  U.S  Navy.  In  addition  we 
have  to  thank  our  excellent  session  chairmen  for  leading  us  through  the  program  and  through  the 
discussions.  I  would  like  to  express  once  more  our  appreciation  to  the  National  Delegates  of  the  U.K.  for 
having  invited  us,  especially  Nr.  Scott-Wllson  and  Professor  Lowson  for  the  warm  welcome  on  Nonday  morning 
and  the  opening  address  they  have  given  to  us,  and  of  course,  Alderman  Williams  and  the  city  of  Bristol 
for  the  outstanding  hospitality  at  the  reception  Nondav  evening.  In  addition,  I  thank  the  University  of 
Bristol  for  providing  the  local  arrangements  for  the  meeting  and  the  two  coordinators  of  the  University, 
Dr.  Roger  Noses  and  Dr.  John  Flower.  In  addition,  our  two  local  FDP  points  of  contact,  Bob  Bignell,  who 
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is  a  resldeQt  here  in  firlacol  and  Oerek  Peckhaa,  our  Deputy  Chairman  who  has  arranged  many  things 
throughout  this  week. 

Really  outstanding  work  in  organizing  and  preparing  the  meeting  has  been  done  by  the  National  Coordinator 
throughout  the  whole  week,  namely.  Captain  Ray  Hillary  and  his  secretary,  Diana  Hal'ilday. 

Now  1  would  like  to  thank  our  Executive,  Hike  Fischer  and  the  FDP  Secretary,  Anne  Harle  Ri vault,  for 
providing  excellent  support  and  service  throughout  the  whole  week  from  the  administrative  side. 

Concluding,  1  have  to  address  our  appreciation  and  acknowledgement  to  the  technical  staff.  We  thank  our 
Interpretors,  Miss  Rita  Day  and  James  Sneckman.  ‘Riank  you  very  much  for  doing  a  hard  job  speaking  and 
translating.  I  have  to  thank  especially  our  technicians  for  the  projections  and  the  help  in  our 
microphone  service,  John  Bracy  and  John  Henriette.  the  latter  had  a  bad  car  accident  and  1  want  to  thank 
him  very  much  for  being  here  and  helping  us  throughout  the  whole  week. 

To  conclude,  I  would  like  to  make  some  ccMsmercials  for  the  FDP  program.  I  will  come  back  to  our  program 
in  1987.  We  have  just  had  our  first  symposium  on  Aerodynamics  of  Hypersonic  Lifting  Vehicles.  Hans 
Hornung  has  announced  already  our  second  which  will  take  place  in  September/October  in  Naples.  We  are 
running  two  special  courses;  Modern  theoretical  and  Experimental  Approaches  to  Turbulent  Flow  and  Missile 
Aerodynamics.  We  have  currently  three  working  groups:  one  on  Boundary  layer  Control,  one  on 
Three-Dimensional  Viscous  Flow  Boundary  Limits  and  the  third  one  on  Rotary  Balances. 

Let  me  introduce  to  you  our  program  for  1988.  In  spring  we  will  have  a  symposium  on  Validation  of 
Computational  Fluid  Dynamics  in  Portugal  .  As  you  can  see  one  point  of  this  emphasis  will  be  the 
validation  and  the  use  of  experimental  data  bases.  This  concerns  also  high  speed  hypersonic  flow.  We  try 
to  establish  limits  of  applicability  of  CFD  codes  for  engineering  work.  The  second  symposium  in  1988  will 
deal  with  Fluid  Dynamics  of  Three  Dimensional  Turbulent  Shear  Flows  and  Translcion  and  we  try  to  fulfill  a 
secondary  requirement  t^ich  was  part  of  oar  previous  discussion;  the  understanding  and  the  prediction  of 
the  physics  of  three-dimensional  turbulent  shear  flows.  You  are  all  invited  to  participate  in  our  future 
programs.  In  suomiary  we  have  in  addition  in  1988  two  special  courses;  one  on  Boundary  Layer  Simulation 
Methodology  and  the  other  on  Aerodynamics  of  Hypersonic  Vehicles.  We  will  have  also  two  new  working 
groups;  one  on  Adaptive  Wind  Tunnel  Walls  and  a  second  on  Air  Intakes  for  High  Speed  Vehicles.  This 
concludes  my  final  remarks.  Thank  you  all  for  attending  our  present  symposium  and  I  hope  to  see  many  of 
you  at  one  of  our  next  activities. 
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